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Missions such as Mariner 10, Voyager 1, Galileo, and Stardust all used gravity-assist flybys to achieve their
mission goals efficiently, Methods to design such gravity-assist missions are fairly well developed and generally
assume all major maneuvers are performed impulsively by chemical rockets. The recent success of the low-thrust
Deep Space 1 mission demonstrates that low-thrust (high-efficiency) propulsion is ready to be used on future
missions, potentially reducing the required propellant mass or the total time of flight. By combining both gravity-
assist flybys and low-thrust propulsion, future missions could enjoy the benefits of both. To realize such missions, an
effective design methodology is needed. A two-step approach to the design and optimization of low-thrust gravity-
assist trajectories is described. The first step is a search through a broad range of potential trajectories. To speed
up this search, a simplified shape-based trajectory model is used. The best trajectories are chosen using a heuristic
cost function. The second step optimizes the most promising trajectories using an efficient parameter optimization
method. Examples of missions designed using this approach are presented, including voyages to Vesta, Tempel 1,

Ceres, Jupiter, and Pluto.

Nomenclature
g = standard acceleration due to gravity, m/s
Iy = engine specific impulse, s
ko = scale factor for exponential sinusoid, astronomical
units (AU)
ki = dynamic range parameter for exponentlal sinusoid
k» = winding parameter for exponential sinusoid, rad~!
m = engine mass flow rate, mg/s
P = engine input power, kW
Pmt = low-thrust propellant mass fraction
R; = radius of Jupiter

r = distance from central body, AU

T = engine thrust, mN

tm¢ = total propellant mass fraction

Vo = hyperbolic excess speed km/s

AV = magnitude of change in velocity, km/s

6 = polar (clock) angle, rad

¢ = phase angle for exponential sinusoid, rad

Introduction
N the 1950s and 1960s, the idea of using planetary flybys for grav-

ity assists became widely known.!= Such flybys were shown to’

enable otherwise impossible missions in the solar system. How-
ever, until 5 February 1974, the interplanetary gravity assist was an
untested idea. On that day, now a generation ago, Mariner 10 used
a:gravity assist at Venus to achieve the first close flyby of Mercury.
Thus began a new era in which the gravity-assist maneuver became
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and continues to be a trusted and useful technique for enabling deep-
space exploration.

Another technology, solar electric propulsion (SEP), has only re-
cently proven its worthiness for interplanetary missions. In March
2001, the ion propulsion system® on Deep Space 1 (DS1), produced
jointly by the NASA Solar Electric Propulsion Technology Appli-
cation Readiness program and the New Millennium Program DS1
program, exceeded 10,000 h of operation in interplanetary space.
The specific impulse Iy, of this thruster-is about 10 times that of
chemical rockets, enabling large savings in propellant costs. The

" increased Iy, comes at the cost of low thrust, but that is offset by the
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ability to thrust for long durations. Used together, gravity-assist ma-
neuvers and low-thrust propulsion permit a new type of trajectory
that we refer to as a low-thrust gravity-assist (LTGA) trajectory. The
LTGA concept provides a means to-shorten mission duration and
reduce propellant requirements. For example, missions to'Pluto can
have their time of flight (TOF) reduced from 12 to 9 years by using
low thrust instead of chemical propulsion.”® Similarly, rendezvous
missions to Jupiter can have their launch energy and total propellant
requirements reduced.® Unfortunately, designing LTGA trajectories
is.a formidable task. Unlike ballistic trajectories, optimal low-thrust
arcs are not simple geometric shapes (as are conic sections). In fact,

* there are infinitely many p0351ble low-thrust arcs between any two

target bodies (even for a given time of flight). The task is further com-
plicated by timing, that is, phasing, considerations, especially when
the trajectory involves multiple gravity assists. Because of the diffi-
culties currently faced when designing LTGA trajectories, no com-
monly accepted approach has yet emerged. Other researchers have
proposed various methods and applied them to the design of mis-
sions ranging from Mercury orbiters to heliopause explorers.”?~25
In this paper, we describe a new two-step method that combines
a broad-search technique developed by Petropoulos et al.?® with a
paraméter optimization program based on the work of Sims and
Flanagan.?” The broad search capitalizes on a shape-based scheme
to represent LTGA trajectories. The optimization  approach repre-
sents trajectories as a series of impulsive maneuvers and conic arcs.

Methodology

Step 1: Broad Search ‘

The first step of ourmethodology isthe evaluation of a broad range
of LTGA trajectories. The goal is to find many good but different
trajectories, each of which can then be improved by alocal opt1m1zer
(in step 2).

To reduce the time needed to evaluate each LTGA trajee-
tory (and increase the number that we can cons1der) we avoid
time-consuming numerical propagation. To do. this, we assume .a
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two-body model and patch together coast and thrust arcs. We employ
conic sections for the coasting arcs and “exponential sinusoids”2®
for the thrusting arcs. Exponential sinusoids are planar geometric
curves that are given'in polar coordinates r and 6 by

r = ko explky sin(ke0 + )] )

where ko, k1, k2, and ¢ are constants. Once the trajectory shape
is specified, the thrust acceleration required at each point is com-
pletely determined if tangential thrust (either along or against the
velocity vector) is assumed.? Thus, we make this tangential thrust
assumption so that no differential equations need to be propagated
numerically in the patched-arc model. Instead, we propagate the tra-
jectories analytically. These LTGA trajectories are constructed sim-
ply by solving transcendental equations and quadratures. Such com-
putationally fast calculations enable the rapid evaluation of many
trajectories.

The mathematical and algorithmic details of this first step are
worked out by Petropoulos et al.,”® Petropoulos and Longuski,?*
and Petropoulos.?® Petropoulos and Longuski implemented the
algorithms®3 as an extension of STOUR (see Ref. 31). When set-
ting up a search in STOUR, we begin by choosing the sequence of
bodies to be visited. Then we-decide where to apply coast and thrust
arcs. STOUR provides four options for the path between each pair
of bodies: 1) a pure thrust arc, 2) a pure coast arc, 3) a coast/thrust
arc, or 4) a thrust/coast arc. In the latter two cases, we also specify
1) the distance from the central body, for example, the sun, at which
the engine may switch between on and off and 2) the permitted
spacecraft radial velocity direction(s) (in or out) at the point where
the switch occurs.

Most of the parameters in STOUR have default values. Thus, for
a simple problem, a user need only specify the path, the launch date
and launch V,, ranges, the step sizes, and the maxirnum total time
of flight. Other user-specified STOUR parameters include maxi-
mum time of flight on each leg, for example, Earth to Mars, max-
imum arrival Vi, maximum %, value, maximum propellant mass
fraction, maximum propellant mass fraction for in-plane thrusting,
and engine I, (which we assume to be constant). Power availabil-
ity constraints are not set explicitly, but can be enforced implicitly
by-specifying a maximum thrust acceleration (either in meters per
second squared or in local solar gs, the gravitational acceleration
due to the sun). A maximum can also be specified for the average
thrust acceleration. For each leg involving thrust, there exists a one-
parameter family of solutions. Because explicit solutions are not
available, sampling of the family requires a numerical search over
two parameters, taken as &, and the V, turn angle. The coarseness
of the search is controlled by setting step sizes for the k, parameter
and the V turn angle.

Generally, we desire rendezvous missions with low arrival V,,
low propellant mass fraction, and low time of flight for a given
launch V. For flyby missions, the arrival V., magnitude is less im-
portant. STOUR often finds several thousand trajectories that meet
the requirements and constraints. To rank these solutions, we use a
heuristic cost function that we call the total propellant mass fraction
tme, Which accounts for the launch Vi, the arrival V., (in the case
of a rendezvous), and STOUR’s thrust arc propellant mass fraction
(the ratio of propellant mass to initial spacecraft mass). (Note that
we do not consider spiraling trajectories about the launch or the
destination body.) The launch V,, is converted to a mass fraction
via Tsiolkovsky’s rocket equation®® (also see Ref. 33) as if it. were
a AV, We use a chemical I, of 350 s, I, for the launch. For the
arrival Vo, we assume an optimizer would eliminate the excess ve-
locity over the course of the low-thrust arc. Therefore, we employ
the rocket equation with an I, of 3000 s, Iy, typical for highly

efficient low-thrust engines.> Combining these two factors with the’

propellant mass fraction of the thrust arc, P, the total propellant
mass fraction ¢, is calculated using

ot = 1 = (1 = Ppug) eXp(— Vo1 /81p1) €XP(—Voc2/81i2) (2

where V1 is the launch Vo and Vi is the arrival V. For flyby
missions, we drop the second exponential factor. The s is under-
stood to be a rough estimate of the.cost of a trajectory, that is, its
name should not be taken too literally.-

The TOF, though important, is not included in the cost function
Im, and so we evaluate a trajectory’s total propellant mass fraction
together with its time of flight. Even though several trajectories may
have similar low f,¢, they may have rather different characteristics.
For example, their launch Vi, or their launch dates may differ sig-
nificantly. Thus, the mission designer may wish to choose several
candidates for optimization in step 2.

Step 2 Optimization

We optimize candidate LTGA tra_]ectones found in step one using
a direct method developed by Sims and Flanagan.” Their approach
produced results comparable to SEPTOP a well-tested optimiza-
tion tool that uses the calculus of variations.

In the Sims-Flanagan®” LTGA trajectory model, each leg of the
trajectory is subdivided into segments of equal duration. (A leg con-
nects two mission bodies, such as an Earth—Mars leg.) The thrusting
on each segment is modeled by an impulse at the midpoint of the
segment, with conic arcs between the impulses. (In this aspect, the
Sims-Flanagan model is similar to that used by Kawaguchi et al.**)
To ensure that the spacecraft encounters both the initial and final bod-
ies on each leg, the first part of the leg is propagated forward from
the initial body and the last part of the leg is propagated backward
from the final body. For the trajectory to be feasible, the forward-
and backward-propagated partial legs must meet at a “matchpoint,”
which is often, but not necessarily, at the midpoint of the leg (Fig. 1).
This matchpoint problem can be stated as a constraint for the
optimizer.

A gravity-assist maneuver is modeled as an instantaneous rotation
of V. The magmtude and direction of the rotation are determined
by the flyby periapsis altitude and the B-plane angle. The B-plane
angle® is the angle between T (a vector parallel to the ecliptic plane)
and B (the vector from the gravitating center to the target point).

" The LTGA trajectory model uses the following variables: 1) the
impulsive AV on each segment, 2) the Julian dates at the launch,
flyby, and destination bodies, 3) the launch V ;, 4) the incoming iner-
tial velocity vectors at all of the postlaunch bodies, 5) the spacecraft
mass at each body, 6) the flyby periapsis altitude at the gravity-assist
bodies, and 7) the B-plane angle at the gravity-assist bodies. These
variables can be altered by an optimizer to find the trajectory with
the largest mass at the final body. (Note that the optimizer works
with normalized variables that all have an order of magnitude close
to unity.) Some constraints are imposed to make the resulting trajec-
tory flyable. First, the position, velocity, and mass of the spacecraft
must be continuous across the matchpoint on each leg. (This is the
matchpoint problem described earlier.) Second, the AV magnitude
on each segment must not exceed a certain value. This maximum
value depends on the spacecraft mass and the available engine power,
which in turn depends on the distance of the spacecraft from the sun.

4 Matchpoint

® Mission body

* Segment midpoint
- ImpulsiveAV
| Segment boundary

Fig. 1. LTGA trajectory model (after Sims and Flanagan®’): A, match-
point; @, mission body; e, Segment mldpoint' ‘—», lmpulswe AV~ and |,
segment boundary
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Fig, 2 ‘Power input to ion engine; total array power available at 1 AU
is 10 kW.

We can add other mission.constraints very easily. For example, if
we want a rendezvous with the destination body, we constrain the
Voo Of arrival to be zero. We can also constrain the direction of
the launch V,, (because in a real launch the V, is constrained by
the inclination and ascending node of the low Earth parking orbit,
the injection point, and the launch date), but we do-not do so for the
examples presented in this paper.

The optimization software uses a solar array model that takes into
account both the distance from the sun and the effect of tempera-
ture on solar cell efficiency. The same model is used by Williams
.and Coverstone-Carroll.” For most of the missions in this paper, we
assume that the solar arrays produce 10 kW of power at 1 astronom-
ical unit (AU). (The Earth-Mars—Ceres rendezvous mission is the
only exception.) Unless otherwise noted, we also assume that the
housekeeping power required by the spacecraft is negligible.

We assume that each low-thrust engine needs at least 0.649 kW
of power to operate and can use at most 2.6 kW (the values used by
Sims and Flanagan?’ in their original code). Figure 2 shows how the
maximum power deliverable to the engine depends on the distance
from the sun. The engine thrust and mass-flow rate are modeled as
linear functions of the input power, with the coefficients being the
same as those used by Williams and Coverstone-Carroll’:

T = —1.9137 + 36.242P 3)
it = 0.47556 + 0.90209P ‘ @)

The engirie I, (in seconds) can be calculated from the thrust and
mass-flow rate using

I, = 1000T /gri G)

where g is the standard acceleration of gravity (9.80665 m/s%). From
the thrust and mass-flow-rate models given in Egs. (3) and (4), we
note that the Iy, increases with the input power. Because we want the
engine to operate at the maximurn possible efficiency, we assume the
engine always receives the maximum usable power. When operated
.t 2.6 kW (which is often the case), the engine I, is 3337 5. The AV
achieved on each segment can vary between zero and a maximum
value that depends on the mass of the spacecraft, the length of the
segment, and the maximum usable power on that segment. This
range of AV is achieved by varying the thrust duration (not the
input power). A single engine is used for all missions considered in
this paper.

- We use NPOPT for the optimization. NPOPT comes bundled with
SNOPT.*® NPOPT uses a sequential quadratic programming algo-
rithm with an augmented Lagrangian merit function. The user can
supply analytically calculated first derivatives of the objective and
constraint functions. Otherwise, NPOPT estimates derivatives using
finite differences. In our earlier work,”” we did not calculate all first

' software

derivatives analytically, but we do now. We find that, with all first
derivatives calculated analytically, we can allow the Julian dates to
be free variables and the optimizer will still converge to an optimal
solution. (Before the incorporation of the analytic derivatives, al-
lowing dates to be free usually resulted in unconverged results.) We
also observe more reliable and robust convergence in general.

Verification of the Optimization Software

Our optimization software, GALLOP, is based heavily on the
original Sims and Flanagan® code. Nonetheless, GALLOP’s code
was entirely written by us and, thus, required careful testing. Veri-
fication was accomplished by optimizing test cases and comparing
the results to results from other software.

One of our test cases is a 2009 Earth—-Mars—Vesta flyby mission
that was investigated by Sims:and Flanagan,?” The launch V,, is fixed
at 2.8 km/s. If we assume that the launch vehicle is a Delta 7326-9.5
(the vehicle that launched DS1), then this launch V,, implies an
initial spacecraft wet mass of 545 kg. The launch, flyby, and arrival
dates are fixed at 4 October 2009, 2 May 2010, and 27 January
2011, respectively. We use 26 segments on the Earth-Mars leg and
38 segments on the Mars—Vesta leg. (Consequently, each segment
has a duration close to 8 days.)

We compare the optimal solution found by GALLOP to the
optimal solution found by two other optimizers: SEPTOP and
SDC. SDC uses a new optimization method that is currently being
developed.?® Both SEPTOP and SDC use a numerically integrated
trajectory model. The optimized final mass found by GALLOP is
493,73 kg. The Sims and Flanagan®’ software finds precisely. the
same value (493.73 kg). SEPTOP finds a trajectory with a final mass
of 493.74 kg (Ref. 27). SDC finds a trajectory with a final mass of
494.05 kg. A comparison of trajectory characteristics found by the
three optimizers is given in Table 1.

Figures 3 and 4 show the solar-system path of the optimal tra-
jectories found by GALLOP and SDC, respectively. The vectors on
the GALLOP trajectory (Fig. 3) indicate the direction and relative
magnitude of the impulsive AV at the midpoint of each segment.
The arrows on the SDC trajectory (Fig. 4) indicate the direction and
relative magnitude of the instantaneous thrust. Note that in both the

Table 1 - Comparison of results from three optimizers for an
Earth-Mars~Vesta ftyby mission®’

Optimization Final ~ Mars flyby  Launch Launch  Launch
mass, kg altitude,® km- Vooy, km/s Vooy, km/fs Voo, km/s

SEPTOP® 493.74 2818 -0.810 2.651 0.397
spc 494.05 2815 —0.808 . 2.648 0.420
GALLOP 493.73 2838 ~0.799 2.651 0.416

2Assuming a Mars radius of 3397 km.
bSEPTOP and SDC both use numerically integrated tra_]ectorxes

l-
0.5+ ~
_:'\?Maés Eacth @
ok o :
=
S_05t
~
~1} e,
~1.5} R
b e
25 2 - -15. -1 =03 0. . 05 1 1.5
x (AU)

Fig. 3 Mass-optimal Earth-Mars-Vesta flyby trajectory found by
GALLOP using impulsive AV, patched conic model.
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Fig. 4 Mass-optimal Earth-Mars—Vesta flyby trajectory found by

SDC using numerically integrated model.

GALLOP and the SDC solutions, the engine thrusts continuously
from Earth to Mars and also for a short time after the Mars flyby.
The spacecraft then coasts the rest of the way to Vesta. The direction
and magnitude of the thrust are in very close agreement in the two
solutions. Also note that the propellant used in the two solutions is
about the same (50.95 kg in the SDC solution vs 51.27 kg in the
GALLOP solution).

The good agreement found with the Earth-Mars—Vesta flyby test
case is representative. In general, we found similar agreement be-
tween the optimal solutions found by GALLOP and those found by
other software for a number of different test cases, for example, an
Earth-Mars flyby, an Earth~Mars rendezvous, and an Earth-Mars—
Vesta rendezvous. Such agreement shows that, although GALLOP
uses a lower-fidelity trajectory model, it is still very accurate.

Numerical Examples
Rendezvous with Comet Tempel 1

Although our tools were created for designing missions with mul-
tiple gravity assists, we wanted to find out how well they work for
designing direct missions. We consider a direct mission that would
rendezvous with Tempel 1. Designing such a mission is challenging
due to the high inclination and eccentricity of Tempel 1 (currently
10.5 deg and 0.519, respectively).

We began by using STOUR to perform a broad search for tra-
jectories between 1 January 2001 and 3 January 2016 (Julian dates
2451910-2457390). Figure 5 shows how the total propellant mass
fraction (including launch, thrusting, and rendezvous propellant
costs) depends on launch date. Each x in Fig. 5 corresponds to
a different trajectory. -

We see that there are three main groups of trajectories in the
range of launch dates considered. For convenience, we will refer
to them as group 1, group 2, and group 3, with group 1 having the
earliest launch dates and group 3 the latest. Each group of “good”
trajectories occurs around a time when Tempel 1 is closest to the
sun, that is, near perihelion. Because Tempel 1 has a period of about
5.5 years, a group of good trajectories occurs about every 5.5 years.

Our next step was to take three trajectories from the STOUR run
(one from each group) and to use them as initial guesses for opti-
mization in GALLOP. The launch and arrival dates were allowed to
be free variables, and the initial spacecraft mass was calculated using
the launch V., (also free), assuming a Medlite launch vehicle. The re-
sulting optimized trajectories-are shown in Figs. 6~8. The optimized
launch dates for group 1,2, and 3 trajectories are 28 November 2002,
8 April 2009, and 3 December 2013, respectively.

When we compare Fig. 6 to Fig. 8, we notice that the. optl-
mized trajectory in group 1 is almost identical to the optimized
trajectory in group 3. This is possible because the group 3 trajec-
tory occurs almost exactly 11 years after the group 1 trajectory.
Because Earth and Tempel 1 return to the same inertial positions

T
X Rendezvous Case

o o o o
[=23 ~J [o.2] =]

Total Propellant Mass Fraction

e
ia

3/31/2001 12/26/2003 92142006 6/17/2009 H132012 12/82014

0.
24§IOOO 2452000 2453000 2454000 2455000 2456000 2457000 2458000
Launch Date

Fig. 5 Low-thrust trajectories to Tempel 1; launch dates between
1 January 2001 and 3 January 2016.
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Fig. 6 Mass-optimal Earth-Tempel 1 trajectory from group 1: final
mass = 387 kg, TOF = 3 years, and launch V, = 0.8 km/s.

4 Tempel 1

1
x (AU)

Fig. 7 Mass-optimal Earth-Tempel 1 trajectory from group 2: final
mass = 385 kg, TOF = 2.3 years, and launch Vo, = 1.2 km/s.
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Fig, 9 Mass-optimal Earth~Tempel 1 trajectory from group 2 ﬁnal
mass = 380 kg, TOF = 3.5 years, and launch Vo, = 1.3 km/s,

every 11 years, every trajectory connecting them must recur every
11 years.

Note that the three optimal solutions shown in Figs, 6-8 (one from
each group) are not the only optimal solutions within those groups.
_ An example of a different (locally) optimal solution from group 2
is shown in Fig. 9. The optimized launch date of this trajectory is 1
December 2007. A comparison of Figs. 6, 8, and 9 reveals that all
three of these trajectories have a similar shape.

For a specific launch vehicle (a Medlite), we can study how the
maximum mass deliverable to Tempel 1 depends on the launch date
and arrival date. Figure 10 shows the results of such a study for
trajectories in group 3 (launch datés in 2014). For each of the three
arrival dates shown in Fig. 10, there is an optimal launch date (which
can be found by GALLOP by fixing the arrival date but allowing
the launch date to be free), We find that if the arrival date is moved
later, the optimal launch date moves earlier, so the optimal time of
flight becomes longer. In Fig. 10, the trajectory with the highest
deliverable mass (a mass of 364 kg) launches 28 April 2014 and
arrives 9 September 2016 and has a TOF of 2.4 years. Optimal
trajectories arriving later have a larger mass at Tempel 1, but they
have the disadvantage of alonger flight time.

Rendezvous with Ceres via Mars :
. Whenthe low-thrust-version of STOUR-was. first created, it was
tested by-checking whether it would-find' some ‘of the ‘optimized

Table 2 Earth-Mars-Ceres rendezvous trajectory

Characteristic STOUR/GALLOP Sauer?®
Solar array power at 1 AU, W 5.0kW 5.0kW
Launch date 6 May 2003 May 20032
Launch Ve, km/s 1.35. 1.35
Initial mass, kg ' 568 568
Mars flyby altitude, km 2000 N/A®
Mars flyby Vo, km/s 1.9 km/s N/A®
Total TOF, yr 3.1 : 3.0
Final mass, kg 412 . 410

#Exact date not available in Ref. 20.
50On lower bound.
°Not available in Ref. 20.
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- Feb, 22,2014 April 3 2014 May 13,2014 ]une 22 2014
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Fig. 10 Maxnmum mass deliverable to Tempel 1 dependmg on launch
and arrival dates. ‘ ‘ .

Mars ﬂyby

< < / 14Jan2004

N ;Earth launch

6 May 2003 Ceres rendezvous
, 18 June 2006

Fig, 11 Earth-Mars~Ceres fendezvoils tfajectory.

LTGA trajectories in the literature. One such trajectory, by Sauer,2
performs a gravity-assist maneuver at-Mars and ends with a ren-
dezvous at the asteroid Ceres. When STOUR does a broad.search
for Earth-Mars—Ceres rendezvous trajectories between 1999 and
2040 (Refs. 28-30), the best launch date it finds is within days of
the trajectory from Sauer.? ‘

The most promising Earth—Mars-—Ceres trajectory found by
STOUR was used as an initial guess for GALLOP, The launch Vi,
magnitade and initial mass were held fixed at Saver’s?’ values. The
spacecraft housekeeping power was assumed.to be 125 W, and the
minimum power needed to operate the engine. was assumed to. be
0.5 kW (the values used by Sauer). Table 2 summarizes the perti-
nent characteristics of the resulting optimized trajectory, which is in
good agreement with the result found by Sauer: Note that we did not
allow the optimizer to vary the launch Vi, magnitude or the initial
mass: Figure:11 shows a three-dimensional view-of the spacecraft
trajectory.. The direction and relative magmtude of the. impulsive
AV are indicated by line segments emanamng from the segmentf
mldpomts

Low-Thrust Mission to Jupiter with Three Intermediéte, Flybys
~One of the special  capabilities. of STOUR: is-its-ability:to. find
LTGA trajectories with: multiple gravity~assist maneuovers, that is,
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Table 3 EVEMIJ flyby trajectory

Characteristic . Value
Solar array power at 1 AU . 10 kW
Number of NSTAR engines 1
Launch date 1 Oct. 2029
Launch Vi 2.00 km/s
Initial wet spacecraft mass 300.0 kg
Venus flyby date 20 March 2030
Venus flyby Ve 5.20 km/s
Venus flyby altitude 15448 km
Venus flyby B-plane angle® —68.9 deg
Earth flyby date 13 Jan. 2031
Earth flyby Vo 8.23 kmy/s
Earth flyby altitude 300 kmb
Earth flyby B-plane angle® —176.0 deg
Mars flyby date 13 May 2031
Mars flyby Vo 15.82km/s -
Mars flyby altitude 200 km?
Mars flyby B-plane angle? —9.3 deg
Jupiter flyby date 9 June 2033
Jupiter flyby Vo 6.04 km/s
Total TOF 1347 days (3.7 yr)
Final dry spacecraft mass 271.7 kg
Propellant mass fraction 0.094

*Fundamental plane taken as ecliptic of Y2000 (1 January 2000 at 12:00 universal time).
5Oni lower bound.

3. Earth flyby

<«— 1, Earth launch

2. Venus flyby

5. Jupiter flyby

4. Mars flyby

Fig, 12° EVEM] flyby trajectory.

more than two. For example, 4 successful search for Earth~Venus=

Eanh—Mars-Juplter (EVEMI) fiyby trajectones was conducted by

Petropoulos?® and Petropoulos and Longuski.>®

We select the EVEMYJ trajectory with the lowest m—plane propel- w

lant mass fraction for optimization. As with the Earth-Mars~Céres

trajectory, the initial mass and launch V,, magnitude are held fised;

but all dates are free. The details of the resulting optimized trajectory
are summarized in Table 3.

Figure 12 shows the optimized EVEMJ flyby trajectory, and
Fig. 13 shows how the spacecraft specific energy varies during the
course of the mission. “Conic Arc” on the horizontal axis of Fig, 13
refers to the sequence number of the conic sections connecting the
impulsive AV at the segment midpoints (Fig. 1). Note that there
are four distinct thrusting phases on: the optimized EVEMI flyby
trajectory (which are evident in Fig. 12 and most-clearly shown
in Fig. 13), The first thrusting phase, occurring immediately after
launch, increases the inclination and lowers the energy. The sec-
ond thrusting phase, occurring shortly after apoapsis on the Venus—
Earth leg, decreases the inclination and increases the energy. The
third thrusting phase, occurring just-after the Venus flyby, increases
the energy. The fourth thrusting phase, occurring before and after

~100¢

—~150¢ SEPburn  —_,
X
) Mars flyb;
~2001 ' \ waadr el
% -250¢ \
h SEP burn

‘5;—300 -
£l .
g Earth flyby
g —3501
8 SEP burn
b )

—450

Venus flyby
~5001 SXS
550 100 150
. Coric Arc

Fig. 13 Energy variation on the EVEMJ flyby trajectory.

Total Propellant Mass Fraction

3/31/2001 10/17/2001 5/5/2002 11/21/2002 6/9/2003 12/26/2003

0§1800 2452000 2452200 2452400 2452600 2452800 2453000 2453200
Launch Date

Fig. 14 EV]P trajectories (launch dates between 1 January 2001 and
25 May 2004).

the Mars flyby, increases both the energy and the inclination. Note
that the majority of the total energy change is accomplished by the
gravity-assist maneuvers at Venus, Earth, and Mars. . .

Low-Thrust Trajectories to Pluto via Venus ;and Jupiter :

‘We now consider low-thrust trajectories to‘Pluto-using gravity-
assist maneuvers. at  Venus -and. Jupiter. It.is known. that there
are Earth~Venus-Jupiter-Pluto' (BVIP) trajectories”® for launch in

v 2004 Jbut we. wish to find earlier; opportumtles where the: literature

ay 26)04 (Juhan xdates 2451910 to: 2453150) Because there

“is.mo: ‘Tendezvous at'Pluto, the ‘total propellant: mass. fraction e

includes only the launch and thrust-leg propellant costs. Note that
the ‘majority of trajectories found by STOUR occur in 2001.

There is a promising group of low-thrust EVIP trajectories occur-
ring in late 2002, that is, with low ¢ and low time of flight (TOF).
We choose: one of these trajectories to optimize with GALLOP. The
launch V., can be varied, and the initial spacecraft: mass is calcu-
lated-assuming a Delta 7326-9.5 launch vehicle, If the launch. date
and Pluto arrival date are held fixed (so that the TOF.is-12.1 years),
we find that the optimal trajectory has a propellant mass fraction
of 0.426..-When we allow-GALLOP to vary all dates freely, the re-
sulting optimal solution has a propellant mass fraction of 0.408; but
a very long flight time: 41.2 years. We find: that putting an upper
bound on the Pluto: arrival date reduces the TOF but increases the
propellant mass fraction.. - ... r N
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Table 4 EV]P flyby trajectory

Characteristic Value

Solar array power at 1 AU 10 kW
Number of NSTAR engines 1

Launch date 11 May 2002
Launch Vi, 4.98 km/s
Launch vehicle Delta 7326-9.5
Initial wet spacecraft mass 361.1kg
Venus flyby date 2 May 2003
Venus flyby Vo 8.12 km/s
Venus flyby altitude 300 km?
Venus flyby B-plane angle® ~171.3 deg
Jupiter flyby date 28 Jan. 2005
Jupiter flyby Vo 12.48 km/s
Jupiter flyby altitude 285968 km (4R))?
Jupiter fiyby B-plane angle® 7.4 deg
Pluto flyby date 19 Sept. 2012
Pluto flyby Vo 17.15 km/s
Total TOF 3784 days (10.4 yr)
Final dry spacecraft mass 180.3 kg
Propellant mass fraction 0.501

20n lower bound. ®Fundamental plane taken as ecliptic of J2000 (1 January 2000 at
12:00 universal time). . ‘

_____ 3. Jupiter
flyby

2. Venus
To Pluto flyby

Fig. 15 EVJP trajectory.

Table 4 is a summary of the characteristics of an optimized trajec-
tory where the Pluto arrival date is constrained to be on or before 19
September 2012. (This dateis chosen to keepthe total time of flight
around 10 years.) The TOF is. 10.4 years, and the propellant mass
fraction is 0.501. Figure 15 shows the first two legs-of thistrajectory
(up to the Jupiter flyby). We note that; on the optimized trajectory,
the engine operates at maximum thrust from launch, through the
Venus flyby, and until the spacecraft reaches. about 4.5 AU. The
spacecraft then coasts to the Jupiter gravity assist, which puts the
spacecraft on a ballistic trajectory to Pluto. Our discovery of these
Pluto trajectories is an encouraging result because it demonstrates

the synergistic capabilities of STOUR and GALLOP to find trajec- -

tories during launch windows different from those reported in the
literature. :

Conclusions

We develop a new approach to the difficult problem of design-
ing and optimizing LTGA trajectories. Such trajectories are useful
because they can offer reduced TOF or reduced propellant require-
ments compared to missions .using chemical propulsion. Our ap-
proach has two steps. First, we perform a broad search for promising
trajectories. To speed up this broad search, weuse an assumed-shape
model for all thrusting and coasting arcs: Each trajectory is evaluated
using a heuristio cost function. The best trajectories.are selected for
step two in: which we optimize each candidate trajectory using an
efficient parameter optimization method. Qur approach has several

advantages, The broad-search capability gives the mission designer
a global view of the design space, which often contains disparate
families of promising trajectories. Also, the optiimizer is very fast,
thereby enabling quick studies of changes in launch date, arrival
date, or launch energy. We hope that our approach will find use in
the general problem of UTGA trajectory design and that it will open
new doors to the exploration of the solar system.
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