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1 | Foreword
This report represents the culmination of an intensive spacecraft design course, AAE
450, undertaken by seniors during a single semester. The students perform a feasibility study
for a specified mission goal, subject to certain constraints.

The entire class works as a single team to achieve this goal. They elect a Project
Manager and an Assistant Project Manager and organize into specialized groups to study (in this
case) aerodynamics, communications, control, human factors, mission design, power and
thermal control, propulsion, and structures.

At the end of the semester the students deliver a formal presentation of their results.
Besides this report, the class provides an appendix, which contains detailed analyses of their
methods and trades studies.

The quality of the work in this report is consistent with the high standards of the
aerospace industry. The students who participated in this study have demonstrated that they
have mastered the fundamentals of astronautics, have learned to work efficiently as a team, and
have discovered innovative ways to achieve the goals of this project.

In this particular project, the students were given a unique opportunity to work with Dr.
Buzz Aldrin on his concepts for colonizing Mars. On January 15, 2015 Dr. Aldrin visited the
class to discuss the final version of his Project Specifications that the class would be required to
achieve in their design. The project is based on Dr. Aldrin's recent book, Mission to Mars: My
Vision for Space Exploration, in which Dr. Aldrin lays out a wide range of goals that, step by
step, will lead to “commencing American permanence on Mars.” The class expands that
concept to include international presence as well.
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Project Aldrin-Purdue Specifications are as follows:

Minimize the IMLEO (Initial Mass in Low-Earth Orbit) of establishing a permanent human
presence on Mars by 2040, consistent with the following specifications...
The specifications include the launch of inflatable 1st generation exploration modules to
LEO, to the Moon, and to an asteroid beginning in 2020. After establishing an international
lunar base, a cycler vehicle (based on Dr. Aldrin's original concept now known as the Aldrin
cycler) would be placed in a heliocentric orbit that regularly cycles back and forth between
Earth and Mars. The reusability of the cycler is a key aspect in Dr. Aldrin's mission plan. Early
human flights would go to Phobos first (one of the moons of Mars) and would use the vantage
point on Phobos to set up the colony on the surface of Mars. Early astronauts would have the
option of returning to the Earth, but once the colony is established it is expected that they will
remain on Mars permanently. The cycler vehicle is designed to carry 18 colonists to Mars
every synodic period (about every two years) when the Earth and Mars are in position for a
cycler transfer. Permanent human presence should commence by 2040.

I believe this design team rose to Dr. Aldrin's challenge to produce an important
feasibility study. The leadership of the Project Manager and Assistant Project Manager as well
as the outstanding cooperation of the team members were key elements in the success of their
project. They have every right to feel proud of their accomplishment and I am proud of them.

Professor of Aeronautics and Astronautics
Purdue University
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2 | Mission Overview
I. Introduction
The mission provided to our team by Dr. Aldrin consists of two overall phases: a cis-lunar
voyage and a mission to Mars. The cis-lunar missions are meant as a stepping stone for what
will occur on Mars and provide a testing ground for some of the technology and equipment that
will be used. Prior to any launches, the team will use Hawaii and other locations as possible
areas to conduct tests and experiments for our various vehicles. Our design consists of cycler
vehicles, exploration habitation modules (XMs), human landers, boost vehicles, amongst other
systems.

II. Cis-Lunar Mission
At about 2020, the XM1 Inflatable BA 330 missions begin. They are to travel to LEO, L1,
L2, and an asteroid to test the equipment and capacity of the system. Figure 2.1 depicts the
journey of the XM1s during this time period. It should be noted that the figure is not drawn to
scale.

Figure 2.1: Cis-Lunar Missions for Inflatable BA330,
XM1. This figures shows LEO, L1, L2, an asteroid and the
moon on which the XM1 and eventually XM2 will travel to.
After completing the XM1 missions, a new exploration habitation module of rigid structure
(XM2) will travel to LEO, L1, L2, an asteroid and the moon’s surface. The moon bases will be
established on the far side, near side, and on Shackleton Crater. These bases are established
through the cooperation of international partners. The main purpose for the moon bases will be
Jani Dominguez | 12
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to provide a ground away from Earth in which XM2s, human landers and rovers can be
examined and tested. Shackleton Crater will be the location for potential in situ resource
utilization, which is expanded more on Section 4. Implementing ISRU would allow us to remain
on schedule and reduce the number of launches. During this time, a Venus flyby will occur to
test aerocapture concepts and provide further analysis on the systems onboard the human lander.
This concludes first phase of the mission.

III. Mars Mission
2030 marks the initial stages of the cycler establishment. These cycler vehicles are used as
taxis to transport astronauts and cargo to Phobos and Mars, as well as, provide a communication
link between Mars, Phobos and Earth. This mission will require continuous two-way HD video
streaming between astronauts and Earth. Two cycler vehicles, A and B, will be used when the
other is outside of Earth's reach. The cycler vehicle is composed of three cycler XM3 variants,
power units, solar panels, life support, and other items which are covered in Section 7. During
the cycler’s trip to Mars, it will dock with a boost vehicle, which holds all three human landers.

A.

First Wave
After establishment, the first wave will launch a human lander to Mars on cycler B. This will

only contain cargo onboard, thus allowing us to test hyperbolic rendezvous, aerocapture on
Mars and other EDL concepts. In the meantime, cargo missions will constantly be sending
XM3s to Mars and Phobos in preparation for human arrival. The Mars base will be built via a
remote operated crane-flatbed vehicle. We will go into further detail in Section 6. Overall, prior
to any human on Mars there will be two XM3s and nine XM3s on Phobos and Mars,
respectively.

B.

Second Wave

On 2037, the second wave will transport six humans to Phobos on cycler A leaving two
landers on its surface. While the third unoccupied lander lands on Mars by the control of those
on Phobos in order to test entry and descent equipment. By this time, two XM3s and two human
Jani Dominguez | 13
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landers will be on the surface of Phobos, while
one on the surface of Mars. Artificial gravity will
be provided for the crew on Phobos over a small
area to facilitate the use of a toilet, shower, and
exercise equipment. Cycler B will transfer two
human landers to Mars and one to Phobos with
six crew members onboard each vehicle. The
initial crew of six on Phobos will transfer to
Mars and be replaced by a new crew of six from
Cycler B. Figure 2.2 demonstrates the overall
trajectories of the human landers for cyclers A
and B. By 2040, 18 and 6 crew members will be
on Mars and Phobos, respectively.
Figure 2.2: Cycler A and B Trajectory.
Cycler A and B hold 6 crew members each.

C.

Return Option
A return option is made available for the crew members on the small chance that evacuation

is absolutely necessary for the survival of the astronauts. The return vehicles will consist of a
Mars ascent module on Mars and a human lander connected to an inflatable BA 330 on Phobos.
This option takes three astronauts from Mars and Phobos for a maximum of six crew members
that will evacuate from Phobos. From there, the entire evacuated crew will leave on the return
vehicle that was established during the first wave. This journey will take them straight to Earth
in a couple of months, more will be discussed in Section 13.

IV. Future Missions
After 2040, all subsequent waves will continue to send 18 crew members to Mars. Every two
years, a new crew of six will replace the current crew on Phobos. Resupply and cargo missions
will continue for an undetermined period of time in order to maintain the colonization
infrastructure.
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3 | Development and Launch Schedule
I. Introduction
Dr. Aldrin’s vision calls for humans landing on Mars by 2040. There are many vehicles,
habitats, and systems that will be developed to sustain the human settlement. This report will
discuss these designs in more detail in the following sections. Many parts of this mission must be
tested and established long before the first human flights to Mars. This chapter of the report will
detail a proposed development and launch schedule. Two scenarios are presented in this chapter:
assuming that all propellant much be launched from Earth and assuming that propellant can be
provided from in-situ resource utilization (ISRU) on the Moon.

II. Development Schedule
All developments on this project are described as either a major or minor development effort.
Major development efforts are large or complex systems that will take more funding and time to
develop. Minor developments are defined as systems that are relatively simple or based on
existing systems. These minor developments will take less funding and time to develop. A listing
of the projected categories for this mission is shown in Table 3.1 below.
Table 3.1: Mission vehicles and habitats divided into major and minor developments.
Major Development

Minor Development

Cycler Vehicle

Rover

XM3 Habitats

Crane

HuLa Capsule

Lander Boost Vehicle

Mars Return Option

Cargo Vehicle

The major developments for this mission are each assumed as a ten year development cycle.
This approximation is based on the current development programs for Orion and SLS. Both of
these systems were announced in 2011 and are projected to have their first crewed human flight
in 2021 as part of the EM-2 test. We consider this ten year cycle to represent the modern
development cycle since Orion and SLS are the two major human spaceflight developments in
recent years. Minor development cycles are assumed to take half the time of major
Stephen Whitnah | 15

Development and Launch Schedule

Project Aldrin-Purdue

developments. This is more in line with typical aerospace systems that require new design and
testing efforts.

One key factor we consider while defining the development schedule is the current NASA
programs in development or operation. As previously mentioned, the Orion and SLS programs
both finish the majority of their development in 2021. This date corresponds to the completion of
the SLS Block 1B variant, capable of delivering 105 metric tons of payload to LEO. By
approximately 2030, we project completion of the SLS Block 2 booster upgrade and 130 metric
ton payload capacity.

As the Orion and SLS development programs finish, some funding will become available in
the US human spaceflight budget for more major developments. The first major development
needed for the mission is the Exploration Module (XM3) habitats. This naming convention is
used as it will be the third generation of XM habitats. XM1 habitats are defined as inflatable BA
330 habitats available commercially from Bigelow Aerospace. XM2 habitats are intended as
simplified versions of the XM3 habitats. The XM2 modules will be used on the moon and in free
space, while the XM3 variants will be used for the Mars missions. Multiple variants will be
designed for the mission. Some XM3s will operate in microgravity environments and others on
planetary surfaces. These habitats must be the first developed because early versions will be
tested and used in cis-lunar space. While the XM3 habitats are tested, the crane and rover will be
designed. Both of these vehicles can be tested on Earth and used for early lunar bases comprised
of XM2 modules. The first versions of the XM3s, rovers and cranes will be used in the 20252030 time frame.

The second set of developments will be focused on the Cycler vehicle. This is necessary
because the Cycler vehicles will be launched before the first uses by humans, providing time to
establish the S1L1 orbit and test hyperbolic rendevous. More detail on the Cycler establishment
process is given in Chapter 7 of the report. Simultaneously, the Lander Boost Vehicle and CarLa
vehicles needed to establish the Martian infrastructure will be developed. Each of these vehicles
are first needed in the early 2030s.
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After the critical mission infrastructure has been developed, the next priority is the HuLa
capsule that will take humans to the surfaces of Phobos and Mars. The first human launch to the
Cyclers and Phobos occurs in 2037. However, the human lander should be developed earlier than
this to allow time to verify the aerocapture methods at either Earth or Mars. To give some room
in the schedule for delays and additional testing, it is recommended that the human lander
developments begin in 2024. This year is important as it is the current date for decommission of
the International Space Station (ISS). After the ISS is transitioned, more funding will become
available for major developments and missions.

The final major development effort is the return option vehicles. These are not needed until
humans are already on Phobos or Mars. As a result, the return vehicles can be the last vehicle
designed. Ideally, these would be designed after the XM3 habitats are finalized. This schedule
helps to avoid unnecessary increases in engineering workloads.

Approximate development cycles for the mission vehicles and habitats are depicted in Fig.
3.1.
Orion and SLS-1B
development ends (EM-2)
2015

2020

ISS
Decommissioned
2025

SLS Block 2 Design
Completed
2030

2035

2040

Return Option

XM3, Rover, Crane
Cycler, Lander Boost, CarLa Vehicle
HuLa

Mars flight hardware
production begins

Human exploration
of Mars begins

Figure 3.1: Current NASA program milestones compared to projected development cycles
for the missions to the Moon and Mars
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III. Production Requirements
Our mission specifications call for a series of bases on the moon, Phobos, and Mars. These
bases will also require infrastructure such as the Cycler vehicles. Many different vehicles and
habitats will be in production simultaneously, as shown by an estimated manufacturing schedule
in Fig. 3.2. A major assumption is that the first time a vehicle or habitat is produced it will take
one year longer than a steady state production of one module per synodic period.

XM3-C

XM3-C

HuLa

Lander

XM3-C

XM3-C

HuLa

Lander

XM3-C

XM3-C

HuLa

Lander

XM3-M

XM3-M

XM3-M

XM3-M

XM3-M

XM3-M

XM3-M

XM3-M

XM3-P

XM3-M

XM3-P
Lander Boost
2028

2030

2032

Return Option
2034

Boost

2036

2038

2040

Figure 3.2: Manufacturing needs for vehicles and habitats that will arrive at Mars by
2040, not including CarLa delivery or resupply missions
The timeline in Fig. 3.3 only extends through 2040 as this was the selected end date for the
study. For future years, the production needs per synodic period can be approximated based on
the last column of needed vehicles. This schedule also assumes that additional bases will be
created on Mars to keep up with 18 humans sent per Cycler wave, which equals one synodic
period. CarLa supply delivery missions are also not included in the timeline, primarily because
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the number grows rapidly over time. More details on resupply needs are given in Chapter 11,
Section IV.

IV. Launch Schedule
As mentioned in this chapter’s introduction, there are two options for launch schedules. One
assumes that all propellant needed to reach Mars is sent from the surface of Earth. The other
scenario involves the establishment of a fueling station in cis-lunar space. Propellants would be
produced on the Moon, shipped to the fueling station, and used by the vehicles travelling to
Mars.

For this mission, we primarily assume that all propellant must be launched from Earth.
Propellant production via ISRU on the Moon or Mars is an untested technology. We choose to
not rely on ISRU due to the inherent technological risks. An analysis of launch options,
assuming that all propellant is launched from Earth, is presented in Appendix C.
A. Launch schedule assuming all propellant is launched from Earth

Before 2030, the only launches considered as part of the project are the missions to send XM1
and XM2 habitats to LEO, L1, L2, and a near earth asteroid. Launches needed to establish and
maintain the international Moon bases are not considered. All launch estimations are for US
launches, primarily using SLS or Falcon Heavy vehicles. Figure 3.3 shows the launch needs for
each two year period, up through 2044 when the first colony will be fully crewed.
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50
45
40
35
30
25
20
15
10
5
0

Figure 3.3: Launches needed during each 2 year period, assuming that all propellant is
launched from Earth
The launch schedule accounts for a steady state of sending three HuLa vehicles, each with six
crew, to Mars each synodic period. At the same time, three XM3 habitats are launched each
synodic period to assemble the next base. The large increase in yearly launches seen over time
in Fig. 3.3 is primarily due to the steadily increasing number of CarLa resupply missions needed
as more humans join the Mars colonies. Table 3.1 presents a summary of launches over the
course of the mission.
Table 3.1: Summary of launches and launch totals over time, assuming that all propellant
is launched from Earth.
Year
2022-2024
2024-2026
2026-2028
2028-2030
2030-2032
2032-2034
2034-2036
2036-2038
2038-2040
2040-2042
2042-2044

Launches Per 2 Years
2
3
3
0
4
9
19
21
30
39
48

Total Launches
2
5
8
8
12
21
40
61
91
130
178
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B. Launches needed assuming lunar propellant fueling in LEO

As discussed in Appendic C, many of the vehicles and habitats for the mission require enough
Initial Mass in Low Earth Orbit (IMLEO) that they cannot be launched by a single vehicle. The
majority of the IMLEO totals come from propellant needed to send hardware from LEO to
Mars. One major assumption is that unlimited propellant is available. Even if lunar ISRU
propellant production technology exists, it must be scaled up to provide the thousands of metric
tons of propellant required each synodic period. The large increase in launch totals seen in the
Earth launched propellant case is instead transferred to the lunar infrastructure. It is not known
if this is feasible or economically viable. Launches per two year period and launch totals are
given in Table 3.2.

Table 3.2: Summary of launches and launch totals over time, assuming that unlimited
propellant can be delivered from the Moon to LEO
Year
2020-2040
2040-2042
2042-2044

Launches
30
9
11

Total Launches
30
39
50

Overall, a lunar propellant production facility could potentially reduce the total number of
launches by a factor of three. The design of this lunar production facility is beyond the scope of
this study, but should be examined in the future.
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4 | Moon Missions
I. Introduction
Humanity has long stared at the pale white Moon and dreamed of starting a civilization there.
Starting from the 50th anniversary of the first Apollo landing, we will assume there will be an
international collaborative effort to establish a permanent lunar foothold. Throughout this
chapter, we will discuss our missions to the Moon, how we plan to stay, and how we will
develop industries necessary to fuel humanity’s plans to Mars.

II. LaGrange point and Halo orbits
As per the Aldrin-Purdue specifications, missions to both L1 and L2 are to be examined and
communications relay network from Earth to L2 established.
A. L1
Before the trajectory to L1 is calculated, we first solve for the location of L1 with respect to
the lunar orbit. The calculations for this are shown in Appendix AF. We then calculate for the
ΔV and time of flight (TOF) required to place an XM1 (1st generation exploration module) on a
trajectory to L1 from Earth. A low energy transfer along a precalculated stable manifold is used
to execute the transfer. The disadvantage of using this low energy transfer, as is the
disadvantage of most low energy transfers, is that the length of the TOF is significantly longer.
The orbital characteristics of the transfer along the manifold are shown in Table 4.1 below:
Table 4.1: Transfer characteristics of the stable manifold from Earth to L1 .
Characteristic

Value [unit]

ΔV

3.2249 [km/s]

TOF

76.4852 [days]

B. L2 – Halo Orbit
Second, we look at the LaGrange point L2. We decide to use the XM1 initially to be at the L2
point also as a means of the communication relay network from Earth to L2. To do this, we place
the XM1 in a halo orbit about L2. In order to get to the halo orbit, a second precalculated stable
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manifold is used to get to L2. Once at L2, a burn is executed to get the module into the halo
orbit. The orbital characteristic of the transfer along the manifold and the ΔV requirements of the
halo orbit are shown in Table 4.2 below:
Table 4.2: Transfer characteristics of the stable manifold from Earth to L1 .
Characteristic

Value [unit]

ΔV to L2

3.0957 [km/s]

ΔV to L2 Halo

0.1010 [km/s]

TOF

90.9461 [days]

III. Refueling Station
As per the Aldrin-Purdue specifications, we establish a refueling depot in a geocentric orbit in
cis-lunar space in order to provide a means of supplying fuel to modules should the need arise.
To pick an orbit for the refueling station, we consider the criteria for the vehicle to be in orbit. A
high velocity, which keeps the period small, will eliminate the incovenience of a long wait for an
orbital return. However, the altitude should also be high enough to eliminate any inconveniences
in the form of other orbital vehicles. The orbital characteristics of the refueling station orbit are
shown in Table 4.3 below:
Table 4.3: Transfer characteristics of the stable manifold from Earth to L1 .
Characteristic

Value [unit]

Altitude

17000 [km]

Velocity

4.082 [km/s]

Period

10 [hours]

IV. Cargo Modules
To place the cargo module in low lunar orbit (LLO), we consider a low thrust transfer from
Earth to the lunar vicinity. The cargo vehicle leaves low earth orbit (LEO) at a 200km altitude.
Due to the degree of similarity of the missions, the low thrust solution from Project Artemis,
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Purdue University AAE 450 in 2014, is modified in order to obtain mission specific values for
the Aldrin-Purdue mission. Detailed explanation of the method and solution can be found in
Appendix AF. The mission characteristics are shown in Table 4.3 below:
Table 4.4: Transfer characteristics of cargo mission to LLO .
Characteristic

Value [unit]

Mass

225.86 Mg

Total approx. propellant cost

118.1 Mg

Total TOF

402 days

V. Moon Base Human Factors Requirements
Establishing a permanent human presence on the Moon will be an important step towards
the eventual goal of colonizing Mars. The lessons learned by establishing this settlement will be
invaluable in the process of further refining our design for a Mars colony. Thus, the moon base
will employ early stages of the same systems that we designed for Mars. Crews on the Moon will
live in the XM2’s, (Exploration Module - 2) which are early variants of the XM3 habitation
modules that will be used on Phobos and Mars.
There will be three bases established on the Moon. Each will be made up of three
habitation modules (XM-2’s), totaling eighteen people per base and 54 people living on the lunar
surface. In accordance with the mission requirements, one base will be located on the near side
of the moon, one on the far side, and a third in the Shackelton Crater.
Human Factors needs for the settlement on the Moon are the same as for the colony on Mars.
The main requirments will be food and water. The food requirments will be the same 2600
calories allotted for the colony on Mars. The water will be used for drinking and hygiene, as well
as for oxygen production via electrolysis. The Nitrogen supply is used to dilute the oxygen in the
habitation module’s atmosphere for health and fire safety reasons. There is also a supply of
backup oxygen stored in liquid form that can provide a breathable atmosphere for the crew for 60
days in the event that the oxygen production systems fail. The following table shows the human
factors needs for each base for one year.
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Table 4.5: Moon Base Human Factors Requirements (Crew of 18)
Total Mass, Mg

Total Volume, m3

Food

14.34

18.03

Water

4.2

4.2

Nitrogen

0.014

0.017

Backup Oxygen

0.885

0.7762

These numbers are based on the assumption that all needed supplies are sent from Earth.
There is hope that the lunar bases will be able to harvest water from Shackleton Crater, and the
aeroponic farming systems being developed for Mars could be used at the moon as well.
However, we are going to use the Moon as a testing ground for these tehcnologies, so it is better
to prepare in such a way that the lunar bases do not rely on them.
The life support and water recovery systems will be same ones planned for use on the Mars
colony. Water recovery rate for this system is projected to be 91%. More information on life
support and water systems can be found in Appendices X and Y. These systems, as well as other
human factors needs such as cooking and cleaning will require power. The following table shows
the maximum power requirments for each XM2, as well as a total for an entire lunar base (three
modules).
Table 4.6: Max Power Requirements for a Lunar Base
Max Power, kW
Crew Quarters (x3)

19.77

Water Systems/Life Support (x3)

29.4

Base Total

147.51

Additional human factors considerations are radiation shielding and mitigating the effects of a
low-gravity environment. Radiation shielding will be provided by piling lunar regolith in and
around the habitation modules. To mitigate the effects of spending long periods of time in lowgravity, the crew will spend time every day exercising in a small centrifuge that provides Earth
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levels of gravity. Neither of these topics has been addressed thoroughly as they are beyond the
scope of the current project, but a more in-depth discussion of radiation effects can be found in
Appendix X and the effects of low-gravity are discussed in Appendix Y.

VI. Lunar In-Situ Propellant Production
Interplanetary missions to Mars require immense sums of propellant in order to generate the
velocities necessary to leave Earth and go to Mars. If humanity wants to develop a colony on the
red planet, we will need to have the ability to not only send large amount of payload to Mars, but
frequently too. Therefore the motivation of lunar in-situ propellant production is to provide
access to a long term sustainable supply of propellant to power the spaceships of tomorrow. This
section will assume the lunar colonists have chosen Shackleton Crater as a colony site in order to
explore possibility of in-situ propellant production.
A. Shackleton Crater Regolith Properties
In this section, we will examine the property of regolith at Shackleton Crater in order to
provide the core assumptions used for our ISRU analysis. The following tables details the values
used throughout the analysis:
Table 4.7: Regolith Properties at Shackleton Crater
Variable

Value

Ice by Weight

6.5%

Density of Regolith

1.7 Mg/m3

Area of Minable Regolith

346 km2

Depth of Minable Regolith

1m
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B. Propellant Considerations for In-Situ Propellant Production
We need to first evaluate what are viable propellants we can produce using lunar resources.
Three main propellants have been selected for study: liquid hydrogen & liquid oxygen, methane
& liquid oxygen, and silane & liquid oxygen.
Hydrogen (H2) is one of the most efficient chemical fuels. Liquid hydrogen rocket engines
have been flown very successfully and reliably in the past few decades, so the technology is
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proven. It can also be produced using water extracted from the Moon. While liquid hydrogen
does have problems with boiling off currently, we will assume zero boil off technology will be
available by the time of this mission.

Methane (CH4) serves as an alternative fuel to liquid hydrogen. Methane rocket engines have
recently seen a lot of research and development in the past few years. It methane rocket engines
will be flying missions by the end of this decade. While methane rockets provide less
performance than liquid hydrogen, it is much easier to storage due to its higher density and
boiling temperature. Despite these advantages, the Moon is very carbon poor and carbon makes
up 89% of methane by weight. Therefore we will need to obtain the carbon necessary for
methane production elsewhere.

Silane (SiH4) serves as an alternative fuel to methane. Silane provides many of the same
advantages as methane. While silane provides less performance than methane, silane can be
produced on the Moon. Silicon can be harvested from the silicon rich regolith of the moon and
hydrogen can be produced from the ice rich regolith of Shackleton. However silane combustion
is not well understood and no silane rocket engine has ever been built and tested.
Oxygen (O2) can be found in abundant on the Moon in the form of various metal oxidizes.
Oxygen is also a major byproduct when producing hydrogen from water. Therefore the
availability of oxygen is of least concern.

Due to the limitation on producing methane on the Moon and the limitation of silane rocket
technology, liquid hydrogen remains the only viable option for ISRU propellant production. We
will proceed forward in the following sections with liquid hydrogen & liquid oxygen in mind as
our primary propellant.
C. Lunar ISRU Production Requirements and Analysis
In this section, we will examine the propellant production requirements we will need to meet
so we can provide all of the propellant necessary for the missions to Mars from the Moon.
Throughout the analysis, we are focused on the liquid hydrogen (LH2) mass requirement instead
of the liquid oxygen (LOX) mass requirement. Since we plan on producing LH2 and LOX
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through electrolysis, LH2 is our limiting factor and will be our driving factor to determine how
much power and land we need to process to meet production quotas. To better understand our
production goals, we need to examine how much LH2 mass we need to provide every year for
the various missions to Mars. The following table outlines the total amount of LH2 mass
required every launch window and the amount of time between launches:
Table 4.7: LH2 Mass Requirements per Launch Window
Year
2028
2030
2031
2032
2033
2035
2037

XM3
3
2
3
1
2
3
3

Cycler
1

CarLa

HuLa

3

3

3

3

1

1
1

LH2 (Mg)
264.61
111.18
264.61
55.59
333.09
264.61
486.52

Period (Years)
2
2
1
1
1
2
2

The values above can be found in Appendix AK, AZ, and BX. Due to varying numbers of
vehicles launching each window, we will have fluxuation in LH2 mass requirements. These
fluxuation can causes peaks and lows in power demands due to varying production quota every
launch window. However we can eliminate these fluxuation by setting a constant yearly LH2
production rate. By ensuring our total cumulative output of LH2 exceeds our total cumulative
consumption of LH2 at all times, we can optimize the sizing of our propellant production plant.
Examining the figure below, we can visual represent our total cumulative production and
consumption of LH2 to aid our decision making:
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Figure 4.1: LH2 Production Rate vs LH2 Consumption Rate
From Figure 4.1, we can visually see that with an annual production rate of LH2 at 215 Mg,
we can provide enough propellant to all of our launch vehicles to Mars. Therefore, we are going
to size our propellant plant to produce 215 Mg of LH2 every year.
However before examining the sizing of our propellant plant, we need to make sure an annual
production rate of 215 Mg of LH2 is feasible and sustainable, given our ISRU background is at
Shackleton Crater. The table below details some relevance statistics with mining water at
Shackleton Crater with our desired consumption rate.
Table 4.8: Annual Statistics on Mining Water at Shackleton
Shackleton

Value

Units

Annual H2 Mass Mined
Annual Water Required
Annual Regolith Required
Total Amount of Water Available
Annual H2O Depletion Rate

215
1935
29770
38,270,000
0.00506

Mg
Mg
Mg
Mg
%

With an annual H2O depletion rate of less than 0.01%, we can safely say mining water at
Shackleton in order to produce propellant is a sustainable option.
D. Lunar ISRU Production Plant Overview
We will satisfy our propellant demands through the use of two processes: water extraction and
propellant production. In the water extraction process, we first extract the water from the regolith
Julian Wang | 30

Moon Missions

Project Aldrin-Purdue

by heating the regolith up the boiling point of water in a low pressure furnace. Next, we will
compress the water vapor to make it easier to condenser. Finally, we will cool the water vapor
through a condenser until it condenses into a liquid. A thermal regeneration cycle is added to
reduce overall system power requirement by using the energy tapped off from the cooling water
vapor. The following figure on the next page is a diagram of the water extraction process.
The next, the propellant production system uses the water produced from the water extraction
process to create our required propellant. We accomplish this by first running the liquid water
through a PEM electrolysis system that splits the water into hydrogen and oxygen gas. The gases
will then be filtered and separated. The separated oxygen gas will then be cooled through an
oxygen liquefier system which will liquefy the oxygen gas for storage. The hydrogen gas
however will have its pressure raised through a compressor first.

Figure 4.2: The complete Water Processing and Regeneration cycle
Due to the low boiling point temperature of hydrogen gas, it is advantageous to increase its
pressure in order to raise the boiling point temperature. A higher boiling point temperature will
mean less energy required to liquefy the gas. Once the pressure of the hydrogen gas is raised to
our desired conditions, we will finally cool it through a hydrogen liquefier to turn it into liquid
form for storage.

The helium loop in this system acts mainly as the coolant for the oxygen and hydrogen
liquefier. It will also have a radiator to remove the excess heat it absorbs through the liquefier
system. We can assume a radiator system can work to cool the helium to extremely low
temperatures because we are in a permanently shadowed region at the South Pole of the Moon.
The following figure is a diagram of the propellant production cycle.
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Figure 4.3: The complete Propellant Production and Cooling cycle

Further in-depth analysis of the lunar ISRU production plant can be found on Appendix Z and
Appendix AA.
E. Lunar ISRU Production Plant Sizing
Since we need to produce at 215 Mg of H2 annually, we can size our lunar ISRU production
plant to a maximum yield of 215 Mg of H2 per year. The following table describes the
specifications of the propellant production plant:
Table 4.9: Lunar ISRU Production Plant Specifications
System
Water Production
Plant
Propellant
Production Plant
Total ISRU Plant

Power
(MW)

Mass
(Mg)

Volume
(m3)

2.04

3.72

5.35

1.56

3.56

6.47∙103

3.60

7.28

6.47∙103

Based on these values, the power and mass requirements are manageable at 3.6 MW and 7.28
Mg respectively. The system volume is massive because it includes the volume necessary for the
tanks necessary for the propellant as well. The volume necessary for the tanks encompasses
nearly

99%

of

the

propellant

production

plant.
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VII. VII. Production of oxygen on the Moon with dynamic solar panels
Oxygen could be produce on the surface of the Moon with dynamic solar panels. The solar
flux is collected by the concentrator, which transfers the concentrated solar radiation to the
optical waveguide transmission line made of optical fibers (Fig. 4.4). Thus, this high-energy
concentrated solar flux is redirected to the thermal receiver for thermo-chemical processing of
lunar regolith in order to provide oxygen. This system allows a very high efficiency (contrary to
an oxygen production system using electrical heating).

The system consists of three major components:


The concentrator : The concentrator consists of multiple facet parabolic concentrators of
seven 68.6 cm concentrators. The reflectivity of the concentrators over the entire solar
spectra will be 0.9. The concentrators use the secondary reflectors to focus the solar flux
in the optical fiber cables.



The solar power transmission line: transmission efficiency of 0.8. Each transmission line
contained 55 optical fibers made of hard polymer-clad fused silica.



The thermal reactor.
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Secondary
reflector

Concentrator

Primary reflector: 0.7 m
Thermal reactor

Optical waveguide
transmission line
Regolith

Concentrated solar flux: 150 W/cm

2

Figure 4.4 Principle of operation of a dynamic solar panel for O2 production

Considering the efficiency above, expected in the next years [1], the all system efficiency is
74 %. The system can achieved a heating up to 2000°C. The system must be equipped with a
two axis solar tracking system.
With an ambient direct solar flux intensity of 880 W/m2, the system with the seven
concentrators give 800 W of power at the output of the optical fibers and 780 W at the quartz
output (on the regolith) which is 150 W/cm2. This flux apply on regolith give a temperature of
2000°C. We know that 1800 °C, is necessary for the Carbothermal reduction process and melt
regolith, thus this system is efficient enough to produce oxygen.

The primary reflector would be 0.7 m diameter. The weight of one of these systems is 72 kg.
It can produce nearly 98 kg of O2 per year (Table 4.).
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Table 4.10 – Sizing of one dynamic solar panel O2 production unit
Moon colony

Number x sizes

7 x 0.69 m

Reflectivity

0.9

Number of fibers

55

Efficiency

0.8

Heating temperature

2000°C

Efficiency

0.74

Power

0.8 kW

O2 (/year)

97.56 kg

Mass

72 kg

Concentrator

Transmission
line

Reactor

Whole system

The oxygen needed on the Moon is 0.82 kg per crewmember per day. If we consider 9 astronaut
on the Moon colony (3 XM-3).

𝑁𝑢𝑛𝑖𝑡𝑠 =

0.82 ∙ 9 ∙ 365
= 27.5
98

(4.1)

To provide enough oxygen for the all colony we need 28 units of dynamic solar powered
oxygen production units. This is a total weight of 1.98 Mg.
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5 | Phobos Base
I. Introduction
The colony base on Phobos features two XM3-P connected to each other on the surface.
Since Phobos has negligible gravity, we employ a harpoon or similar method to anchor the
modules. Once on the ground the modules tether to the surface by drilling the leveling legs into
the surface. This base houses a rotating six person crew and will be in constant communication
with the Mars colony. The Phobos base also has an artificial gravity system in the form of a
centrifuge as outlined in Appendix BB. A model for the Phobos base is shown below in Fig. 1.

Artificial Gravity
Centrifuge

Figure 5.1: Base model shows two connected XM3-Ps with artificial gravity centrifuge.
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II. Module Design
A. Basic Design

For the initial design of the XM3 habitat modules we choose to model the design closely to
that depicted in Dr. Aldrin’s introductory presentation. The inflatable habitation module, known
as the BA330, is also a design inspiration. The BA330 is also used a the return option for the
mission. The core of the exterior design includes a cylindrical shell with a slight dome on top as
well as four connecting ports. The ports of the module are situated directly across from each
other with 60 degree offsets for ports on the same side of the module as shown below in Fig 5.2.
The interior design of the habitat contains four separate vertically stacked floors to house living
areas and any necessary systems such as life support and thermal control. Each interior floor
also holes cut in them for crew access, ducting, and plumbing. This floor layout is shown below
in Fig 5.2. Connecting ports are located on the second floor of the module for ease of access.
The design features three leveling legs located on the bottom of the module to account for
uneven surface conditions.

Fig 5.2: XM3 model shows external view, top view, and floor view with hole locations for
XM3 frame.
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B. Material Selection

The principal alloy we choose as a Structures Team for use in the majority of the vehicles for
this mission is Al 7075-T6. We use this specific alloy for the decent strength and relatively
low weight it possesses as well as its reasonable cost . [1] Advanced materials such as Carbon
Fiber Reinforced Polymers (CFRPs) were also considered, but ultimately ruled out due to
exceptionally high cost of over 50 times that of Al 7075-T6. [1] In the XM3 design Al 7075-T6
comprises the entirety of the external shell of the habitat as well as the interior floors. To
account for any reinforcement materials (nuts, bolts, fasteners etc.) we choose to use Ti 6-4 for
its high strength. For sizing the amount of Ti 6-4, we assume that 0.5% of the volume of the
Al-7075 T6 frame consists of Ti 6-4. Table 5.1 contains the material properties for the two
principal alloys used in the design.

Table 5.1: Material Properties for Design Materials Al 7075-T6 and Ti 6-4. [2] [3]
Material

Density, g/cc

Young’s
Modulus, GPA

Yield Strength,
MPa

Poisson’s
Ratio

Al-7075 T6

2.81

71.7

503

0.33

Ti 6-4

4.43

113.8

880

0.342

C. Sizing

1. Dimensions
In order to follow mission specifications, the XM3 needs to provide an acceptable amount of
habitable volume to accommodate the crew and all necessary systems for the mission. At the
same time the habitat needs to be as light as possible to minimize propellant and material costs.
The final design of the module features frame dimensions as outlined on the next page in Table
5.3.
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Table 5.3: Primary Dimensions for XM3 Structural Frame.
Height, m

Diameter, m

9.32

Wall Thickness, m

7.6

Floor Thickness, m

0.02

0.015

These dimensions are driven by the structural analysis shown in the Appendix BC as well
as volume requirements for systems and crew.

2. Mass and Volume

Based on assumptions for the required volume for crew items and all other requisite systems
for the module, we assume the minimum empty volume needed in each module is 400𝑚3 . In
Table 5.4 the empty volume of the module is shown with the structural volume and mass.

Table 5.4: Empty Volumes and Structural Mass
Total Empty
Volume, 𝑚3
408.5

Floor 1-3
Volume, 𝑚3

Floor 4
Volume, 𝑚3

Structural
Volume, 𝑚3

103.8

97.07

7.648

Structural Mass,
Mg
22.11

As seen in Table 5.4, the final design has an empty volume of 408.5𝑚3 and satisfies our
assumption for necessary habitable volume.

III. XM3 Communication
In order to send and receive gathered information, send video, communicate with Earth, and
collaborate with Mars team, the Phobos crew will have a communication system mounted to
XM3 habitat modules on Phobos.
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A. Communication system

1. Receiving and sending signal and data

The communication system on XM3 modules on Phobos links with Earth and Mars through
satellites located on Mars orbit.

Satellites redirect the signal received to the appropriate

destination. We design the antenna to both receive and transmit the signals and data. Therefore,
the communication antenna on Phobos has two different carrier frequencies to avoid
interference. Uplink frequency is tuned to 2.8 GHz, and downlink uses 3.2 GHz. Appendix J
describes the effect of changing carrier frequencies on other parameters. Communication system
is designed to provide 2-way high definition video feed meeting the mission specifications.

2. Sizing

XM3s on Phobos will each have omnidirectional parabolic RF antenna with 250 Watts of
power required. The transmitter and receiver share the same antenna. We designed the antenna
to be lightweight and compact. In order to minimize the diameter of the antenna, we matched
the diameter of receiver with the diameter of transmitter. However, due to the small diameter
size of the antenna dish, power requirements are high. Table A.1 lists all communication system
parameters for the Phobos base.
Table 5.5: XM3 (Phobos) Communication antenna dish parameters.
Parameters

Value

Diameter, m

0.75

Mass, kg

6.4

Power, W

250

Volume, m3

0.0024

Data rate, Mbps

12

Margin, dB

3

Appendix J shows the relationship between antenna diameter and the power requirement.
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IV. Food and Water
A. Food

Unlike the Mars Base, astronauts living on Phobos will not be farming. Because of this, all
food must be shipped to Phobos in CarLas. The Phobos base will only have six astronauts at a
time. To feed six astronauts for one year, we will send 4.78 Mg of food. This mass of food will
take up a volume of 6.01 m3.
B. Water
Our mission requirements for Phobos call for six crew members continuously living in two
XM3 habitat modules. There is no farming or propellant production planned for the Phobos
base, so we only need to consider the needs of the crew to determine the amount of water
needed. Using the method we discuss in Appendix W, we find that the Phobos base needs at
least 6.077 Mg of water to sustain the crew for a full cycle. Table B.1 shows the numbers used
as input to the water requirements function. To meet this need, we send each module to Phobos
carrying its full standard capacity of 4 Mg of water for a total of 8 Mg to supply the base
initially. Assuming nothing breaks, the maximum average consumption rate is 18.5 liters per
crew member per day for a safety factor of 2.3. This higher safety factor is important because
we cannot extract water from Phobos. Water resupply must be sent from Earth or harvested
from the Martian surface and delivered via HuLa as cargo.

Table 5.6: Inputs used to calculate minimum water requirements
Input

Value

Consumption Rate

8 L/crew/day

Crew Size

6 crew

Recycling Efficiency

91%

Mission Duration

800 days

Contingency Supply

60 days
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V. Life Support
A. Sizing and Redundancy

Because the mission life support requirements for Phobos are so similar to those for Mars,
we can standardize the integrated life support system between the XM3-P and the XM3-M
variants. Physical sizing and power restraints are identical between the two. We size our life
support system so that each module can support a crew of six independently. With two modules
supporting six crew members instead of just one, the life support safety factor for the Phobos
base is 2. This redundancy means that even if one of the modules fails completely, the crew can
survive in the remaining module until the failed one is repaired. Table A.1 gives the mass,
power, and volume totals for the water and life support systems for a single module on Phobos.
The volume of the water supply is contained within the water storage, and the volume of the
water treatment system is integrated with the total life support system. Ventilation is separated
from the life support system because of the large volume of the ducts that circulate air around
the module. Appendix N provides more detail about life support components, their
functionality, and the mass/power/volume requirements of each component.

Table 5.7: Combined water and life support mass, power, and volume specifications for
one XM3-P habitat module
Portion

Mass (Mg)

Volume (m3)

Power (kW)

Water

4.000

(Water Storage)

0.000

Water Storage

0.400

7.330

0.018

Water Treatment

1.615

(Life Support)

3.100

Life Support

1.255

4.500

8.000

Ventilation

0.090

2.600

0.025

Module Total

7.360

14.43

11.14

Base Total

14.72

28.86

22.28
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VI. Volume Allocation and Layout
Each of our XM3s is designed similarly for ease of manufacturing and usage. The crew
spends majority of their time in the XM3 Core therefore the design is based on crew needs. We
have XM3 Core variation on the Cycler, Mars, and Phobos. The variations differ on the internal
layout and the mass and volume for crew requirements. The bare bones structure of each of the
XM3’s is the same for each variation.
A. XM3-P Core

Our XM3-P Core differs from the other XM3 variations in that we include an artificial
gravity section and we have a larger controls section. A maximum of 6 astronauts are there for
slightly over 2 years so less items are necessary compared to the XM3-M core. We bring
items necessary for crew survival, crew comfort, and module functionality. Example items for
crew survial that we bring are space suits, cooking supplies, and spare parts. For crew comfort
we bring items such as furniture, beds, clothing options, and personal hygiene supplies. We
bring restraints, operations supplies, command equipment, and other similar items for module
functionality. Both of our XM3-P modules has a total habitable volume of 304.6m3. The mass
of the items not including consumables on the XM3-P is 4.34Mg. We display the layout of the
XM3-P is in Fig. 5.3. We create similar layouts for each of the XM3 vehicles. In Fig. 5.3a we
display the 2nd floor and Fig. 5.3b we illustrate the 3rd floor. The 4th floor is used as a medical
bay, described the next section. Table 5.8 gives the general mass and volume distribution for
the XM3-P crew floors. Table 5.8 does not include mass and volume of consumables. The
mass and volumes of each of the items included in allocated space is detailed in Appendix U.
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Figure 5.3 a) Our layout for the 2nd floor of XM3-P module. b) Our layout for the 3rd floor
of XM3-P module.
Table 5.8: Volume and Mass distribution of items in the XM3-P.
Defined Space

Amount

Mass [Mg]

Volume [m3]

Group Area

1

0.79

96.5

Personal Space

6

0.11

9.4

Maintenance/Controls Area

1

2.45

145.6

Recreational Area

1

0.44

6.1

4.34

304.6

Total
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We divide up the space of the crew quarters based on historical long term missions and
NASA standards given based on the amounts found in NASA Deep Space Mission Report [5].
Since there are currently no exact models for long term space explortation we worked on
optimizating volume for our mission based on the ISS and BA330 [6,7]. Each allocated space
works for multiple crew functions. We choose volume allocation in this way to reduce the
overall mass and volume of the system while balancing recommended area per person to reduce
psychological risks [4]. The group area contains the kitchen, dining, group leisure, training and
meeting space. Since Phobos does not have gravity, we fix furniture and other permanent items
in place. We provide less furniture for the XM3-P than on the XM3-M because astronauts will
use locks or straps to hold themselves in place if necessary. We offer each crew member
personal space dedicated to sleep, leisure, private medical care, clothing stowage, and changing
clothes. Near the group area, the maintenance area affords for module maintenance, stowage,
training, and lab space. Permanent items and fixtures in the maintenance area are fixed in place
because of the zero-g environment. The recreational area we provide for the crew contains space
to exercise and for additional stowage. We locate the hygiene area is in the artificial gravity
section to prevent issues of zero-g waste removal and water usage. The hygiene areas are for the
crew to use the bathroom, shower, and maintain overall good hygiene. We offer a washer and
dryer on the artificial gravity section for the crew members to use to reduce the mass and
volume of clothing needed for the Phobos mission.
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B. Med Bay
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1

Medical Supplies and Equipment Racks
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General Storage

3

Medical Tables

Figure 5.4 Med Bay Layout
Table 5.9: Volume and Mass distribution of Med Bay items.
Item

Mass [Mg]

Volume [m3]

4

1.060

16

2

0.530

8

2

0.530

8

2.12

32

Amount

Medical Supplies and
Equipment Racks
General Storage
Medical Tables
Total
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6 | Mars Base
I. Introduction
The base on Mars serves as the primary base of operations for the colony. This base has nine
XM3-Ms arranged in the triangular arrangement shown below in Fig 6.1. These nine modules
are further divided into four sub-variants to serve different roles for the colony. The colony is
also capable of housing the maximum 54 person occupancy. More detail on the sub-variants can
be found in Appendix (Letter). The entire colony is also covered by a inflatable dome filled with
martian regolith to provide radiation shielding which is described in detail in section 6.VIII.

Fig 6.1: Catia Model shows the nine connected XM3-Ms and the sub-variant locations.
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II. XM3 Communication
The Mars crew has to be able to communicate with Earth, Phobos, and vehicles on the
Martian surface to exchange information. Therefore, we provide a communication system for
Mars base. In order to reduce the complexity, all of the Mars XM3 modules will share the same
antenna.
A. Communication system

1. Receiving and sending signal and data

Similar to Phobos base, Mars XM3 modules link with earth, Phobos, and vehicles on Mars via
satellites placed on Mars orbit. Section 12 provides information about satellites that will be
placed on Mars orbit. We design the antenna to both receive and transmit the signals and data.
Communication antenna operates at same frequency as communication antenna on Phobos at
2.8 GHz for uplink, and 3.2 GHz for downlink [2]. Mission specification requires 2-way HD
video streaming. Therefore, we design the Martian base communication antennas to send and
receive HD quality videos.

2. Sizing

During the Mars entry spacecraft uses Adaptable Deployable Entry and Placement Technology
(ADEPT) to decelerate. Its shape is similar to parabolic antenna. Since after the landing of the
spacecraft ADEPT is not used, we use it as a communication antenna for Mars base. Detailed
information about ADEPT system is provided in AEDL part of Section 8. Reusing ADEPT
allows us to reduce the overall mass of spacecraft. Because of its shape, ADEPT will be used
as a parabolic RF antenna. The antenna is fixed because it communicates with a satellite at
areostationary orbit which is located above the Martian base on a permanent base since its
rotational period coincides with Mars. Since ADEPT has a large diameter, it has very low
power requirement. Relationship between diameter and power is described in Appendix J. All
the parameters of the Mars base communication system are listed in Table 6.1.
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Table 6.1: XM3 (Mars) Communication antenna dish parameters.
Parameters

Value

Diameter, m

30

Mass, kg

57.3

Power, W

5

Volume, m3

2.285

Data rate, Mbps

12

Margin, dB

3

Appendix E shows the backup plan in case if ADEPT cannot be used as intended.
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III. Food, Water, and Farming
This section will discuss all items needed to feed the astronauts at the Mars Base. These items
have influence across all aspects the mission.

A. Calorie Requirements

Food requirements for this mission will be based on caloric intake. Caloric consumption
became the driving factor for a couple reasons. Caloric intake requirement for women and men,
ages ranging from 19 to 50, and situations where the astronauts are sedentary or active were
looked into. With all these factors considered and assuming the astronauts will always be active,
a total value of 2600 calories per day per astronaut is needed. (detailed in appendix U) Another
dietary requirement is 130 carbohydrates per day. The carbohydrate value is easily met when
consuming 2600 calories per day. Meals for the trajectory time frame and 60% of the colony
time frame will be prepackaged and sent with the astronauts. The other 40% that is not sent in
CarLas will come from farming done while on Mars. The 40% is a goal we want to achieve to
help bring sustainability to Mars. The farming process will be discussed later. The prepackaged
meals are based on a combination of the food used by the ISS and Meals Ready to Eat (MREs).
An average MRE contains 1250 calories and has a shelf life of 5.83 years. [4] The average
weight for these meals is 0.625 kg. These meals have the required utensils, water content, and
heating materials to prepare the meal. For packaging purposes, the average densities for a range
of common food items were calculated. Using the known information, a code was created to
determine the mass and volume required to ship the needed food. Inputs for this code are the
number of astronauts and the number of days. The code can also be included to calculate
different percentages of farming. The final step in the process was adding it into the human
factors master code.

B. Farming Method
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We choose aeroponics as the farming method for the farming operation on Mars. Aeroponics
helps minimize mass by removing the growing medium such as soil from the farming process.
Instead of watering plants in soil, plants are suspended with their roots in the air and are watered
by a mist of nutrient-rich water [3]. Aeroponics also increases crop yield by eliminating soilborne diseases and keeping the crops healthy [4]. This method of farming decreases the mass
required for farming and increases the amount of food that can be grown which meets the design
objectives of this project. Increasing the crop yield will decrease the amount of area that needs to
be dedicated to farming as well as the amount of food that needs to be shipped from Earth.

C. Crop Options
With the food requirements and method decided, the next step for farming was the deciding
types of plants to consider planting. Through a process of researching yields per area, nutritional
value, and turnaround time we decided on seven plants. These plants are sweet corn, potato, soy
beans, sweet potatoes, pinto beans, wheat, and snap peas. Appendix N explains the rationale on
why these plants were chosen.

D. Crop Choices

In order to increase the nutritional value of the crop yields grown within the Martian colony,
we limit the original seven crop choices to the four crops that provide the most calories.
Shrinking the number of crops from seven to four allows more of the high calorie crops to be
grown within the farming area on Mars further decreasing the amount of food that needs to be
shipped from Earth to meet the colonists’ needs. We do not lower the number of crops past four
in order to maintain a variety of options for the colonists to eat. We determine the four crops
from the original seven by analyzing how the crops perform when grown exclusively within the
XM-3 farming variants (XMF-3) for a period of one year on constant rotations. Further
explanations of this analysis can be found in Appendix O.
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Based on the results of the previously mentioned analysis, we determine the four crops to be
potatoes, soybeans, pinto beans, and wheat. Sweet potatoes provide more calories than wheat,
but, due to the similarity between potatoes and sweet potatoes, we remove sweet potatoes as an
option for the four crop choices in order to facilitate a larger variety of dietary options. Snap
beans have too little nutritional value in the form of calories to be in the four chosen crops. Corn
requires too much volume to be a viable option compared to wheat.

E. Farming Areas

As mentioned above, farming will be done to help decrease the need of food shipments.
Farming will be conducted on both the XM3’s and the CarLas. As more CarLas arrive, more
farming will be able to be done. Two specific XM3’s are geared to be used as farming modules.
These specific modules have been altered from other XM3’s. The farming XM3’s have two
floors dedicated to farming and also have room for storage or for living areas for the astronauts.
Later calculations and numbers will be using the fact of two XM3’s with a range of CarLas.

F. Farming in CARLAS

The decision to use CARLAS as farming modules stem from a variety of reasons. The first
of these is the needed space. Farming will require a large amount of area to reach the 40%
sustainability we want to reach. Using just XM3’s will not be sufficient. A second reason stems
from the mission wanting to minimize waste and be environmentally friendly. After landing and
being unloaded, the CARLAs will be large empty shells with some life support equipment. With
a few alterations, these shells can be used for farming with great efficiency. This decision will
both eliminate waste and allow for more farming area. These CarLas will be moved using the
crane into a semi-circle around the XM3’s. This setup allows for easy access to the CarLas and
to allows them to be under the radiation shield. Using the oxygen produced by the plants will
furthermore reduce the workload of our human factor air systems.
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G. Farm Sizes

The area being farmed in the CarLas is the same as an XM3. This similarity allows for a
more high tech design with all of them being the same. The general layout of the floor will be
universal between farming in the XM-3’s and farming in the CarLas. Below you can see a
visualization of the spacing used between plants. Note: This does not show air vents, ladder
shuts, or wiring tubes.

Figure 6.2: Example of farming layout with proportional division of plants

A path that has a width of 0.5 meters will encircle all of the farming. One more path is located
directly through the farming to allow access to crops in the center. With this design, the farthest
an astronaut will have to reach to access a plant is 3.03m. The distance can be easily managed by
use of grabber tools. The inner diameter of the shell is 3.76 meters. The total area per floor of
farming that can be used to house plants is 30.52m2.

Kevin Lapp, Andrew Bokhart | 55

Mars Base

Project Aldrin-Purdue

H. Area Allocation

We define the farming area allocation for each of these crops by conducting another analysis.
The goal of this analysis is to identify a combination of different area allocations for each plant
which minimizes the number of CarLa farms, maximizes the crop yield, and still provides
variety. Further explanations of the analysis can be found in Appendix O.

We determine the area allocation to be: 50 percent of the farming area will be for potatoes, 25
percent of the farming area will be for soybeans, 12.5 percent of the farming area will be for
pinto beans, and the remaining 12.5 percent of the farming area will be for wheat. These results
did not minimize the number of CarLa farms or maximize the crop yield, but they did provide a
balance between all three criteria. An in depth discussion regarding this conclusion can be found
in Appendix O.

I. Farming Operations Set-Up

Figure 6.3 and Fig. 6.4 provide a visual representation of the general layout of the farming
operation on one floor within a XM-3 farming variant from a vertical and horizontal viewpoint,
respectively.
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Figure 6.3: Vertical view of the farming operation on one floor within the XM-3 farming
variant.

Figure 6.4: Horizontal view of the farming operation on one floor within the XM-3
farming variant. (Not to Scale)

The distribution of the farming area within the XM-3 farming variants is visible in Fig. 6.3.
The green areas within Fig. 6.3 represent the area of the floor in which farming occurs. The
semicircular arcs missing from the floor layout signify the ladders for traveling between floors
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of the XM-3s. The rectangles cutting into the edge of the floor layout are the air ducts. The
circles missing from the floor layout are the water pipes traveling through the XM-3. The light
gray gap bisecting the farming area is a walkway for the colonists to use to transverse the floor.
In order to try and maximize farming size within the XM-3s, this walkway is only half a meter
wide. There is an additional walkway along the edge of the farming area but it is not always half
a meter thick due to the air ducts and water pipes.

Figure 6.4 provides a general representation of how the farming operation will appear from a
horizontal viewpoint. The image in Fig. 6.4 is comprised of three main sections: the aeroponic
systems, the crops, and the light fixtures. Actual design and testing of an aeroponics system was
not conducted during the course of this project. We assume that a working apparatus could be
constructed within the XM-3 prior to launch or on Mars. The crops will be placed horizontally
on the aeroponic system. We suspend the light fixtures from the ceiling to approximately one
foot above the crops.

J. Light Sources

The three different light sources we consider as options for grow lights for the indoor farms
on Mars are: incandescent light bulbs, Compact Fluorescent Lights (CFL), and Light Emitting
Diodes (LED). For the purposes of this mission, we compare the power efficiency, operational
life, and material composition of each light source. We consider power efficiency in choosing
the lighting due to the limited amount of power available for the colony on Mars. Limiting the
amount power devoted to farming as much as possible allows more power to be allocated to
other important functions and systems within the colony. We consider operational life of the
light source due to the rarity of supply missions being sent to Mars. Since the CarLas will only
arrive approximately once every two years, stocks of replacement parts within the colony will
be necessary as will space aboard the resupply missions to replenish the lights. Light sources
with shorter lifespans will require more replacements within the colony and space aboard the
resupply missions. We also consider material composition to take into account any hazardous
materials that the light source may expose the colonists to.
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An in depth discussion of the capabilities of each light source is present in Appendix O. As a
result of the discussion, Light Emitting Diodes are our chosen source of light for the indoor
farms. LEDs are more efficient than incandescent light bulbs and CFLs because they do not use
heat to create light like the other two sources. Since LEDs do not operate using heat, a majority
of the power inputted into the sources becomes light. The LED has the longest average
operational life out of the three options at a value of 25,000 hours [3]. The composition of LEDs
does not contain mercury or glass like CFLs which could harm the colonists and requires waste
management techniques.

We use a case study of four LED grow lights on the market to obtain specifications for mass,
power, and volume of an LED lighting fixture. The four models that we use are: the Spydr 1200
Grow-Max Spectrum, the NeoSol Ds Horticulture, the Spectrum King (SK450), and the Halo
(SGL6). The goal of the case study is to determine an LED grow light model that has a small
overall mass contribution, overall power requirement, and overall volume occupied when the
entire farming area within a single XM-3 farming variant is provided with light from units of
that model. An in depth description of how we conduct the case study can be found in Appendix
O.

By conducting the case study, we find that the LED grow light model Halo (SGL6) has the
smallest overall power requirement and volume occupied out of the other three grow lights. The
Halo (SGL6) model, however, has an overall mass contribution that is slightly higher than the
mass contribution of the Spectrum King (SK450). Since the Halo meets two of the three criteria
for the analysis and is only slightly off from meeting the third, we choose the LED grow light
model Halo (SGL6) as the light fixture for the farming operations on both the XM-3 farming
variants and CarLa farms. Numerical results for the Halo LED grow light model operating
within a single XM-3 farming variant can be found in Table 6.2 below. Numerical results for
the Halo model operating within a single CarLa farm can be found in Table 6.3.
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Table 6.2: Table containing the total summations of values calculated for the Halo (SGL6)
LED grow light model for a single XM-3 farming variant. (i.e. Power = total power
required to operate all the Halo lights within a XM-3 farming variant)
Power (KW)

Volume (m3)

Mass (Kg)

Heat (W)

Number of Units

7.9

2.0

645.0

790.0

316

Table 6.3: Table containing the total summations of values calculated for the Halo (SGL6)
LED grow light model for a single CarLa farm. (i.e. Power = total power required to
operate all the Halo lights within a CarLa farm)
Power (KW)

Volume (m3)

Mass (Kg)

Heat (W)

Number of Units

5.3

1.3

430.0

526.7

211
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K. Production & Resupply

With successful farming, we will reduce the amount of food needed to be sent with CarLas.
Using the goal of 40% sustainable and assuming 18 astronauts for a year, we will need ten
farming CarLas. These ten farming CarLas will provide 34.1% of the calories and have a yield
of 3.8 Mg. The extra 5.9% of our goal is grown inside of the XM3-Fs. The food being sent per
year, for the other 60%, will be 7.39 Mg and will have a volume of 9.29 m3. This mass and
volume can easily fit inside one CarLa.

L. Water

Our mission requirements for Mars call for an initial crew of 18 astronauts in 2040 and
increasing to 54 astronauts by 2044. The base itself consists of nine modules that will be in
place before the first crew members arrive. If we only consider the crew’s needs, then the bare
minimum water supply is 18.23 Mg to last for the first crew cycle. We discuss the formula to
calculate water requirements in Appendix W. Table 6.4 gives the inputs to the function for the
initial crew cycle. With nine modules on the Martian surface, 36 Mg of water are available for
consumption.

Table 6.4: Inputs used to calculate minimum water requirements
Input

Value

Consumption Rate

8 L/crew/day

Crew Size

18 crew

Recycling Efficiency

91%

Mission Duration

800 days

Contingency Supply

60 days

The Mars colony is complicated by the fact that we are not just supporting the human crew
on the surface. We also must consider water used for farming, which drastically increases the
consumption rate. The excess water supply available initially is sufficient to begin farming, but
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more water must come from somewhere to sustain both crew and crops. Though it is
theoretically
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possible to send the required water via CarLa resupply missions from Earth, harvesting water
from Martian soil is a far more attractive option. Appendix AB covers the techniques and
hardware for Martian water extraction in more detail.

In addition to farming, we can use water for in-situ production of methane as a propellant.
This requires specialized equipment for extracting and converting Martian water because the
colony resources are insufficient. There is not enough supply available for crew, farming, and
propellant production, and the amount of methane produced as a byproduct of the life support
system is negligible compared to the amount needed. Appendices AA and CK discuss
propellant

production

in

depth.

M. System Expansion for Greater Processing Capacity

As the colony grows, so too must the capability of the water systems. While the initial water
capacity of the Mars colony is enough to support a crew and begin farming, we want to expand
the capacity of the water circulation systems to handle the extra load of more crew members.
We achieve this by adding more water tanks to increase available storage and adding highcapacity water treatment systems and freeze dryers to avoid overstressing the standard XM3-M
hardware. Figure 6.5 shows an example of what a floor converted for water processing and
storage might look like with space allotted for rack-mounted equipment. We send it via CarLa
because even with empty water tanks, the specialized equipment would add at least 2.84 Mg to
the launch mass of an XM3-M and thus increase the IMLEO of the mission.
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Figure 6.5: A floor in the XM3-M can be converted to increase water storage and
processing capacity with specialized equipment sent by CarLa.

Each floor converted for water storage and treatment adds an additional 7.6 Mg of water
storage capacity. Increasing the storage capacity is important because we want to make sure the
crew can survive even if there is an interruption in water resupply. Assuming nothing goes
wrong with the water recycling, a crew of 54 will consume 31.1 Mg of water during an 800-day
cycle. The base capacity of 36 Mg is sufficient to cover that amount, but the safety factor is only
1.16. Converting one or two floors to water specialization boosts that safety factor to a more
acceptable level. Table 6.5 lists the possible scenarios and associated safety factors for water
supply as the colony grows.
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Table 6.5: Safety factors of different crew and water supply scenarios
Crew Size

Water Supply (Mg)

Safety Factor

18

36

3.47

18

43.6

4.21

18

51.2

4.94

36

36

1.74

36

43.6

2.10

36

51.2

2.47

54

36

1.16

54

43.6

1.41

54

51.2

1.64
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IV. Life Support
A. Sizing and Redundancy

We size the Mars life support system using the base values given in Appendix N. We note
that the mass, power, and volume totals are identical with those of the Phobos base for a single
XM3 module. The only difference is that there are nine modules on Mars supporting an initial
crew of 18 and growing to support 54 by the year 2044. Table 6.6 gives the mass, power, and
volume totals for life support hardware in each individual module as well as the combined total
of all nine modules comprising the finished colony.

Table 6.6: Combined water and life support mass, power, and volume specifications for
XM3-M habitat module
Portion

Mass (Mg)

Volume (m3)

Power (kW)

Water

4.000

(Water Storage)

0.000

Water Storage

0.400

7.330

0.018

Water Treatment

1.615

(Life Support)

3.100

Life Support

1.255

4.500

8.000

Ventilation

0.090

2.600

0.025

Module Total

7.360

14.43

11.14

Base Total

66.24

129.9

100.3

To simplify the design and minimize the launch mass of the XM3-M modules, we
standardize the life support systems. This setup also allows us more freedom to customize each
module for a specific purpose after the colony is established. As the colony grows and life
support needs go up, we simply add more equipment to accommodate the larger crew size. A
distributed system allows greater flexibility for changing requirements.
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V. Habitat Layout
A. XM3-M Core

In our design, the XM3-M core is the largest in terms of volume and mass of our variations.
The crew spends for the longest amount of time in the XM3-M core and therefore this vehicle
has the most habitable volume. The internal layout is based on NASA standards and estimated
long term space flight numbers [6,7]. In figure 6.6.1a we show a rough internal layout of the 2 nd
floor of the XM3-M module. In figure 6.6.1b we display the 3rd and 4th floor of the module. The
3rd and 4th floors of the XM3-M are the same because at the colony maximum each XM3-M
core will house 12 crew members. Figure 6.6.1a and 6.6.1b shows the volume proportionality
of the items and dedicated spaces inside the XM3-M. The habitable volume of each of our
XM3-M cores is 328.1m3. The mass of the items excluding consumables on each XM3-M is
5.12Mg. Each of our modules has the ability to support up to 12 crew members at one time. We
organized the internal XM3-M core layout by separating group space from individual space.
The Table 6.7 displays the summarized list of volume and mass distributions of the items in the
XM3-M core. A detailed list of the volume and mass of all itmes is provided in Appendix U.
Table 6.7 does not include the mass and volume of consumables.
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Figure 6.6.1 a) Our layout for the 2nd floor of XM3-M core module. b) Our layout for
the 3rd and 4th floor of XM3-M core module.
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Table 6.7: Volume and Mass distribution of Items in the XM3-M Core.
Defined Space

Amount

Mass [Mg]

Volume [m3]

Group Area

1

0.79

96.50

Personal Space

12

0.11

9.39

1

1.55

96.5

2

0.44

6.10

2

0.24

5.12

5.02

328.1

Maintenance
Area
Recreational
Area
Hygiene Area
Total

We divide the crew quarters in similar fashion as for the XM3-P previously explained.
Notable differences include the six additional personal spaces, the hygiene areas, and the
reduced area for maintenance and controls. We include the six extra personal spaces on the
fourth floor for the additional crew members that will be on Mars. On the fourth floor we also
include an additional recreational area for the astronauts. With second recreational area we
prevent either recreational space from becoming over crowded or overheated since each crew
member is required to exercise for 2 hours on 6 days each week. Since Mars has gravity, an
artificial gravity section is not required, therefore the hygiene areas will be housed within the
XM3-M core. We provide the crew members two bathrooms, one which includes a shower. Our
hygiene areas replace the controls/maintenance area on the XM3-P, effectively converting the
additional maintenance area to hygiene area. The hygiene area on the fourth floor is location for
stowage rather than additional hygiene spaces. Since Mars has gravity, we do not need to fix
furniture inside the XM3-M is done in the XM3-P. We include more furniture on the XM3-M
than on the XM3-P because crew members do not have the ability to float in place as they do on
in zero-g environments. To create more space when necessary we allow the furniture to be
moved to transform spaces. Moveable furniture and items allows for each space to have the
ability to be used for multiple functions.
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B. Medical Bay

The med bay layout shown in Fig. 6.7 below is the same for the XM3-C-M, XM3-C, and
XM3-P. It is located on the top floor on all three modules and the dimensions for the racks and
tables are based on International Space Station lab racks found aboard the Destiny module.
2

1

1

3

3

1

1

2

Number

Area

1

Medical Supplies and Equipment Racks

2

General Storage

3

Medical Tables

Figure 6.7 Med Bay Layout
Table 6.8: Volume and Mass distribution of Med Bay items.
Item

Amount

Medical Supplies and
Equipment Racks
General Storage
Medical Tables
Total

Mass [Mg]

Volume
[m3]

4

1.060

16

2

0.530

8

2

0.530

8

2.12

32
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VI. Martian In-Situ Water Production
The motivation of Martian in-situ water production is to provide access to a long term
sustainable supply of water for the Martian colonists. This section will assume the Martian
colonists have chosen Cebrenia as a colony site in order to explore the possibility of in-situ water
production.

A. Cebrenia Quadrangle Regolith Properties

In this section, we will examine the property of regolith at Cebrenia in order to provide the
core assumptions used for our ISRU analysis. The following tables details the values used
throughout the analysis:
Table 6.9: Regolith Properties at Cebrenia Qunadrangle
Variable

Value

Ice by Weight[1]

15%

Density of Regolith[2]
Depth of Minable Regolith

1.91 Mg/m3
1m

The Table 6.9 reveals Cebrenia has immense potential of water in the form of ice embedded in
the Martian regolith. We will also assume we can expect to find consistent ice content within the
regolith up to 1 meter of depth.
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B. Lunar ISRU Production Requirements and Analysis

In this section, we will examine the water production requirements we will need to meet so we
can provide all of the water needs for the Martian colony.

The Martian colonists will try to recycle as much water as they can. However due to
inefficiencies during the water reclamation process, we will need to replenish the water that was
loss occasionally. Current estimates state the colonists on Mars will need an upkeep of 100 Mg
of water over a period of 2 years (Reference to Chapter 6 Section IV).
In addition to providing water for the colonists, there is interest in using water reclaimed from
the Martian regolith to be used for methane production for the Mars Launch Vehicle. In order to
produce enough methane for the Mars Launch Vehicle, we require 100 Mg of water as well.
Ideally, water production will begin when the first unmanned XM3s arrive on Mars, therefore
giving us a period of 2 years to produce all of our necessary water. The water production for the
Mars Launch Vehicle will only be a onetime event, while water production for the Martian
colony will be for indefinite. Finally, the water production for the Mars Launch Vehicle occurs
before any colonists land on Mars, while the water production for the colony occurs after humans
have landed. Therefore there is no overlap in production schedules for these two requirements.
The following table recaps the water requirements on Mars:
Table 6.10: Martian Colony Water Requirements
Water Usage on Mars

(Mg)

Colony Upkeep (Continuous)
Fuel Production (One time)

100
100

Period
(Years)
2
2

Since there is no production overlap, we need to produce at least 50 Mg of water per year to
fulfil our colony’s need. Therefore we can size our water production plant based on a maximum
production rate of 50 Mg of water per year.

C. Martian Water Production Plant Sizing
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We will accomplish our water production through the use of the water extraction plant detailed
in Appendix AB. With a demand of 50 Mg of water per year, we can size the power, mass, and
volume requirement. The following table describes the specifications of the Martian water
production plant:
Table 6.11: Martian Water Production Plane Specifications
System

Power (MW)

Mass (Mg)

Water Extraction
& Purification

0.12

0.25

Volume (m3)
0.35

D. Further Acknowledgements

A technique we should investigate in the future is using microwaves to dry the wet regolith.
While microwave technology does have its limitation, such as depth penetration and the ability
to excite water when mixed with containments, it could possible lead to a great reduction in
energy consumption for the regolith furnace because we will be selectively heating up the
regolith, instead of heating the entire regolith.
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VII. XM3-M Thermal Control System
A. Passive Thermal Control

1. Design Goals
The goal of the passive thermal control system is to minimize the use of the active control
system. There are two ways to approach this goal. There first is to minimize the maximum
amount of heat that the active system will have to move. The second is to minimize the average
amount of heat that the active system will have to use. The benefit of designing to the
maximum heat load is that the active thermal control system will be smaller. The benefit of
designing to the average heat load is that the active system can run on lower power normally.

The point of maximum heat flux through passive heat transfer is when the Martian
atmosphere is at its coldest point and the wind is at its fastest. At minimum heat flux point is
when the Martian atmosphere is essentially stagnant and at its hottest. The minimum, average,
and maximum heat flux points are summarized in Table 6.12.

Table 6.12: Minimum, average, and maximum passive thermal control heat flux points [1]
Heat flux point

Atmospheric
Temperature (oC)

Wind Speed (m/s)

Minimum

-130

30

Average

-50

10

Maximum

20

1

We decide to design the passive thermal control system to the average heat flux point so that,
on average, the active system will not consume as much power.

2. Design of Passive Thermal Control System
There is one major aspect of the passive thermal control system. This aspect is how much
insulation that needs to be put on the inner structure of the XM3-M. We set the insulation
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thickness so that the amount of heat transfer from the habitation module to the Martian
atmosphere on an average day is equal to the amount of heat generated inside of the XM3-M.

The type of insulation used on the XM3-M is polyimide insulation. Polyimide is a common
and lightweight aerospace insulation. It has a thermal conductivity of only 0.034 Watts per
meter Kelvin and a density of only about 70 kilograms per cubic meter [2].

3. Radiation Shielding
We are using the Martian regolith to meet the radiation shielding requirement.

The

requirement for the mission is to cover all of the living space in the colony with at least 100
grams per square centimeter. In order to meet this requirement with Martian regolith, we need
to have a layer 40 centimeters thick. The way in which this requirement is met will have an
impact on the passive thermal control system.

There are two options available for the placement of the regolith. The first is to place the
layer around each module like a jacket. The second is to build a dome over the entire colony to
hold the shielding. The jacket concept creates a problem for the thermal control system. A
layer of regolith 40 centimeters thick all around the module effectively adds a layer of
insulation, holding almost all of the heat inside. This insulation effect will require the active
thermal control system to work much harder. The dome design on the other hand does not
present this problem. The dome design is also much easier to fill with regolith than filling an
area around each module. For these two reasons, we are using the dome shielding design.

B. Active Thermal Control System
1. Design Goals
The role of the active thermal control system is to both remove excess heat inside of the
habitation module and to generate heat inside of the module when the passive system removes
too much heat. The Phobos and Cycler variants of the XM3 (XM3-P and XM3-C) must reject
heat only through radiation heat transfer. The Mars variant (XM3-M) is able to make use of the
Martian atmosphere in the thermal control system.
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2. Overall Design
We have two components to the active thermal control system, the first is an ammonia
coolant loop and the second is an external heat exchanger. The life support system circulates
the internal air in order to filter and condition the atmosphere. The ammonia loop pulls heat
from internal circulation system and transfers it to the external heat exchanger.

3. Heat Exchanger Design
We design the external XM3-M heat exchanger to bring in the external air in, compress it
and drive it over a series of pipes containing ammonia. The ammonia needs to be at a higher
temperature than the Martian atmosphere for the system to be able to reject heat. Because the
density of the Martian atmosphere is low, we will pump it up to twice it’s original pressure to
about 1500 Pascals. The pump requires about 10.5 kW of power inorder to do this. We now
assume that the incoming ammonia will be at around 60 oC and 20 bar. The mass flow through
the system is about 1.5 kilograms per second. With this set up we find that the heat exchanger
we design has a mass of 604 kilograms and a volume of 0.62 cubic meters.

4. Ammonia Coolant Loop Design
With the heat exchanger system designed we now need to design a system to bring ammonia
up to the required temperature. Most of the temperature control in this loop is determined by an
expanter and a contracter. A pump pushes the ammonia through the loop. This pump draws
about 5.5 kW of power and with the system piping has a mass of under 100 kg.

5. Farming Varient Thermal Control
Now that we have a system sized to the core XM3-M variant, we need to design one for the
farming variant. The farming module produces significantly less heat. The active thermal
control system will only have to reject 24 kW of heat at peak load conditions. We can use the
same method of analysis to size this system. The internal ammonia coolant loop will be the
same as the core module, but the external heat exchanger will be drastically smaller. While the
pump in the heat exchanger will draw the same power, the number of tubes that are needed
inside is reduced, the mass decreases to just 162 kg and the volume to just 0.14 cubic meters.
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VIII.

Regolith Shielding Dome

A. Design Goals
The regolith shielding dome provides the 100 grams per cubic centimeter requirement for
shielding from solar radiation. The dome design must cover the entire colony and allow for the
rovers to access the habitation modules. The dome must also allow at least some wind through
to aid with the passive cooling of the modules. The dome must be able to be easily unpacked
and filled with regolith.

B. Sizing Considerations

The size of the colony is determined to be nine XM3-M modules, with ten CarLa vehicles set
up for extra farming space. Figure 6.8 shows the layout of the colony.

Figure 6.8: Mars colony layout view from above. The brown line is the shielding dome.

We set the diameter of the dome to be 60 meters in order to accommodate all of the vehicles
underneath it. The dome is centered on the auger, because the auger will provide some
structural support for the dome.

The height of the dome is set by the height of the crane that will move both the CarLa
vehicles and the XM3-Ms into place. The crane is 16 meters tall, therefore the minimum height
of the dome must be larger than 16 meters. The lowest part of the dome is at the edges. We set
the edge height of the dome to be 16 meters.
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C. Design

The regolith dome is design has two pars. These parts are the walls and the roof. The roof is
designed to be a truss structure as shown in Figure 6.9. The regolith fills the empty space in the
truss structure. The truss is made of one meter by one meter by one meter cubes.

Figure 6.9: The roof of the regolith dome is made up of a truss structure of inflatable
beams and columns.

The regolith is excavated by the crane, the crane then carries the regolith and dumps it into the
base of the auger. The auger carries the regolith to the top of the dome roof. A slight slope in
the roof allows the reogolith to flow down across the roof and down into the spaces in the walls
of the dome. Once all of the space inside of the dome structure is filled with regolith, the auger
will shut off.

The wall of the dome will not be made of a truss structure, but of vertical inflatable columns
that extend all of the way up the wall. There will be a 40 centimeter space in between an inner
circle of columns and an outer circle of columns to hold regolith.
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D. Dome materials

The Dome is made from 200 denier Vectran and sealed with a rubberizing agent. Vectran is a
light but extremely strong fabric. It is similar to Kevlar, but much stronger. Spacesuits are
made using Vectran as were the airbags used for the landing system of the Spirit and Oportunity
Mars Rovers.

The Dome is inflated with Nitrogen gas. We pressurize the roof elements to 85 kilopascales
and the wall elements to 100 kilopascales.

The elements are completely sealed with no

passages between elements to prevent leakage.

E. Setup Method

The dome is transported to the colony packed up in a cargo mission. We then have to inflate
the dome once it is in the desired location. We set up the dome before any modules have
arrived. Once the dome has been set up, we attach the auger and begin to fill the dome’s spaces
with regolith. The crane moves the CarLa vehicles and XM3-Ms underneath the dome, starting
with the rear, as they arrive on Mars.

We inflate the dome similar to an airbag in a car. When packed, the inflatable elements are
filled with Sodium Azide. To inflate the dome, we apply a current to the Sodium Azide and
cause it to decompose into Sodium dust and Nitrogen gas. The advantage of this system is that
the dome can be set up without any external equipment and will take its shape on its own.

Justin Guastaferro | 79

Mars Base

Project Aldrin-Purdue

F. Tracking the Sun to Reduce Shielding Mass

In order to reduce the mass of the radiation shield around the colony, we track the position of
the sun in the sky. Knowing the position of the sun throughout Mars’ sol allows us to eliminate
shielding that doesn’t block direct sunlight. First, we note that the axial tilt, 𝛼, of Mars is 25.19°
[12].

Next, we note that the chosen Mars langing location is Cebrenia with the coordinates 43° N
150° E (Appendix R). The latitude of Cebrenia, 43° N, allows us to find the highest position of
the Sun in the sky during an equinox. On an equinox, the Sun will be 47° from the southern
horizon at its highest point in the sky; this is the complementary angle of the positional latitude.
Now, we can find the total range in the Sun’s elevation angle. Since, the axial tilt of Mars is
25.19°, the Sun’s elevation angle will vary by ±25.19° from the equinox solar elevation angle.
This gives the range of solar elevation angles from 21.81° to 72.19° from the southern horizon.
These elevation angles are represented as dotted lines on Figure 6.10.

Now, we know the range of solar elevation angles, but we also need to know the entire path of
the Sun as it traverses the sky. We know that Mars rotates about its spin axis, therefore any
object seen in the sky would appear to move in a plane that is normal to Mars’ spin axis. The
orientation angle of Mars’ spin axis is the complementary angle to the latitude location of our
position. Since Cebrenia is in Mars’ northern hemisphere, the orientation angle of Mars’ spin
axis is measured from the northern horizon. We note that this orientation angle is perpendicular
to the solar equinox elevation angle, and therefore the Sun travels in the plane with the same
angle as the solar equinox elevation angle. Figure 6.10 shows the results of these calculations.
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Figure 6.10: The path of the Sun during the summer/winter solstices, and vernal/autumnal
equinox a traced onto a projection of the celestial sphere of Cebrenia. North is denoted on
the surface plane, and the orientation of Mars’ spin axis is represented.

Figure 6.11: The yellow band shows all possible locations of the Sun in the celestial
hemisphere of 43 N 150 E (Cebrenia).
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Figure 6.11 shows the results of the previous calculations projected onto a three-demensional
hemisphere in order to help us visualize the motion of the Sun. Now that we have traced all
possible paths of the Sun in the Martian sky, we can calculate the maximum angles of the Sun
relative to our location at Cebrenia. We calculate these angles by revolving the the solar
elevation angles about Mars’ spin axis (see Fig. 6.12).

Figure 6.12: The yellow body represents all possible locations of the Sun relative to
Cebrenia.

G. Minimizing Shield Mass

We can minimize the mass of the shield that protects the colony by removing sections of the
shield that don’t block direct sunlight. If the colony was a single point, like the one represented
in Figure #.3 as a yellow dot, we could use the shape of the yellow body to determine the areas
we could remove from the radiation shield. Since we cannot assume the colony to be a single
point, we must determine constraints to bound our problem.

Since the distance from the Sun to the colony is much greater than the scale of the colony, we
can assume that the photons hitting the radiation shield are parallel to one another. For this
analysis, we will assume the colony is a cylinder with dimensions that are comparable to the
size of the actual colony, not including the cargo modules being used for farming. The cylinder
radius is 20.214 meters and the height is 11 meters. Using three dimensional CAD models, the
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area of the shield that can be remove is easily calculated. Figure 6.13 shows the results of this
analysis, and Fig. 6.14 validates the result in a rendering with the Sun positioned in the sky
during mid-summer. The opening faces to the north, and there is no opening on the south end of
the colony.

Figure 6.13: The final design of the radiation shield has an opening that was design using
solar tracking.

Figure 6.14: The render of the final radiation shield with accurate Sun positioning shows
no visible XM-3 modules.
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IX. Colony Power Production
The Mars atmosphere is rapidly changing and unpredictable. Because of the power
requirements of a colony this size, a large power production system. Cargo payloads limit the
size of a power system for transport. A solar farm to produce power for the colony would be
too large and ineffective due to the large distance from the sun and unpredictable dust storms.
We found that nuclear power is the most feasible option for colony power production. To
preserve space inside the XM-3 habs, the entire system can be placed on the Mars surface.
Burying the reactor section aids in radiation shielding, although a shield will be needed, we may
be able to use a smaller shield. Figure 6.15 shows a conceptual representation of the reactor
system we will be using.

Figure 6.15: Conceptual schematic of nuclear power production system
A 900 kW thermal reactor is needed to produce the electrical power necessary for life
support systems, communications, etc. A Brayton cycle based thermal electric conversion
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system (see Appendix BT section IV) converts the thermal energy into 222 kW of electrical
energy at an efficiency of 24.7% and a mass of 5 tons. Sodium heat pipes transfer thermal
energy from the reactor to the power conversion system. The radiator expels 677 kW of thermal
energy and can collapse for transport. This size power system can support 18 astronauts living
in the habs. When the colony expands to more people, other reactor systems can be transported
in cargo missions to compensate for extra power needs. A smaller version of this system will be
employed on Phobos. This system produces 67 kW of energy and weighs 2 tons. Table 6.13
displays the power produced and mass of system components.

Table 6.13: Nuclear power for habs on Mars and Phobos
Site
Phobos
Mars

Power Required

Thermal Power

Brayton Converter

Reactor

Total Mass

(kWe)

(kWt)

Mass (Mg)

Mass (Mg)

(Mg)

67.32
196.896

274.44
802.67

1.43
3.04

0.71
2.07

2.14
5.01
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7 | Cycler
I. Introduction
As defined in the mission specifications, the cycler vehicle is required to orbit in an S1L1
cycler trajectory. This orbit provides a ballistically repeating Earth-Mars trajectory that requires
little fuel to maintain once it is established. This cycler vehicle is designed to hold astronauts for
a maximum of a 180 days which starts with the human lander making a rendezvous with the
cycler from LEO and ends with the astronauts leaving the cycler vehicle near Phobos with the
human lander. During this time, the cycler must be provided with an uninterrupted supply of
power and capable of 2-way HD quality video and audio transmission.

The cycler vehicle serves as a crew habitat while on the journey to the surface of Mars. The
vehicle is assembled in Low Earth Orbit, along with all the vehicle systems, before being
boosted into the S1L1 cycling orbit. The cycler vehicle is sent from Low Earth Orbit into the
S1L1 orbit by a liquid propulsion boost vehicle. The boost vehicle uses a combination of
chemical propulsion and electric propulsion. Initially, a chemical propulsive burn will take
place to send the cycler vehicle out of Low Earth Orbit. After the chemical propulsive burn,
electric propulsion will then take over and carry the cycler vehicle for the remainder of the trip
into the cycler orbit.

This propulsion combination helps to reduce the mass of chemical

propellant needed to perform the cycler establishment and ultimately reduce the overall cycler
mass before departing for the S1L1 cycling orbit.

The combination of chemical and electric propulsion for cycler establishment greatly
increases the time required for the cycler vehicle to reach the S1L1 orbit. The total time of
flight from Low Earth Orbit into the cycling orbit shifts from approximately one day, to a total
of 800 days. However, by building this into the design and manufacturing schedule, the early
deadline can be reached and ultimately reduce the overall mass of the cycler vehicle in Low
Earth Orbit. The trade off between time of flight and propellant mass represents a critical
design compromise that we had to address when designing the propulsion system for cycler
establishment.
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Given below is a figure of the cycler vehicle with its different components:
Figure 7.1: The Cycler Vehicle with different components

Communications Array

Solar Array

Electric Power Generator Module
Habitation Module

II. S1L1 Cycler Orbit
The S1L1 orbit has been extensively studied, notably by Dr. Troy T. McConaghy. The S1L1
orbit repeats every two Earth-Mars synodic periods (approximately every 4 2/7 years) and has
one intermediate Earth flyby. The alignment of Earth and Mars allows for the S1L1 trajectory
to exist each synodic period (approximately every 2 1/7 years), therefore two cycler vehicles will
be used at the same time (Cycler A and Cycler B). We use two cycler vehicles to maximize the
number of possible trips from Earth to Mars in a given amount of time. The S1L1 cycler orbit
requires no propulsive maneuvers in the circular-coplanar model and has relatively low V∞ at
both Earth and Mars which makes it desirable due to its low-cost in terms of required
propulsion [2]. A lower number of required propulsive maneuvers to maintain the orbit directly
correlates to a lower IMLEO and therefore a lower overall mission cost.
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The S1L1 orbit has the flyby order of Earth-Mars-Earth-Earth. The order of these flybys will
be referred to Earth-1, Mars-2, Earth-3, and Earth-4, where Earth-1 and Earth-4 coincide.
Earth-3 is the intermediate Earth flyby.

Although we are required to use an S1L1 cycler orbit for Project Aldrin-Purdue, its low cost
and small time of flight from Earth to Mars make this orbit one of the strongest candidates for a
crewed mission from Earth to Mars. To define the project in a more realistic model, we use the
program STOUR. STOUR provides an analytic ephemeris based patched-conic solution to the
S1L1 cycler orbit. In this more realistic model where accurate ephemeris data is used to
calculate connecting Lambert Arcs, the S1L1 orbit is a low-cost solution that allows for a small
flight time for the astronauts and relatively low V∞ at both Earth and Mars.

A. S1L1 Cycler Orbit in a Circular-Coplanar Model

1. Simplifying Assumptions

Oftentimes, we use a circular-coplanar model as a base point for trajectory design due to the
simple solutions we are able to find within this model. These solutions, while non-trivial, allow
us to gain a better understanding of the orbital mechanics of a specific problem before
advancing our designs into a more complex and realistic model. The solutions we find in the
circular-coplanar Earth-Mars model are relatively close to realistic solutions because the orbits
of Earth and Mars are close to circular (low eccentricity) and are only slightly-inclined with
respect to each other.

In order to produce the S1L1 orbit in the circular model and gain an approximate solution for
the more realistic orbit, we can use a circular-coplanar assumption for the orbits of Earth and
Mars. We assume that the synodic period between Earth and Mars is 2 1/7 years. In addition,
both orbits are assumed to lie in the ecliptic plane – or the plane of the Earth’s orbit around the
Sun. The semi-major axes for the Earth and Mars orbits are detailed in Table 7.1.
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Table 7.1: Semi-major axes of the orbits of Earth and Mars about the Sun which are used
in the circular-coplanar model of the S1L1 cycler orbit.

Planet

Semi-Major Axis [km]

Earth

149649952

Mars

227953016

We assume that the gravitational parameter for the Sun is 1327122*105 km3/s2 and the
gravitational parameter of the Earth is 398600.4418 km3/s2. Since the encounter with Mars is
assumed to be at a very large radius of closest approach, we neglect the gravity of Mars in the
circular-coplanar solution of the S1L1 orbit. Multi-revolution Lambert Arcs were used to
provide a patched-conic solution [3]. To solve for the S1L1 orbit, we use a time of flight
between the two Earth encounters of 2.8276 years [2].

Using this specified value, we can

easily solve for the transfer angle for both the inner and outer legs of the orbit and the times of
flight.

2. Orbit Results

We use a multi-revolution Lambert Arc solver in MATLAB to produce the circularcoplanar model of the S1L1 orbit. Since we do not include the gravity at Mars, the cycler orbit
is broken into two main arcs or ‘legs’ which we refer to as the inner and outer leg. In our
analysis, the cycler vehicle begins on the outer leg of the orbit at Earth-1. The cycler vehicle
travels on the outer leg from Earth to Mars and completes slightly more than 1.5 revolutions on
this elliptical arc. When the cycler vehicle encounters Earth at Earth-3 (as indicated by the
black star in Fig 7.1), the cycler vehicle performs a gravity assist flyby at Earth and moves onto
the inner leg. This maneuver is performed because two synodic periods have not yet been
completed and therefore the alignment of Earth and Mars is not correct for the cycler to take
astronauts to Mars. When Earth is encountered again at Earth-4 (as indicated by the red star in
Fig 7.1) a flyby maneuver is performed and the cycle repeats. At this point, astronauts can
board the cycler to go to Mars.
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Figure 7.2: One full S1L1 cycler orbit in the circular/coplanar model with stars showing
Earth flyby events at Earth-3 and Earth-4.

In the circular-coplanar model, the orbit repeats indefinitely without any propulsive
maneuvers. Because the orbit remains the same for each cycle, the time of flight for the
astronauts from Earth to Mars is always 153 days. The V∞ at Earth is 4.71 km/s. Since we do
not consider the effect of Mars gravity, the V∞ at Mars in this model can be assumed to be
small.

It should be noted that we use two cycler vehicles in orbit at the same time, spaced by a
synodic period. Since the orbit opportunity is present at each synodic period, but the S1L1 orbit
is a two synodic period trajectory, two vehicles are necessary to maximize the number of Earth
to Mars trips in a given amount of time.

B. S1L1 Cycler Orbit in an Analytic Ephemeris Model
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1. Explanation of STOUR

We can find the S1L1 orbit in a more realistic model using a patched-conic approach with
analytical ephemeris via the Satellite Tour Design Program (STOUR). STOUR was originally
developed at the Jet Propulsion Laboratory (JPL) for use in design of the Galileo Mission. The
use of this program allows us to gain insight into the variance in V∞ and flyby altitude that
results from eccentric and non-coplanar Earth and Mars orbits. The use of STOUR also allows
us to find actual dates and flyby altitudes for mission events through the use of ephemeris data
from JPL.
STOUR allows for two different design methods – an automated mode and an interactive
mode.

The automated mode allows for a large sweep of trajectories that meet certain

specifications such as a range of V∞, launch dates, and planet flyby order. Using automated
mode results in many trajectories that we then must sort through using a plot in MATLAB to
find the orbits that are of most interest to our particular application. The interactive mode for
design allows for a more targeted approach to designing a trajectory. In this mode, we input the
launch date and V∞ and then work alongside the program to design one specific solution to a
problem based on results found at each intermediate step. Both design methodologies were
used in designing the S1L1 orbit for Project Aldrin-Purdue.

Because the S1L1 cycler orbit must meet very specific conditions at launch in order to
produce an indefinitely repeating orbit, results from Ref. 4 were used to provide initial
conditions such as launch date and V∞ for propagations of the S1L1 orbit in STOUR. We are
able to closely reproduce Dr. McConaghy’s S1L1 orbits in STOUR when using these conditions
as a base point for our propagations. Since Dr. McConaghy’s S1L1 work is only propagated
until May 2040, STOUR was used to continue propagation of the S1L1 orbits of Cycler A and
Cycler B until two human waves on each cycler vehicle were completed, or until March of
2044.

2. STOUR Results
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One major limitation of STOUR for design of a cycler orbit is that STOUR is not a targeter.
We must choose very specific initial conditions in order to produce an S1L1 orbit. If the initial
conditions used for the initial propagation are not precisely correct, the resulting orbit will not
be able to propagate indefinitely but will instead result in negative flyby altitudes and/or too
large of turning angles. In order to work around this limitation, two S1L1 orbits were patched
together at Earth-4 and Earth-1 to gain an approximately continuous solution that requires a
small correction maneuver to remain on the S1L1 orbit and connect the two separate solutions.

In order to find two S1L1 orbits that can be patched together to find a continuous and
connecting orbit, an automated sweep of trajectories with Earth-Mars-Earth-Earth (EMEE)
flyby order was performed in STOUR. For this sweep, a range of V∞ from 3.5 to 7.5 km/s and a
range of launch dates from 08/14/2032 to 02/04/2038 were studied. Based on Ref. 4, we know
that this range of V∞ launch dates will encompass two connecting S1L1 orbits. In order to patch
together cycler orbits, we must choose two S1L1 trajectories that have a matching flyby of
Earth. This flyby will occur at Earth-4 on the first trajectory and will be continued at Earth-1 of
the second trajectory.

We know that there is a cycler orbit that exists with an Earth-1 flyby date in April of 2033 and
that a second cycler orbit exits with an Earth-1 flyby date of August 2037 [4]. We can find an
orbit with an Earth-1 launch date of approximately 04/29/2033 using STOUR’s automated
sweep function. After the Earth-4 conditions are known on the first orbit, a second orbit with a
launch date in and V∞ equal to the conditions at Earth-4 on the first orbit must be found. These
two connecting orbits can be patched together and the S1L1 orbit is said to continue. It should
be noted that the continuation is only approximately ballistic (free) and that a small trajectory
correction maneuver (TCM) is necessary. This TCM is used to verify that the requirement for
200 m/s of ∆V per complete cycler orbit is valid.

Figure 7.2 shows the solution space of orbits connecting EMEE within the given restrictions.
Using McConaghy’s work [4], viable solutions that satisfy the S1L1 orbit requirements were
able to be selected from the over 100,000 solutions found by STOUR.
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Figure 7.3: An automated sweep of trajectories with EMEE order with a range of V∞
from 3.5 to 7.5 km/s and a range of launch dates from 08/14/2032 to 02/04/2038 used to
capture connecting S1L1 orbits.

Using the approximation of a burn applied at geocentric infinity, or well outside of the sphere
of influence of Earth, a ∆V of only 95.4 m/s is required to connect the two trajectories. This
trajectory correction maneuver lies will within the mission specification of ∆V = 200 m/s per
two synodic periods of the cycler.
Since McConaghy’s Ph.D. thesis [4] used a correction algorithm to solve for trajectories,
STOUR was used extensively in the S1L1 trajectory investigation to verify that similar results
could be accurately reproduced using a patched-conic approach with analytic ephemeris.
Overall, event dates, flyby altitudes, and times of flight were able to be replicated to a high
degree of accuracy.

3. Orbit Timeline
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Beyond using STOUR for verification of the TCM and the S1L1 event dates, V∞, and flyby
altitudes found in Ref. 4, the most important application of STOUR is to provide a mission
timeline. We are able to use an analytic ephemeris model to solve for realistic event dates over
the course of the mission due to the accuracy of this model and the solution found within it.

Table 7.2 presents the timeline of major events for Cycler A and Cycler B. Within this
timeline the launch dates for both cyclers are presented – in this case, the launch date refers to
the date where a chemical propulsive maneuver is performed to escape LEO to begin a low
thrust spiral-out to establish the heliocentric S1L1 orbit. In addition, other key mission dates
such as Earth and Mars flybys relevant to astronauts are presented.

Table 7.2: Timeline of major events for Cycler A and Cycler B including launch and two
waves of astronaut transport to Mars and Phobos.

Date

02/19/2031

04/29/2033

04/19/2033

08/18/2033

06/28/2035

11/12/2035

Maneuver
Launch Cycler A
(Low Thrust Spiral Begins)†
Hyperbolic Checkout Cargo to Cycler A –
S1L1 established (Flyby Earth)*
Launch Cycler B
(Low Thrust Spiral Begins)†
A Cargo to Phobos and Mars
(Flyby Mars)*
Hyperbolic Checkout Cargo to Cycler B –
S1L1 established (Flyby Earth)*
B Cargo to Phobos and Mars
(Flyby Mars)*

V∞ [km/s]

Altitude
[km]

~0

400

4.47

24,950

~0

400

7.58

7,070

4.20

2,756

5.87

1,170
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08/20/2037
01/22/2038
10/26/2039
03/02/2040
11/19/2041
04/28/2042
11/10/2043
03/27/2044

Project Aldrin-Purdue
Humans to Cycler A (Flyby Earth)*
Humans to Phobos, Cycler A
(Flyby Mars)*
Humans to Cycler B ( Flyby Earth)
Humans to Phobos and Mars, Cycler B
(Flyby Mars)
Humans to Cycler A (Flyby Earth)
Humans to Phobos and Mars, Cycler A
(Flyby Mars)
Humans to Cycler B (Flyby Earth)
Humans to Phobos and Mars, Cycler B
(Flyby Mars)

4.74

617

5.66

1,454

5.53

23,900

4.31

17,600

7.02

37,400

5.89

9,800

6.43

41,500

7.14

12,200

*[4]
We insert both Cycler’s into their respective orbits using a combination of chemical
propulsion and low-thrust electric propulsion. Chemical propulsion is used to provide enough
∆V to escape the gravity of Earth and enter into a heliocentric orbit. For the patched-conic
method, a burn to reach a parabolic orbit in the geocentric frame is used. Once the cycler
vehicle escapes Earth’s gravity, low thrust, in combination with an Earth flyby, is used to
establish the S1L1 trajectory.

Once the S1L1 orbits are established, we use a hyperbolic rendezvous of cargo to the cycler
vehicles to serve as a check-out that this dangerous maneuver can be performed successfully
with each vehicle. Since hyperbolic rendezvous has never been done before (and carries with it
the inherent risk of losing the crew) a cargo hyperbolic rendezvous can be used to increase
assurance of success when astronauts are involved. From this point, the cargo from the cycler
vehicles serves to ensure that jettison, entry, descent, and landing procedures at Mars/Phobos is
successful.

On 08/20/2037, astronauts in the Lander vehicles will conduct a hyperbolic rendezvous with
Cycler A as it swings-by Earth. Once docked with the cycler, the astronauts will make their
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way to Phobos. After a flyby of Mars, the cycler vehicle remains on the outer leg of the S1L1
trajectory. After approximately 2 years, a flyby at Earth-3 where the cycler moves to the inner
leg of S1L1 is conducted. Finally, when Earth is re-encountered on 11/19/2041 at Earth-4
humans are able to again make their way towards Mars. The S1L1 orbit continues the EMEE
orbit cycle indefinitely.

It should be noted that the first wave of astronauts will go to Phobos, where they will be able
to perform close-range construction and operations on Mars. Only six astronauts will be on
board the cycler vehicle for the first human-carrying orbit.

Similarly to Cycler A, Cycler B performs the EMEE orbit cycle indefinitely, once established.
However, it is important to note that the orbit of Cycler B is offset by a synodic period from the
orbit of Cycler A. We know that all dates presented for Cycler B will occur approximately 2 1/7
years after the corresponding Cycler A date. One important difference between Cycler A and
Cycler B is that the first wave of Cycler B is the first ‘normal’ use of the cycler. For all but the
first wave of astronauts on cycler A, each cycler will be used to transport 18 astronauts, six of
which will replace the Phobos crew, 12 of which will go to the surface of Mars.
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C. S1L1 Orbit Establishment

1. Explanation of MALTO Analysis

Due to the large mass on the Cycler vehicles we elected to use low-thrust to establish the
S1L1 cycler orbit. In order to optimize the low-thrust trajectories developed for orbit
establishment NASA JPL’s MALTO software was employed. MALTO, which stands for
Mission Analysis Low-Thrust Optimization, is a low-fidelity mission design tool that models
low-thrust arcs in a two-body problem. Low-thrust arcs are broken into a series of segments and
approximated as an impulsive maneuver between each of the segments. In order to find the
optimal low-thrust trajectory MALTO varies the thruster pointing and power to first connect the
segments and then optimize the connected segments until optimality constraints are met. If a
multiple step mission is specified, for instance a trajectory with several gravity-assist
maneuvers, each step of the trajectory is optimized separately and the gravity-assists are varied
and optimized to connect each step of trajectory. Additionally, MALTO has several options for
the optimized variable, but in this case final mass was optimized in order to reduce IMLEO.
To develop our cycler trajectory, we began with the methods described in Dr. Blake Rogers’
paper “Establishing Cycler Trajectories Between Earth and Mars”. [6] While Dr. Rogers’ paper
does outline alternative methods for establishing the cycler orbits, such as V-infinity leveraging,
his conclusion for the S1L1 class of cycler orbits was that low-thrust was the most mass
efficient options. After reproducing his methods, our analysis agreed with his conclusion and
we were able to move forward with low-thrust cycler establishment.
Unfortunately, the cycler Dr. Rogers’ describes has a much lower mass than ours and thus
weaker thrusters than our design needed. In addition to mass differences, Dr. Rogers uses a
different phase of the S1L1 trajectory than our design. In order to scale up and shift the orbital
establishment trajectory, the lower mass cycler’s launch date was shifted to our establish the
trajectory in time for the test cycle detailed in the previous section of this chapter (SECTION
B). Once the the smaller cycler could be optimized in MALTO for our set of launch dates, the
mass, power, and thrust needed to be stepped up to ease MALTO’s optimization towards our
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desired values. Once the desired final mass was obtained, some final analysis could be done to
improve the optimization and finalize the orbital establishment.

2. Leaving the Earth System

For this project we decided that the cyclers would be assembled in a circular Earth orbit at
an altitude of 400 km. This altitude was chosen because it is a low cost and simple parking orbit
that is relatively easily maintained. Based off of this initial parking orbit, a chemical rocket was
chosen to launch the Cyclers into the heliocentric frame. A chemical rocket was chosen over an
electric engine because of the time required for a spiral out trajectory from the 400 km parking
orbit. The time of flight for an electric engine was estimated to be well over 2 years, requiring
exceptionally large and prohibitive launch time.

Because of the low V-infinity necessary to enter the heliocentric portion of the Cycler orbit
establishment, about .015 km/s, a parabolic escape trajectory was selected to leave the Earth’s
sphere of influence. Although in the two-body problem a parabolic escape will have a V-infinity
of zero relative to Earth, the velocity difference is minimal especially when leveraging of the
Moon and Sun’s gravity is considered. With this in mind we selected a single impulsive
maneuver to transfer the Cycler vehicles from the circular parking orbit to the parabolic
trajectory. The required ΔV for this maneuver was calculated to be 3.175 km/s along the
vehicle’s velocity axis, yielding a propellant mass of 267.6 Mg [Appendix AK].

3. Heliocentric S1L1 Establishment

The method we suse to establish the Cycler orbits in the heliocentric frame was a
combination of electric propulsion and Earth Swing-by maneuvers. We chose this method
because it minimized IMLEO by lowering propellant mass while also avoiding an excessive
time of flight. Once the Cycler escapes the Earth’s sphere of influence and enters the
heliocentric frame, we use electric thrusters to provide a low-thrust to incrementally increase the
orbital energy of the vehicle. After just over one Earth year the Cycler enters a hyperbolic
swing-by of Earth and enters the final leg of the S1L1 establishment. This swing-by provides
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the Cycler with an increase in its orbital energy without a large turning angle. The Cycler enters
a final swing-by about two hundred Earth days after the first swing-by. Once the Cycler leaves
this second Earth swing-by, it has entered the S1L1 trajectory.

Because the two Cycler vehicles are launched within one Mars synodic period of each other,
the required velocity, power, and time at each step of the heliocentric portion of the orbit
establishment are significantly different. The velocity, power and time of flight for each step in
the orbit establishment architecture are provided in the table below for both Cycler A and
Cycler B.

Table 7.3: Important Characteristics for Cycler Orbit Establishment
Cycler A

Cycler B

Peak Power [kW]

250

240

Propellant Mass [Mg]

21.90

25.04

Mass In Parking Orbit [Mg]

214.4

217.5

Mass at Orbit Establishment [Mg]

192.5

192.5

Time of Flight [days]

800.00

779.76

Date of Earth Escape

2/19/2031

5/09/2033

Date of Swing-by 1

1/27/2032

4/20/2034

Date of S1L1 Establishment

4/29/2033

6/28/2035
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Figure 7.4: Cycle A heliocentric S1L1 establishment trajectory.
The green dot denotes exit from the Earth system, the black dot
represents the first Earth swing-by and the red dot denotes the
second Earth swing-by, after which the S1L1 trajectory is
established.
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Figure 7.5: Cycle B heliocentric S1L1 establishment trajectory.
The green dot denotes exit from the Earth system, the black dot
represents the first Earth swing-by and the red dot denotes the
second Earth swing-by, after which the S1L1 trajectory is
established.
The figures above demonstrate the heliocentric portion of both of the Cycler vehicle’s orbital
establishment, showing the Sun-Centered J2000 frame. Because the vehicles are both launched
roughly one Mars synodic period apart, the trajectories look fairly similar with deviations
primarily in the phase of the swing-bys and the radius of curvature of the different legs of the
establishment trajectory.
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III. Cyclers as Communication Arrays
A. Introduction

One of the mission requirements is to ensure continuous two-way HD video between the
colonies on Mars and Phobos, and Earth.

Direct communication between Earth and Mars is always available (and prefered) except
during Earth-Mars solar conjunction (Earth-Sun-Mars alignment), which occurs every synodic
1

period (2 7 years) for approximately 21 days. Cycler vehicles are used in the mission as
communication relays to provide and alternative communication link during Earth-Mars solar
conjunctions, and to provide, in this way, uninterrupted communication between Earth and
Mars.

Figure A.1 represents a solar conjunction between the Earth and Mars and the concept of
relaying the signal through the cyclers (only one cycler is represented below):

Figure 7.6: Communication Relay Via Cycler During Earth-Mars Solar Conjunction
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When the sun blocks direct communication between Earth and Mars, the signal must be relayed
around the sun using the Cycler. Because of this, the Cycler needs to carry two high-gain
antennas instead of one. In addition, both antennas must be capable of pointing independently.
The Cycler must maintain an orientation that allows the solar panels to face the sun during this
time, and all three points (Mars, Earth, and the Cycler) are moving relative to each other. We
calculated the power required to send 12 Mbit/sec both ways simultaneously. The power
required to transmit to Earth and Mars as a communications relay is much greater than what is
needed by this particular system at any other time. The excessive power requirement during this
part of the mission is not a problem, though, because no crew members are aboard the Cycler.
Many of the Cycler’s systems (e.g. life support systems) are dormant, so the Cycler is capable
of producing significantly more power than it needs for this mode of operation.
B. Visibility Analysis
We perform a visibility analysis between Earth and the cyclers and between Mars and the
cyclers along time, both, in a circular-coplanar model and in an ephemeris model. In order for
the cyclers to be able to provide an alternative communication link during Earth-Mars solar
conjunction, at least one of the cyclers should be visible from Earth and Mars at the same time
when Earth, Mars and the Sun are aligned.
The main conclusion of our analysis is that both cyclers need to be in orbit to provide an
alternative communication link during every Earth-Mars solar conjunction. Only one cycler is
not sufficient and continuous communication could not be achieved with only one cycler in
orbit, as the Earth-cycler communication link is not available during every other Earth-Mars
solar conjunction.
The mission will establish the orbits of the two cyclers in 2031 (Cycler A) and 2034 (Cycler
B). Check-outs of hyperbolic rendezvous with the cyclers will be performed by cargo in 2033
(with Cycler 1) and 2035 (with Cycler 2). The first crew will be sent to Mars in 2037 (on Cycler
A); therefore, both cyclers will be already in orbit (since 2034) when humans first arrive to
Mars in 2038, and so continuous communication between Earth and Mars can be provided via
the cyclers, without the need of a heliocentric satellite communication network.
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Further details about the analysis are provided in the Appendix AM.

C. Calculations
While the Cycler operates as a communications relay, the largest distance between the Cycler
and the Earth is approximately 63 million km, or 0.42 Astronomical Units (AU). The Cycler
transmits from a 10 m diameter High Gain Antenna (HGA). The design for this antenna is
discussed in section 7.V. The receiving antenna on Earth may be one of two 20 m antennas or
an 8 m antenna, which are academic antennas that may be used in this mission. They are the
largest academic antennas that meet all our requirements and they span the globe so that
constant communication with Earth is possible. Since the 8 m antenna has substantially less
gathering area, a stronger signal is required to transmit to it. We calculated the power for
transmitting to this antenna, since it is the limiting case. Therefore, the power needed to send
the received signal to Earth is 0.9261 kW.

At the same time, the Cycler is receiving a signal from Earth and bouncing it to Mars. Again
the transmitting antenna is the standard 10 m HGA. The receiving dish is also a 10 m HGA,
which is implemented on both of the communications satellites orbiting Mars. Over the 28-day
period of use as a relay, the maximum distance between Mars and the Cycler is 395 million km,
or 2.64 astronomical units. Using this setup, the power the Cycler must provide to send the
signal is 24.19 kW. The maximum distance to Mars does not coincide with the maximum
distance to Earth, however, so the total power never exceeds 24.84 kW.
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IV. Cycler High Gain Antennas (HGAs)
Since there are many vehicles in this mission that must meet the demanding data transmission
requirements, we chose to design one HGA that would be used on all of them. The power each
antenna uses can obviously vary as desired, but the size and components are universal. The
reasoning is that using a single design leads to better reliability and construction at a lower price
as opposed to producing multiple designs. We choose a diameter of 10 m as a standard HGA.
The structure of the antenna is foldable and the actual dish is formed from a very light mesh that
is stretched into the correct shape. The signals are produced from a traveling wave tube
amplifier (TWTA) that will need to be designed to meet the most demanding specifications of
this particular mission (The hardware must be capable of handling our required data rates,
frequencies, and must accept substantial electrical power without overheating, etc.). It operates
at a frequency of around 32 GHz (the Ka band) which is well suited to higher data rates. The
most power that will be required from any given antenna of this design is 24.19 kW, which will
be required of one of the Cycler antennas. The mass of the TWTA is estimated to be just under
0.1 Mg. To show how the power fluctuates over the course of the mission, we calculate the
power required to transmit to each target at every time and sum them together. The result is
given in Fig. 7.7 in the next page.
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Power Required vs. Time
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Figure 7.7: The total power required to transmit or relay signals to all targets is shown for
all times for each of the Cycler vehicles over two synodic periods.
The two larger and skinnier spikes in Fig. 7.7 show the power needed for the month (roughly)
when it is used as a relay. The other two upward swoops at the very beginning and around 4.5
years show the power required to communicate with Earth only while the crew is on board. This
is during the six-month trip out to Mars when the Cycler is gradually getting further from Earth.
When the crew departs for Mars and Phobos, the distance between Earth and the Cycler is about
1.24 AU, and the power required to transmit then is 7.964 kW. For the rest of the time, the
Cycler is still communicating with Earth to send telemetry data, which is crucial to be able to
perform correction maneuvers. However, the data rate required to send telemetry information is
so much less than what is required for the crew and as a relay that it is not even visible in Fig.
7.1. While the required power varies over the Cycler’s orbit, a few watts is enough to send one
kilobit per second (kbps) to Earth at any time, using an HGA.
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V. Cycler Low Gain Antennas(LGAs)

The Cycler will use a 10 m high gain antenna (HGA) as its primary means of communicating
to Mars and Earth. Because this 10m HGA is deployable, there is a risk that the antenna may not
deploy properly. If the HGA does not deploy fully, it will be useless for sending and receiving
communication signals. Use of a low gain antenna (LGA) on the Cycler will prevent a loss of
communication with the Cycler if the HGA does not deploy. The LGA will only operate if the
HGA fails.

Unlike the large HGA, the LGA is a small rigid antenna with a diameter of 15.91 cm. Because
of the significantly smaller transmitter diameter, the data transmission rate for the LGA is only
40 bits per second (bps). The 40 bps data rate is not sufficient for high definition (HD) video, but
it will allow for the Cycler to transmit and receive any necessary signals. Due to the fact that the
LGA and HGA will never operate at the same time, both antennas will share a power source.
Table 7.4 below shows the power requirements for transmitting from the LGA to receiving
antennas of various sizes on Earth.

Table 7.4: Power requirements for transmitting from LGA to various receiving antennas
on Earth
Transmitter diameter, m

Receiver diameter, m

Distance, km

Power, kW

0.1591

10

3.948 x 109

19.00

0.1591

34

3.948 x 109

1.665

0.1591

70

3.948 x 109

0.400

For Table 7.4, we assume the signal is travelling 3.948 x 109 km (2.639 AU) from the Cycler
to Earth. The 10 m receiver corresponds to the standard receiving antenna on Earth. The power
requirement for transmitting to a 10 m receiver is 19.00 kW, which is below the 24.19 kW
power requirements for the HGA. Because the power requirements to operate the LGA are
lower than the power requirements for the HGA, it is a safe assumption that the Cycler can
provide enough power to send signals using the LGA. The 34 m and 70 m receiving antennas
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are part of the Deep Space Network (DSN). In the event of a partial power failure on the Cycler,
it may be necessary to stop using the HGA and switch to the LGA which will transmit to one of
these larger antennas. The 34 m receiver would require 1.665 kW to send a signal and the 70 m
receiver would require 0.400 kW to send a signal.
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VI. Cycler Vehicle Sizing
A. Overall Dimensions of the Cycler Vehicle

The cycler vehicle was sized using two critical objectives in mind: Reduce Inert Mass for Low
Earth Orbit and to fit the dimensions which are the main constraints posed by the mission.
We further divide the Cycler Vehicle into its different component substructures: the habitation
module, the electric power generator unit, the solar array, the communications array and the
connecting substructures required to connect the aforementioned substructures to the main
cycler vehicle body.

The overall masses and volumes of the cycler vehicle are given below:
Table 7.5: General Masses and Volumes of the Cycler Vehicle.
Sample Table

Estimated Volume (m3)

Mass, Mg

Habitation Module (x3)

274.76

128.7

Electric Power Generator (x3)

23.99

10.8

Communications Array

9.71

0.36

Solar Panels

1.27

0.26

Propulsion System Mass

-

297.3

Connectors and Docking Structures

-

2.4

1. Habitation Module:
The Habitation Module constructed out of three XM-3 Module variants for the cycler will be
discussed in another section. However, the primary difference is in an additional custom made
MMOD (Micro-Metroid Orbital Debris) shielding.
2. Electric Power Generator Units:
The Electric Power Generator Units resemble cylindrical structurers that act as a casing for
the battery packs that are to store the energy collected by the solar arrays. For utility sake, these
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Power generating units are placed in the midsection of the cycler vehicle between the habitation
modules and the communication array. The Power Generator Units are also surrounded by the
solar arrays drawing so that the batteries are constantly charged by them. This section is
pressurized so that any repairs or maintenance trips made by astronauts are made more
manageable. The body of these units are made up of Al 7075-T6. These sections are shielded
using a custom designed MMOD (Micro-Metroid Orbital Debris) shielding which doubles as a
cosmic shield protecting the delicate electronics/batteries.
3. Communications Array:
The communications array consist of two 10m diameter dishes, motors capable of moving
these antennae and connector structures. The two antennae are capable of 3 axis rotation, which
is crucial to the mission. The communications antennae are made using ASTROMESH. The
sizing of the communications array was designed so that minimal power was required to meet
mission specific communications both to and from the cycler, as a result the communication
array consists of antennae that are capable of 3 axis rotation.
4. Solar Panels:
The Solar Panels will be discussed in section XI. The only addition is a MMOD (MicroMetroid Orbital Debris) shielding which doubles as a cosmic shield.
5. Connector Structures:
The connecting substructures of the cycler are composed primarily of Space Grade Al 7075.
These are bolted with Titanium joint connectors. This is a very cost effective and structurally
feasible connector structural style that makes assembly in space a viable option.
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VII. Cycler Vehicle Structural Risks and Analysis

A. Design Methodology:
The cycler vehicle is primarily designed to withstand the harsh environment of deep space
that poses several hazards that affect the cycler vehicle

Structural Hazards faced by the Cycler vehicle during lifetime:
1. Micrometeoroids and Orbital Debris (MMOD):
Impact loading to due to Micrometeoroids and Orbital Debris would be considerations to
take as Cycler intersects LEO a few times and the space between LEO and GEO has a
high concentration of debris and other high velocity object impact loads.This is mitigated
with the addition of a MMOD (Micro-Metroid Orbital Debris) shielding. (For a detailed
report on the MMOD see Appendix CQ.)
2. Thermal Stress Loading due to Temperature Extremes:
Thermal stresses arise as a result of temperature differences in the environment of the
Cycler. This leads to axial and bending moments of varying degrees. In addition changes
to the attitude of the vehicle lend a cyclic nature to these thermal loads. The cycler
vehicle is thermally insulated using simple heat shielding as well as active and passive
thermal control systems.
3. Pressure Loading due to Pressurization:
Sections of the cycler under pressurization needs to be designed to overcome hoop
stresses, axial stresses and bending stresses as a result of pressure differences. Optimal
shapes as well as sizes and locations were designed using finite element analyses
allowing for minimal risk of structural failures as well as stress concentrations and
fatigue concentrations.
4. Fatigue Failure and Crack Growth due to Cyclic Loads:
The cycler vehicle will be in a state of continuous loading, some of which change in
amplitude as a function of time and position, care must be taken to prevent crack
generation, growth and containment. This was a material selection criterion as well as
significant design criterion, optimized using finite element analyses.
5. Potential for Stress Corrosion Crack Growth:
The external environment of the cycler will be is corrosive and this leads to material
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property deprecation as well as magnification of fatigue load caused stresses and stress
concentrations. This was a material selection criterion as well as significant design
criterion, optimized using finite element analyses. However effective management can be
made using simple material shielding such as painting and crack monitoring.

B. Cycler Structural Analysis
Structural analyses performed on parts of the cycler involved buckling, hoop stress,
longitudinal stress, thermal stress and shock stress analyses. These results of these stress
analyses led to the selection of a uniform 15 mm hull thickness for each individual
component of the cycler vehicle. In addition, the structural analysis led to the selection of
space grade Al-7075-T6 as the primary material for constructing the bodies of the different
components with the exception of the connectors. The connectors are to be made of space
grade aluminum with the exception of connecting bolts which are to be made of titanium, this
was done with the objective of minimizing cost as well as weight. The MMOD shielding (see
Appendix CQ) was designed and placed in the exterior of the cycler vehicle to mitigate
critical structural failure. All the analyses were performed with a safety factor that varied
between 1.5 and 2. This variability in safety factors was had to account for the critical nature
of certain components as well as the probability of failure due to the failure mode.
(Discussed in greater detail in Appendix BH.)
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VIII. Cycler Vehicle Human Factors

The cycler vehicle will be a home to crews of either six or eighteen colonists for the main
portion of the trip from Earth to Mars. It must carry enough supplies and contain all of the
systems required to keep the crew alive for the duration of the trip. The main considerations for
the survival of the crew are:
1) maintaining a breathable atmosphere with enough oxygen,
2) water for drinking and hygiene,
3) enough food to meet the crew’s calorie requirements
4) power requirements for the essential life support system.

The following table has mass, power, and volume requirements for the cycler vehicle for
crews of 6 and 18. These numbers are calculated for a trip of 180 days, which is a fairly average
duration within the range of possible flight times.

Table 7.6: Cycler Human Factors Totals.
Total Mass, Mg

Total Volume, m3

Max Power, kW

Crew of 6

28.01

782.97

49.17

Crew of 18

43.21

788.91

147.3

The first cycler mission will carry a crew of six colonists out to Mars, and every following
cycler mission will carry a crew of eighteen colonists. The mass and volume of human factors
needs required for the crew of six is only slightly smaller than for the crew of eighteen because
all three XM3 modules carry a full life support and water recovery system. This system
reduncancy provides a backup in case of an emergency on the vehicle. If the systems on any one
of the three XM3’s fail, the other two systems will be able to provide essential life support for
the entire crew of eighteen.

These numbers can be further broken down into different components of human factors
requirements. The next table breaks the total numbers down into four sources of mass, power,
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and volume. These numbers are for a full crew of eighteen colonists on a 180 day trip. The crew
quarters include the living and working space for the crew while they are on the cycler. The
mass and volume for this section includes furniture, equipment, and other durable goods that are
needed for everyday life. The water systems include water recycling and distribution systems,
as well as the actual water being used on the vehicle. Life support includes systems that
maintain a breathable atmosphere and electrolysis equipment that creates oxygen from water.
The numbers for crew quarters, water systems, and life support are each multiplied by three for
the vehicle totals because they are on all three XM 3 modules.

Table 7.7: Cycler Human Factors Breakdown.
Total Mass, Mg

Total Volume, m3

Max Power, kW

Food

7.09

8.91

NA

Crew Quarters (x3)

3.11

248.4

19.77

Water Systems (x3)

3.75

3

NA

Life Support (x3)

1.69

8.6

29.4

The following sections briefly describe how each of these human factors requirements is
met. Each of these topics is covered in more detail in other sections of the report.

1. Cycler Atmospheric Requirements
The cycler will need to provide a pressurized environment with a high enough oxygen content
that the crew can breathe normally. The atmosphere will be maintained by a scaled variant of
the same Environmental Control and Life Support System that will be on all of the vehicles that
are a part of this mission. The main source of oxygen for the vehicle will be the electrolysis of
water, but a backup supply of pure oxygen in pressurized tanks will be carried that can last up to
30 days. Nitrogen will also be added to the atmosphere to dilute the oxygen and decrease the
risk of a fire. A more in-depth description of the life support system can be found in Appendix
X.
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2. Cycler Water Requirements
Each crew member will be allotted 6 liters of water per day for drinking and hygiene needs.
All water used on the vehicle will be recycled by the onboard recovery systems. An estimated
96% of the water will be reused on this vehicle. A more in depth description of the water
recovery systems can be found in Appendix X.

3. Cycler Food Supplies
Each crew member will be supplied with three full meals each day. The model chosen for
food was the Meal Ready to Eat (MRE), because it is high-calorie, volume-efficient, and has a
long shelf life. [7] Each crew member is allotted three of these meals each day for the duration
of the trip. This provides about 3750 calories per day for each crew member, which exceeds the
2600 calorie per day requirement. This excess ensures that there will not be a shortage of food
in the event of an accident. The following table has the average mass and volume numbers used
to represent all of the food supplies for this design.

Table 7.8: Pre-Packaged Meal Average Mass, Volume, and Calories [2]
Avg. Mass, kg
Value per meal

0.625

Avg. Volume, m3

Avg. Calories

0.0007

1250

4. Human Factors Power Requirements
Power will constantly be required to run the life support and water recovery systems. Other
power requirements are for less-essential operations like washing clothes and cooking. The
power on the cycler vehicle will be supplied by large solar panels on the vehicle.
There are also some secondary considerations to the safety and survival of the crew that have
not been considered in depth. Radiation shielding on the cycler has not been considered as a
way to minimize the mass of the vehicle that must be put into Earth orbit. Also, though it was
considered, we decided not to pursue a cycler design that creates artificial gravity for the entire
craft. Thus the crew will spend a long time in a zero gravity environment. Both of these subjects
will be very important to the health of the crew and success of the mission, but are beyond the
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scope of this design. A more thorough study of these topics, their potential effects on the crew,
and ways to mitigate them can be found in Appendices X and Y.
IX. Space Environmental Torques and Cycler Control Systems

In order to determine what kind of control systems we need for the cycler vehicle, we
analyze the space environment in which the vehicle operates. Perturbing forces from solar
radiation, the reflected solar radiation off of Earth and Mars, and the gravity gradient, are
computed throughout the trajectory of the cycler vehicle. These forces are considered the most
significant for the interplanetary trajectory of the cycler. Other sources of perturbation such as
spacecraft radiation and thermal radiation from both Earth and Mars are also considered, but
are not computed and assumed to be negligible. In order to counteract the perturbing forces on
the vehicle, we consider several methods of control.
A. Solar Radiation Pressure
The force from solar radiation pressure is the largest perturbing force acting on the cycler
vehicle. This force is caused by the electromagnetic radiation from the sun reflecting off of the
cycler vehicle. The equation to compute this perturbing force is straightforward and given as
equation 7.1.

𝐹=

𝑘𝑒𝑙𝑚 𝐴𝑓0
𝑐𝑟 2

(7.1)

This equation is from Longuski, Todd, and Konig [1]. The values for this space environmental
force range from the order of 10-3 and 10-4 throughout the Cycler’s orbit and is by far the largest
environmental force acting on the vehicle.
B. Reflected Solar Radiation
The effect that solar radiation has on the cycler vehicle is sufficiently large that we also
consider the reflected solar radiation off of Earth and Mars. The force from this reflected solar
radiation is much more complicated to compute, as it must also take into account the geometry
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of the reflective body. This geometry changes the energy flux term in the force equation. This
difference leads to the new equation for reflected solar radiation, 7.2.

𝐹=

2𝑘𝑒𝑙𝑚 𝐴𝑎𝑅 2 𝑓0
2
3𝑐𝑟 2 𝑟𝑝𝑠

(7.2)

This equation is also from Longuski, Todd, and Konig [1], and is fundamentally the same as the
equation for solar radiation, despite the additional terms. However, as is expected, the force
value from the reflected solar radation is orders of magnitude smaller than the direct solar
radiation force.
C. Gravity Gradient
The gravity gradient force is the second largest perturbing force present in the system. It
comes from the difference between the center of mass and center of gravity; a difference which
causes a moment on the vehicle. While the solar radiation and reflected solar radiation forces
are dependant on the distance to the sun, the gravity gradient torque does not. It depends,
instead, on how far away from each planet you are. For this reason, the gravity gradient torque
dominates the overall torque near Mars much more than it does near Earth. The values for this
type of environmental force range from the order of 10-6 and 10-18 for the force from Earth and
10-15 to 10-19 from Mars. The value for Mars is so low because the Cycler is never as close to the
planet as it is to Earth.
D. Total Environmental Forces
Throughout two synodic periods, or four and two seventh years, the total forces from the
space environment are given in table 7.1. This time duration represents one full orbit of the
Cycler.

Table 7.9: Forces acting on the cycler vehicle over two synodic periods of the
spacecraft. This is the time it takes for the craft to go about both the Earth and Mars once.
Solar Radiation

Reflected Solar Radiation
Earth

Mars

Gravity Gradient
Earth

Total

Mars
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3.464e-5

3.039e-7

1.950e-13

4.414e-6

.4361

1.320e-6

1.897e-10

1.142e-5

8.567e15
4.708e12

3.936e-5

.4361

To determine the forces, the spacecraft is split into two sections. For each section, the
center of pressure is computed and the environmental forces are assumed to act through the
center of pressure for each section. One of these forces contributes a positive moment about the
center of mass, while the other contributes a negative moment. The sum of these moments is
what the control system needs to eliminate. At any given time, the controllers need to counteract
3.936e-5 N of effective force, or 2.577e-4 Nm of torque. To be safe, we design the control
system to counteract these forces to manage 130 percent of the required force.
E. Effects of Lander Rendezvous
As the landers rendezvous and depart from the cycler, they change the inertia properties,
surface area, and mass of the vehicle. The effect that this has for the environmental
perturbations can be shown in figure 7.1.

Figure 7.8: The inclusion of rendezvous and departure of the landers in the perturbing
torques on the cycler. The dip seen at the beginning of the plot is how the forces are
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affected by the presence of the landers. It is clear that this is a significant change, but
doesn’t impact the design of the control system.

Figure 7.8 shows how significant an impact that the rendezvous and departure of the landers
has on the cycler. While this impact corresponds to a significant difference in the perturbing
forces, it does not occur where the forces are at their greatest magnitude. This information
means that the departure and rendezvous of the landers can be ignored in the design of the
control system for the external forces.
F. Spin-Stabilization
One option we have for the control of the cycler vehicle is to spin it. There are a couple key
advantages to this method, the first is that it is self-correcting and the second is that it provides a
simple control scheme. The vehicle would only need to be spun initially and the axis of
symmetry would stay within the error tolerance for our communications systems. Despite these
benefits, there are problems with the spin stabilization method.
For a short time span, a rotation rate of only 3.24x10-3 rpm is required to satisfy the pointing
error for the communication dishes and control the cycler vehicle. This rotation rate would
suffice if the torque on the spacecraft was only present for a short duration. However, the torque
is constantly acting on the craft, causing the pointing error to increase with time. This increasing
error over time necessitates a higher spin rate. The increasing pointing error is in figure 7.9.
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Figure 7.9: Plot looking down on the invariable plane for a spin rate of 3.24e-3 rpm.
This shows the degenerative nature of the spin-stabilization technique since there is always
a torque acting on the system.

Since the cycler stays in orbit between Mars and Earth for a long duration, the disadvantage of
the spin-stabilization method becomes greater. In other words, the longer the duration of the
mission, the faster that we must spin the cycler in order to keep the pointing error under the .01
degree error tolerance required by the communications systems. This increasing spin rate
becomes infeasible since the human passengers that will rely on the cycler to reach Mars cannot
withstand more than 4 rpm without getting sick.[2] The spin-stabilization technique provides
further difficulties when it comes to docking with the cycler as the lander that rendezvous with
the cycler would need to match the rotation rate in order to dock. Along with this difficulty, we
need to attach the communications dishes in such a way that they are not spinning with the rest
of the craft. All of these challenges make the spin-stabilization technique an undesireable option
for controlling the vehicle.
G. Three Axis Stabilization
In contrast to spin-stabilization, three axis stabilization allows us to completely fix the
orientation of the spacecraft about its principal axes. This fixed orientation allows us to easily
dock with the craft and simplifies the structure of the communications dishes attached to the
cycler. Three axis stabilization also allows us to have better control over the vehicle since it is
an active control system, rather than a single spinning maneuver. Lastly, the small magnitudes
of the perturbing forces acting on the cycler make three axis stabilization a very obtainable
control scheme. With this in mind, there are still a variety of ways in which to achieve three axis
stabilization.

1. Reaction Control Wheel
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The first device that we can use to control the spacecraft is a reaction control wheel. Due to
the small value of the perturbing forces, it only takes a small reaction control wheel to control
the cycler, making reaction control wheels a low cost, low resource option for us. However, the
main drawback to this kind of control system is their reliability. We look at previous missions
such as Kepler and FUSE in order to estimate the failure rate for this control method. For both
missions, a reaction control wheel became unusable after about 1095 days (3 years). This rate is
the same for both Kepler and FUSE, making it a reasonable failure rate for us to assume for this
mission. Along with this drawback, reaction control wheels can only rotate about one principal
axis of the vehicle, making a minimum of three reaction wheels required to have three axis
stability.

2. Control Moment Gyroscope

Another option for controlling the cycler vehicle is to use control moment gyroscopes. These
gyroscopes can rotate about all three axes rather than just one, and are much more reliable than
reaction control wheels. The drawback to control moment gyroscopes is that they are generally
designed for larger forces than the ones present on the cycler, which presents fewer options for
the vehicle. However, there are control moment gyroscopes that can provide small enough
torques to control the cycler, and having them operate at the low end of their capabilities makes
them yet a more reliable option.

3. Reaction Control Thrusters

The last option we consider for controlling the cycler is control thrusters. The use of small
thrusters to control satellites and manned vehicles is a well documented and proven technology.
That being said, for the small forces present in the system thrusters are not an ideal option.
Firstly, thrusters are not as precise as control wheels and control moment gyroscopes. Thrusters
are designed for larger forces and, consequently, cannot provide as minute of corrections as the
other control options. Along with this, thrusters are a heavier option. The dry mass of the
thruster makes the initial weight comparable to the other options, but thrusters require fuel.
Even electric propulsion thrusters would require some amount of fuel to function. This fuel cost
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is computed and given in Table 7.2 for a single complete orbit of the cycler. Since the cycler is
designed to be in orbit for an indefinite amount of time, the mounting fuel costs of the thruster
option and the refueling that would be required makes this option an undesireable one. Over the
course of two synodic periods, or one full cycling orbit, the cost of each control system is given
in Table 7.10.

Table 7.10: Resource costs for a control wheel, control moment gyroscope, and thruster
control option. These are the values for an entire control system of each control scheme,
not the values for each individual component.
Control Scheme

Total Mass (Mg)

Total Power (W)

7.8e-3

52

5.72e-4+Mdry

N/A

3.64e-3

4

Reaction Control Wheels
Thrusters
Control Moment Gyro

In order to ensure the control of the vehicle, we use a combination of a control moment
gyroscope, and six reaction control wheels. This setup provides two backup reaction control
wheels for each of the cycler’s principal axes and uses a control moment gyroscope as the
primary means of controlling the vehicle. The reaction control wheel we use in this design as
well as the control moment gyroscope are from Honeywell Aerospace.[3],[4] The total mass and
power cost of this control system is in table 7.11.

Table 7.11: Resource costs for the final control system. This is comprised of a control
moment gyroscope and six reaction control wheels for precision and redundancy.
Total Mass (Mg)

Total Power (W)

7.24e-3

28

H. Sensors
To know where the cycler vehicle is in space and how it should be positioned, there are some
sensors that we require. For the position in space, an inertial measurement unit (IMU) is used.
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The inertial measurement unit is also from Honeywell, and provides the velocity, orientation,
and gravitational forces on the cycler.[5] Along with the IMU, we make use of a sun sensor on
the Cycler. This allows the spacecraft to always know its position in relation to the sun; crucial
information for the solar panels that power all of the cycler’s systems. The sun sensor used in
this design is another commercial product, this one from SolarMems Technologies.[6] The
combination of these two sensors provides the orbital information for the cycler and the proper
situation of the solar panels. Both of these provide the basic information necessary for the cycler
vehicle to stay on its trajectory with power.
I. Future Work
Another perturbing force to be considered in the design of this mission is magnetic field
force perturbations. The magnetic field contributes a more complicated perturbing force to
calculate since it requires the rotation and direction of the magnetic field of Earth and Mars in
relation to the spacecraft. Additionally, this force could necessitate a magnometer to be added to
the sensors required for the cycler if more magnetic field information is necessary. However,
there are alternative options for inertial measurement units that incorporate magnetometers and
if there is sufficient data for Mars’ magnetic field before the launch of the vehicle, this sensor is
not necessary.
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X. Thermal Control System Design
A. Introduction

When a spacecraft is in orbit, it is affected by multiple fluxes from every direction which
contribute to its heating— these include albedo and infrared radiation from nearby planetary
bodies, direct solar input, power dissipation from electronics and heat dissipation from
astronauts. NASA’s mission with Lunar Orbiter 1 experienced a temporary failure of its star
tracker due to overheating during cruise. That is one of a few examples that describes why it is
important to maintain the steady-state temperature of the cycler within a certain range — to
ensure all systems work as needed. Passive and active thermal control features can be used to
maintain an adequate temperature profile for the mission’s duration. Passive methods include
materials that either conduct or isolate heat, along with radiators that expel heat energy into
deep space. The majority of the spacecraft is covered in multi-layer insulation (MLI) with the
external layer consisting of a first-surface mirror comprising a polyimide substrate and
Aluminized Kapton film metal coating. Heaters inside the Cycler are controlled by computers.
Through temperature sensors, feedback can be delivered — this way the heating is turned on
and off according to the settings defined by the human factors team.

Understanding the energy balance of the spacecraft is key to guaranteeing the spacecraft will
be within the required temperature range throughout the mission. In this appendix, we provide
an initial investigation into the modelling of the Cycler in its heliocentric orbit and provide
preliminary estimates for the temperatures the Cycler will be subjected to during the mission.

Using the analysis provided in Appendices BU, BV and BW, we design, size and evaluate
surface materials, louvres and radiators as methods of controlling the thermal environment of
the Cycler vehicle.
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B. Passive Thermal Control System

In spacecraft thermal control, passive thermal control techniques consist mainly of selection
of surface finishes/properties, conduction path control and use of insulation systems. In this
section, we focus on choice of the surface thermal control material and radiator design for
expelling excess heat from the cycler.
1. Thermal control material
NASA’s mission with Lunar Orbiter 1 experienced a temporary failure of its star tracker
due to overheating during cruise – for this reason, it is important to maintain the steady-state
temperature of the cycler within a certain range to ensure all systems work as needed. Passive
thermal control through surface materials is an important step in this direction.
Five materials/paints which have been used in the past were chosen for this investigation to
provide a visual representation of how material properties (absorptivity and emissivity
specifically) affect the temperature profile of our mission – see Appendix BU.
From Fig. 7.9, we see how the maximum and minimum temperature for the cycler’s surface
changes with different surface materials.
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Figure 7.9: Temperature vs. material properties plot – the red and blue line (hot and cold
case, respectively) represent the max. and min. temperatures
Table 7.12 compares the different masses for the respective materials investigated.

Table 7.12: Table of materials, their respective masses and % of total cycler mass
Material
Optical Solar Reflectors

Mass
(Mg)

% of total cycler mass

0.791

0.16

0.352

0.07

Aluminized Kapton

0.185

0.037

Fuller Aluminum paint

0.243

0.048

Gold cover plating

0.446

0.089

Epoxy skyspar untinted white
paint
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As Fig. 7.9 shows, Aluminized Kapton shows the best range for Cycler surface temperatures.
Although the range is not optimal, it can be improved through the use of louvres. These help
control the amount heat absorbed and radiated — refer to analysis performed in Appendix BV.
Reducing IMLEO is one of the major requirements for the mission — Aluminized Kapton
also provides the lowest contribution to the total mass of the cycler vehicle. Moreover, since
this is a long duration mission, Aluminized Kapton’s durability is an advantage.
Both the descent and ascent stages of the Apollo Lunar Module had blankets of aluminized
Kapton for thermal insulation. This shows it has been proven to work and resist environmental,
vacuum and thermal factors quoted by Lockheed Missiles and Space Division [1] in Appendix
BU — refer to section ‘Factors Affecting Material Choice’.

Table 7.13: Ideal operating temperatures for systems
System

Operating Temp. (C)

Electronics

0 to 40

Structures

-46 to 65

Batteries

10 to 20

Jocelino Rodrigues, Haonan Zhang | 129

Cycler

Project Aldrin-Purdue

2. Radiator (Haonan Zhang)

We use a radiator array to reject the heat transferred by fluid loop into space. The radiator
can open up and retract back with motors on. The radiator array has different level of output. So
we can only reject the amount of heat we want and maintain a constant cabin temperature.

Figure 7.10: Radiator Array System Schematic

Table 7.14 shows the technical specification of the radiator array. The radiator array consumes
electrical power to drive the motor which moves the radiator. The radiator array has a different
level of output rate and works in combination with the fluid loop system.

Table 7.14: Radiator Technical Specifications
System

Mass, Mg

Radiator Array

3.8

Power, KW
0.1

Volume, 𝑚3
22.15
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Active Thermal Control System

1. Overview

We use an Active Thermal Control System (ATCS) to solve the additional heating problems
that passive thermal control system cannot solve. This ATCS uses a combination of a fluid loop
which uses ammonia as a working fluid to transfer excess heat from the vehicles to the thermal
sink; a louvre system, made from nickel oxide used to present heat loss of the vehicles during
periodic eclipse; and a radiator array, as the thermal sink of most the vehicles. The total mass of
the system is 4.0 Mg and the volume of the system is 22.15m3. The ATCS consumes 8.0 kW of
power to drive the mechanical arm, ammonia fluid pump and louvres.
This design of ATCS gives the best combination of different subsystem. This was obtained
after a careful comparative analysis on the possible different heat source and different heat
sinking conditions include the various materials with different absorptivity and emissivity
values as well as environment temperature which determined the background radiation level.
The Cycler’s ATCS is capable of rejecting up to 92.9 kW of excess heat from the vehicles
and adjust the overall heat rejection to achieve a steady state thermal balance at an equilibrium
temperature of 293 K. This temperature is selected to satisfy both crew and electronic systems
on board.

2. Louvres

Louvres are active thermal-control devices which have been used in various different
spacecraft vehicles throughout space exploration history. They are normally placed over
external radiators — however, they can also control heat transfer between internal spacecraft
surfaces

and deep space through openings in the walls of the spacecraft.

Louvre assemblies, as described by the Spacecraft Thermal Control Handbook Volume I [2],
consist of five elements: baseplate, blades, actuators, sensing elements and structural elements.
The baseplate is a surface of low absorptivity-to-emissivity ratio covering the critical systems.
The blades are actuator-driven and are what cause the variation in radiative properties. When
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the louvers are closed, they act as a shield the baseplate from the surroundings; when open,
however, they allow for radiative heat exchange.
From the initial analysis performed, the louver assembly has the capability of rejecting circa
eight times more energy than when it’s in its fully sealed position — the calculations behind this
estimate can be seen in Appendix BU. However, to account for eclipses, a lower emissivity
value for the louvres’ materials had to be selected than the one employed in the first analysis.
This increases the rejection ratio between open and closed louvers.
The bimetallic, spring actuated, rectangular blade venetian-blind type louver assembly is the
most commonly used in space vehicles. In this section, we incorporate our own conceptual
louvre design onto the Cycler’s Electric and Power Generating Modules as inspired by that
universally employed assembly known as “vane louvers”.
The louvre system is made from materials with lower and higher absorptivity values than the
vehicle surface itself.
Louvres use the coating material Nickel Oxide and the blinds can change their orientation
— we can set the louvres to any angle between 0 to 90 degree to adjust the overall emissivity
and absorptivity of the Cycler. In each entire mission cycle, the effective absorptivity and
emissivity of Cycler is showed in Fig. 7.11.

Figure 7.11: Radiator Array System Schematic
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Figure 7.11 shows the effective absorptivity and emissivity of Cycler in one mission cycle.
When the Cycler is close to the sun, the louvres will be open in order to lower the effective
absorptivity and increase the emissivity. When the Cycler is far away from the sun, the louvres
will be closed in order to have a higher the effective absorptivity and lower emissivity.

As the Table C.1 shows, Nickel Oxide has very high absorptivity (0.92) and very low
emissivity (0.08). This characteristic makes nickel oxide suitable for our mission.

Table 7.15: ACTS Technical Specification
System

Absorptivity

Emissivity

Nickel Oxide

0.92

0.08

For visual representation, the thermal control louvres are added to the Cycler’s CAD model
and presented in Fig. 7.12. The design is employed onto the Cycler’s Electric and Power
Generating Modules as inspired by the commonly used “vane louvers”. In this case, however,
they are applied to the outer surface of the modules instead of the radiator’s flat surface. 18
versions of this design surround the module’s perimeter so as to ensure the module’s
temperature is within the required temperature range at all times during the mission.

An alternative version of this design is also included on the bottom of the habitation modules
to control the heat loss and gain from the crew quarters.
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Figure 7.12: Cycler vehicle CAD model with louvre designs (Louvres – Jocelino
Rodrigues)
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3. Fluid Loops

We use fluid loops, with liquid ammonia as working fluid, to transfer heat between the inside
of the vehicle and the radiator which acts as a heat sink. The fluid loops use a bypass valve to
control the amount of heat transferred into radiator.
Our Cycler has two fluid loops in use. As Fig. 7.13 shows, the first fluid loop will collect
heat from the inside of Cycler.

Figure 7.13: Radiator Array System Schematic

The first loop is a closed loop system that is continually driven by a pump. A heat exchanger
transfers heat between the first and the second loop. The first loop inputs warm liquid ammonia
into the heat exchanger and the heat exchanger outputs cold liquid ammonia to the first loop.
Oppositely, the second loop inputs cold liquid ammonia into the heat exchanger, and the heat
exchanger outputs warm liquid ammonia to the second loop.
The second heat exchange contains a bypass value that bypasses a certain amount of
ammonia from the radiator array. This certain amount of ammonia fluid will mix with the flow
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and go through the radiator array. The mixture of those two fluids is at a fixed temperature of 20
°C.

Table 7.16 provides mass and volume estimates as well as power requirements in order for
the fluid loop system to work.
Table 7.16: ACTS Technical Specification
System

Mass, Mg

Fluid Loop System

0.2

Power, KW
8.0

Volume, 𝑚3
0.362
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XI. Use of solar energy sources on the Cycler
The sizing of the Cycler vehicle solar panels is detailed in Appendix BT. The final results are
presented in Table 7.17. The configuration of the Cycler’s solar panels is shown in Figure 7.33.
Table 7.17 – Cycler A & B ATK wings configuration
Cycler without crew
A

B

Power requirement

281.4 kW

271.4 kW

Configuration

2 x 28 m

2 x 27 m

Area

1059 m2

1022 m2

Weight (cells)

1.31 Mg

1.27 Mg

Stowage volume

7.035 m3

6.66 m3

Cycler

Figure 7.33 – Cycler with 2 x 28 m diameter ATK wings
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1. Folding of the ATK solar panels wing for the Cycler A:
The spar pivot show in orange in the Figure 7.1414 reduces the stowed length, which is
required during the unfolding to achieve the required panel radius. Then, the stowage height is
only 2/3 of the radius of the wing. For example, when the 28 m diameter solar wings of the
Cycler are folded, the height is only 9.33 m.
28 m

diameter

R=14 m

Height
=
R*2/3=9.33 m
Width = 1.9 m

Figure 7.14. Folding technique of the ATK wings.
The width is directly linked with the radius of the wing and the size of the panels. Then for
the Cycler A and Cycler B we get the values given in Table 7.13.
Table 7.13 – Stowed dimension of one solar panel
Cycler A

Cycler B

Height (m)

9.33

9

Thickness (m)

0.32

0.31
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XII. TCM Propulsion
The cycler requires a trajectory correction maneuver (TCM) of 100 m/s for each synodic
period. We perform trajectory correction maneuver by either chemical propulsion or electric
propulsion. There are both pros and cons of both propulsion systems. A case study helps to
select the better propulsion system for TCM.

The case study finds that the electric propulsion has more advantages over chemical
propulsion for the TCM of the cycler vehicle. Electric propulsion system reduces the propellant
mass by around 88%, reduces the propellant volume by around 96% and reduces the inert mass
by around 90%. The case study is attached in the appendix BI.
A. Electric Propulsion

1. Selection of Electric Propulsion

There are different types of electric propulsion systems available in the market. Amongst
those, ion thrusters and Hall Effect thrusters are more preferable electric propulsion systems
because of their higher efficiencies. One of the advantages of Hall thrusters is that they can
deliver higher payload mass for the given propellant mass at a specific Isp. Figure 7.15 shows
the payload mass fraction of Hall thruster engine and ion thruster engine for a range of Isp for a
180 days trip time. Figure 7.15 clearly tells us that Hall thruster is a better option for cycler
given that the cycler has a really high mass.
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Figure 7.15: Payload mass fraction versus specific impulse (180 day trip time) [3]
On top of the ability to yield higher payload mass fraction, Hall thrusters can also be easily
scaled up to yield higher thrust. Therefore, we select Hall thruster as the best option for TCM
propulsion.
2. Hall Thruster Design Parameters [2]

Hall thrusters use heavy noble gases as the propellant. The most popular and efficient
propellant available in the current market is Xenon. Xenon is the heaviest non-radioactive noble
gas. Therefore, we use Xenon as a propellant for our Hall thruster.

We select the design parameters of Hall thruster based on the upper limit of existing
technology. The table below summarizes the design parameters for the Hall thruster.
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Table 7.14: Design Parameters for Hall thruster. [2]
Design Parameters

Values

Isp

3000 sec

Total Efficiency

0.70

Electric Efficiency

0.85

Operation Time

1.067 yr

The propulsion system corrects the trajectory within one synodic period i.e. 2.135 yrs. But,
we advise that the propulsion system should have a capability of correcting the trajectory in less
time than one synodic period. We select an operation time of half of the synodic period as a
design parameter. Based on the Isp of 3000 sec and operation time of 1.067 years, the propellant
mass of Xenon for TCM of 100 m/s is 0.655Mg.

Based on the design parameters the design requirements are tabulated below.
Table 7.15: Design Requirements for Hall thruster.
Requirements

Value

Thrust

0.5728 N

Power

12.04 kW

We optimize the current and voltage required for the Hall thruster based on two criteria. The
first one is the design time limit. The first criterion is that the combination of current and
voltage supplied should be able to correct the trajectory within half synodic period. The region
above the blue dashed line in the figure below fulfills the first criterion. The second criterion is
that the combination of current and the voltage yields the output power which should not exceed
the input power to the hall thruster. The region below the black dashed line in the figure below
fulfills the second criterion. The point where the blue dashed line intersects the black dashed
line gives the optimized current and voltage for the Hull thruster. The red dot in the figure
below shows the combination of current and voltage for the Hall thruster.
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Figure 7.16: Current and Voltage Optimization

The table below summarizes the current and voltage supply to the Hall thruster.
Table 7.16: Current and Voltage optimization for Hall thruster.
Parameters

Value

Current

13 A

Voltage

790V

3. Hall Thruster Geometry [4]

We determine the Hall thruster geometry by using a scaling method developed at Alta, Italy
and presented in “The 30th International Electric Propulsion Conference, Florence, Italy.” The
scaling algorithm has a reference thruster as SPT-100. The reason behind choosing SPT-100 is
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because SPT-100 has a large amount of data available, SPT-100 works at an intermediate power
level of around one kW which makes it a good reference thruster for both scaling up a to higher
power and scaling down to a lower power. The algorithm chooses a group of fundamental
parameters which are channel mean diameter, channel height, channel length, discharge voltage
and gas particle density. The desired thrust, power and total mass flow rate can be achieved by
varying the geometry of the engine. Keeping the discharge voltage and gas particle density
constant, we change the geometry until we get close to our design parameters for the Hall
thruster.

The table below summarizes the fundamental geometry of the hall thruster engine.

Table 7.17: Geometry of Hall thruster.
Parameters

Value

Outer Diameter

142 mm

Width

45 mm

Length

28 mm
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XIII. Cycler Establishment Propulsion
The cycler establishment starts with a chemical propulsive burn to send the cycler vehicle
out of Low Earth Orbit and onto a trajectory bound for the S1L1 cycling orbit. This burn is a
single impulsive chemical burn which needs to provide a Δ𝑉 of 3.175 km/s. This is the
necessary velocity change required to depart Low Earth Orbit and set the stage for the electric
propulsion system to take over. The burn uses liquid hydrogen as fuel, and liquid oxygen as an
oxidizer. The propellant combination of liquid hydrogen and liquid oxygen offers the best
performance and least propellant mass for performing the necessary chemical burn to take the
cycler vehicle from the Low Earth Orbit and into a trajectory bound for the cycler orbit.
A. Chemical Propulsion System

The chemical propulsive burn initiating the cycler vehicle establishment in the S1L1 orbit
takes place while the cycler vehicle is still in Low Earth Orbit. The burn is carried about by a
boost vehicle for the cycler vehicle which contains both the chemical and electric propulsion
needed to place the cycler vehicle into the S1L1 orbit. After assembly in Low Earth Orbit, the
boost vehicle is solely responsible for the establishment of the cycler vehicle.

The chemical propulsion system for cycler establishment uses a fuel of liquid hydrogen
with an oxidizer of liquid oxygen. By using these propellants, the most performance can be
obtained from the cycler boost stage, ultimately resulting in a reduction in propellant mass.
Since the boost stage will fire directly from Low Earth Orbit, there is no need to worry about
long term storage of the liquid hydrogen. This boost stage will be used almost immediately
after being placed into Low Earth Orbit and attached to the cycler vehicle.

Design details for the liquid chemical propulsion system are shown in Table 7.18. The
table summarizes the key performance characteristics of the system, including the chamber
pressure, specific impulse, and other critical propulsion design parameters. The values included
in Table 7.18 describe both the sizing of the propulsion system, along with the expected
performance from the boost vehicle engine.
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Table 7.18: The table shows the key propulsion design parameters used for the liquid
chemical propulsion stage for cycler vehicle establishment.
Design Parameter

Value

Specific Impulse (s)

450

Throat Diameter (m)

0.26

Exit Diameter (m)

1.64

Propellant Flow Rate (kg/s)

393.7

Thrust Coefficient

1.82

Expansion Ratio

40

Chamber Pressure (MPa)

18

Thrust (kN)

1739

Burn Time (min)

10.8

The chemical propulsion system must deliver a change in velocity of 3.175 km/s. The
ideal rocket equation provides results for expected propellant masses in order for the chemical
burn to provide the desired change in velocity. In this analysis, a propellant mass fraction of 0.9
was selected so that an estimated value for the inert propulsion mass could also be obtained.
After running further analysis, an O/F ratio for liquid hydrogen and liquid oxygen was selected
to be 3.5, which is slightly less than the optimal value for such a liquid propellant system. By
choosing a lower O/F ratio, we can also reduce the amount of oxidizer being used during the
combustion process. As a result, the propellant mass can be further reduced. The O/F ratio is
the mass of the oxidizer divided by the mass of fuel in the combustion reaction.

Before completing the propulsion system analysis, the total payload for the boost stage had
to be determined. In this case, the payload for the cycler boost vehicle consists of the cycler
vehicle, all the systems and subsystems aboard the vehicle, as well as various communications
equipment and trajectory correction propulsion systems. The summary for the cycler vehicle
breakdown is shown in Table 7.19.
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Table 7.19: The breakdown of the cycler mass showing the masses for all major systems
on board the cycler vehicle before departing Low Earth Orbit.
Design Parameter

Value

Cycler Vehicle (Mg)

128.7

Spin Up (Mg)

8.0

Power Units (Mg)

24

Connectors (Mg)

2.40

Communication (Mg)

0.37

Power/Thermal (Mg)

21.9

Human Factors (Mg)

7.10

Cycler Mass (Mg)

192.5

Since the chemical burn occurs first during the cycler vehicle establishment, the electric
propulsion mass must also be accounted for when departing Low Earth Orbit. The required
electric propulsion mass includes both the propellant and the inert mass for the electric
propulsion system. Table 7.20 summarizes the addition of the electric propulsion mass and
illustrates the final payload mass for the boost vehicle upon departure from Low Earth Orbit.

Table 7.20: The table shows the final payload mass for the boost vehicle departing from
Low Earth Orbit.
Design Parameter

Value

Cycler Mass (Mg)

192.5 Mg

Electric Propulsion Mass (Mg)

21.90 Mg

Total Payload Mass (Mg)

214.4 Mg

From Table 7.20, the total payload mass for the cycler boost vehicle is 214.4 Mg. This is
the mass that the propulsion system must be able to apply a Δ𝑉 of 3.175 km/s when departing
Low Earth Orbit. Now that the payload mass for the boost vehicle has been determined, the
ideal rocket equation yields the anticipated propellant mass. Using the selected O/F ratio, we
can determine the masses for both the fuel and the oxidizer. The selected propellant mass
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fraction value can then be used to calculate the expected inert mass for the propulsion system.
The inert mass value used in this report also accounts for triple redundancy in the engines in the
event one of the engines fails. The redundancy requirement was followed as per the project
specifications.

Table 7.21 summarizes the propulsion system masses for the cycler boost vehicle.
Included are the fuel and oxidizer masses, along with the inert propulsion system mass which
accounts for the plumbing, tubing, pumps, tanks, and triple redundant engines. The table also
includes fuel and oxidizer tank volumes for the propulsion system. Included for reference are
additional propulsion performance values selected which impact the masses of the overall
propulsion system. The total propellant mass and total tank volumes are also listed to provide a
better description of the size and scale of the overall system. Due to the large scale of the cycler
vehicle, and the large Δ𝑉 needed to depart Low Earth Orbit, the fuel and oxidizer masses are
quite high, but certainly reasonable for a mission of this size. Had electric propulsion not been
utilized, these values would be even higher, resulting in more mass, a larger vehicle, and
increased costs for the mission. Please refer to appendix AK for more details.

Table 7.21: The table contains propellant and inert propulsion system masses, along with
the expected fuel and oxidizer tank volumes necessary for the chemical burn out of Low
Earth Orbit.
Design Parameter

Value

ΔV (km/s)

3.175

Propellant Mass Fraction

0.9

O/F Ratio

3.5

Specific Impulse (sec)

450

Fuel Mass (Mg)

56.81

Oxidizer Mass (Mg)

198.8

Propellant Mass (Mg)

255.6

Inert Mass (Mg)

32.0

Fuel Tank Volume (m3)

800.4
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Oxidizer Tank Volume (m3)

174.3

Tankage Volume (m3)

974.7

The total mass of the cycler vehicle, including the mass of the boost vehicle can be found by
summing the boost vehicle payload mass of 214.4 Mg, the propellant mass of 255.6 Mg, and the
inert mass of 32.0 Mg. The summation of all the vehicle masses results in a cycler vehicle mass
in Low Earth Orbit of 502.0 Mg. The mass for the boost vehicle can be computed by simply
summing the propellant mass and the inert propulsion system mass. The boost vehicle will have
a mass of 287.6 Mg.
Please note that the mass values presented correspond only to a Δ𝑉 of 3.175 km/s. As a
result, if this value changes, so will the propellant and inert propulsion system masses. Figure
7.17 shows a plot of the variation of the total propellant mass with a change in velocity. Note
that as the change in velocity grows larger and larger, the propellant mass increases
exponentially. Figure 7.18 shows the variation of the inert propulsion system mass with a
change in velocity. Again we can see that as the change in velocity becomes larger, the inert
mass increases exponentially. Figures 7.17 and 7.18 illustrate the effects that increasing or
decreasing the Δ𝑉 requirement will have upon the total propulsion system mass.
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Figure 7.17: The exponential increase of propellant mass as the change in velocity
increases.

Figure 7.18: The exponential increase of inert mass as the change in velocity increases.
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The tankage volumes also dramatically increase as the change in velocity increases. Figure
7.19 illustrates the growth in the volumes of both the fuel and oxidizer tanks as more Δ𝑉 is
needed for the chemical propulsive burn. Due to the low density of hydrogen, the fuel tank
must be substantially larger in volume than for the oxidizer tank. This trend can be seen in
Figure 7.19 as well.

Figure 7.19: The exponential increase of fuel and oxidizer tanks as the change in velocity
grows larger.
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B. Electric Propulsion System

The second portion of the cycler establishment consists of electric propulsion. Once the
chemical propulsive burn has sent the cycler vehicle out of Low Earth Orbit, the electric
propulsion system will then take over and carry the cycler vehicle on the rest of the trajectory
into the S1L1 cycler orbit. The low thrust burn from the electric propulsion system increases
the time of flight into the S1L1 orbit to a total of 800 days, but also significantly reduces the
chemical propellant mass required for the mission. This trade off between time of flight and
propellant mass has been critical in reducing the overall vehicle mass in Low Earth Orbit.

The electric propulsion system causes the cycler vehicle to spiral outward after the
chemical propulsion cuts off. The spiral pattern eventually leads to the cycler vehicle arriving
at the S1L1 cycler orbit. By utilizing this spiral out technique, the time of flight greatly
increases, but the propellant required by the electric propulsion system is significantly less.

A summary of the electric propulsion system is shown in Table 7.22. The table includes
expected mass, power, and time of flight details.

Table 7.22: The table shows a summary of the electric propulsion for cycler
establishment.
Parameter

Value

Electric Propulsion Mass (Mg)

21.90

Power Required (kW)

250

Total Time of Flight (days)

800

Cory Back | 151

Cycler

Project Aldrin-Purdue

C. Cycler Establishment Summary

The cycler vehicle represents a unique and difficult propulsion challenge. The vehicle is
very large and heavy, while also requiring a substantial Δ𝑉 in order to reach the S1L1 orbit.
Through the combination of chemical and electric propulsion, the cycler vehicle can
successfully be placed into the S1L1 orbit with the least amount of propellant mass after only an
800 day time of flight. Of course, this travel time will have to be budgeted into the final
mission schedule, but by doing so, tremendous mass savings can be achieved.
The boost vehicle will be responsible for ultimately placing the cycler into the desired
cycling orbit. This vehicle will contain both the chemical and electric propulsion systems
necessary to establish the cycler. However, once the cycler vehicle is placed into the S1L1
orbit, the boost vehicle can be dropped off to further reduce unused mass. This will eliminate
all the propulsion inert mass from the complete cycler vehicle as the vehicle follows the set
S1L1 trajectory.
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8 | HuLa
I. Introduction
The Human Lander vehicle serves to transport our astronauts from LEO, to the Cycler vehicle,
Cycler vehicle to a Mars orbit, and a safe landing on either Phobos or Mars. Three HuLa
vehicles and a Booster Vehicle (detailed in section 8.V) will be sent to LEO using launch
vehicles similar to the Space Launch System or the Falcon Heavy. All HuLa vehicles dock to
the Booster Vehicle that will complete a hyperbolic rendezvous with the Cycler vehicle. At the
time of redevous, the Cycler is on the S1L1 trajectory enroute to Mars. The Boost Vehicle
contains enough propellent to launch the HuLas to the Cycler and contains enough food for the
journey to Mars.

Once HuLa and the Booster Vehicle reach the Cycler and successfully dock to an XM3-C, the
humans will spend the majority of the Cycler trip in Cycler XM modules. These XM modules
stay with the Cycler and are nearly identical to the other XM modules that are used on the Moon
Base, Phobos, and Mars. All modules are interconnected which allows astronauts free range to
move about and obtain food from the Booster Vehicle

The humans return to their HuLa vehicles when the Cycler is approximately two days from
the designated flyby release point. At their designated points, the three HuLa vehicles are
launched individually on a spaced out schedule to minimize their chances of collision within
aerocapture and atmospheric entry. By varying the flight path angles and having full control of
lift vectoring, the HuLa vehicles will complete aerocapture and travel to Phobos or Mars.

On the surface of Phobos there will always be two HuLa vehicles. One HuLa vehicle will be
outfitted as for the Return Option (detailed in Section 13).

The standard HuLa vehicle

transports six humans from the cycler to Phobos where they will stay for approximately two
years. After two years, the same HuLa vehicle will leave Phobos and carry the astronauts to a
successful Mars landing.
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On the Martian surface our human explorers will land in a HuLa that is then placed on a
chassis by a mobile crane to be converted to a Mars rover (detailed in Section 9). By using a
chassis with the HuLa, we will be able to move our humans to their new homes in the Mars XM
modules. The HuLa rovers will then be used for exploratory and scientific expeditions.

II. Trajectory from Earth to Cycler and LEO to Cycler
A. Introduction

With the cycler vehicle on the established S1L1 orbit, the next phase of the mission will have
the HuLa rendezvous with the cycler vehicle from Low Earth Orbit . The S1L1 orbit in relation
to the Earth is hyperbolic, therefore the rendezvous for the HuLa is a hyperbolic trajectory
connecting LEO to the S1L1 orbit. The selection and analysis of this trajectory is assessed in
detail in the following subsections.
B. Rendezvous in LEO

In order to execute the rendezvous with the cycler in orbit, we send three Human Landers
out on individual launches. However before the cycler rendezvous, the three human landers
must first rendezvous in LEO. We choose a 200 km parking altitude for most of the LEO
operations in this mission and as thus, the landers rendezvous at an altitude of 200 km. We use
linear targeting to compute the DV required to get on a transfer orbit from the chasing orbit to
the target orbit.

We consider a trade study in order to choose the most favorable chasing orbit from which to
execute the rendezvous. Altitudes from 0km (Earth’s surface) to 200km (Target orbit) are
considered. DV magnitudes are lowest at a 190 km chasing altitude. Thus, the 190 km parking
altitude is chosen for the rendezvous operation. Orbit characteristics for the rendezvous orbit are
shown in the table 8.1 below:
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Table 8.1: Different Characteristics for the rendezvous in LEO
Characteristics

Value [unit]

Docking Altitude

200 km

Period

1.51 hours

Chasing Altitude

190 km

Mass Per Lander

6.25 Mg

DV Per Rendezvous

0.002 km/s

Total DV (5 vehicles)

0.01 km/s

Time Per Maneuver

0.59 hours

After all 3 landers have successfully rendezvoused in orbit, we then proceed to rendezvous the
landers with the cycler on a hyperbolic trajectory.

Trajectory of HuLa from LEP to Cycler Orbit
A. Criterion and Design Specifications

This vehicle and subsequent trajectory will have humans involved, and with fact extra
considerations and design criteria have to be taken into account. This will effect the design of
the hyperbolic trajectory from LEO to S1L1 and described in further detail.

1. Human Passengers

Having humans fly in the given vehicle provides a challenge as to how long they can be in
flight for the duration of this specific mission. The trajectory design must be short in terms of
duration so that the humans are not uncomfortable during the flight. However there is a draw
back from having a short trip, and that comes from the amount of propellant consumed during
the flight. Because there will be a burn to get us into the hyperbolic trajectory and a subsequent
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burn to get onto the S1L1 trajectory, the amount of propellant needed depends on the duration
of the trip. The longer the trip the more beneficial it will be for propellant consumption but not
for human factors. The shorter the trip the less beneficial it will be for propellant consumption
but will be beneficial for human factors. So the design must have these two conditions statisfied
to an extent deemed acceptable from both a propulsion standpoint and a human factors
standpoint.

B. Design Methodology

For the following analysis, a modified lambert algorithm was used in order to develop a
trajectory that meets the design criteria stated above. What makes this a modified version of the
lambert algorithim is that the definition of the periapsis of the hyperbolic trajectory is
constrained to be at LEO. That means that when we depart from LEO we wil be leaving off the
periapsis of the hyperbolic trajectory. This allows the solution to compute the trajectory without
having to worry about the initial position of the hyperbolic trajectory or the potential dip in the
atmosphere tha was loked at in appendix C1. This allows us to safely change the final spacecraft
location to whatever vaue we set it at the beginning of the proplem without causing a depping
problem. The initial conditions that will be used for the algorithm can be seen in table 8.2.

Table 8.2: Initial conditions fo the modified Lambert algorithm which includes initial and
final position of the HuLa and the V∞ of the cycler.
Lambert Algorithm Initial Conditions
Initial Spacecraft Location (R1)

6678 km

Final Spacecraft Location (R2)

User Specified

V∞ of the cycler (km/sec)

User Specified

Where the velocity given for the Cycler defines the energy for the cycler which in turn
helps us begin the process for the hyperbolic trajectory. One of the assumptions that will drive
the analysis is that both the hyperbolic trajectory and the cycler energy are the same, this is
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because the velocity for the cycler and the hyperbolic trajectory are the same. Of course ,this
assumption is not valid as they will usually not be the same and is taken into account later in the
analysis. With this velocity the energy of the cycler and hyperbolic trajectory can be found and
the experession can be seen in Eq. 8.1

𝜀𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦 = 𝜀𝑐𝑦𝑐𝑙𝑒𝑟

𝑉∞ 2
=
2

Eq 8.1

Then the semiajor axis of the orbit can then be determined from the following Eq. 8.2:

𝑎𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦 =

𝜇𝑒𝑎𝑟𝑡ℎ

Eq 8.2

2𝜀𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦

With these information we can calculate all the different velocities at the beginning of the
hyperbolic trajectory and the end of it in order to calculate the change in velocity with equations
8.3 – 8.6.

𝑉𝑖𝑛𝑖𝑡𝑖𝑎𝑙 𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦 = √2 (𝜀𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦 +

𝑉𝑓𝑖𝑛𝑎𝑙 𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦 = √𝑉∞ 2 +

𝑉𝑖𝑛𝑖𝑡𝑖𝑎𝑙 = √

𝜇𝑒𝑎𝑟𝑡ℎ
𝑅𝑝 𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦

2𝜇𝑒𝑎𝑟𝑡ℎ
𝑅2

𝜇𝑒𝑎𝑟𝑡ℎ
𝑅1

𝑉𝑓𝑖𝑛𝑎𝑙 = √𝑉∞ 2 +

2𝜇𝑒𝑎𝑟𝑡ℎ
𝑅2

)

Eq 8.3

Eq 8.4

Eq 8.5

Eq 8.6
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From these equations we can calculate the change in both parts of the maneuver and the
total change in velocity with equations 8.7 – 8.9.
∆𝑉1 = 𝑉𝑖𝑛𝑖𝑡𝑖𝑎𝑙 𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦 − 𝑉𝑖𝑛𝑖𝑡𝑖𝑎𝑙

Eq 8.7

∆𝑉2 = √𝑉𝑓𝑖𝑛𝑎𝑙 2 + 𝑉𝑓𝑖𝑛𝑎𝑙 𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦 2 − 2𝑉𝑓𝑖𝑛𝑎𝑙 𝑉𝑓𝑖𝑛𝑎𝑙 𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦 cos(∆𝐹𝑃𝐴)

Eq 8.8

∆𝑉𝑡𝑜𝑡𝑎𝑙 = ∆𝑉1 + ∆𝑉2

Eq 8.9

The first velocity is based off the fact they are tangential from one another and the second
change in velocity is based off the law of cosines and the change of the flight path anges from
each of the different paths (ΔFPA).These equations give us the necessary information we need to
design to the necessary criteria and complete the final orbit that the hyperbolic trajectory which
can be seen from the next discussion.
With these analysis we can provide the ΔV and the mass of the propellant as a function of
the time of flight for the ideal case. Figure 8.1 shows the change in velocity as a function of the
time of flight:
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Figure 8.1: Shows the change in velocity (ΔV) as a function fo the time of flight. As seen
there needs to be more days to have a minimum value.

As seen from the figure there is a certain amount of time that has to be had in the duration
of the mission in order to have a minimum value. The smaller the value of the change in
velocity the lower the propellant mass for the system can be which is the goal of the entire
process to lower he mass in an effective way that still accomplishes the mission criteria.
However there is still the assumption that the energy of the cycler and the hyperbolic trajectory
are the same which is not the case. Figure 8.2 shows the variation of the change in velocity as
the energy between the two orbits are varying from one another.
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Figure 8.2: As seen here we have the delta V with energy variations as a function of the
time of flight. There is a noticeable trend that with more variation the change in velocity is
also increased.

Here we see that there is a similar trend as seen from the previous figure for each of the
change in velocity. So with each line there is a point whre the change in velocity is minimized
after a certain amount of days have been passed. From all the variations plotted all of the can be
minimized by at least 4 days. Another interesting fact from the figure is that as the variation
between the two orbits increase the total change in velocity increases as well. So from the
following graphs and data the final trajectory design can be accomplished with the inimal take
off weight, the minimal change in velocity and the the design criteria met.
C. Final Trajectory Design

The final design for the trajectory is calculated from a modified Lambert Arc approach.
This is because the normal lambert arc approach doesn’t pick the ideal initial point for the human
landers to take off. The ideal point of take off would be the periapsis of the hyperbolic trajectory
because then we don’t have to deal with he fact the spacecraft could dip down into the
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atmosphere again. Using the modified approach we set it as an initial condition that the initial
point on the trajectory is the periapsis of the hyperbola. Details on all the calculations and
preperations that led to this conclusion can be found in the appendix CI.
For the final design of the hyperbolic trajectory, the arc must follow the following initial
and final locations while being within the range of time of flight (TOF) specified by human
factors. The table 8.3 summarizes the conditions for the hyperbolic trajectory to meet the critieria
specified:

Table 8.3: This table summarizes the initial and final conditions of the location of the
spacecraft along with the desired duration of the flight. These requirements were
discussed with both human factors and propulsion groups
Lambert Algorithm Initial Conditions
Initial Spacecraft Location (R1)

6678 km

Final Spacecraft Location (R2)

2000000 km

Desired Time of Flight (TOFdesired)

< 10 days

Here the final time of flight will be close to about 4-5 days because that will provide a good
balance between the requirement provided by human factors and propulsion. The balance will be
that 4-5 days is well within the range specified by human factors of less than 10 days. It will also
provide a minimal total delta V for the maneauver meaning that the mass of the propellant should
also be minimized. Another reason the delta V will be minimized with this duration of flight is
that because we are traveling far down the leg of the hyperbola, when the second maneuver is
accomplished it will be a small almost tangential burn. This means that the first maneuver is
where the majority of the delta V will come from which cannot be reduced since we are leaving a
circular orbit to a higher energy hyperbolic orbit. So the location of the final placement of the
spacecraft and the duration of the mission will minimize delta V and the overall mass of
propellant needed for this specific mission. With these requirements, the data can be extrapolated
to the dates that were proved in Troy McConaghy’s thesis and we can calculate the necessary
delta V and approximate time of flight for the entire duration of our mission. Table 8.4 shows the
Lorenzo Garcia | 161

HuLa

Project Aldrin-Purdue

dates when the mission take place along with a description of the mission and the delta V and
time of flight requirements for each of the missions.

Table 8.4: This table shows the mission dates for the human lander based off Troy
McConaghy’s thesis and the required delta V for the mission as well as the subsequent
duration of the mission.
Date of Mission
(MM/DD/YYYY)

Total ΔV (ΔVtotal km/sec)

TOF Required
(TOFrequired days)

04/29/2033

4.78

4.0

06/28/2035

4.66

4.25

08/20/2037

4.88

4.0

10/29/2039

5.26

4.0

AVERAGE

4.90

4.06

These values verify that we have met both the desired range of TOF from the human factors
standpoint and from a propulsion standpoint these ΔVs are acceptable for propellant mass
consumption. This provides the necessary hyperbolic trajectories to complete the mission and
can each be made use of for the colonization of Mars.
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III. Booster Vehicle
The Booster Vehicle is the fundamental start to the Human Lander process. This vehicle is the
gateway for getting the Landers to the Cycler. After being taken to LEO using a commercial
rocket such as the Space Launch System (SLS) or the Falcon Heavy, the three Landers and the
Booster Vehicle will group together and connect. After connection, the propulsion system in the
Booster Vehicle will rocket the three Landers and astronauts on a trajectory to meet the Cycler.

The hyperbolic rendezvous of the three landers with the cycler vehicle takes place with the
use of a lander boost vehicle. The Δ𝑉 required for the rendezvous must be precisely delivered
by the boost vehicle so that the hyperbolic rendezvous is not missed. The required Δ𝑉 will also
vary with each lander rendezvous, so for this particular analysis, we will focus on a single Δ𝑉
value for the numerical results, but also present plots showing how the propellant and inert
propulsion masses vary for a range of Δ𝑉 values. The hope is that the inclusion of the plots
covering a range of Δ𝑉 values will provide a clear picture for the overall propulsion system
mass as the Δ𝑉 requirements change. In this report, a Δ𝑉 value of 4.21 km/s was used for the
numerical results.

Human factors will also be part of the Booster Vehicle design. Even though the astronauts
will not be living in the Booster Vehicle, parameters were taken into account to make the most
of the Booster Vehicle space.

Once the Cycler trajectory has been met, the Booster Vehicle will attach itself to the cyler.
This attachment will be between the top of the Booster Vehicle and the side of one XM3C. The
connection will allow the astronauts to have free range to move about the Cycler. From this
point, the three Landers and the Booster Vehicle will be on a path to Mars and Phobos.
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A. Chemical Propulsion System

The human landers hyperbolically rendezvous with the cycler vehicle in the S1L1 orbit.
The human landers are boosted into the hyperbolic rendezvous by a propulsive boost stage. The
boost vehicle attaches to the configuration of three landers and delivers the landers into the
hyperbolic rendezvous. Due to the large mass of the landers, electric propulsion could not be
used as the time of flight would have been much too long. Therefore, chemical propulsion
alone was selected to boost the landers into the hyperbolic rendezvous. See Appendix AZ for
additional details.

The chemical propulsion system for the hyperbolic rendezvous uses a fuel of liquid
hydrogen with an oxidizer of liquid oxygen. By using these propellants, the most performance
can be obtained from the hyperbolic rendezvous boost stage, ultimately resulting in a reduction
of propellant mass. Since the boost stage will fire directly from Low Earth Orbit, there is no
need to worry about long term storage of the liquid hydrogen. This boost stage will be used
almost immediately after being placed into Low Earth Orbit and attached to the landers.

The specifics for the liquid chemical propulsion system are shown in Table 8.5. The table
summarizes the key performance characteristics of the system, including the chamber pressure,
specific impulse, and other critical propulsion design parameters.

Table 8.5: The table shows the key propulsion design parameters used for the liquid
chemical propulsion stage for the hyperbolic rendezvous.
Design Parameter

Value

Specific Impulse (s)
Throat Diameter (m)
Exit Diameter (m)
Propellant Flow Rate (kg/s)

450
0.26
1.64
393.7
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Thrust Coefficient
Expansion Ratio
Chamber Pressure (MPa)
Thrust (kN)
Burn Time (min)

1.82
40
18
1739
9.5

The chemical propulsion system must deliver an average change in velocity of 4.21 km/s.
Please note that depending when landers are launched into the hyperbolic rendezvous, this value
will increase or decrease slightly. The ideal rocket equation provides results for expected
propellant masses in order for the chemical burn to provide the desired change in velocity. In
this analysis, a propellant mass fraction of 0.9 was selected so that an estimated value for the
inert propulsion mass could also be obtained. After running further analysis, an O/F ratio for
liquid hydrogen and liquid oxygen was selected to be 3.5, which is slightly less than the optimal
value for such a liquid propellant system. By choosing a lower O/F ratio, we can also reduce
the amount of oxidizer being used during the combustion process. As a result, the propellant
mass can be further reduced.

Before completing the propulsion system analysis, the total payload for the boost stage had
to be determined. In this case, the payload for the lander boost vehicle consists of the three
landers, all the systems and subsystems aboard the vehicles, as well as various communications
equipment and additional propulsion systems. The summary for the lander boost vehicle mass
is shown in Table 8.6. Please note that this table is specific to the first human trip only. All
other human missions will have two landers directly to Mars and one to Phobos. For the first
trip, two landers will go to Phobos and then Mars, while only one lander will go directly to
Mars.

Table 8.6: The breakdown of the lander rendezvous mass showing the masses for all
major systems on board the landers before departing Low Earth Orbit.
Design Parameter
Human Factors Inert (Mg)
Consumables (Mg)
Lander Structure (Mg)

Quantity

Value

1
3
3

7.1
1.0
5.22
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Propulsion Phobos-Mars (Mg)
Propulsion Mars Direct (Mg)
Controls (Mg)
Power and Thermal (Mg)
Aerodynamics (Mg)
Communications (Mg)
Total Rendezvous Lander Mass (Mg)

2
1
3
3
3
3
-

23.03
6.89
1.33
2.58
8.39
0.08
115.9

The total mass shown in Table 8.6 represents the payload mass for the lander boost
vehicle. The boost vehicle must provide a Δ𝑉 of 4.21 km/s to a payload of 115.9 Mg. Table 8.6
shows a breakdown of this total payload mass and components which must be included. Note
that there are three landers included in the hyperbolic rendezvous.

Therefore, we need

approximately three of each item within the total payload. However, one of the landers is going
directly to Mars, so the lander propulsion mass for this vehicle is less than that for the other two
landers which will go to Phobos and then on to Mars. The appropriate masses for each of these
lander configurations can be found in Table 8.6.

From Table 8.6, the total payload mass for the lander boost vehicle is 115.9 Mg. This is
the mass that the propulsion system must be able to apply a Δ𝑉 of 4.21 km/s. Now that the
payload mass for the boost vehicle has been determined, the ideal rocket equation yields the
anticipated propellant mass. Using the selected O/F ratio, we can determine the masses for both
the fuel and the oxidizer. The selected propellant mass fraction value can then be used to
calculate the expected inert mass for the propulsion system. The inert mass value used in this
report also accounts for triple redundancy in the engines in the event one of the engines fails.
The redundancy requirement was followed as per the project specifications.

Table 8.7 summarizes the propulsion system masses for the HuLa boost vehicle. Included
are the fuel and oxidizer masses, along with the inert propulsion system mass which accounts
for the plumbing, tubing, pumps, tanks, and triple redundant engines. The table also includes
fuel and oxidizer tank volumes for the propulsion system. Included for reference are additional
propulsion parameters selected which impact the masses of the overall propulsion system. The
total propellant mass and total tank volumes are also listed to provide a better description of the
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size and scale of the overall system. Due to the large scale of the cycler vehicle, and the large
Δ𝑉 needed to depart Low Earth Orbit, the fuel and oxidizer masses are quite high, but certainly
reasonable for a mission of this size.

Table 8.7: The table contains propellant and inert propulsion system masses, along with
the expected fuel and oxidizer tank volumes necessary for the hyperbolic rendezvous out
of Low Earth Orbit.
Design Parameter
ΔV (km/s)
Propellant Mass Fraction
O/F Ratio
Specific Impulse (sec)
Fuel Mass (Mg)
Oxidizer Mass (Mg)
Propellant Mass (Mg)
Inert Mass (Mg)
Fuel Tank Volume (m3)
Oxidizer Tank Volume (m3)
Tankage Volume (m3)

Value
4.21
0.9
3.5
450
49.94
174.8
224.7
28.0
703.6
153.2
856.8

The total mass of the lander vehicle, including the mass of the boost vehicle can be found
by summing the boost vehicle payload mass of 115.9 Mg, the propellant mass of 224.7 Mg, and
the inert mass of 28.0 Mg. The summation of all the vehicle masses results in a total lander
vehicle configuration mass in Low Earth Orbit of 368.6 Mg. The mass for the boost vehicle can
be computed by simply summing the propellant mass and the inert propulsion system mass.
The boost vehicle will have a mass of 252.7 Mg.
Please note that the mass values presented correspond only to a Δ𝑉 of 4.21 km/s. As a
result, if this value changes, so will the propellant and inert propulsion system masses. This
analysis used a Δ𝑉 of 4.21 km/s since this value was representative of the average change in
velocity the lander configuration would need for the hyperbolic rendezvous. At times, when
placing the landers into the hyperbolic rendezvous a larger or small Δ𝑉 may be required. Figure
8.3 shows a plot of the variation of the total propellant mass with a change in velocity. Note
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that as the change in velocity grows larger and larger, the propellant mass increases
exponentially. Figure 8.4 shows the variation of the inert propulsion system mass with a change
in velocity. Again we can see that as the change in velocity becomes larger, the inert mass
increases exponentially. Figures 8.3 and 8.4 illustrate the effects that increasing or decreasing
the Δ𝑉 requirement will have upon the total propulsion system mass.

Figure 8.3: The exponential increase of propellant mass as the change in velocity
increases.
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Figure 8.4: The exponential increase of inert mass as the change in velocity increases.

The tankage volumes also dramatically increase as the change in velocity increases. Figure
8.5 illustrates the growth in the volumes of both the fuel and oxidizer tanks as more Δ𝑉 is
needed for the chemical propulsive burn. Due to the low density of hydrogen, the fuel tank
must be substantially larger in volume than for the oxidizer tank. This trend can be seen in
Figure 8.5 as well.
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Figure 8.5: The exponential increase of fuel and oxidizer tanks as the change in velocity
grows larger.
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B. Human Factors Requirements

As mentioned previously, the Booster Vehicle will have human factors support. This support
is a supply of food for the journey. At the top of the Booster Vehicle, there will be enough food
to supply 18 astronauts for 180 days. The number of days comes from the estimated trajectory
time from meeting the Cycler to departing the Cycler to land on Mars or Phobos. Enough food
for 18 astronauts is based on later missions when all Landers will be full of explorers. If fewer
astronauts are being sent as in Wave 2A, the extra food may be saved for later use. The total
volume for the food is 8.911 m3. This volume does include a 30 day buffer for safety reasons.
C. Connection to XM3

The mission will be a failure if the correct connection between the Booster Vehicle and one
of the XM3s cannot be made. The connection point between the Booster Vehicle and the XM3
is universal for all the XM3s. This allows for the pilot to have a choice on which XM3 to attach.
Having the option of different attachment locations will greatly increase the likelihood of a
successful connection. This common port is based on the BA-330 connection.

D. Dimensions

The required volume for the Booster Vehicle became the main design parameter. Being able
to house both the propulsion systems and the human factors items was a chief concern. Table
8.8 below shows the required volume and the associated masses.

Table 8.8: Summation of Required Volumes and Masses
Item

Volume (m3)

Mass (Mg)

Propulsion Systems

856.8

252.7

Human Factors

8.911

7.086
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Total

865.7

259.7

Based on the total volume needed, the following dimensions were designed to fit the vehicle
in a commercial rocket cargo bay. The Booster Vehicle will be cylindrical with a diameter of
8.2m and a height of 17.5m. The top 2.8m of the Cycler is slanted to create a cone at the top.
The end of this cone has a diameter of 4.6m. All ports have a diameter of 2.99m. Figure 8.6
below is a visual representation of the Booster Vehicle with three Landers attached.

Figure 8.6: Rendering of the Booster Vehicle with Landers Attached
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IV. Trajectory from the Cycler to Mars and to Phobos

A. Introduction to Problem

After remaining docked with the Cycler vehicle for the majority of the trip from Earth to
Mars, we need to separate the Human Lander vehicles from the Cycler and correct the trajectory
to allow for landing on the surface of Mars and Phobos. To design the trajectory for the Human
Lander vehicle from the Cycler to Mars and from the Cycler to Phobos we must first understand
the problem environment. One of the most significant challenges is the range of initial
conditions seen by the Human Lander vehicle (which are the conditions of the Mars approach of
the Cycler trajectory). Table 8.9 provides the range of initial conditions for the trajectory
design. Table B.5 provides 33-year itinerary of these initial conditions for each Cycler vehicle
in Appendix B.

Table 8.9: The bounds on the range of initial conditions for the Human Lander vehicle
trajectory design demonstrate significant variation. [1]
Case

V∞ Relative to Mars, km/s

Flyby Distance, km

Min V∞ Relative to Mars

2.77

7,601

Max V∞ Relative to Mars

7.87

9,621

Min Flyby Distance

5.66

1,454

Max Flyby Distance

4.31

17,710

From Table 8.1 we note that the maximum V∞ makes clear that we cannot bring a traditional
propulsion system to sufficiently slow down the Human Lander vehicles such that they will
capture into a closed orbit in the Mars system (for calculations refer to Appendix AP). Thus we
must consider the use of aerocapture to slow the Human Lander vehicles enough that they are
no longer along a hyperbolic trajectory relative to Mars.

Due to the extremely high speeds and thus drag force encountered by the vehicle during
aerocapture, the success of the maneuver is very sensitive to any perturbations in the state of the
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vehicle at atmospheric entry (the initial conditions for the aerocapture maneuver) which
represents the terminal condition of the Human Lander trajectory from the Cycler to
aerocapture. If the Human Lander vehicle enters the atmosphere on too steep of an approach it
will either crash into the surface of Mars or burn up before it gets the chance, too shallow of an
approach and the Human Lander vehicle will skip out of the atmosphere and depart the Mars
system and the crew will starve. Thus from a trajectory design standpoint we must select the
trajectory that will deliver the vehicle into the atmosphere at the appropriate “steepness” or
flight path angle. The target flight path angle at atmospheric entry is defined by the
aerodynamics team that is providing a detailed analysis on the aerobraking maneuver. This
determines at what angle the trajectory should have upon entering the atmosphere at the
endpoint of the trajectory into aerocapture. The trajectory design methodology and selection
criteria are presented in detail in Appendix AP.

B. Trajectory Definitions
The worst case trajectories in terms of ΔV (corresponding to the maximum flyby distance of
the Cycler trajectory) for the Human Lander vehicle from the Cycler to aerocapture approach at
Mars are defined in Table 8.10.

Table 8.10: Definition of Human Lander vehicle trajectories from Cycler vehicle to
aerocapture at Mars.
Destination

γatm Required, deg

Time of Flight, days

ΔV Required, km/s

Mars

-9.1260

1.3

0.1574

Phobos

-8.9979

1.3

0.1563
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V. Trajectory from Phobos to Mars
The next trajectory plotted is to get the human landers with the astronauts from Phobos to
Mars. The landers must depart from the surface of Phobos, complete an orbit to a 120 km
altitude at Mars, and then capture at the planet. We choose the 120km altitude for its significance
as the edge of the Martian atmosphere.

It is determined, however, by aerodynamic factors which are discussed in section below,
that the highest applicable entry angle is -4.875 degrees with a perfect atmosphere. In figure 8.6
below, we plot the trajectory for this flight path angle and the transfer orbit is shown in dotted
line. With this trajectory, the landers will enter the Martian atmosphere at 4.3693 km/s.

Figure 8.6: Plot of chosen trajectory from Phobos to Mars

Tomi Olokun | 175

HuLa

Project Aldrin-Purdue

VI. AEDL
AEDL (Aerocapture, Entry, Descent, and Landing) systems and processes for HuLa are similar
to the systems and processes for CarLa and the Return Option. The system for HuLa must
withstand two passes through the Martian atmosphere. The first pass through the atmosphere
completes aerocapture and on the second pass HuLa lands on the surface of Mars.

The assumptions for EDL include: continuous, autonomous lift control, the Martian atmosphere
starts at 120 km altitude and the radius of Phobos’ orbit is circular. Autonomous lift control
systems throughout AEDL allow for inflight adjustment to ensure we meet the correct exit
conditions within a 3σ variance of atmospheric density. We assume the Martian atmosphere
starts at 120 km to follow Earth’s atmospheric model. This assumption holds because Mars’
atmosphere is less dense than Earth’s. By request of the Mission Design Team the radius of
Phobos’ orbit is assumed to be circular because of its low orbital eccentricity. Additionally, it is
assumed that humans may tolerate up to six times the gravitational force of Earth during
atmospheric entry.
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A. EDL Decelerator Choice: ADEPT vs. HIAD

Both ADEPT, Adaptable Deployable Entry Placement Technology, and HIAD, Hypersonic
Inflatable Aerodynamic Decelerator, have their distinct advantages and disadvantages. Being an
inflatable, HIAD does not have any added structural mass which decreases IMLEO, Initial Mass
in Low Earth Orbit. ADEPT however can be gimbled to create a lift vector, as well as be reused
if landed safely. Taking these advantages into consideration, we select which descelerator
makes more sense for a manned mission. Since the main driving force for this project is mass,
we size the ADEPT and HIAD needed for the mission, and compare the masses. Table 8.11
shows the mass savings.

Table 8.11: Mass savings of using HIAD compared to ADEPT.

HuLa

Total Entry Mass [Mg]

System Mass [Mg]

Mass Savings [Mg]

ADEPT Option

23.5

8.7

N/A

HIAD Option

23.5

6.2

2.5

Taking the previously stated advantages of ADEPT and the fact that ballast mass would need
to be added to the HIAD option to allow for control, ADEPT is selected for manned missions.
Another consideration for this selection is that the HuLa mission needs to go through
aerocapture, whereas CarLa and XM3 will enter the atmosphere directly. Assuming HIAD is
not reuseable after aerocapture, two HIAD systems would need to be used for HuLa, putting the
mass savings in favor of ADEPT.

B. ADEPT Introduction and Configuration

ADEPT, or Adaptable Deployable Entry and Placement Technology, is one of the
descelerators considered for this project. It is a mechanically deployed descelerator that folds up
for launch to reduce stowed volume, then before AEDL, is expanded to dramatically decrease
the ballistic coefficient of the spacecraft by increasing its drag area. It can also be deployed in a
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way that creates a center of mass offset, creating a lift vector during descent, which allows for
bank angle guidance. Figure 8.7 shows the planned configurations for launch and AEDL.

Figure 8.7: Configuration of ADEPT during launch and after deployment. Note that
this figure is not drawn to scale

The nominal state has an angled offset from an axisymetric position which creates a center of
mass shift. ADEPT will be stowed in tension to an axisymetric position for launch to allow for
stability, then explosive bolts will fire before aerocapture and the tension mechanism used will
deploy ADEPT to its nominal state. This type of deployment eliminates the need for a winching
or hydraulic mechanism on the ADEPT structure, which would increase mass and power
requirements. The disadvantage is that there is no ability to actively gimbal the shield, however,
bank angle control can still be used for guidance.

Ben Libben | 178

HuLa

Project Aldrin-Purdue

C. Ballute

The human lander will require additional assistance outside of the ADEPT for entry into
Mars. To further reduce the ballistic coefficient on entry, the HuLa vehicle will have a tethered
trailing ballute attached. By having a toridial tethered ballute attached, additional drag will be
applied to decelerate the system upon entry. An example of how a trailing toroidial ballute
architecture attaches to a lander vehicle can be seen in Figure 8.8. A ballute will not affect the
constrints on the payload fairing of the launch vehicle that will deliver the HuLa vehicles. Also,
a ballute will be able to provide the needed ballistic coefficient during entry while providing
little mass overall to the lander system.

Once the vehicle has successfully decelerated to the desired speed, the tethered ballute will be
detached. Due to the inconsistencies of the Martian atmosphere, the needed time for the ballute
to be attached is variable. As a result, the ballute will be attached for a variable time, dependent
of the atmospheric conditions during entry. This system architecture will help to mitigate risk
by allowing the vehicle to reach the desired deceleration without being dependent of the
atmospheric properties of the Martian atmosphere. The process of sizing the ballute can be
found in Appendix AW.

Figure 8.8: The trailing toroidial ballute architecture attached to a lander vehicle.
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D. EDL Architecture

Since the main goal of this project is to reduce IMLEO, reusability of every launched system
is considered. One idea for EDL systems specifically is to reuse a landed ADEPT shield as a
communications array. However, due to the mission specifications of a propulsive hover before
landing, ejecting the EDL systems before the terminal descent stage saves on fuel mass.
Keeping this in mind, we want to find a way to get ADEPT as close to the ground as possible
before ejecting it to decrease the possibility that it will crash and become unuseable. Figure 8.9
shows the architectures analyzed that allow for ADEPT to potentially land safely.

Figure 8.9: Diagram of each architecture considered. The blue box reperesents the
payload, the black diagonal lines represent the carbon cloth of ADEPT, the orange
triangle is the PICA nose cone, and the gray tube is a trailing toroidal ballute. Note that
this figure is not drawn to scale.

All architectures use ADEPT for aerocapture and in the hypersonic regime, as well as a
propulsive terminal descent phase. Architectures 1 and 2 deploy a trailing toroidal ballute in the
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supersonic regime to help reduce landing error with a 3σ atmosphere uncertainty, while
Architecture 3 uses only ADEPT for the entire descent. This deployment decreases the ballistic
coefficient from 20 to ten. This value was chosen due to the analysis in Appendix AT. To
decide which architecture is the best option, a metric system is created to rank the values
generated during analysis. These metrics are compared and the best architecture is chosen.
Figure 8.10 shows the comparison between the three architectures.

Figure 8.10: Metric table showing desireable and undesireable traits of each
architecture

Since Architecture 1 is the only option with no high metrics, it is chosen as the best option.
Other benefits of Architecture 1 are that it creates ease for separation of systems during descent,
ADEPT is brought much lower in altitude before ejection, bank angle control can be used
during the entire descent sequence, and in case the ballute fails, ADEPT alone can still land the
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payload, but with no way to account for extreme atmospheric error. Table 8.12 shows
Architecture 1’s properties, and Figure 8.11 shows the ideal trajectory property plots for each
stage.

Table 8.12: Architecture 1 properties for HuLa.

Architecture
1
Entry Mass [Mg]

23.5

EDL System Mass [Mg]

9.22

ADEPT Base Radius [m]

14.55

Ballute Radius [m]

9.9

Velocity at 2 km Altitude [m/s]

68.55

Altitude at 100 m/s [km]

9.72

Descent Time [min]

9.79

Peak g-Load [Earth g’s]

3.4

Figure 8.11: Trajectory and velocity change vs altitude plots. They are color coded to
show each speed regime. The change in ballistic coefficient can be seen as a sharp corner
in the Altitude vs. Velocity plot between the hypersonic and supersonic stages
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1. Seperation Architecture
Looking at Architecture 1, we can see that it calls for both ADEPT and the trailing ballute to
be ejected just before the terminal descent stage. In order to mitigate risk of failure during the
separation stage, analysis is done to figure out if re-contact is an issue, and if so, how to
eliminate it. This is done by finding the ballistic coefficients of each system as individual
objects get ejected and comparing them to see if the ejected object will recontact.

Since a ballute is already deployed in the chosen architecture, the most reasonable sequence
of ejection is as follows:
1. Keeping ballute deployed, eject ADEPT with nose cap still attached
2. Once ADEPT is deemed clear of the remaining system, cut the attached ballute
3. Ignite the terminal descent engine

Analysis is then done on the system to determine the ballistic coefficients of each stage to
determine if recontact is an issue. Table 8.12 shows the ballistic coefficients of each stage, and
Figures 8.12 and 8.13 show the trajectory properties of each system.

Table 8.12: Ballistic coefficients of each stage of separation.

Separation

β [kg/m2]

Ejected ADEPT

7.4

Payload w/ Ballute

9.2

Payload Only

127.1
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Subsonic Stage Ends and Seperation of ADEPT Occurs

Ballute is Cut

Figure 8.12: System trajectory properties as separation occurs

Figure 8.13: System trajectories as separation occurs
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Looking at the ballistic coefficients listed in Table 8.12, we can see that there is an issue with
the ballistic coefficient of the ejected ADEPT being higher than the payload with a ballute.
However, since ADEPT’s nominal state has a center of mass offset, we can assume that ADEPT
will have a force enacted in the direction of the mass offset. This will cause the ejected ADEPT
to swoop away from the payload. We also assume that the force of the explosive bolts used for
separation will push the ADEPT relatively far away from the payload to allow for the sidewards
movement of the shield without risk of recontact. In order to eliminate these risks however, the
ballute will need to increase in size to reduce the ballistic coefficient of the system.

E. Aerocapture

1. Explanation of Aerocapture

When we eject HuLa from the Cycler, we are traveling at a hyperbolic velocity relative to
Mars. If we want to get to the surface of Mars or Phobos then HuLa must bleed portion of it
velocity for it to exit the atmosphere under the hyperbolic velocity. This may be accomplished
propulsively, with a significant increase in propellant mass, or through aerocapture. Aerocapture
is an orbital maneuver that decelerates a spacecraft due to the drag force on the vehicle in a
planetary atmosphere. By successfully completing this maneuver the vehicle transitions from a
hyperbolic trajectory to an ellipsoidal orbit. Upon reaching the desired orbit a burn may be
implemented at apoapsis to raise the periapsis, adjusting the orbit.

2. Application of Aerocapture

In Project Aldrin-Purdue, we choose aerocapture for HuLa EDL in order to achieve an
elliptical orbit about Mars without significant increases in propellant mass. By entering the
Martian atmosphere at different flight path angles we are able to control the resulting elliptical
orbit. With the ability to control the resulting orbit, HuLa may be placed on a trajectory to reach
Phobos or a smaller elliptical orbit returning to the Mars atmosphere for descent and landing.
Figure 8.14 displays the pre and post-aerocapture trajectories for HuLa.
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Figure 8.14: Depiction of pre and post aerocapture trajectories, going to Phobos or
directly to Mars.
From the Cycler each HuLa vehicle will have the same Vinfinity for a set launch date provided
by the Mission Design Team. Over time, the Vinfinity of the Cycler varies requiring HuLa to enter
the Martian atmosphere at different velocities and flight path angles to reach the desired exit
conditions.

3. Definition of Variables

Vinfinity orbital velocity, [km/s]
β Ballistic Coefficient, [kg/m2]
V120km,in entry velocity for aerocapture at 120 km altitude, [km/s]
γin,120km entry flight path angle at 120 km altitude, [˚]
V120km,out exit velocity from aerocapture at 120 km altitude, [km/s]
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γout,120km exit flight path angle from aerocapture at 120 km altitude, [˚]

Rorbit maximum distance HuLa is from Mars, [km]
torbit time from exiting Mars’ atmosphere post-aerocapture until returning to Mars’
atmosphere, [hours]

4. Aerocapture to reach Phobos

To reach Phobos after aerocapture, the entry conditions are given in Table 8.13 for the first
two cycles of Cycler A and Table 8.13 for the first two cycles of Cycler B. These values are
produced using an entry mass for HuLa of 38 Mg and β = 20 kg/m2. The Vinifinity values were
obtained from the Mission Design Team and are displayed with more detail in Table 8.14.

Table 8.13: HuLa flight conditions going into and coming out of aerocapture for the first
two cycles of Cycler A to obtain the closes orbit to Phobos.
Cycler

Vinfinity

V120km,in

γin,120km

V120km,out

γout,120km

Rorbit

torbit

Date

[km/s]

[km/s]

[˚]

[km/s]

[˚]

[km]

[hr]

1/22/2038

5.66

7.5668

-8.45809

4.2053

5.7858

9375.4

4.13

4/28/2042

5.89

7.7403

-8.55303

4.2055

5.8115

9375.5

4.13

Table 8.14: HuLa flight conditions going into and coming out of aerocapture for the first
two cycles of Cycler B to obtain the closes orbit to Phobos.
Cycler

Vinfinity

V120km,in

γin,120km

V120km,out

γout,120km

Rorbit

torbit

Date

[km/s]

[km/s]

[˚]

[km/s]

[˚]

[km]

[hr]

3/02/2040

4.31

6.6179

-7.80724

4.2056

5.5267

9375.8

4.14

3/27/2044

7.14

8.7293

-8.997918

4.2053

6.002

9376

4.12
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We reach Phobos by targeting an exit orbit that places the apoapsis of our resulting orbit as
close to the radius of Phobos’ orbit as possible. For the first two cycles of each Cycler the
resulting elliptical orbit could not make it fully to Phobos. The resulting orbit was selected to get
us as close to Phobos as possible without exceeding the radius of Phobos.

5. Aerocapture for Mars Entry

When HuLa needs to reach the surface of Mars without stopping at Phobos the exit
conditions after aerocapture are based off obtaining the lowest possible exit velocity. By
designing the aerocapture to reach the lowest possible exit velocity while still getting into an
orbit, the amount of drag required to slow HuLa increases.

This increase in drag is

accomplished with a larger flight path angle going into aerocapture.

For the first two cycles of Cycler A and Cycler B, we always have two HuLa vehicles going
to the surface of Mars; the exception is for the first cycle of Cycler A. In order to reach the
surface of Mars aerocapture used to place the vehicle in a small elliptical orbit. This is very
similar to the case for going to Phobos except more of the velocity is bled in the atmosphere.
By bleeding more velocity in the atmosphere the downrange error in the descent and landing
phase is minimized. The aerocapture flight conditions for going to Mars surface are shown in
Table 8.15 and Table 8.16 for a ballistic coefficient of 20 kg/m2 and a mass of 38 Mg.

Table 8.15: HuLa flight conditions going into and coming out of aerocapture for the first
two cycles of Cycler A with the lowest exit velocity and an elliptical orbit about Mars.
Cycler

Vinfinity

V120km,in

γin,120km

V120km,out

γout,120km

Rorbit

torbit

Date

[km/s]

[km/s]

[˚]

[km/s]

[˚]

[km]

[hr]

1/22/2038

5.66

7.5668

-8.6052

3.585

3.7204

4.038

1.40

4/28/2042

5.89

7.7403

-8.6903

3.611

3.8978

4.156

1.50
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Table 8.16: HuLa flight conditions going into and coming out of aerocapture for the first
two cycles of Cycler B with the lowest exit velocity and an elliptical orbit about Mars.
Cycler

Vinfinity

V120km,in

γin,120km

V120km,out

γout,120km

Rorbit

torbit

Date

[km/s]

[km/s]

[˚]

[km/s]

[˚]

[km]

[hr]

3/02/2040

4.31

6.6179

-7.9873

3.602

3.5783

4.102

1.49

3/27/2044

7.14

8.7293

-9.126

3.545

3.7215

3.896

1.21

After HuLa exits the Martian atmosphere it continues on in orbit without propulsive
maneuvers until it enters the atmosphere a second time. The second time through the atmosphere
the HuLa vehicle makes its final descent and lands on the surface. We choose to not use
propulsive maneuvers to adjust the orbit because that would increase the IMLEO.

6. Future Analyses

Future analyses for aerocapture include defining the amount of mass a vehicle may fluctuate
while maintaining the same exit flight conditions.

With boundaries established for mass

fluctuations, velocity fluctuations may be analyzed and help create a better model for the design
of an aerocapture system.

Another method to decrease the initial velocity for descent and landing is aerobraking. We
did not choose to implement aerobraking because of the increase in the time of flight and the
increase in propellant mass. We choose to decrease the amount of time humans are in HuLa
because it is a smaller space and it will decrease the amount of required consumables, reducing
our IMLEO. Finding the conditions in which aerobraking is feasible and advisable aids in
future mission planning.
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F. EDL Trajectory Design

Landing on Mars can be difficult because there is not a significant amount of atmosphere to
slow the lander down, but there is enough that it must be taken into account for heating
purposes. In order to handle this problem an entry system architecture is employed and a
simulation is employed to predict the performance during flight. The simulation is described in
Appendix AS and is used in many parts of AEDL. In the case of HuLa, the trajectory was
designed to reduce the terminal velocity, the peak deceleration, the peak heat flux and the total
heat load to within acceptable ranges. The limiting parameters are defined by a terminal velocity
below 100 m/s and deceleration below 6 Earth G’s. The heat flux and heat load were not
minimized as scrutinously because they did not approach the limits for any of the entry
conditions. The trajectory was also used to determine which entry conditions based on the
spacial trajectory were acceptable using the aforementioned parameter limits.

By running the trajectory simulation for multiple entry conditions, it was determined that any
entry velocity below 4.9 km/s would be acceptable as long as the angle of entry was not shallow
enough to allow skip out. Figure 8.15 on the following page shows the results for the range of
entry conditions provided by mission design and after the aerocapture phase.

Figure 8.15: The peak deceleration and total heat load for multiple entry conditions.
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We can see in Fig 8.15 above that there is a minimum point for peak deceleration over a
range of entry conditions. However, since all of the conditions satisfy the deceleration
acceptability limit, using the minimum is not necessarily the best solution based on the mission
requirements. All of the entry conditions result in terminal velocity which is 90.82 m/s for all
cases with the human lander. Since both of the descent limits are satisfied, it can be said that
based on these results, any of the given entry conditions can be used for entry, descent and
landing with a high degree of success.

We can also see that in the plot of total heat load versus entry velocity, a lower entry velocity
decreases the total heat load. Based on this, the entry velocity should be minimized in order to
decrease the TPS mass which is dependent on the total heat load. In order to minimize the total
heat load, the entry velocity was determined to be 3.4696 km/s with an entry angle of -2.9730°
with respect to the surface. Analysis of the TPS mass sizing for the human lander is described in
the Architecture section as part of the entry system mass.

Extra analysis was also performed to increase the success of the mission by reducing the risk
of failure during entry, descent and landing due to a 3σ atmospheric error. This analysis is
described in Appendix AU which details how lift can used to reduce touchdown error and how a
ballute can be used to decrease the terminal velocity in the case of a thin atmosphere.
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VII. Lander
A. Lander sizing

The first crucial quantity that was needed for the Human Lander was the sizing of the
Lander. Due to the Lander’s structural integrity being based on the Lander’s size, we decide it
would be important to determine a general Lander volume before considering the Lander wall,
shielding, or landing gears. The Lander’s volume is dependent on multiple characteristics. The
space needed for human living (including food, water, and waste storage), propulsion housing,
seating, and controls are all taken into account when determining the Lander sizing.

Due to the volume of the propulsion being affected by the dry mass of the Lander, the sizing
was iterated multiple times after the initial sizing of the Lander. The initial sizing of the Lander
assumed a mass and the dimension.

As the Lander was being modified to complement the changes in propulsion volume, the
Lander maintained the same general shape. The Lander consists of a cylindrical bottom and top,
with the sides being inclined at an angle of 32.5°. The edges of the Lander were filleted to
reduce the large magnitude of stress along these edges. Once the sizing of the seating was
complete, the diameter of the bottom of the Lander was finalized. Thus, the only constraint of
the Lander dimensions that changed during testing was the Lander length. The final Lander
dimensions are shown below in Figure 8.16 and Figure 8.17 and the Lander is shown in Figure
8.18
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Figure 8.16: The side view of the Lander is shown (units in meters).

Figure 8.17: The top view of the Lander is shown (units in meters).

Figure 8.18: The modeled Human Lander is shown above.
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B. Lander Wall
The second Human Lander characteristic that we needed to account for was the Lander wall
because the mass and size of the wall affected multiple other design sections, including thermal,
propulsion, and aerodynamic teams. The wall was evaluated for the type of material needed,
entry forces and pressure vacuum forces.

1. Material Selection

Although many spacecraft have pressure walls that consist of a variety of materials, the
Human Lander was assumed to be comprised primarily of one material. The uniform material
assumption was used for ease of analysis, including both a mass analysis and finite element
analysis. Al7075-T6 was used for all analyses of the Lander wall. Although more expensive
than its counter option, Al6061-T6, Al7075-T6 has a slightly larger density and smaller thermal
conductivity, while having a higher yield strength and modulus of elasticity. Data comparing
both Al6061-T6 and Al7075-T6 are provided below in Table 8.17

Table 8.17: Properties of Potential Materials
Yield
Material

Strength
(MPa)

Al6061T6
Al7075T6

Density
(Kg/m3)

Thermal
Conductivity
(W/m-K)

Modulus
of
Elasticity

Cost ($/Kg)

(GPa)

276

2700

167

68.9

3.5

503

2810

130

71.7

7.25
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The material selection includes only the material of the wall; it does not include any nuts,
bolts, or extraneous pieces of the wall. It also does not included methods of attachment for the
landing gear and for the ADEPT heat shield.

2. Structural Integrity Due to Pressure Vacuum and Entry Forces

The wall of the Human Lander will be subjected to two principal forces as it completes its
mission. The first force is the pressure from the inside of the Lander. This pressure, which was
performed under a hoop stress analysis, is necessary for the astronauts in our Lander to live. The
Human Lander was subjected to internal pressure forces equal to 1 atm, or 101.325 kPa.

The second force that affects the sizing of the Lander wall are the forces the Lander was
subjected to as it entered into Mars’ atmosphere. Multiple tests were performed on the Lander
wall to determine the critical failure mode. These tests included buckling, cracking, and
deformation analyses. Buckling, as a result of an elongated Lander, was the critical failure
mode. View Appendix CO on the structural analysis of HuLa.

With buckling as the critical failure mode and the vacuum pressure given, the thickness of
the Lander wall and the overall sizing was calculated.

C. Micrometeoroid Shielding

Along with a pressure vessel wall, the Lander needed a shielding system to protect the
pressure vessel from micrometeoroids puncturing the wall. The system was designed based on
two criteria: the desired protection of the system and the mass of the shielding. With a desire to
have a reduced-mass Human Lander, the mass of the shielding was of the most importance. The
International Space Station, which is the most heavily shielded spacecraft currently in space,
was used as a reference while designing the micrometeoroid shielding [3].

Comparing the Human Lander shielding to the ISS, the ISS had a much more complex range
of shielding methods. Also, the ISS faces a higher possibility of collision, with the amount of
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orbital debris surrounding Earth. The Human Lander’s shielding was designed to protect itself
from the initial ascent to Low Earth Orbit as well as the small possibility of micrometeoroid
encounters as the Lander nears Mars. The micrometeoroids, in this case, would be from
eccentric orbits of asteroid belt materials.

The shielding system designed was a stuffed Whipple shield. This type of shielding has a
low comparative mass with regards to the other types of micrometeoroid shields. The stuffed
Whipple shield consists of an AL2219-T87 outer bumper, an intermediate bumper comprising
of interchanging layers of Nextel AF62TM and Kevlar, and an Al2219-T87 rear wall. A diagram
of the design of the micrometeorite shielding is provided below in Fig 8.19. The in-depth
analyses of the micrometeoroid shielding are explained in Appendix section CQ.

Figure 8.19: The designed micrometeoroid shield has four interchanging layers of Kevlar
and Nextel with an overall spacing of 7.6cm.

D. Landing Gears
Our team designs landing gears for the Human Lander that resembles the landing gear of
Apollo 11. Due to different conditions that the gear will be subjected to, the gear has been
modified accordingly. The Human Lander, at approximately 54.07 Mg, is almost double the
mass of Apollo 11, which was 28.8 Mg[5]. Also, Martian gravity is of a higher magnitude than
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lunar gravity. Thus the Lander was made with landing struts that were longer and had larger
radii. There are three sets of landing gear that are evenly spaced on the Lander. Each gear has
one main struts, eight top struts and four secondary struts. The diagram for the struts in shown
below, in Fig 8.20.

Figure 8.20: The struts of the lander gear resemble those on Apollo 11.
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VIII. Mars HuLa Entry Guidance and Control
We modeled the guidance and control system similar to existing, flight proven
architectures which have already landed robotic rovers on Mars. The Mars Science Laboratory
is the most recent rover to have successfully landed on the Martian surface using a complex
architecture relevant to this study. Due to its success, the Mars Science Laboratory entry and
descent guidance and control system is the framework on which our system is based.
A. Guidance and Control
The development of a guidance algorithm and controller is beyond the scope of this study,
however it is worth noting the various sensors used in a Mars EDL sequence. The Mars Science
Laboratory mission used a suite of sensors to determine its attitude prior to and during entry;
similar sensors are expected to be used for HuLa.

1. Prebank

The prebank phase of entry consists of everything the HuLa needs to do prior to entering the
Martian atmosphere. Star Sensors are used in conjuction with horizon and sun sensors to
accurately determine the attitude and position of the HuLa once it reaches the Martian viscinity.
An Inertial Measurment Unit, or IMU, is used to gain a rough estimate of HuLa’s current
trajectory as well as assist in increasing the accuracy of the HuLa’s current attitude. Once the
attitude estimation is established, corrections can be made to properly orient the HuLa for entry
into the Martian atmosphere.
Once HuLa’s attitude is approriate for entry, ADEPT will then be positioned in its entry
configuration with the offset necessary to generate the appropriate angle of attack. The ability of
ADEPT to position itself such that the aerodynamic center of the HuLa is offset from the axis of
symmetry allows us to forgo the use of ballast masses which is how the Mars Science
Laboratory achieved its angle of attack. Figure 8.21 shows how moving the center of pressure
creates an angle of attack.

Charlie Hartman | 198

HuLa

Project Aldrin-Purdue

Figure 8.21: Left – ADEPT prior to moving the aerodynamic center. Right – ADEPT after
aerodynamic center is shifted and the resulting angle of attack.

At the point just before we reach the upper Martian atmosphere, the star, sun, and horizion
sensor are powered down and all further attitude state estimation is done with the IMU.
Next, HuLa’s control system commands what is known as a prebank angle and computes a
reference trajectory it will attempt to follow during its descent phase. A prebank angle is
essentially an anticipated bank angle that is commanded prior to the start of the range control
phase to eliminate as many errors as possible. A reference trajectory is the path the onboard
guidance and control algorithm will attempt to follow to place as close to the landing site as
possible. The prebank angle and reference trajectory are determined by the most current
meteorological data available as well as its current position and trajectory.

2. Range Control

Once the HuLa enters the Martian atmosphere, it begins what is known as range control.
Range control is done by rotating the lift vector to the left or right of the direction the HuLa is
traveling. This allows the Lander to minimize downrange errors in its estimated landing site
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without causing a drop in altitude. It essentially commands the Lander to fly ‘S’ shapes through
the sky.

Since HuLa flies at a fixed angle of attack there is no way to regain lost altitude if it were to
control its downrange error by dropping altitude. If the controller were to overestimate the
altitude drop it would be impossible to regain the elevation. By flying this is a way to bring the
landing site closer to the HuLa’s current position without sacrificing altitude. If the current
estimated trajectory puts the HuLa right on target then it simply flies in a straight line. A
depiction of the bank angle for clarification can be seen in Figure 8.22.

Figure 8.25: A deptiction of bank angle during the range
control phase.

3. Heading Alignment

The second to last phase of the EDL sequence is the heading alignment. Heading alignment
initiates once certain conditions are met, whether that be a specific speed or altitude. During the
heading alignment phase, the bank angle is commanded to either the left or right of the direction
the HuLa is traveling, thus turning the Lander in the direction of this commanded angle. This
allows the Lander to minimize crossrange errors and put it as close to on target as possible.
Figure 8.23 depicts how the bank angle is commanded during the heading alignment phase.
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Figure 8.23: A deptiction of the bank angle during the heading alignment phase.

4. Terminal Descent

Terminal descent is the last phase during EDL. The HuLa will begin its powered descent and
attempt to land precisely on target
B. Vehicle and Control Modeling During Range Control and Heading Alignment

1. Modeling the Bank Angle Profile

In order to determine the propellant requirements during the range control and heading
alignment phases, the bank angle profile is modeled after the post-flight performance data from
the Mars Science Laboratory mission. Upon examining the bank angle profile from Mars
Science Laboratory, we determined that modeling the bank angle history as a sinusoid
consisting of three periods over the entire trajectory is appropriate. The sinusoidal profile used
to model the bank angle profile can be found in Fig 8.24 below.
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Figure 8.26: The bank angle commanded by the control system over HuLa’s flight.

2. Modeling the HuLa

The lander can be roughly modeled as a hollow cylinder with end caps. From the dimensions
of HuLa as well as its mass at the beginning of EDL, we can compute its inertia properties.
Furthermore, knowning the inertia properties and the maximum bank acceleration MSL
achieved allows us to determine the amount of propellant necessary to achieve the bank profile
we can expect the controller to command. The amount of propellant necessary for the HuLa to
fly the bank angle profile expected as well as a worst case scenario where it must command the
maximum bank acceleration over the entire flight is summarized in Table 8.18.
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Table 8.18: Propellant masses required for different scenarios.

Scenario

Propellant Mass Required, Mg

Expected Bank Angle Profile

0.625

Continuous, Maximum
Acceleration

1.32

C. Thruster Placement

Due to the size, shape, and mass of HuLa, two sets of thrusters are on the vehicle to control
the bank angle. The first set consists of four thrusters placed in an ‘X’ fashion at the very rear of
the vehicle. The second set consists of four thrusters located near the front of the vehicle.
Placing thrusters near the front in conjunction with a system like ADEPT introduces a new
problem which was a major part of this section of the study.
Any deployable system like ADEPT will cast what we refer to as a “shadow” on the vehicle.
This is a problem because we cannot have the exhaust plume of the thruster impinging on the
inside of ADEPT. There are two ways to avoid this, either move the thruster along the axis of
the vehicle such that it is no longer in the shadow or tilt the thruster so its exhaust plume avoids
the inside of ADEPT. Figure 8.25 is a schematic of this problem.

Figure 8.27: Cross sections of HuLa. Left – Exhaust plume impinging on inside of ADEPT. Center – Moving
the thruster to avoid exhaust impingment. Right – Tilting thruster to avoid exhaust impingment.
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In solving this problem, we speculate that there was an optimum thruster location and angle
for the thruster to be tilted. More information on the following discussion can be found in
Appendix AY.

We decided that in order to maximize the effectiveness of the thruster during the range
control and heading alignment phases, the torque generated by the thruster to control the bank
angle needs to be maximized while simultaneously minimizing the torque generated in the yaw
and pitch direction.

The torques in the yaw and pitch direction should be as small as possible so that errors
during the range control and heading alignment phases due to perturbations in these directions
are kept to a minimum. These thrusters will also be used for docking manuvers and attitude
control during the HuLa’s journey from the cycler to Mars. We also believe that minimizing the
off axis torques while docking, as well as when the vehicle performs attitude control maneuvers
after leaving the cycler, is necessary to minimize the propellant requirements to perform said
maneuvers. However, the analysis of this hypothesis is not considered in this study and would
be relevant in future work.

The point at which the torques about the yaw and pitch axis are equal is assumed to be the
optimal location of the thruster. Future work on this optimization would incorporate docking
and attitude control characteristics. By incorporating these characteristics, weighting the torques
to be minimized might be a more appropriate approach. Table 8.19 below is a summary of the
optimal thruster location.
Table 8.19: Optimal thruster location and angle offset.
Optimal Distance from CM [m]

1.695

Optimal Thruster Angle [deg]

21.66

Again, for more information and clarification can be found in Appendix AY.
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D. Trajectory Errors

Again, by referring to the post-flight performance of the Mars Science Laboratory, we can
roughly determine the error between the HuLa’s actual trajectory and the reference trajectory
prior to the powered descent phase. Several sources of error exist and it is highly unlikely these
can be eliminated during flight. It is worth noting, however, that these errors can be
significantly reduced during the powered descent phase given that the HuLa has the ability to
hover for quite some time while the Mars Science Laboratory did not have this luxury.

1. Onboard Knowledge Errors
Onboard knowledge errors are present during all phases of the HuLa’s flight. The onboard
computers and sensors have a finite precision and can only be so accurate when estimating the
current attitude and trajectory of the vehicle. This is partly due to techniques used to filter the
noise in the sensors, as all of the noise can never be completely eliminated. Development of
more powerful and accurate navigational systems can be expected during the development of
this mission. However for the purposes of this study we believe basing onboard knowledge
errors off of existing data is the most useful.

2. Other Error Sources
Other errors are the result of atmospheric variability and factors such as winds. The Martian
atmosphere is very tenuous. The density of the atmosphere at any point can vary up to 60
percent in either direction from a standard atmospheric model thus making predictions and
computations of a reference very difficult and will result introduces significant errors when
attempting to compensate for these differences in real time during the descent. Table 8.20 is a
summary of the errors which caused the Mars Science Laboratory to miss its landing site [1].
Table 8.20: A summary of errors and their accumulated effects.
Source of Error

Touchdown Error from Reference Trajectory [km]

Onboard Knowledge Error

0.1

Atmoshperic Uncertainties

0.5

Additional Uncertainties (winds, ect.)

1.8
Charlie Hartman | 205

HuLa

Project Aldrin-Purdue

IX. Propulsion
We designed the Human Lander vehicle with two different propulsion systems. The number
of propulsive systems is solely based off the mission requirements of the Human Lander
vehicle. These two systems, named the Post Cycler Propulsion System and the Terminal
Descent Propulsion System cover all propulsion requirements from cycler departure to landing
on Mars surface. Each system incorporates different designs in order to optimize the efficiency,
and mass while still successfully completing the mission requirements with an acceptable safety
factor.
A. Nomenclature

F = Force
𝑎 = Acceleration
T = Thrust
𝑚𝑖 = Initial Mass before burn
𝑚𝑖𝑛𝑒𝑟𝑡 = Inert Mass of all tanks and engine components for stage
𝑚𝑓 = Final Mass after the burn
𝑚𝑝𝑙 = Payload Mass
𝑂2 = Oxygen
𝐹2

= Fluorine

𝑁2 𝑂4 = Nitrogen Textroxide
𝐶𝐻1.97 = RP-1 (Rocket Propellant – 1)
𝐶𝐻4 = Methane
𝑁2 𝐻4 = Hydrazine
𝐻2 = Hydrogen
𝑚̇ = Mass Flow
𝛥𝑃𝑝 = Pressure Rise Across Pump
𝑃𝑖 = Initial Pressure
𝜌 = Density
𝑝𝑣 = Vapor Pressure
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𝑄 = Volume Flow Rate
𝐻𝑝 = Pump Head Pressure Rise
𝐻𝑁𝑃𝐻 = Net Positive Suction Head
𝑔𝑜 = Acceleration of Gravity of Earth (9.81 𝑘𝑔/𝑠 2 )
𝑂/𝐹 = Oxidizer to Fuel Ratio

B. Post Cycler Propulsion System

We design the post-cycler propulsion system based on trajectory and mass requirements. The
payload of this propulsion system consists of all components undergoing final martian entry.
The requirements for this particular engine vary based on which type of mission is excecuted.
We require one mission to stop (one-stop) at Phobos before final entry into Mars atmosphere.
This one-stop mission requires the engine to perform a propulsive burn soon after decoupling
with the cycler to point the HuLa’s trajectory into the martian atmosphere for aerobraking. We
require a combination of burns after aerobraking to match the orbit of Phobos and land on its
surface. The crew for this lander will remain on Phobos for an extended period until ultimately
leaving Phobos to land on Mars. We will again require the engine to perform a propulsive burn
in order to achieve final marian entry.
We require the second mission to travel directly to mars (no-stop) for landing. The HuLa will
not travel to Phobos for landing. We require this engine to perform all non-Phobos related
burns.

1. Engine Cycle Considerations

We consider three different types of propulsion systems for this engine design. The three
system types considered are gas generator, expander, and staged combustion. In order to decide
upon a single engine type we need a basic understanding of each engine cycle. We can compare
cycle characteristics with design requirements to find a suitable system.
The gas generator cycle, operates using a gas generator, turbine and two turbopumps to feed
propellants into the combustion chamber. The cycle has a lower inert mass than other
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comparative engines and can incorporate a regenerative cooling jacket. This cooling jacket is
not necessary to the fuction of the engine and thus can be removed to save on mass. This cycle
allows the use of both gas and liquid propellants.
The expander cycle runs slightly more efficient than the gas generator cycle. The cycle has a
higher mass and requires a cryogenic fuel for cooling in a regenerative jacket. In addition, an
expander cycle runs at a higher pressure and does not require a gas generator or preburner.
The staged combustion cycle has the highest efficiency of all the considered engines. In
addition, the engine has the highest mass requirements of all the liquid engines. Though the
cycle normally incorporates a regenerative cooling jacket, is not a required element to the
combustion process. The staged combustion system operates using a preburner in which the
entire fuel flow passes through the burner.
We consider each engine types advantages and disadvantages ultimately makeing the
decision to pursue the gas generator cycle. While the cycle is less efficient than the other
considered cycles, it provides a reduction in mass and complexity compared to the expander and
staged combustion. Due to the requirements of the mission, this particular cycle is appealing
because it allows for the use of many different types of fuels. Figure 8.26 below indicates a
cycle scematic in which a regenerative cooling system is implemented.

Fig 8.26: Gas generator cycle system schematic including regenerative clooling system.
Image based on figure 6-9 from Rocket Propulsion Elements by Sutton and Biblarz.
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2. Propellant Type Considerations

Due to the requirements of the gas generator cycle, a compliment of both oxidizers and fuels
are necessary for operation of this engine. We considered cryogenic, partial cryogenic and non
cryogenic liquid propellants. Below in Table 8.20 is a list of the propellants that we considered.

Table 8.20: A collection of all liquid propellants considered for the post cycler engine.
Table data referenced from Table 7-1 in Rocket Propulsion Elements by Sutton and
Biblarz

Propellants such as hydrazine (𝑁2 𝐻4 ), and RP-1 (𝐶𝐻1.97) are commonly used fuels in modern
day rocket propulsion. While this is the case liquid hydrogen (𝐻2 ) and liquid fluorine (𝐹2 ) are
highly efficient propellants. After using NASA’s Cemical Equilibrium with Applications code
(CEA) on each fuel and oxidizer combination, we collected comprehensive data on engine
efficiency at constant chamber pressure.
The combination of fluorine and hydrogen provides the most efficient engine, however the
exhaust gases of this combustion are toxic. Since we only require burns in space exhaust toxicity
is not an issue. In addition, fluorine is very difficult to pump through normal piping. We have
chosen not to use fluorine for this reason.
The second most efficient propellant combination is hydrogen and oxygen. This system
provides an efficient and reliable burn. We chose to not pursue this propellant combination
because hydrogen proves difficult to store for long periods of time. The progressive boil off of
Propellant

𝑂2

𝐹2

𝑁2 𝑂4

𝐶𝐻1.97

𝐶𝐻4

𝑁2 𝐻4

𝐻2

Type

Ox

Ox

Ox

Fuel

Fuel

Fuel

Fuel

Molecular Mass

31.988

37.997 92.016

15.97

16.03

32.045

2.016

Boiling Point (K)

90

85.02

460

111.6

387.46

20.4

294.3

hydrogen over the 180 day travel period to Mars causes substantial drops in fuel resources.
We have chosen not pursue other propellants such as methane (𝐶𝐻4 ), hydrazine and nitrogen
tetroxide (𝑁2 𝑂4) for reasons that these combinations would not provide the desired efficiency for
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the design. We have chosen liquid oxygen and RP-1 as our preferred propellant combination.
These propellants are used in modern day engines and can be easily stored for long periods of
time without losses.

3. Thrust Requirement

We require the engine to complete its burns over a short period of time such that we can
assume impulsive burn scenarios. We find our desired thrust parameter by using Newton’s
second law.
In this equation, the mass component incorporates the dry mass of the stage and the payload.
The acceleration for this system is taken to be three and a half times the normal acceleration of
𝑚

gravity. Thus the crew experiences 3.5 g’s. The acceleration for this design is 34.355𝑠2 . We
assume that the crew of this expedition is in fit shape and can handle more than this acceleration
over extended periods of time. We assume a slight acceleration tolerance degredation due to the
extensive time low gravity.
We calculate this thrust based on the vehicle mass and the desired vehicle final acceleration.
Changes in requirements between the one-stop and no-stop missions will not change the thrust of
the engine.With this method of determining thrust, we find the provided thrust by the post cycler
propulsion system to be 865.6 kN.

4. Engine Conditions

From the thrust, velocity and acceleration requirements for the human lander vehicle we
compute the overall mass flow as well as amount of fuel and oxidizer required. We compute
these values from the rocket equation and thrust equation.
We compute the required tank space for the oxidizer and the fuel using the densities of RP-1
and 𝑂2 (𝐿). Table 8.21 and 8.22 show tabulated data for masses and volumes data calculated
from the previously stated procedure. Note that these values were computed using an Isp value of
312.5 seconds as well as an O/F of 2.1.
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Table 8.21: Mass and Volume components for the One-Stop Post Cycler Engine Design
One-Stop Design

RP-1

𝑂2 (𝐿)

𝑚̇ (kg/s)

91.09

191.3

𝑚𝑝 (Mg)

6.01

12.61

𝑉𝑝 (𝑚3 )

7.415

11.06

Table 8.22: Mass and Volume components for the No-Stop Post Cycler Engine Design
No-Stop Design

RP-1

𝑂2 (𝐿)

𝑚̇ (kg/s)

91.09

191.3

𝑚𝑝 (Mg)

0.569

1.196

𝑉𝑝 (𝑚3 )

0.7028

1.048

The last component that we consider is the configuration of the entire post cycler propulsion
system. We consider in this case the orientation of the tanking layout for the system and some of
the advantages and disadvantages of different layouts.
We design the tanking for the post cycler propulsion system with certain considerations. First
we need to make sure that our propulsion system center of mass is located on the center axis of
the rocket. We need to make sure that the rocket is stable and that the thrust is pointing through
the center of mass. We take this into account when laying out our tanks for the post cycler
propulsion system. The other main component that we take into account is space available. With
the overall diameter of the Human Lander being roughly 5.8 meters we design the tanks to take
advantage of the large diameter to save on height of the rocket.
After we take into account these two considerations for tank sizing we design the
configuration to be that in Figure 8.27.
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Fig 8.27: Tank Orientation of the RP-1 and Liquid Oxygen based space optimization.

5. Cooling Methods

The conditions for the post cycler propulsion system in the chamber throat and nozzle all run
at high temperatures which can prove to be destructive for this engine if cooling systems are not
designed. For engine cooling in the post cycler propulsion system we use a combination of a
film cooled throat and chamber and a radiatively cooled nozzle.
We design the nozzle of the engine out of molybdenum alloy. This particular alloy has a high
heat transfer coefficient allowing for efficient radiative heat expulsion from the nozzle. This
particular material will similarly be able to handle the high temperature requirements of this
engine.
We design both the throat and chamber of this engine to withstand the high temperatures of
burning liquid oxygen and RP-1 at an oxidizer to fuel ratio of 2.28. At this ratio, the conditions
in the engine prove destructive the the structure which could eventually cause system failure. To
counteract the high temperatures we design a film cooling intector system allowing for a lower
temperature near the wall of the chamber and throat. These low temperatures are made by
injecting a fuel rich section of flow near the chamber wall. After using bartz equation to
compute the convective heat transfer coefficient it can be found that the film flow reduces the
heat transfer to non destructive parameters.
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C. Terminal Descent Propulsive Systems

For the design of the human lander system we initially considered 3 primary criterion that
governed our design choice. Namely, we were required to use a propulsive maneuver to
counteract the initial vehicle velocity within the Martian atmosphere at the beginning of the
terminal descent phase. Further, we needed to enable the vehicle to hover for a minimum 60second duration in order to allow the crew to find a suitable landing location clear of obstructing
debris or regolith. Lastly we were also tasked with determining the feasibility of employing a
propulsive system that would also allow us to “kill” an expected 6km lateral targeting error
from the entry and descent phase.

1. Fuel Selection

To begin, we first considered propellants we thought might be attractive for a mission of this
type. We were initially drawn to propellant combinations with high Isp’s such as LOX/CH4 due
to the obvious performance benefits. However, after considering boil off issues related with
long-term storage it became clear very early on that propellant storability as well as stability
took some precedence over high performance. For these reasons we settled on a
Monomethylhydrazine (MMH) and Nitrogen tetroxide (N2O4) combination. For a moderate
trade off in specific impulse (Isp of 340 for MMH/N2O4 compared to one of 378 for
LOX/CH4) by using a hypergolic propellant we gained an increase in reliability and engine
simplicity.

2. First Burn Maneuver Propellant Mass

After having selected a fuel type, we then performed a very simple analysis using the ideal
rocket equation to determine how much propellant would be needed to counteract the initial
velocity at the beginning of the terminal descent phase.
For this analysis we made the assumption that the entry velocity kill maneuver is distinct from
the subsequent hover maneuver, which allowed us to analyze them separately. Given a vehicle
mass of 17.59 Mg , as well as terminal descent entry velocity of 100 km/s this leads to a
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propellant of 1.33 Mg. A more detailed description of the analysis that went into this is given in
the appendices.

3. Thruster Configuration

In order to size the thrusters themselves we held some engine parameters (such as expansion
ratio or chamber pressure) constant at a specific value and designed backwards from there given
our other constraints such as thrust required and flow rates. We then used CEA to find the
remaining parameters. It is important to note here that the chamber pressure was chosen from an
empirical study of engine designs of similar design.
The table 8.23 below shows some basic thruster parameters.
Table 8.23: Initial Engine Parameters
Pc (MPa)

Ae/At

Cf

Tc (K)

3

78

1.95

3082

We then performed a series of optimizations by iterating though CEA to find a relationship
between the fuel ratio and the specific impulse that maximized the performance of the thruster.
We found that the engine performance was maximized at an O/F ratio of 2.28, which results in
an Isp of 334 seconds.

It was evident for this design that we wanted to be able to vary the magnitude and direction of
the total thrust vector in order to control the position of the vehicle during the 60-second burn
maneuver. Consequently, we chose to use 6 throttleable engines in a radial design as shown in
Fig 8.28 shown below for a few reasons.
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Fig 8.28: Radial Engine design for the Human lander. This configuration increases redundancy and allows
us to control the direction of the thrust vector

Primarily, the 6-engine design increases redundancy and reduces the probability of a critical
mission failure. Secondly, by using multiple throttleable engines that are offset from each other
we are able to vary the direction of our thrust vector with a greater degree of control than simply
having a single engine design with gimbal control. This is accomplished by varying the amount
of thrust output from any individual engine thus allowing us to control the thrust vector.

Another important point of discussion is the engine cycle type. For an engine of this type
we feel it’s most logical to use a pressure fed cycle. In a pressure fed cycle a gas supply of
pressurized helium is kept in a separate external tank and upon the start of the burn cycle is
forced into the propellant tank. Consequently, the fuel and oxidizer are forced to flow through
control valves into the combustion chamber.. The advantage of using a pressure fed cycle as
opposed to other cycles is primarily simplicity and reliability. The cycle itself does not make
use of complicated and potentially unreliable turbo machinery and therefore decreases the total
number of components that may fail. Further, because the propellants are hypergolic, they ignite
on contact and there is no need for an ignition system to drive combustion. Lastly, by making
use of small gas valves we can completely regulate the flow of the pressurized helium. This
then allow us to vary the thrust levels by controlling the pressure of helium flowing into either
the hydrazine or the oxidizer tanks.
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4. Cooling Methods

For engine cooling we decided to use a mixture of a two-zone injector biasing and ablative
cooling. For the two zone injector we allow the near wall injectors to be more fuel rich which in
essence creates two zones, one hot high performing core and one with a relatively cool barrier to
mitigate the effects of extremely high wall temperatures. Of course fuel ratio biasing by itself
would not be an effective cooling solution. Additionally (in fact primarily) we chose to use
ablative cooling to help protect our engines from temperature damage. This design choice was
made primarily because more complex cooling methods would add unnecessary complexity (to
speak nothing of mass, and cost) to engines designed to operate at moderate temperatures for
only slight over a minute. For the thrusters we chose to employ a silica impregnated phenolic
resin ablative layer. This material has a regression rate on the order of 2.5E-5 m/s. From this we
may compute the amount of material that will ablate over 60 second burn duration. This is
important because the effective throat area is different between the beginning and the end of the
burn period.

5. Hover and Lateral Maneuver

One of the most important characteristics for this engine is the hover capability. To compute
the mass of the propellant needed to perform this maneuver was very straightforward and is
outlined in the appendix We find that the required mass to hover given the vehicle structural
mass is around 3.79 Mg. Combined with the 1.33 Mg necessary to “kill” the entry velocity from
the previous section we find that the total propellant mass necessary to perform both maneuvers
is 5.12 Mg.
Because the vehicle has a targeting error of 6 km, we initially thought it would be a good idea
to explore being able to use a propulsive burn to correct this and move our vehicle laterally to the
desired target location.
In order to perform that analysis (explored in detail within the HuLa Terminal Descent
analysis appendix section) we had to propagate the equations of motion for the vehicle through
the Martian atmosphere. We then constrained the vehicle to a range of gimbal angles and
created code that looped through a series of configurations and trajectories until it found one that
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satisfied the necessary conditions. These conditions were that the vehicle travel the 6km range
laterally within the 60-second burn window and that the vehicle maintain a level attitude within
that time period. We then took the propellant mass for the chosen configuration and then added
some additional propellant as a safety factor as well as the mass needed for a controlled descent.
The table 8.24 below outlines the propulsive options that were available for the human lander.
Table 8.24: Propellant Cost Breakdown for Various Burn Options
λ Breakdown
Total Propellant Mass
(Hover + Entry Velocity mitigation)
Propellant for Entry Velocity Mitigation
Hover Maneuver Alone
Lateral Maneuver
Entry Vel. Mitigation + Hover + Lateral Maneuver

5.12(Mg)
1.33 (Mg)
3.79 (Mg)
3.24 (Mg)
8.36 (Mg)

We see that the addition of the lateral maneuver meant that compared to before (with just the
hover and the entry velocity mitigation maneuver) we were adding over 3 tons, equivalent
63.28% more propellant. Because of the additional costs that this would incur on the initial gross
liftoff mass from earth, it was decided that using this propulsive maneuver to correct the lateral
error would be too expensive as an option and thus was eliminated.
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X. Communications
For the majority of its mission, the Human Landers will rely on an external high gain antenna
(HGA) for communication to Mars and Earth. When a HuLa is launched into low Earth orbit
(LEO), it will use a small 15.91 cm low gain antenna (LGA) to communicate to Earth. The
LGA uses a 2,400 bit per second (bps) signal which is not sufficient for broadcasting high
definition (HD) video. From the time that a HuLa is launched into LEO until the time that it
joins the Cycler, it will only be possible to send control signals to the HuLa using the LGA.
After the HuLa has connected to the Cycler, it will link with the Cycler’s communication
system. The Cycler will have two 10 m HGAs that produce a 12 Megabit per second (Mbps)
signal that is sufficient for broadcasting HD video.

The next time that a HuLa must use its LGA as its primary means of communication is when
it detaches from the Cycler near Mars. Similar to its time in LEO, there will not be an HD video
feed from the HuLa during the time that the HuLa detaches from the Cycler until it lands on
Mars or Phobos. Once the HuLa lands on Mars or Phobos, the humans will then move into the
XM3’s that will be connected to a HGA that will allow for HD video broadcasting once again.
The HuLa will be capable of communicating to the satellites in Mars orbit using its LGA to
send signals to Earth or anywhere within the vicinity of Mars. Table 8.25 below gives a
summary of the antennas for HuLa to Mars orbit communications.

Table 8.25: Summary of antennas for HuLa to Mars orbit communications
Transmitter diameter, m

Receiver diameter, m

Distance, km

Power, kW

0.1591

0.6646

29,000

0.001

The total power requirement to send the 40 bps signal from the HuLa on the surface of Mars
to Mars orbit is 1 W. The mass of the LGA and its signal modulation unit is 78.36 kg.
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XI. Human Factor Considerations
HuLas have the immense task of keeping astronauts alive during entry, landing, and roving.
Fortunately, the time spent in a HuLa is less than time spent in the Cycler or any of the living
modules. With the short time span of being in HuLa, some human factor requirements were
able to be removed. Examples of this would be exercise or some sanitary equipment. The
overall analysis was performed to keep six astronauts alive and comfortable for up to two days.
Below in table 8.26 are human factor mass and volume requirements for each HuLa.

Table 8.26: Human Factors Mass and Volume Requirements

Item

Mass (Mg)

Volume (m3)

Water

0.004

0.004

Nitrogen

4.66e-7

5.77e-6

Food

0.015

0.018

Miscellaneous Items and Systems

0.972

12.22

Total

0.991

12.25

From reading the table above, one can see that nearly all the mass and volume requirements
stem from miscellaneous items and systems. Other items like water, nitrogen, and food take up
a small quantity of space and are consumables. These numbers were the base for the analysis
that occurred when designing the overall size of the HuLa.
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XII. Power and Thermal Analysis of the HuLa
After the Human Lander is separated from the Cycler vehicle, the HuLa must sustain itself
until it reaches the Martian soil. Communication, controls, and human factors require power,
while thermal regulation helps maintain a habitable living environment for the humans. We
consider the power requirements and the thermal regulation of the lander in this section.
A. Power Requirements

The HuLa requires power for a maximum of 2 ½ days after separating from the Cycler, as
the HuLa has to sustain human life on board. The HuLa uses Li-ion batteries for the entirety of
the 2 ½ day TOF. The energy required is 1296 MJ, which leads to a total battery mass of 1.7053
Mg. The batteries are also part of the rover’s power system.
B. Thermal Control

Without thermal regulation, the HuLa could end up being too cool or too warm. By adding a
passive thermal regulation system, the inside can be kept at a warm enough temperature in
space and cool enough during entry. The composition of the wall is shown in Fig. 8.29, which
acts as a thermal regulation system.

Figure 8.29: The wall’s composition is shown, with the leftmost-side facing space and the
rightmost-side facing the inside of the capsule.
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The ablator faces the outside of the vehicle, undergoing both radiative cooling or heating as
well as aerothermal heating during entry. The insulating layer under the ablator retards the heat
transfer from the inside of the vehicle to the outside. The adhesive layers keep the insulating
and structural wall together. The strain isolator pad (SIP) handles any thermal elongation that
the insulation undergoes and prevents the strain from being transferred to the structural wall.
The structure maintains the HuLa’s shape.

The ablator thickness is the minimum required for entry, rounded to the next tenth of a
centimeter. We selected SLA-561 as the ablating material after considering the heat load,
density, and allowable maximum temperature of the material. SLA-220 is also considered to be
used for sections of the payload. While heavier, SLA-220 is radio-frequency transparent, which
can be used for portions of the payload wall that house communications.

The insulator thickness was calculated using a steady-state space environment with radiative
cooling. The thicknesses of the RTV and nomex were taken from another study, which had
evaluated the required thicknesses for those materials. The aluminum thickness was evaluated
by the structures team. Table 8.27 shows the material properties.
Table 8.27: The materials considered for the wall, with the thicknesses calculated.

Function

Material

Density,
kg/m3

Thermal
Conductivity,
W/m-K

Thickness,

Mass,

cm

kg

Ablator

SLA-561V

224

0.040

1.00

317.5

Insulator

Aerogel

5

0.012

2.54

17.94

Adhesive

RTV-260

1410

0.377

0.0203

81.19

SIP

Nomex

86

0.037

0.137

16.81
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Once we determined the thicknesses due to the steady-state conditions, the transient
environment was considered. The numerical investigation of the unsteady environment showed
that the thicknesses calculated are large enough to allow the payload to keep an inside
temperature of 293.15 K ± 1 K. The details of the numerical simulation are in App. BK. The
total mass of the payload TPS is 0.433 Mg.
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XIII. Failure Analysis
Failure analysis for the Human Lander and Rover using a risk matrix from NASA from their
Project Risk Definitions. An example of this matrix, can be seen in Fig 8.30 below, uses the
likelihood and the consequence of failure to determine the significance of the risk.

Figure 8.30: General Setup of NASA Risk Matrix

As the likelihood or consequence increases, the chances of the failure to be in the yellow or
red sections also increase. The green, yellow, and red correspond to low, medium, and high
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criticality. With the low, the protocol is to monitor the risk. With the medium, the protocol is to
aggressively manage or consider alternative processes. With the high, the protocol is to
implement new processes or change baseline plans. A failure analysis using this method was
done for the complete Human Lander and Rover system. Table 8.28 shows the analysis and is
located below.

Table 8.28: Human Lander and Rover Risk Values Using the NASA Risk Matrix

Number

Component

Risk

Type

L

C

1

Propulsion

Delta V Error

Technical

4

1

2

Crane

Leg Issues

Technical

3

1

Replace leg

3

Crane

Tether Issues

Technical

3

1

Replace tether

4

Crane

Wheel Issues

Technical

4

1

Replace wheel

5

Rover Chassis

Wheel Issues

Technical

4

1

Replace wheel

6

Rover Chassis

Overall Destruction

Technical

2

2

Explosion,
7

Rover/Lander

depressurization, loss

Power

of life support

Added fuel for
additional burns

Can be down a rover
chassis
Replace with a minor

Technical

1

systems


Mitigation

4

or not used power
source, redundancy

L = Likelihood & C = Consequence

Using both the table and graph together, we are able to see all of our risks are in the green
range. Figure 8.31 displays the final risk graph and is located below.
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Figure 8.31: Risk Matrix for HuLa

Green range is acceptable and what we strive towards. All risks can be mitigated to reduce
consequence. With human lives on the line, risk analysis is and will always be an important part
of this mission.
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9 | Rovers
I.

Introduction

The rover design consists of the HuLa capsule placed onto a rover chassis. The project
requirements specify the need for pressurized rovers with environmental conditions that allow
for short-sleeved clothing to be worn by the crew. The rovers are equipped with lights,
stereoscopic cameras, microscopes, telescopes, and geologist’s tools to perform science
experiments on the Martian or Lunar lithospheres. The rovers possess robotic arms that have
the capability of picking up objects the size of a dime and larger. The rovers are capable of a
round-trip distance of 200 km. The rovers are also capable of travelling at a speed of 20 km/h
on a 30 degree incline. The nominal capacity of the rovers is three crew members, but they are
able to accommodate six crew members during an emergency. The rovers have airlocks that
are compatible with each other and with the habitats in the colony. The rovers do not have
radiation protection.

II. Rover Communication
In order to rovers communicate with base on Mars, Phobos, or Earth, we design a portable,
lightweight antenna for rovers to carry.
A. Communication system

1. Receiving and sending signal and data

Similar to Phobos base and Mars base, rovers communicate with earth, Phobos, and Mars
base via satellites placed on Mars orbit. We design the antenna to both receive and transmit the
signals and data. Communication antenna operates at frequencies of 2.8 GHz for uplink, and 3.2
GHz for downlink, and will be streaming HD quality communication.
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2. Sizing

In order to communicate with XM3 modules or other vehicles, rovers use omnidirectional
helical antenna. Helical antennas weight less than parabolic antennas, and has higher efficiency
[3]. We chose the length of antenna to be 1 m in order to make antenna light and portable.
However, changing its length affects other parameters. Appendix J provides insight on helical
antenna length, power, and mass relationship. All the parameters and design of the
communication system of rovers on Mars are listed in Table 9.1 and in Figure 9.1 respectively.

Table 9.1: Rover Communication antenna dish parameters.
Parameters

Value

Diameter, m

0.05

Length, m

1

Base Diameter, m

0.315

Mass, kg

0.84

Power, W

230

Volume, m3

0.00085

Data rate, Mbps

12

Margin, dB

3

Figure 9.1. Helical antenna
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XIV. Rover Power Systems
A. Main Power Supply Selection

1. Power Supply System Selection
We compare multiple power supply options for the rovers. The options include lithium-ion
batteries, magnesium-ion batteries, and regenerative hydrogen fuel cells. We select lithium-ion
batteries for the rovers due to safety concerns with hydrogen fuel cells, and the low technology
readiness level of magnesium-ion batteries. Appendix BN provides further information on the
power supply options and how we chose the power supply option for the rover.

2. Power Supply System Design
Using the property values in Table BN.1 in Appendix BN, and a discharge efficiency of 80%
for lithium-ion batteries, we calculate the mass, volume, and available power of the power
supply system. The size of the power supply system is dependent upon the dry mass of the rover
and the mass of the power supply system. Determining the size of the power supply system
requires iterative calculations. We determine the size of the power supply system by verifying
that the energy provided is sufficient to power the entire mass of the rover. We also verify that
the power provided by the power supply system is at least equal to the peak power required by
the rover.

We place the power supply system within the HuLa capsule to provide power for the crew
during the transit from Phobos to Mars. The lithium-ion batteries require temperatures in the
range of 5 to 45 °C (see Appendix BN), which makes the environment of the HuLa capsule an
optimum location for the power supply system.

Table 9.2: The mass of the rover power system and total mass of the rover.
𝑃𝑝𝑒𝑎𝑘

𝑃𝑠𝑡𝑒𝑎𝑑𝑦

𝑚𝑝𝑜𝑤𝑒𝑟

𝑚𝑟𝑜𝑣𝑒𝑟
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140.2 kW

125.7 kW

3.262 Mg

10.39 Mg

B. Auxiliary Power Supply System

1. Function
We provide additional power generation to the rover in the form of a radioisotope
thermoelectric generator (RTG). The RTG is integrated into the chassis of the rover and
provides the power that allows the chassis to be remotely driven without the HuLa capsule
attached. If the main power supply system fails in the rover, the auxiliary power system
provides enough power to keep the life support system and communications equipment
operational. Of these two functions of the RTG, we determine that keeping the life support
system operational is more important.

2. RTG Sizing
The sizing of the RTG is dependent upon the power requirement of the life support system.
We choose an RTG that is modified from a GPHS-RTG due to the large specific power. This
model provides 300 Watts of electricity and adds 55.9 kilograms to the mass of the rover. See
Appendix BS for additional information on RTG devices.

IV. Rover Structural Design
A. Initial Rover Design Options

One of the requirements of the mission is that we reuse as much hardware as possible.
Because of this requirement, we have two options to convert the Human Lander to the rover.
The first option is for the Human Lander to have deployable wheels and for it to turn into the
rover immediately upon landing. The second option is for the Human Lander to become a
pressurized capsule for the rover and have a separate chassis that the capsule is placed on by the
crane.
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1. Deployable Wheel Rover

The first option has both positive and negative attributes. For the positives, with the wheels
already attached to the Lander, it would be able to begin moving immediately upon landing.
There also would not be a need to land close enough to a chassis so that a crane could bring the
two together in a reasonable amount of time. Negatively, this system is more complex, which
leads to a greater chance of something going wrong such as a wheel not deploying properly.
Attaching the wheels also adds more mass that needs to come down with the lander.

2. Lander and Chassis Rover

The positives for the second option, the separate lander module and chassis, include the fact
that it is a less complex system, only requiring the lander and the chassis to be connected.
Another positive is that the chassis can also be used for various other tasks, such as attaching a
bulldozer or other tools to it. A negative for the chassis design is that the chassis will require
separate transportation to Mars through a cargo mission. There is also the fact that there is a
waiting period for the lander to be attached to the chassis, giving a delay before the rover can
start moving.

We choose the separate lander and chassis design due to its simplicity and ability to be used
for multiple purposes.
B. Chassis Design

Because we are using the Human Lander capsule as the pressurized part of the rover, the only
part of the rover that needs to be designed is the chassis that the Lander capsule will be placed
on. The driving criterion behind the design of the chassis is to make the mass as low as
possible while maintaining the structural strength to support the Lander capsule placed on it.
We determine that the best material for the chassis is AL7075-T6, as it is one of the lighter
Jake Johnson | 232

Rovers

Project Aldrin-Purdue

metals that is capable of supporting the load placed on it. The frame of the chassis is designed
so that its outer dimensions match the base of the Lander capsule while having crossbars in
order to increase structural integrity. The total mass and design of the chassis can be seen
below in Table 9.3 and Figure 9.2 respectively.
Table 9.3: The mass of each chassis is a little over half a ton.
Frame (Mg)

Supports & Wheels (Mg)

Motors (Mg)

Total (Mg)

0.261

0.207

0.079

0.547

Figure 9.2: The final chassis design with an outer diameter of 5.86m.
C. Final Rover

With all of the separate subsystems having been designed, we can now assemble them all
into the completed rover system. The largest mass contribution to the rover comes from the
Human Lander capsule, a breakdown of which can be seen in Table 9.4

Table 9.4: The largest masses in the lander come from the structure and the power supply.
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Structures

Controls

Power

Insulation

Communications

Total

4.79 Mg

0.02 Mg

3.26 Mg

0.71 Mg

0.08 Mg

9.85 Mg

Combining the total Human Lander capsule mass from Table 9.4 and the chassis mass from
Table 9.3 gives us a total rover mass of 10.4 Mg. A picture of the assembled rover can be seen
in Figure 9.3.

Figure 9.3: The completed rover is ready to explore Mars.
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II.

Rover Control Systems

The Control systems we analyzed for the Rover were the various scientific instruments used
for Martian analysis, the robot arms, the drive system, and the guidance sensors. These systems
were determined to be the most critical to the success of the mission.

A. Instruments

The instruments that will be present on our rover design are based on the requirement for
capabilities similar to those found on the Mars Exploration Rovers (MER, Spirit and
Opportunity), Mars Science Laboratory (MSL, Curiosity), and Mars 2020 rover. As such, the
various systems that will be included in the design must be comparable to those found on these
other rovers. Table 9.5 provides a list of the scientific instruments found on these four other
rovers.
Table 9.5: Summarized listing of instrumentation found on the Mars Exploration Rovers,
Mars Science Laboratory, and Mars 2020 rover. [4][5][6]
Vehicle

Instruments

MER

APXS, MB, PanCam, MI, RAT, Magnet Array, Mini-Tes

MSL
Mars 2020

MastCam, ChemCam, REMS, MAHLI, APXS, CheMin,
SAM, DRT, RAD,CAN
MastCam-Z, SuperCam, PIXL, SHERLOC, MEDA, RIMFAX

This mission is not primarily for the purpose of scientific exploration and thus may not
require all instruments listed in Table 9.5. However, compared to the weight and power
requirements already present on the pressurized rover, these instruments do have a negligible
impact on the overall design. If all instruments are included on the rover, the mass will not
exceed 0.5 Mg and the power requirements will not exceed 700 W assuming the instruments are
used one at a time.
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C. Robotic Arms
The robotic arms we designed for the rover follow the design specifications that the rover
must be able to lift something as small as a dime or larger. This was interpreted to mean that the
rover was required to lift potentially very large objects. As such, the rover is equipped with two
arms, each with the precision control to pick up a dime while together being able to lift much
larger objects. To achieve a sufficient amount of flexibility, five degrees of freedom are required
from the robotic arm. Figure 9.4 shows the robotic arms equipped to the rover chassis.

Figure 9.4: CAD model of the robotic arms. The disk shown at the end of the arm
represents the instruments and actuators.
Many of the instruments listed in Section 9.A will be mounted on the robotic arms for the
purpose of close up sample analysis and collection much like how the arms are designed for the
MER and MSL rovers. In addition, due to the potentially large number of instruments that are
required for the rover, the two arm system proves to be useful. If this proves to be insufficient or
additional tools and instruments are required, the tools and instruments can be interchanged.
Table 9.6 shows a summary of parameters for the robotic arm.
Table 9.6: Parameters for the Robotic Arms
Parameter

Value

Mass

67 kg

Power

18 kW
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These parameters are based on the existing five degrees-of-freedom arm mounted on the MSL
rover. [5]

D. Drive System
The primary requirement that influenced the design of our drive system for the rover was the
20 km/hr speed requirement while traveling up a 30o incline. These requirements represent the
upper limit of the capabilities of the rover in terms of speed and dictates the maximum power
required from the drive system.

Given this requirement, the maximum power required for the rover comes to 169.64 kW.
This amount power allows the rover to move very quickly over terrain with little incline and
variation. A derivation for this power requirement can be seen in appendix X.
E. Guidance Sensors

In order to know the location and orientation of the rover as it traverses Mars, a number of
sensors are required. The rover will have a number of cameras to provide a complete view of
the surroundings. There will be two sets of hazard cameras near the front wheels and two sets of
hazard cameras near the rear wheels. These cameras serve as collision avoidance sensors and
help the rover avoid terrain that could cause damage to the vehicle. In addition, a set of
navigation cameras will be mounted on the top of the rover that allow for long distance terrain
overview. Star Trackers and Sun Sensors serve as a way to track the location of the rover as it
traverses mars. An inertial measurement unit (IMU) provides orientation and speed sensing.
Table 9.7 shows a summary of the parameters for the various sensors used on the rover.
Table 9.7: Parameters for the Sensors [6] [7]
Sensor

Mass

Power
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Hazard Camera

220 g

2.14 W

Navigation Camera

220 g

2.14 W

Star Tracker

5.48 kg

8W

Sun Sensor

1.3 kg

28 W

IMU

748 g

12 W

Each of these sensors will be double redundant to improve reliability and prevent loss of
positioning.
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10 | Crane
I.

Introduction

We designed the Crane Rover for the purpose of preparing the Martian surface for human
population, performing heavy work and transporing humans during human residence on Mars.
The Crane Rover is required to move both XM-3 and CarLa vehicles around the martian surface
in order to arrange them into their final positions for human residence. The Crane Rover
operates over a long period of time thus reducing the speed required from the vehicle. In
addition, the Crane Rover is capable of moving Martian regolith to prepare the terrain and to fill
the regolith dome that provides radiation shielding. Additionally, the Crane Rover is used to
carry the HuLa vehicles to the rover chassis, producing pressurized rover units.
The primary features of our Crane Rover design are the hooping crane system and the
ATHLETE rover system developed by the Jet Propulsion Laboratory.[1] The Crane Rover
works by picking up the desired vehicle, which could be the XM-3, CarLa, or HuLa, and
placing it on the Crane Rover’s flatbed. Once it reaches the target destination it will offload the
vehicle and perform work as necessary. Figure 10.1 shows the Crane Rover picking up an XM3.

Figure 10.1: CAD model of the Crane Rover
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The Secondary features of our Crane Rover are its regolith transport capabilities and the
various tools that the rover uses. The regolith transport system is built into the central chassis
and serves as regolith receptical. The limbs of the Crane Rover can be outfitted with various
tools such as shovels and drills which allow for regolith collection and mining. The regolith
transport system can dispense the regolith into the auger used to fill the shielding dome.

II.

Crane Power Production

The athlete crane requires 75 kW of power. Using a nuclear reactor power system similar to
the Mars colony system that produces 318 kW of thermal power and a closed Brayton power
cycle with regeneration for thermal electric conversion (see Appendix BR section IV) we can
produce power for lifting an XM-3 and roving. This system can fit within the chassis of the
crane. The Potassium heat pipe radiator spans the bottom of this chassis to dissipate the excess
225 kW of thermal heat. Figure 10.2 shows the bottom of the chassis of the crane. The
highlighted section shows the portion of the chassis that will be used do dissipate excess heat
from the system.

Figure 10.2: Area of chassis for dissipating excess heat.
Because our radiator is housed solely outside of the crane chassis, it is possible to fit all the
Brayton cycle components and reactor within. The power system weighs 2.4 tons and can run
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for 10-15 years before replacement (see Appendix BQ section I). Table 10.1 displays the power
production of our system and the mass of its components.
Table 10.1: Power system power and mass data.
Power Required

Thermal Power

Brayton Converter

Reactor

Total Mass

(kWe)

(kWt)

Mass (Mg)

Mass (Mg)

(Mg)

78

318

1.57

0.819

2.39

III.

Crane Control Systems

The Control systems we analyzed for the Crane were the hooping crane, the drive system, and
the additional tool systems. These systems were determined to be the most critical to the success
of the mission.
A. Hooping Crane
We designed the Hooping Crane system for the purpose of picking up heavy objects without
the need of a complicated counterweight system or pivoting designs previously considered.
These previous designs can be seen in Appendix CM. The Hooping Crane system is comprised
of two hoops and a winch system. As can be seen in Figure 10.3, the winch system pulls from
the base of the flatbed chassis, wrapping over the two hoops and then attaching to the object of
interest.

Figure 10.3: Arrangement of the winch cable for the Hooping Crane Subsystem
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Table 10.2 shows a summary of the operational specifications for the crane systems as we
designed it. These numbers are based on the structural analysis of the hoops as they lift an XM-3.
The structural analysis of the hoop can be found in Apendix CM. In addition, the power to lift
the XM-3 is derived from a lift speed of 1 cm/s.
Table 10.2: Parameters for the Hooping Crane Subsystem
Parameter

Value

Mass

3.5 Mg

Power to lift XM-3

2 kW

B. Drive System
We designed the drive system to allow for smooth traveling over the rough Martian terrain. The
design we arrived at was the ATHLETE rover chassis designed by JPL. This chassis is
particularly useful at traversing uneven terrain with its hybrid walker wheel limbs, capable of
walking over jagged terrain or rolling quickly over even terrain.
Table 10.3 shows the power required and mass values for the operation of the vehicle. The
mass value we calculated includes the mass from the ATHLETE rover chassis as well as the
structure requirements fo the regolith transport system.
Table 10.3: Parameters for the Drive Subsystem
Parameter

Value

Mass

4 Mg

Power to Drive at .18 km/hr with XM-3

8.55 kW

Power to Drive at 10 km/hr

78.3 kW

The mass of the ATHLETE rover chassis is estimated from existing values known for the
ATHLETE. These values are then extrapolated to carry the XM-3 in Martian gravity to obtain
the current mass. The speed at which the Crane Rover can drive at with the XM-3 is kept at .18
km/hr to preserve power and improve stability while moving. This speed is acceptable due to the
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long duration that the Crane Rover will have to move the XM-3 vehicles into position. The speed
at which the Crane Rover can drive while not carrying a payload is 10 km/hr to allow for quickly
arriving at landed HuLa vehicles to reduce wait time for humans.

C. Tools

Each limb of the athlete is capable of being equipped with a tool. These tools include shovels
and drills as well as other instrumentation that can be shipped with a CarLa. The tools are easily
interchangeable both by a human in a suit as well as autonomously by the Crane Rover.

The primary function of these tools during the set-up of the martian base is to even out
terrain for XM-3 set-up as well as collecting regolith for the radiation shielding dome.
Furthermore, in the event of a specific tool requirement, specially designed tools can be shipped
on a CarLa vehicle and quickly exchanged via the modular attachment capabilities of the limbs.
D. References
[1] “ATHLETE (All-Terrain, Hex-Limbed, Extra-Terrestrial Explorer),” NASA, Washington,
DC
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11|CarLa and Resupply
I.

Introduction

Project Aldrin-Purdue calls for the delivery of the XM3 modules to Mars and Phobos. The
deliveries must be made before the arrival of any astronauts to either body. Also, we assume
that the astronauts will not be one hundred percent efficient when it comes to being able to
produce oxygen, nitrogen, and food, so cargo and resupply missions will have to be sent on top
of that. With this need in mind, we have designed a vehicle capable of both taking XM3’s as
well as cargo resupply capsules to both Phobos and Mars.

Each XM3 is unique and every cargo mission will have differing masses as well. These
discontinuities pose quite a task to be tackled by a single system. Even so, the CarLa vehicle is
capable of sending any XM3 along with cargo up to a certain mass from Low Earth Orbit
(LEO) to the Martian atmosphere to be delivered to either Mars or Phobos. Below, in Fig. 11.1,
a CATIA model that represents the structure of the space travel system may be seen.

Figure 11.1: A CATIA rendering of the CarLa resupply vehicle in space.
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II.

Spacial Trajectory Design

A. Trajectory to Mars and Phobos

1. Explanation of MALTO and STOUR

Both MALTO and STOUR were employed in the investigation of the CarLa trajectories.
More information can be found on both of these NASA JPL packages in the Cycler Mission
Design section (7.I). We use MALTO in this case to run a variety of low-thrust analyses for the
delivery of CarLa vehicles in several formats. We use STOUR to develop an analytical
ephemeris model of hohmann transfers investigated in the a trade study of the cargo missions.

2. Leaving the Earth System

We initially select the CarLa vehicles to launch into a circular Earth orbit at an altitude of
400 km. This altitude was chosen because it is a low cost and simple parking orbit that is
relatively easily maintained. Based off of this initial parking orbit, we choose a chemical rocket
to launch the CarLa vehicles to Mars. A chemical rocket was chosen over an electric engine
because of the time required for a spiral out trajectory from the 400 km parking orbit; the time
of flight for an electric engine was calculated to be over 1500 days, creating an extreme wait
time for cargo deliveries. The electric propulsion analysis was developed with MALTO for both
a continuous flying vehicle and a single use vehicle; the results of both investigations yielded
restrictive results and thus the options were avoided.

Because of the influences of the other bodies in the Solar System, an analytical ephemeris
model was needed to calculate the transfers from Earth to Mars.This was developed using the
STOUR software package. The result is a range of V-infinity relative to the Earth system of 2.53.5 km/s. Keeping this in mind, we select a single-impulse maneuver from the circular parking
orbit to a hyperbolic escape orbit, with a ΔV range between 2.5 and 3.5 km/s.

Alex Davis | 245

CarLa and Resupply

Project Aldrin-Purdue

3. Heliocentric Transfer to Mars

Because of the multibody nature of this trajectory, mentioned previously, STOUR (described
in 7.I.B.1) was implemented to find the possible Hohmann transfer-like trajectories. The results
were filtered to find the IMLEO minimizing launch dates. For the first CarLa launch, the launch
window for all three vehicles was found to be about 20 days in June of 2035.We select this date
in order allow a time buffer for the arrival of habs that must be ready for human arrival. The
STOUR results are provided and described below.

Figure 81.2: Mars arrival velocity compared to Earth Launch date with color
corresponding to time of flight. The conclusion from this comparison is that time
of flight increases as Mars arrival velocity decreases.
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The above figue shows the solution space for the first set of CarLa missions, which will
deliver the last three habs needed at Mars before humans arrive (the first six being delivered by
the two Cycler test orbits). The solution space searched in STOUR for these CarLa missions
was given a launch date near June 2035, as shown on the x-axis. The y-axis correlates to the
Mars arrival velocity and the coloring denotes the time of flight. Several relationships are
apparent for the analytical ephemeris model used by STOUR. The ideal trajectories we select
are labeled 17 and circled in the figure. These trajectories correspond to a large time of flight
but a low arrival velocity, menaing a lower IMLEO. The specific date analyzed from the ideal
set was a July 1, 2035 launch, which will be expanded upon later in the section.

Figure 91.3: Mars arrival velocity compared to Earth exit velocity with color
corresponding to time of flight. This figure demonstrates that lower arrival velocity
at Mars corresponds to a lower exit velocity at Earth which is a very valuable
observation.
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This second plot of the CarLa trajectory solution space simply switches the date based x-axis
for the V-infinity relative to Earth to arrive upon the trajectory. We again choose the trajectories
denoted by 17 because they have the lowest V-infinity relative to Earth, allowing us to once
again minimize IMLEO. We also see that the range of velocity at each end of the selected
CarLa trajectory falls within a relatively tightly distributed range which is ideal for
predictability.

Figure 11.4: The first CarLa mission in the heliocentric frame,
tbe launch date is July 7, 2035 with arrival at Mars on January
29, 2036, before humans arrive
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The select the July 1, 2035 CarLa trajectory from the trajectories indicated with 17 in the
solution space generated by STOUR. The heliocentric J2000 frame frame is displayed for this
trajectory in the above figure. We go on to analyze Mars and Phobos landing from this
trajectory. In reality for this mission set of three trajectories will be selected, but for our analysis
the values were similar enough so select a single specific trajectory to base our investigation
upon.

4. Mars Arrival
For CarLa vehicles intended to land on Mars, the vehicle enters Mars’ sphere of influence in
a hyperbolic trajectory. Because of the relatively low escape velocity of this trajectory, the
periapsis altitude iss selected to enable direct entry, avoiding aerocapture. The direct entry
maneuvers are expanded upon in the aerodynamics section. Data for the first CarLa mission is
provided in the table after section 5.

5. Phobos Arrival
For CarLa vehicles intended to land on Phobos, the vehicle enters Mars’ sphere of influence
in a hyperbolic trajectory. The periapsis altitude of this trajectory is designed to enter Mars’
atmosphere for an aerocapture maneuver to send it into an elliptical orbit near to Phobos. Once
the vehicle is within 200 km of Phobos, a maneuver is used to send the vehicle into a
rendezvous trajectory. We calculate the rendezvous maneuver using a Hill Equation linear
targeter and conclude that it is ideal with a nearly 8 hour time of flight and .5369 km/s of ΔV. A
description of the linear targeter used is provided in the Phobos Rendezvous Appendix AC. The
data for the first delivery to Phobos using the first CarLa launch is provided below.
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Table 21.1: Example characteristics for Mars and Phobos delivery of CarLa vehicle

Earth

Delta V to

Periapsis Alt

Parking Alt

reach Mars

to

[km]

[km/s]

Capture[km]

Mars

400

3.667

63.4930

Phobos

400

3.667

80.3351

Target

V at Entry[km/s]

5.65006 (EDL)
5.65006
(Aerocapture)
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Main Propulsion Engine Design Decisions

A. Introduction

The goal of the cargo missions is to efficiently move non-time sensitive materials from
Earth to Mars and Phobos in a way that will be more effective than sending the same materials
along with the astronauts aboard the cycler vehicle. The goal of the main propulsion engine
aboard the cargo missions should strive to be as efficient as possible while completing the
mission within the desired timeframe, thus reducing the Initial Mass in Low Earth Orbit, or
IMLEO, the main design constraint for this study.

With this major design consideration in mind, we compare two different engine
archetypes, a liquid chemical rocket and a solar electric rocket. We study the major
considerations to take into account beside just reducing IMLEO. We describe the choices that we
make and how they effect the design of our engine.

B. Engine Archetypes

We are comparing two different engine archetypes, each with its own strengths and
weaknesses. We are deciding between these two archetypes as to which will be best for our
specific mission, but first we must understand what the choices are and how they differ from
each other. The first of the two archetypes is the liquid chemical rocket. The second is a solar
electric engine.

1. Liquid Chemical Engine

Liquid chemical rockets use propellants in liquid form to create a chemical reaction in a
combustion chamber. A fuel, like liquid hydrogen, and an oxidizer, such as liquid oxygen, are
mixed in a combustion chamber with a compression to a throat downstream from the chamber.
After combusting in the chamber, the hot gas travels through the throat into an expanding
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nozzle, producing thrust.While many different liquids can be used as fuel and oxidizer, we
mainly will look at liquid hydrogen and liquid oxygen as our baseline case, both for comparison
between different liquid propellant choices as well as with overall archetype choices. A general
characteristic used by rocket scientists to determine the effectiveness of a rocket is its specific
impulse, or Isp. A higher Isp leads to generally lower thrust but an overall more efficient
system. A liquid hydrogen and liquid oxygen engine can expect an Isp between 400 and 450
seconds.

2. Solar Electric Engine

Solar electric engines work quite differently from chemical rockets. Solar arrays gather sun
to accelerate the ionized gas towards the exit of the engine, producing thrust. In our case, our
propellant would be Xenon. This form of propellant acceleration has two major benefits over
combustion in chemical engines. One is that the Isp of electric engines are significantly higher,
closer to the range of 1000 to 3000 seconds. The second benefit is this higher Isp leads to a large
reduction in propellant mass needed to complete the same mission. It also has two major
drawbacks. One is that because of the low mass flow of the propellant, the thrust produced is
much less than with chemical rockets, and two, that the mission timeline required for a flight is
measured in months or years compared to weeks or months for chemical propulsion.

C. Considerations

Many different variables and choices need to be taken into account when looking at which
engine archetype will be the best for our mission. Our goal is to reduce IMLEO as much as
possible, thus reducing the required propellant mass and the needed mass of the inert system
mass will directly help. We must also look at other possible consquinces of each choice, such as
the power required to use that archetype as well as the trade off of the possibility of in-situ
resource gathering. With this in mind, we will consider these four variables; propellant mass,
power required, structure size, and in-situ propellant possibility, between the solar electric
archetype and the liquid chemical archetype to better understand what considerations will go
into our design choice.
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1. Mass of Propellant Required

The mass of the propellant required for a particular engine archetype is an important factor to
consider as it directly relates to IMLEO. A few different variables are involved in calculating
the required payload mass, but the two that change significantly between the two archetypes are
the Isp of each engine and the accompyning structure required for each engine. A more in-depth
look at the theory of rocket mass calcuations can be seen in Appendix BX.

If we assume an identical payload to be delivered by both types of engines and reasonable
structure masses for both as well, we can calculate a comparison of the propellant mass required
for the mission. Below, in Table 11.2, this comparison can be seen. The masses are given in Mg,
or tons, for both the payload and propellant masses. With a required propellant mass over three
and a half times smaller than the liquid chemical rocket, the solar electric rocket is much more
fuel efficient for this mission.

Table 11.2: A Comparison of Required Propellant Mass for Two Engine Archetypes.
Engine Archetype

Payload Mass, Mg

Propellant Mass, Mg

Liquid Chemical

67.5

172

Solar Electric

67.5

45.5

2. Power Required

The power required for the engine to work is an important consideration for the engine. For
the liquid chemical engine, minimal power is required, much less than is required to operate the
communications cluster aboard the vehicle. The power required for the solar electric engine is
much larger. The power required to propel our large vehicle is close to 150 kW. Solar arrays
today can provide between 30 to 50 kW [1]. This means that our capability in the near future
will not be high enough to provide for the needs of this mission for electric power. Below, in
table 11.3, a best case sceneria can be seen for electric propulsion calculated from data provided
by the mission design team.
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Table 11.3: Table of Best Case Sceneria for Solar Electric Propulsion

Electric
Propulsion

Payload Mass,

Propellant Mass,

Mg

Mg

31

10.49

Total Mass, Mg

44.39

Time of Flight,
Days
1532

This was the best case payload mass that a solar electric engine would successfully move the
payload with the best technology of today when it comes to power production. Another issue
arises with this best case. The time of flight for this best case is 1532 days. A secondary mission
requirement is to have the trip take one synodic period of Earth and Mars, which is two and
seventh years, or about 780 days. So this best case scenerio does not meet that requirement.

The issue also arrises about the size of the solar array that would be used to meet the
needed power. For the full power mission, moving the XM3 or the cargo resupply mission, each
launch would need a solar array larger than the solar array on the international space station [2].
This size array would be needed for every launch of a CarLa vehicle, three of which are
launched on each synodic period. These are one way trips, so it would be infeasible for this size
array to be used.

3. In-Situ Propellant Production

The last consideration we will look at is the possibility of in-situ propellant production, that
is the production of our needed propellant on the moon’s surface. While this does not reduce
IMLEO for our mission, the driving factor of reducing IMLEO is reducing the cost of launching
the entire mission for the Earth’s surface, something that in-situ propellant production does
reduce by allowing for a smaller mass to be launched to the moon and fuel production occurring
on the lunar surface. For more on In-situ propellant production, see Appendix Z and Appendix
AA.
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Not all fuels can be produced during the mission. Fuels like methane, silane, or liquid
hydrogen can be produced on the lunar surface, although each has issues that reduces the
effectiviness of the production. These are all fuels we use in a liquid chemical engine. A fuel
that would not be able to be produced on the moon would be Xenon, the fuel needed for the
solar electric engine. The savings of using a propellant found on the moon and a liquid chemical
rocket could prove to overcome the shortcomings in the required mass of propellant for that
rocket seen in the above section.

D. Final Decisions

With these considerations in mind, we are using a liquid chemical rocket with liquid
oxygen as our oxidizer and liquid hydrogenas our fuel. While the solar electric rocket would be
considerably better when it comes to just the pure amount of propellant that we are going to
need to use, the combination of the other considerations build up to the liquid chemical being
the best option. The possibility of the in-situ propellant has the possibility to make up for the
cost of using chemical instead of electric. Also, the fact that the power requirement for the
electric engine is outside the ability to produce in the foreseeable future makes that option less
than appealing. Finally, the size of the solar panel array that would be needed to come close to
producing the required power would be unreasonably large for a system that is a single use
vehicle. While we are going against the most efficient option available, the best option for this
mission will be the liquid chemical rocket.
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IV.

Colony Resupply Needs

A. Mass Limitations
As stated previously, the cargo vehicle is required to deliver XM3’s and cargo for resupply.
Continuity between both missions results in a vast amount of simplification. Most parts of the
vehicle may be used for both missions as long as the total mass of the cargo resupply is very
similar to the XM3’s mass. With the cargo capsule in total of having a mass of 20.47 Mg, this
allows for a maximum of 22 Mg of cargo to be sent per vehicle. This limitation allows the entry
masses of both XM3 missions and Cargo Resupply missions to be very similar.

B. Mission Frequency

The CarLa vehicle, as stated previously, travels to Mars from Earth using Hohmann
Transfers. The downside to this method is that launches are limited to only certain points in
each body’s orbit. Therefore, we are limited to launching every synodic period between Earth
and Mars. One synodic period for the two bodies is 782 days. If we attempt to send one
resupply per synodic period for eighteen crew members, the supplies delivered will only last
one Earth year while assuming that 40% of their food will be from farming. We find that
sending three separate vehicles, each with enough supplies for six crew members for the full
synodic period, is the best decision. The supplies mentioned include food, water, nitrogen,
oxygen, spare parts, and other tools/equipment that the astronauts may need on Mars and
Phobos. The decision was made with the assumption that there is no farming on Mars and all
supplies will be delivered by cargo missions. Each CarLa resupply vehicle has more than 200
cubic meters of space to allow storage for supplies. Therefore, even with the possibility of no
farming, the mission will continue with the delivery of multiple resupplies per synodic period.
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V.

AEDL

A. Introduction

The AEDL (Aerocapture, Entry, Descent, and Landing) for the CarLa and Resupply missions
is similar to the HuLa AEDL.

The absence of humans in these missions allow for a higher

maximum G load for the vehicles. The increase in mass and volume of CarLa and the Resupply
missions require a different decelerator system from HuLa due to launch fairing size constraints.

The assumptions made for EDL match the assumptions made for HuLa in section 8.V.

1. Definitions of Variables

Vinfinity orbital velocity, [km/s]
β Ballistic Coefficient, [kg/m2]
V120km,in entry velocity for aerocapture at 120 km altitude, [km/s]
γin,120km entry flight path angle at 120 km altitude, [˚]
V120km,out exit velocity from aerocapture at 120 km altitude, [km/s]
γout,120km exit flight path angle from aerocapture at 120 km altitude, [˚]

Rapoapsis distance from the center of Mars at apoapsis, [km]
RPhobos radius of Phobos’ orbit about Mars assumed to be circular at 9376 km
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B. EDL Architecture
The architecture for CarLa and XM3 EDL is the same as HuLa, the only choice to make is
wether to use HIAD or ADEPT for the hypersonic decelerator. Looking back at Section 8.V, we
can see the stated advantages of each aerodynamic decelerator. The same analysis is done on the
Cargo and XM3 missions to choose which decelerator fits each one the best. Table 11.4 shows
the mass savings for each mission.

Table 11.4: Mass savings of using HIAD compared to ADEPT for Cargo and XM3
missions.

XM3

Total Entry Mass
[Mg]

System Mass [Mg]

Mass Savings [Mg]

ADEPT Option

75.5

18.9

N/A

HIAD Option

75.5

9.1

9.8

System Mass [Mg]

Mass Savings [Mg]

CarLa

Total Entry Mass
[Mg]

ADEPT Option

76.5

19

N/A

HIAD Option

76.5

9.2

9.8

We can see the mass savings is about four times the savings of the manned HuLa missions.
Not only are about 10 metric tons of mass saved, but the small complexity of an inflatable will
likely help to reduce risk and cost due to the high frequency of un-manned missions compared
to HuLa missions. Also, in Appendix AT, we can see that ADEPT will not be able to reduce the
ballistic coefficient of these heavy entry mass systems to 20. This is because no existing
payload fairing can carry the required ADEPT size.

Ben Libben | 258

CarLa and Resupply

Project Aldrin-Purdue

C. Direct Entry Trajectory Design

In order to land the cargo capsule on Mars, a trajectory was designed to confirm that there
would be no significant problems during AEDL based on the entry conditions. The trajectory
was formulated using a simulation which is described in Appendix AS and is used in many parts
of AEDL. In the case of CarLa, the trajectory was designed to reduce the terminal velocity, the
peak deceleration, the peak heat flux and the total heat load during flight to within acceptable
ranges. The limiting parameters for landing CarLa on Mars are defined by a terminal velocity
below 120 m/s and deceleration below 15 Earth G’s. The heat flux and heat load were far lower
the maximum limits for entry, so they were used as secondary objective reduction parameters. It
should also be noted that the same trajectory design and architecture used for CarLa will be
employed to land the XM3 habitation modules on Mars.

Direct entry for CarLa is defined by an entry velocity of 5.65005 km/s with an entry angle of
-8.106° and the trajectory results in a terminal velocity of 90.818 m/s and a peak deceleration of
2.92 Earth G’s for optimal conditions. The resulting heat flux and heat load are also used to size
the TPS material for the entry architecture. This analysis shows that CarLa will have very low
risk during EDL based on the performance parameter limits and an optimal atmosphere, but
numbers will vary with changes in the Martin atmosphere and this increases the risk of failure
during entry, descent and landing.

Extra analysis was performed to increase the success of the mission by reducing the risk of
failure during entry, descent and landing due to a 3σ atmospheric error. This analysis is
described in Appendix AU which details how lift can used to reduce touchdown error and how a
ballute can be used to decrease the terminal velocity in the case of a thin atmosphere.
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D. Aerodynamic Devices for CarLa

Because the Cargo Lander (CarLa) missions are high mass, the use of an aerodynamic device
through entry and descent of Mars’ atmosphere is required. In order to produce a low ballistic
coefficient and add minimal mass, a hypersonic inflatable aerodynamic decelerator will be used
to provide greater amounts of drag to slow CarLa down. Analysis on the sizing of the HIAD
system can be found in Appendix AV. The HIAD on CarLa will be constructed of a flexible
thermal protection system (TPS) material in order for the vehicle to withstand the thermal
loading and aerodynamic pressures during entry and descent. Before being deployed, the HIAD
will be stowed around the outer perimeter of CarLa. This allows CarLa to be transported in a
launch vehicle without the payload fairing affecting the size of the aerodynamic device. After
deployment, HIAD will be jettisoned from CarLa and deemed useless.
When deployed, the HIAD will give a maximum diameter of 48 m on CarLa. The HIAD will
only contribute 6.89 Mg of mass to the overall system. HIAD will have a stacked torus
arrangement, which will be covered in TPS material. A rendering of what the HIAD will look
like can be seen in Figure 11.5.

Figure 11.5: Left, shown is an isometric rendering of the HIAD system from the front of the device.
Right, shows is a cross sectional reference of what the final HIAD system will look like.
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E. Aerocapture to Phobos

1. Aerocapture

As explained in Chapter 8.V, aerocapture adjusts the orbit of a vehicle from a hyperbolic
trajectory to an elliptical orbit. Although CarLa and Resupply missions are coming on a
different trajectory from HuLa, they are still traveling on a hyperbolic trajectory and must reach
Phobos. The nature of the trajectory allows for the velocity approaching Mars to remain the
same across each mission. The constant velocity makes a single set of flight conditions for
CarLa and Resupply Missions to reach Phobos. As we target Phobos, the Mission Design team
found that we should target and elliptical orbit inside of Phobos’ orbit. With an orbit inside of
Phobos’, less energy is required to complete a maneuver to reach Phobos. Specifically, we are
targeting flight conditions that place CarLa in an elliptical orbit with an apoapsis radius 200 km
under the radius of Phobos. The flight conditions necessary for this orbit are in Table 11.5 for a
ballistic coefficient of 20 kg/m2 and a mass of 72.3 Mg.

Table 11.5: CarLa and Resupply Missions aerocapture flight conditions to reach Phobos.
Target Rapoapsis
RPhobos - 200km

Vinfinity

V120km,in

γin,120km

V120km,out

γout,120km

Rapoapsis

[km/s]

[km/s]

[˚]

[km/s]

[˚]

[km]

2.75’s

5.65006

-6.77641

4.1937

5.0768

9176

2. Future Analyses

Future work for the CarLa and Resupply aerocapture is similar to that of HuLa, Section 8.V.
Better understanding of the mass fluctuations and the impact on the flight conditions aides to
increase the fidelity of control systems and simulations prior to launch.
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CarLa Terminal Descent with Hover

A. Requirements and Entry Conditions

The CarLa vehicle will be flying 1km above the Martian surface at a speed of 120m/s in an
angle of 80.59 degrees after the CarLa vehicle is decelerated by the HIAD heat shield.
Afterwards, the mass of 54.39Mg will touch down the surface. The requirement is that this
vehicle cannot land further than 6km away from the target location, and the vehicle has to hover
for 30 seconds before touching down on the surface. To clarify the order of terminal descent
maneuers, the vehicle first reduces the initial velocity of 120m/s down to zero, maneuvers
horizontally to remove the 6km error, and hovers vertically for 30seconds. During this process
the vehicle three different propulsive burns.
B. Performance Information and Ineretial Properties

Performance parameters such as the specific impulse and thrust, or inertial properties
including mass, pressure, and volume are calculated based on the initial selection of the
expansion ratio and expansion ratio. The numbers were further derived by using both the rocket
equations and the Chemical Equilibrium with Applications (CEA) from NASA at the same
time. We are using the chamber pressure of 4MPa and the expansion ratio of 60, to ensure that
this propulsion system can be considered an enlarged version of Human Lander.
The usage of these numbers give the breakdowns of mass, pressure, and volume, as well as
the properties from the chamber inlet to the nozzle exit. For the oxidizer and fuel, N2O4 and
MMH are used for long-term storage capabilities. Relevant propulsion parameters are given in
Table 11.6.
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Table 11.6: Performance Parameters based on Optimization Calculation
Performance Parameters

Values

O/F Mixture Ratio (of N2O4 and MMH)

2.25

𝐼𝑠𝑝

350.8 sec

Required Thrust

247kN

The important mass numbers for the different phases of the terminal descent are given in
Table 11.7 below.
Table 11.7: Mass Breakdown
Mass breakdown

Mass [Mg]

XM3 or CarLa touch down mass

54.39

Propellant for Terminal Descent

4.659

Propellant for Hover

5.625

Propellant Total

10.27

Mass Total

64.66

We will be using a system with 6 nozzles to ensure that we can successfully land. With the six
nozzle redundancy, the entire system is depicted in Fig. 11.6 below.

Figure 11.6: Six Nozzle Cargo Lander Propulsion System
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VII. Low Gain Antenna
A. Communications

The Cargo Lander (CarLa) vehicles will all use small 15.91 cm diameter low gain antennas
(LGA) to communicate to Earth and Mars. No humans will ever be on board a CarLa, so the
LGA uses a data rate of 40 bits per second (bps) for all of its communication which is not
sufficient for high definition (HD) video broadcasting. The 40 bps signal is sufficient, however,
for sending and receiving all necessary signals for tracking and controls. Table 11.8 below gives
a summary of the connection between the LGA on CarLa and a 10m receiving antenna on Earth.

Table 11.8: Summary of antennas for CarLa to Earth communications
Transmitter diameter, m

Receiver diameter, m

Distance, km

Power, kW

0.1591

10

3.948 x 109

19.00

The maximum distance between Earth and a CarLa vehicle will be 3.948 x 109 km (2.639
AU). Because of the great distance that the signal must travel, the power requirement to
transmit the signal is 19.00 kW. The maximum distance to communicate to Earth will occur
right before the CarLa arrives at Mars. Conversely, if the CarLa is communicating to Mars, the
maximum distance will be the same, but it will occur right after the CarLa is launched from
Earth. The receiving antenna diameter will also be 10 m at Mars because there are 10 m
antennas on the satellites in Mars orbit. The mass of the LGA and its signal modulation unit is
78.36 kg.
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VIII. Controls
A. Mars CarLa and Resupply Entry Guidance and Control (Charlie Hartman)

The guidance and control system during EDL for the cargo lander is similar to that of the
human lander, but with notable differences due to the different EDL configuration we chose.
B. Guidance and Control

1. Prebank

The purpose of the prebank phase remains the same as the one discussed in the human lander
section 8.V and the sensors used during this phase are the same. The HIAD system we use
during cargo lander entry at Mars introduces an additional system necessary to successfully land
on the surface. Unlike ADEPT, HIAD is a static aerodynamic device and is unable to move its
center of pressure so to create the angle of attack necessary to generate lift, the center of mass of
the cargo lander is moved away from its axis of symmetry. This is done by using what are
referred to as ballast masses. Figure 11.7 shows how moving the center of mass will generate an
angle of attack.

Figure 101.7: Moving the center of mass to generate an angle of attack.
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The ballast mass is ejected prior to the inflation of HIAD. Ejecting the ballast mass prior to
the inflation of HIAD as opposed to after inflation requires a smaller mass necessary to generate
the same angle of attack. The reason for this is discussed in Appendix AX.

2. Range Control and Heading Alignment

The range control and heading alignment phases are essentially the same as the human lander
but with a different time of flight. The bank angle profile is the same as well as the analysis to
determine the amount of propellant as well as thruster placement since HIAD is similar in shape
to ADEPT. The cargo lander is significantly heavier than the human lander so the propellant
requirements are also different. The amount of propellant used during the range control and
heading alignment phases can be seen in Table 11.9 below.

Table 31.9: Propellant masses required for two different scenarios.
Scenario

Propellant Mass Required, Mg

Expected Bank Angle Profile

2.2

Continuous, Maximum
Acceleration

4.3

3. Pre-Terminal Descent
Before the terminal decent phase begins, the cargo lander’s center of mass is still offset from
the vehicles axis of symmetry. During the propulsive descent stage, the vehicle’s center of mass
should be on the axis of symmetry thus requiring the ejection of a second ballast mass. Since
HIAD is now deployed, this second ballast mass is larger than the first. The reason for this is
discussed in depth in Appendix AY. Figure 11.8 is a diagram showing how the center of mass
changes with a ballast mass ejected while HIAD is deployed. By comparing Figures 11.7 and
11.8 we can see that while HIAD is still packaged the ballast mass can be ejected almost directly
over the center of mass while it has to be ejected further when HIAD is inflated.
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Figure 11.8: The ballast mass ejected prior to terminal descent to rebalance CarLa.

The ballast masses ejected during the prebank phase and prior to terminal descent are listed in
Table 11.10.

Table 11.10: Summary of the ballast masses ejected during prebank and pre-terminal
descent.
Phase

Ballast Mass, Mg

Prebank Ballast

3.25

Pre-Terminal Descent Ballast

5.50

C. Vehicle and Control Modeling During Range Control and Heading Alignment

1. Modeling The Bank Angle Profile

The bank angle profile for CarLa and resupply missions is the same as the human lander
however since CarLa is in the air for a longer period of time, the profile is extended further in
time.
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2. Modeling the CarLa Vehicle

The CarLa vehicle was modeled the same way as the human lander but with a different mass
and dimensions. Refer to Section 8.B.6 for more information.
D. Thruster Placement

Again, thruster placement for CarLa was done in the same way as the human lander but with
different dimensions. Refer to section 8.C for more information. Table 11.11 contains the
optimal thruster locations.

Table 11.11: Optimal thruster locations for CarLa.
Optimal Distance from CM [m]

1.75

Optimal Thruster Angle [deg]

22.3117
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IX.

Passive Thermal Control

A. Passive Thermal Control

The cargo lander (CarLA) must sustain room temperature inside for the electrical
components. Although its thermal requirements are less stringent than the HuLa, the thermal
energy generated is much greater. Table 11.12 details the materials of the wall, along with their
thicknesses. For the CarLa, the total mass of the payload TPS is 1.319 Mg. Details for the
payload TPS are explained in section 8.XI.

Table 11.12: The materials considered for the wall, with the thicknesses calculated.

Function

Material

Density,
kg/m3

Thermal
Conductivity,
W/m-K

Thickness,

Mass,

cm

kg

Ablator

SLA-561V

224

0.040

1.50

780.5

Insulator

Aerogel

5

0.012

1.09

378.3

Adhesive

RTV-260

1410

0.377

0.0203

66.53

SIP

Nomex

86

0.037

0.137

27.56
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Use of Solar Energy Sources for CarLa

A. Cargo farming capsule

The sizing of the Cargo farming capsule solar panels is detailed in Appendix BT. The final
results are presented in Table 11.23.
Table 11.23: Sizing of the Cargo farming capsule
Cargo farming capsule (13.2 kW)
Configuration

2 x 12 m

Weight

0.26 Mg

Stowage volume

0.33 m3

B. Cargo Lander (CarLa)

The sizing of the Cargo-Lander solar panels is detailed in Appendix BT. The final results are
presented in 11.14. The configuration of the CarLa solar panels is shown in Figure 11.9.
Table 11.14: Sizing of the Cargo Lander solar panels
Cargo – Lander *
CarLa 1

CarLa 2

32.2

74.57

Cells area (m2)

282

648

Diameter (m)

14.5

22

Power

requirement

(kW)
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Configuration

2

2

Stowed volume (m3)

0.805

1.86

Deployed area (m2)

330

760

Total Mass (Mg)

0.349

0.802

Height (m)

4.83

7.33

Thickness (m)

0.166

0.252

* CarLa: Calculation made with EOL=5 years, 1.52 AU

22m diameter

Figure 11.9: CarLa 2 with two Megaflex wings
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12 | Communication Satellites
I. Introduction
Our primary mission objective for communications is to provide a continuous high definition
video feed to and from any vehicle that has astronauts on board. In order to allow for continuous
contact with the vehicles on the Martian surface, a network of communications satellites will be
deployed in Mars orbit. Each of these satellites will send and receive communication signals
to/from several different locations. Figure 1 below shows how each satellite will be assembled.

Figure 12.1: Fully deployed communications satellite to be placed in Mars orbit.

Each satellite will have a total of four antennas. The four antennas are shown in gold in Fig.
1. The largest antenna is 10m in diameter and the other three antennas are 0.6646m in diameter.
The large antenna will be used for long distance communication to Earth and the Cycler, while
the smaller antennas will be used to communicate within the vicinity of Mars. The
communications satellite will be powered using solar arrays shown in blue in Fig. 1. Each solar
array is 12.5m in diameter. All of the antennas are Northrup Grumman Astromesh and solar
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arrays are ATK MegaFlex. The antennas and solar arrays are deployable so that the satellite can
be packaged into a launch vehicle.
II. Orbit Selection
A. Introduction
Project Aldrin-Purdue will establish human colonies on Mars and Phobos, and therefore,
continuous communication between both colonies should be provided. Also, both colonies
should be able to communicate with Earth at all times. The colony on Phobos is placed inside
Stickney Crater, which is tidally locked to Mars. The visibility from inside the crater is limited,
and determined by the geometry of the crater itself [1].

We use two communication satellites around Mars in an areostationary orbit (stationary orbit
around Mars) as communication relays between the colony on Phobos and the colony on Mars.
The same satellites will also be used as communication relays between both colonies and the
Earth (or one of the cyclers).

We ensure continuous communication for all times between the colony on Mars and the
colony on Phobos with only two satellites around Mars, as well as a communication link to
Earth.

B. Mars-Centered Communications Satellite Constellation
Figure 12.2 represents the satellite constellation used by Project Aldrin-Purdue, which is
composed of two satellites placed in an equatorial areostationary orbit, separated by an angular
distance α. The visibility from inside the Stickney Crater is limited to an angle 𝛽 (rather than
180°):
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Figure 12.2: Mars-Centered Communications Satellite Constellation
This satellite constellation is convenient as the colony on Mars will always be able to
communicate with the satellites (their relative positions are conserved). At the same time, at
least one of the communication satellites will be able to communicate with Earth due to the
angular separation between them. In the same way, due to the angular separation between the
satellites, Phobos will be able to communicate either directly to Mars, or with at least one of the
communication satellites.

Table B.1 summarizes the geometric parameters that define the communications satellite
constellation around Mars (we assume Phobos’ orbit and the areostationary orbit to be circular
and coplanar, at altitudes ℎ𝑃 and ℎ𝑆 , respectively):
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Table 12.1: Characteristics of the Mars-Centered Communications Satellite Constellation
𝛼

63.9° < 𝛼 < 70.5°

𝛽

152°

ℎ𝑆

17032 km

ℎ𝑃

5980 km

Figure 12.3 represents the communication links between Phobos and one of the satellites
(Satellite 2, dashed blue line), between the colony on Mars and the satellites (solid red line for
Satellite 1 and solid blue line for Satellite 2). The communication link between one of the
satellites (Satellite 1) and the Earth is represented with a solid black line:

Figure 12.3: Communication Links around Mars
In Fig. 12.3, it is shown how the signal from Phobos to Mars is relayed by Satellite 2, so that
communication is possible between the colonies on Phobos and Mars. At the same time, the
colony on Mars can communicate information from Phobos and from Mars with Satellite 1, and
Satellite 1 communicates this information to Earth.
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We then provide continuous communication between the colonies on Phobos and Mars, and
the Earth, with only two satellites around Mars, in an areostationary orbit.

Further details about the analysis of our final design, and a comparison with another possible
solution are provided in Appendix AN.

Pablo Machuca Varela | 277

CarLa and Resupply

Project Aldrin-Purdue
III.

Satellite Design

A. Assumptions
In order to ensure that the antennas will be able to communicate during the most demanding
conditions, all power requirements are calculated assuming that the distance between the satellite
and the target vehicle is equal to the maximum possible distance the two vehicles. Table 12.2
below shows the assumed distances that the satellite will communicate to each vehicle.
Table 12.2: Communication distance assumptions from satellite to target vehicle
Destination

Communication Distance, km

Mars Surface

1.700 x 104

Phobos

2.900 x 104

Cyclers

3.948 x 109

Earth

3.979 x 109

Other Satellite

1.766 x 104

All of the distances in the vicinity of Mars are shown below in Fig. 12.4. The orbits and
distances between bodies shown in Fig. 12.4 are drawn to scale, while relative sizes of satellites,
Phobos, and the base on Mars are not to scale.
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Figure 12.4: All communication paths and relative distances from satellites to destinations
in Martian vicinity.

In Fig. 12.4, the two communication satellites are shown as the gold circles labelled A and B.
Also in Fig. 12.4, Phobos is the brown ellipse, Mars is the large red circle, and the purple
rectangle on the surface of Mars represents the base on Mars. The distance from the
communication satellite to the Martian surface is shown in green in Fig. 12.4, and it is constant
because the satellite is in an areostationary orbit. The extreme case for communicating to Phobos
occurs right before Phobos is eclipsed by Mars and this path is shown in orange in Fig. 12.4. The
distance between satellites remains constant because the satellites are in the same orbit because
they are simply offset by a phase angle. The blue line in Fig. 12.4 shows the communication link
between the two communication satellites.
Figure 12.5 below shows the extreme case for communicating from Mars to Earth and the
Cycler. Figure 12.5 is not drawn to scale but it illustrates an important extreme communication
scenario to Earth and the Cycler. In Fig. 12.5, Mars is the red dot, Earth is the blue dot, the
Cycler is the purple dot, and the Sun is the large yellow circle. The Cycler’s orbit is shown in
grey, and Earth’s orbit and Mars’s orbit are shown in black. Mars is assumed to be in a circular
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orbit with a radius equal to its aphelion distance. Earth is assumed to be in a circular orbit with a
radius equal to its perihelion distance.

Figure 12.5: Extreme case for communicating from Mars to Earth and Cycler

The extreme case for communicating from Mars orbit to Earth directly occurs just before the
Earth is eclipsed by the Sun. Although it is not a realistic orbital configuration, the maximum
distance between the Earth and Mars is calculated assuming that both planets are at aphelion at
the same time. Assuming that it is possible to communicate directly through the Sun, the
maximum communication distance between Mars and Earth is 3.979 x 109 km (2.660 AU). The
maximum communication distance between Mars and Earth is shown as the dotted orange line in
Fig. 12.5. It is not possible to communicate near the Sun, therefore the extreme case
communication distance between Mars and Earth will not happen. When the Sun prevents direct
communication between Mars and Earth, the Cycler will be used as a communications relay to
relay the signal around the Sun. The path between Mars and the Cycler is shown in green in Fig.
12.3, and this distance is 3.948 x 109 km (2.639 AU). The maximum distance between Mars and
the Cycler is the distance that we assumed to be our most demanding case, and all power
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numbers that have been calculated use this as the maximum distance between Mars and the
Cycler.

Another important assumption is that all receivers on Earth are 10m in diameter. The 10 m
diameter is the same diameter as the receiving antennas on the Cycler. There are several
academic antennas on Earth that meet this requirement which can be used for a fraction of the
cost of larger antennas like the Deep Space Network. There will also be a negligible reduction in
power requirements on the satellite if larger antennas are used on Earth. The reduction in power
is negligible because the power requirement is driven by the smallest receiver in the link. The
maximum power requirement will always occur when the Cycler is being used as a
communications relay to bounce a signal around the Sun. Because the antenna is 10m in
diameter, the satellite must be capable of delivering enough power to communicate to an antenna
of this size.

Finally, each antenna will use a travelling-wave tube amplifier (TWTA) to modulate its
signal. The mass of each TWTA is estimated based on the power required for its respective
antenna using linear interpolation between the TWTA mass for the Mars Reconnaissance Orbiter
(MRO) and a model 177 TWTA from Applied Systems Engineering, Inc. The TWTA on MRO
has a mass of 1.9kg and uses 100W of power [1]. The model 177 TWTA has a mass of 122kg
and uses a power of 30kW of power [2]. The TWTA mass for MRO and the model 177 allows
for a very rough approximation of the mass required to produce the signal at each antenna. It is
not entirely accurate because the scaling is not actually linear and the model 177 is an Earth
based system that has not been optimized for space use.
B. Antenna Sizing and Power Requirements
The size of the antennas on the satellites in Mars orbit is driven by the distance that they are
required to communicate (shown above in Table 12.2). The satellites will be communicating to
five different destinations: Mars, Phobos, the Cyclers, Earth, and other satellites in Mars orbit.
For the sake of simplifying manufacturing, we choose to use a standardized antenna with
diameter 0.6646m for medium range communication within the vicinity of Mars. For long range
communication to Earth and the Cyclers, we choose to use a standardized 10m antenna. We
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select 0.6646 m and 10 m antenna diameters because they require low power to operate while
still being easy to package. Below is a detailed breakdown of the sizing and power requirements
for each antenna on the satellites based on the destination.

1. Mars Surface
On the surface of Mars, a repurposed ADEPT will be used as a receiving antenna. There will
be two ADEPT antennas in stationary positions on Mars. The ADEPT antennas will not gimbal
at all because they will always be pointed directly at the satellites in orbit around Mars. One
additional ADEPT will be converted into an antenna in case a problem occurs with one of the
other two antennas. ADEPT’s 14.55m diameter allows for very low power requirements on the
satellite in Mars orbit. Table 12.3 below gives a summary of the antennas for satellite to Mars
surface communication.
Table 12.3: Summary of antennas for Mars orbit to Mars surface communications
Transmitter diameter, m

Receiver diameter, m

Distance, km

Power, kW

0.6646

14.55

17,000

0.008

The power requirement to send a signal from Mars orbit to Mars surface is 8W, which is also
the power required to send a signal from an ADEPT antenna on the Mars surface to the satellite
in Mars orbit. The ADEPT antennas will be used to provide a communication connection to the
entire Mars base. The antenna on the satellite that is pointed towards Mars will also
communicate to the rovers on Mars that use helical antennas. The satellite will receive a signal
from the rover and send the signal back to the base on Mars. The signal from rover can also be
relayed back to Earth using the 10 m antenna after the 0.6646 m antenna receives the signal from
the rover.
2. Phobos
The receiver on Phobos will be a standard 0.6646m antenna. Because the receiver diameter is
smaller than the receiver on Mars, the power requirement to transmit a signal to Phobos from
the communication satellite is greater than the power requirement to communicate to Mars. The
greater distance between the satellite and Phobos also contributes to a larger power requirement.
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Table 12.4 below gives a summary of the antenna on the satellite used for communication to
Phobos and the power requirement.
Table 12.4: Summary of antennas for Mars orbit to Phobos communications
Transmitter diameter, m

Receiver diameter, m

Distance, km

Power, kW

0.6646

0.6646

29,000

0.035

The total power requirement for satellite to Phobos communication is 35W.
3. Cycler
The Cycler has a 10m receiving antenna identical to the 10m antenna on the satellite that will
be used to send signals to the Cycler. Due to the significantly larger distance that this signal
must travel, the power requirement for the antenna pointed toward the Cycler is much larger
than the power requirement for any communication within the vicinity of Mars. Table 12.5
below gives a summary of the antennas for communication between the satellite and the Cycler
and the power requirement.
Table 12.5: Summary of antennas for Mars orbit to Cycler communications
Transmitter diameter, m

Receiver diameter, m

Distance, km

Power, kW

10.00

10.00

3.948 x 109

24.01

The total power requirement to communicate to the Cycler is 24.01kW. The power
requirement to send a signal to the Cycler dominates all of the other power requirements on the
satellite and is the main driver for the sizing of the batteries and solar arrays on the satellite.
4. Earth
Communication to Earth from Mars orbit is almost identical to communication to the Cycler.
The power requirement for sending a signal from the satellite to Earth is driven by two main
factors: the great distance that the signal must travel and the receiving antenna diameter on
Earth. We assume that a 10m receiver will be used on Earth because it matches the size of the
antenna on the Cycler. Table 12.6 below gives a summary of the antennas for communication
between the satellite and Earth and the power requirement.
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Table 12.6: Summary of antennas for Mars orbit to Earth communications
Transmitter diameter, m

Receiver diameter, m

Distance, km

Power, kW

10.00

10.00

3.979 x 109

24.19

The power requirement for satellite to Earth communication is 24.19 kW. The power
requirement can be lowered by using larger receiving antennas on Earth, but larger receivers
may not reduce the overall power requirement of the satellite. Communication to Earth and the
Cycler will be handled with the same antenna on the satellite. This means that the satellite will
never be communicating to Earth and the Cycler simultaneously. Because this 10m antenna
must be capable of communicating to the Earth, it requires 24.19 kW of power regardless of the
maximum power requirement to communicate to Earth.
5. Other Satellite
An antenna linking the two communications satellites is not strictly necessary for
communication near Mars, but it provides an extra layer of security in case an antenna fails on
one of the satellites. For example, if the antenna for communicating to the surface of Mars fails
to deploy on satellite A, it can then forward any signal that needs to reach the surface to satellite
B that has a functioning antenna for surface communication.

Table 12.7 below gives a

summary of satellite to satellite communications.

Table 12.7: Summary of antennas for satellite to satellite communications
Transmitter diameter, m

Receiver diameter, m

Distance, km

Power, kW

0.6646

0.6646

17,660

0.024

Relative to the large power requirements for communicating to the Cycler, adding a layer of
redundancy does not dramatically increase the total power requirement for each satellite.
C. TWTA Mass Estimation
The mass estimation for each TWTA is based on the power requirement for its respective
antenna using linear interpolation between the TWTA mass for the Mars Reconnaissance
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Orbiter (MRO) and a model 177 TWTA from Applied Systems Engineering, Inc. The TWTA
on MRO has a mass of 1.9kg and uses 100W of power [2]. The model 177 TWTA has a mass of
122kg and 30kW of power [3]. Table 12.8 below shows the power requirements calculated for
each destination and the TWTA mass associated with each power level.
Table 12.8: TWTA masses calculated using linear interpolation based on power
requirements
Power,

TWTA Mass,

kW

Mg

Mars Surface

0.008

0.00153

Phobos

0.035

0.00164

Cyclers

24.01

0.09794

Earth

24.19

0.09866

0.024

0.00159

24.26

0.10342

Destination

Other
Satellite
Total
D. Power and Mass Summary

The total mass of all of the antennas for the satellite is 7.6 x 10-4 Mg, the total mass of all
TWTAs on the satellite is 0.1034 Mg, and the total power requirement is 24.26 kW. Table 12.9
below gives a summary of power requirements and mass distribution based on signal
destination.
Table 12.9: Summary of mass and power for each antenna on satellite a
Destination

Antenna Diameter, m

Power,

Antenna Mass,

TWTA Mass,

kW

Mg

Mg

Mars Surface

0.6646

0.008

4.0 x 10-5

0.00153

Phobos

0.6646

0.035

4.0 x 10-5

0.00164

Cyclers

10.00

24.01

6.4 x 10-4

0.09794

Earth

10.00

24.19

6.4 x 10-4

0.09866

Other

0.6646

0.024

4.0 x 10-5

0.00159
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Satellite
Total
a

n/a

24.26

7.6 x 10-4

0.10342

“Cyclers” is not included in “Total”; same antenna is used for Mars-Earth and Mars-Cycler
communication.

It is important to note that the total mass of 0.1042 Mg only includes the mass of antennas
and TWTAs on the satellites. Section V covers the mass of the solar arrays and batteries that
power the satellites.
IV. Batteries and usage
The communications satellites use batteries to reduce power consumption. Batteries can
improve efficiency because both of the satellites are available to communicate to their targets
most of the time, but only one communicates with the farthest targets at any instant, while the
other generates power that is not used. In a battery-free design, both satellites need to gather
enough power from solar arrays to send the signal over the most demanding distance. The
problem is that all of that power is wasted when the satellite is not transmitting, and
consequently, the mass required for the solar panels is also wasted. The solution examined here
mimics the design of a hybrid car. Long-life rechargeable batteries can store the energy accrued
by the solar panels when the power requirements are low. When the antenna needs to transmit,
the batteries provide power, thereby reducing the power required from the solar panels. Thus,
the solar panels can be smaller and lighter. Of course, an energy storage system is only
beneficial if it adds less mass than it effectively removes from the solar panels. Analyses similar
to the one described below were carried out for all major communications antennas for this
mission, but the use of batteries in this way only proves to be beneficial for the communications
satellites around Mars. The work for the other systems may be found in Appendix L, but the
details for the satellites are given here.
A. Method of Operation
A smaller amount of time between switching is preferred because a longer time means the
satellite needs to store more energy. However, there is a limit to the brevity of the exchange.
The planet eclipses the target from each satellites view for well over an hour, so the remaining
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satellite must be capable of providing a strong enough signal for that amount of time. The
satellites are designed to switch off every two hours.

When a satellite is not transmitting to Earth or the cycler, its power requirement is not zero.
It may still be required to maintain contact between Phobos and/or the ground station via the
ADEPT antennas. However, the power requirements for communication near Mars amount to
less than a percent of the power required to transmit to Earth and the Cycler, so they have very
little effect on the amount of power available to charge the batteries. Not all of that power can
be stored, though. Charging and discharging batteries is not a perfectly efficient process. While
Magnesium ion batteries were considered for parts of this mission, we determined that their
technology readiness level was insufficient, so Lithium ion batteries are being used instead. The
charging and discharging efficiency for these batteries is about 83% [4]. The specific energy
density of Li-ion batteries is 9.067 x 105 J/kg, and their volumetric energy density is 2.88 x 109
J/m3 [5].

B. Relationships and Derivations of Values
Using the previously stated information, we determined how much power would be required
by using the following relationship:

(

𝑃𝑜𝑢𝑡𝑝𝑢𝑡 − 𝑃𝑠𝑜𝑙𝑎𝑟
) = (𝑃𝑠𝑜𝑙𝑎𝑟 − 𝑃𝑜𝑡ℎ𝑒𝑟 ) ∗ (𝜂𝑐ℎ𝑎𝑟𝑔𝑒 )
𝜂𝑑𝑖𝑠𝑐ℎ𝑎𝑟𝑔𝑒

(12.1)

where 𝑃𝑜𝑢𝑡𝑝𝑢𝑡 is the total output power required to communicate over the furthest distance,
𝑃𝑠𝑜𝑙𝑎𝑟 is the amount of power provided by the solar panels, 𝑃𝑜𝑡ℎ𝑒𝑟 is the amount of power
required to communicate with Mars and Phobos, and 𝜂𝑑𝑖𝑠𝑐ℎ𝑎𝑟𝑔𝑒 and 𝜂𝑐ℎ𝑎𝑟𝑔𝑒 represent the
discharging and charging efficiencies, respectively. The right side of this relationship is
proportional to the energy that actually ends up being stored in the batteries, and the left side is
the proportional to the energy that needs to be stored in the batteries in order to provide the
required power. Time is divided out on both sides since the batteries will spend equal time
charging and discharging (though this isn’t the case for the other systems that were
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investigated). This means that the units of both sides are power and not energy. 𝑃𝑠𝑜𝑙𝑎𝑟 is the
only unknown quantity here, and solving the equation gives: 𝑃𝑠𝑜𝑙𝑎𝑟 = 14.27 kW.

The power that would be required without the use of batteries is 24.06 kW, so this system
saves just under 10 kW of power. However, what we really care about reducing is mass. To
calculate mass and volume figures, we find how much energy the batteries must hold and divide
by the relevant energy densities. To calculate the energy stored, we use the following equation:
𝐸𝑏𝑎𝑡 = (𝑃𝑠𝑜𝑙𝑎𝑟 − 𝑃𝑜𝑡ℎ𝑒𝑟 ) ∗ (𝜂𝑐ℎ𝑎𝑟𝑔𝑒 ) ∗ (7200 [𝑠𝑒𝑐])

(12.2)

which is simply the power multiplied by the time it spends charging (two hours). Here, 𝐸𝑏𝑎𝑡 is
the energy the battery is required to store. Note that to get energy in J, the powers must be
reported in W, not kW. The energy turns out to be 42.56 MJ. Thus, the battery mass is found by:

𝑀𝑏𝑎𝑡 =

𝐸𝑏𝑎𝑡
𝜈𝑏𝑎𝑡

(12.3)

where 𝜈𝑏𝑎𝑡 is the specific energy density defined in the section above and 𝑀𝑏𝑎𝑡 is the required
mass of the battery. This turns out to be 46.94 kg. The volume of the battery can be found in the
same way:
𝑉𝑏𝑎𝑡 =

𝐸𝑏𝑎𝑡
𝜌𝑏𝑎𝑡

(12.3)

where 𝑉𝑏𝑎𝑡 is the volume of the battery and 𝜌𝑏𝑎𝑡 is the volumetric energy density, also given in
the previous section. The volume comes out to 0.01478 m3. As it turns out, using batteries like
this decreases the mass of the solar panels by 189.4 kg, and therefore the overall mass by 142.5
kg per satellite.
V. Astromesh
One criterion of the communications design is the ability to stream high-definition video
streaming in communication with all Cycler vehicles, satellites in orbit around Mars, and return
option vehicles. In attempting to meet this design specification, the satellite antennas on board
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the Cyclers are large to transmit such a strong signal over the maximum distance of Earth and
Mar’s orbit. To remedy this problem, we research deployable antennas as an alternative to
heavier solid antennas. A more detailed explanation of this process can be found in Appendix
H, but the two notable options are a deployable solid antenna and a Northrop Grumman knit
antenna called AstroMesh.

Ultimately, we choose AstroMesh-Lite as the deployable satellites used on the Cyclers due to
its low maximum mass of 6.368 X 10-3 Mg and compact volume of 0.2821 m3 [6]. Other
contributing factors are AstroMesh’s 100 percent on-orbit deployment success rate,
comparatively low power requirement of 20.00 X 103 W [6], and secondary use as a large
receiving antenna on Earth’s surface.

C. Earth to Cycler
In order to make an informed choice between AstroMesh and foldable solid antennas, we
compare the antenna parameters. While these numbers are readily available for foldable solid
antennas, limited specifics are published about various AstroMesh generations. So to make
Cycler calculations with AstroMesh, we contacted Northrop Grumman and interviewed Dr.
Jeremy Marks, a chief AstroMesh engineer at Northrop Grumman.

He suggested that,

according to our maximum distance of 2.700 AU and our diameter size of 10.00 m, the
AstroMesh-Lite (AM-Lite) would be the best fit.[2] The AM-Lite generation is the lightest
available, as well as the smallest when completely stowed. Dr. Marks provided an example of a
nine meter diameter antenna with mesh-only weight of 4.55 lbs [7]. From this example, we
were able to determine the mass our antenna based on proportional surface area.

This

calculation was made assuming that the width of the AstroMesh is negligible, as was confirmed
by Dr. Marks.
Next, we calculate the total mass of the deployable antenna, including the perimeter truss
structure. This structure is a trademark of Northrop Grumman and is designed for high stiffness
and to withstand large amounts thermal instability. However, it is incredibly light, and
composes anywhere between 40 % and 60 % of the total antenna mass [7], [8]. It is also very
compact with a stowed volume of 0.2821 m3. For our mission, we chose the strongest aluminum
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structure with 43 perimeter bay trusses to withstand unforeseen space conditions. We also
chose the densest knit mesh available: 40 opi [8]. This was to maintain signal strength over a
long distance and to reduce transmission loss from -0.510 GHz at 20 opi to -0.140 GHz. With
this input, the total mass of the Cycler antenna is 6.368 X 10-3 Mg and the power requirement is
20.00 X 103 W.
D. ADEPT
An additional perk of the AstroMesh deployable antenna, is that the knit mesh can be
separated from the aluminum structure. Therefore, the knit mesh can be supported by another
structure and still work as a functional antenna. In the pursuit of minimal waste of resources,
we investigate the vehicles on the surface of Mars that could be repurposed as supporting
structures for the AM-Lite Mesh.

We chose the ADEPT component of the Human Lander (HuLa), because after their
detachment from HuLa and their landing Mars’ surface, they remain unused. Also, at 30 m
diameter, they are exceptionally large and use less power to generate the same signal as a
smaller antenna. This means we can rely on a much larger transmitting antenna on Mars’
surface and only need to transport 22.93 X 10-3 Mg of AM-Lite Mesh.[3] The large transmitting
antenna also allows us to deploy very small, solid communication antennas on the vehicles in
Mars’ orbit. The increased power availability makes the use of X-band between these two
locations practical, which is a more accurate communication frequency and uses only eight
Watts of power.

Therefore, converting the ADEPT vehicle to an antenna will conserve

resources both on the surface of Mars and in the vehicles orbiting Mars. A drawing of the
converted ADEPT can be seen below in Fig. 12.6.
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Figure 12.6: A design of our converted ADEPT antenna fitted with AM-Lite
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13 | Return Option
I. Introduction
For this system, we account for the ability of up to six total people to make a return
journey to Earth. Immediately upon arrival at Phobos on 22 January 2038, the crew of six has
the option to implement the return option from Phobos. The human lander will dock with the
BA 330 inflatable hab and the Phobos launch vehicle for the return home, where the human
lander will allow them entry through the Earth’s atmosphere. The optimized flight duration of
the Phobos return leg is 204 days.
All successive return option dates are determined by the launch vehicle to return the crew
without exceeting the flight duration and ΔV requirements of the optimized immediate return
case. For these successive return options, three crew members from Mars will be able to ascend
from the Martian colony to Phobos and comprise three of the six astronauts to make the return
journey to Earth in the BA 330/HuLa system. Figure 13.1 outlines the various mission legs of
the Return Option.

Figure 13.1: Summary of Mars Return Option. The Mars ascent leg for successive options
and the Phobos return leg for all options are shown.
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II. Transfer from Phobos to Earth
Because of the long time of flight, the total mass at launch of the vehicle from Phobos to
Earth for a Hohmann transfer is very large due to all the consumables like food, water, and
oxygen that we must carry for the crew. Additionally, the long return time is not ideal for
humans who are confined to a small space for the duration of the voyage. Therefore, a patched
conics approach is implemented to find an ideal trajectory to return to Earth. This approach
employs a Lambert Algorithm to patch together hyperbolic orbits near to arrival and departure
bodies with a portion of an ellipse in the heliocentric frame.
We intend the return option to become available upon arrival at Phobos, on January 22, 2038.
For a return on this date, the ∆𝑉 at departure from Mars’ vicinity (Phobos) is 2.27 km/s and the
time of flight will be 6.7 months. Figure 13.2 visually depicts this return orbit.

Figure 13.11: January 22, 2038 Return Lambert Solution
After colonization has established itself, approximately two years after launch, we provide a
second return option for the colonists. The launch window for this return is from August 6,
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2039, to February 26, 2040. Calculations for August 6th are considered to be representative for
this launch window. The ∆𝑉 required for departure from the Mars vicinity for this return is 2.17
km/s and requires a time of flight of 6.8 months. Figure 13.3 visually depicts this option for the
return orbit.

Figure 13.12: August 6, 2039 Return Lambert Solution
Table 13.1 summarizes the return option parameters. Additional return windows can be
calculated using the method outlined in Appendix AE. Both Fig 13.2 and Fig 13.3 are solutions
using the real orbits of Mars and Earth[1]. The solid lines indicate orbits, while the dashed lines
indicate their respective circular approximations. For all return options, only the ∆𝑉 required for
departure from the system was considered because aerocapture will be performed at Earth,
eliminating the need for another burn.
Table 13.1: Summary of return option parameters
Return Date

Time of Flight [months]

Delta V [km/s]

January 22, 2038

6.7

2.27

August 06, 2039

6.8

2.17
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III. BA 330
The overall design of the BA 330 is predetermined by the specifications of Bigelow
Aerospace. However, the BA 330 is slightly modified to meet certain mission requirements.
One of the main requirements of the BA 330 is that it needs to provide living space and life
support systems for up to six astronaut crew members.
The BA 330 accomplishes this by providing the astronauts with approximately 330m3 of
internal pressurized cabin space, two solar panels for power generation, and two thermal
radiator arrays for heat dissipation[2]. A scaled diagram of the original BA 330 can be seen
below in Fig 13.4. However, we modified some of these components in order to better meet the
requirements of a more distant and longer duration space mission. Some of these components
include larger and more efficient batteries for power storage, as well as larger solar panels in
order to capture more solar radiation at farther distances from the sun.

Figure 13.4: CATIA model showing 3D design of BA 330.
Table 13.2 below shows relevant properties and specifications of the BA 330. A wall
thickness of approximately 0.46m provides sufficient radiation and ballistic shielding,
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comparable to that of the International Space Station. An extra mass of 8.47Mg accounts for the
extra food and life support systems needed for a longer duration space flight which results in a
total mass of 28.47Mg. Figure 13.5 shows the overall CATIA drawing dimensions.

Figure 13.5: CATIA drawing showing dimensions of BA 330.

Table 13.2 shows the important properties and specifications of the BA 330.
Total Volume

483.0 m3

Pressurized Volume

330.0 m3

Avg. Wall Thickness

0.46 m

Consumables

8.47 Mg

BA 330 Mass

20.0 Mg

Total Mass:

28.47 Mg
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IV. Food and Water
Since the return option will house a crew of six on their trip back from Phobos to Earth, it will
need to carry enough supplies to keep the crew alive until they reach their destination.

Each day, 6 liters of water is allocated to each crew member for drinking and hygiene. Using
the onboard recovery systems, an estimated 91% of all water is reused on the vehicle. For a
more in-depth analysis of the water recovery systems, refer to Appendix N.

Each day, a crew member is given three full meals, using the Meal Ready to Eat (MRE)
model[3]. This model was chosen because each meal is high in calories, is volume efficient, and
has a lengthy shelf-life. Each day, a set of three meals using this model provides roughly 3750
calories a day, exceeding the necessary calorie intake the human body requires per day.

The amount of food and water necessary for this trip is calculated for a period of 204 days,
which is the length of time the Phobos to Earth trip requires. This results with the values found
on the table below, in Table 13.3

Table 13.3: Food and water consumable requirements for the return option trip
Mass, Mg

Volume, m3

# of Tanks

Food, Required

2.295

2.8855

N/A

Food, Backup

0.3375

0.4243

N/A

Food, Total

2.6325

3.3098

N/A

Water, Required

0.5823

0.5638

3

Water, Backup

1.1171

1.0800

6

Water, Total

1.6993

1.6438

9
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V. Life Support
The return option has a pressurized environment maintained by the Environmental Control
and Life Support System, similar to that found on the cycler and the other vehicles involved
with this mission. Oxygen is generated through electrolysis, while a contingency supply is held
in reserve to last 30 days, in case of emergency. Nitrogen is mixed into the environment to
decrease the risk of fire, to prevent the crew from getting oxygen poisoning, and to maintain the
pressure of the atmosphere to one the human body can handle. Further analysis of this system
can be found in Appendix N. The required consumables to keep the ECLSS running are then
calculated for a period of 204 days, whose results can be found below in Table 13.4.

Table 13.4: ECLSS consumable requirements for return option trip
Mass, Mg

Volume, m3

# of Tanks

Oxygen, Backup

0.4476

0.1294

4

Nitrogen, Required

0.0772

0.0027

1

Nitrogen, Backup

0.0753

0.0004

1

Nitrogen, Total

0.0775

0.0031

1

The life support systems, as well as the water recovery systems, constantly require power to
run. These values can be seen above, in Table 13.4.
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VI. Volume Allocation
A. Mars Ascent Vehicle

Due to the short duration of the flight between Mars and Phobos, we do not include human
consumables on the vehicle. The consumables stored in the EVA suits that the crew wears
support the crew for the duration of the mission. We provide the crew members all necessary
consumables for the transit from Phobos to Earth stored on Phobos or on the BA330 vehicle.
B. BA 330

Our design uses the BA 330 as the return vehicle. The habitable volume for the BA330 is
currently 330m3. The rough internal layout is already determined for this module. We include
relevant items and fixtures that are specific for our mission into the predetermined space. The
total mass and volume of consumables that are not food, water, or oxygen are listed in Table
13.5. We include consumable items such as clothing, hygiene consumables, cleaning supplies,
maintenance supplies, exercise equipment, and medical consumables. Permanent items and
fixtures are already provided in the BA 330[4]. Detailed mass and volumes for the consumables
items are shown in Appendix U.

Table 13.5: Our Volume and Mass of Consumable and Permanent Items for the Return
Vehicle
Amount
Mass [Mg]

1.07

Volume [m3]

10.88

The return trip is very similar to the cycler in the types of consumables and fixtures
onboard and the crew will be doing similar daily activities. Our mass and volume of the
consumable items on the return mission is greater than for the cycler because amount of
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consumable items is based on mission duration. We plan enough consumables for the
maximum

amount

of

time

the return option will take, 200 days. This duration for the return missions is longer than the
crew is onboard the cycler so more consumables are needed for the return mission than with
the cycler mission.
The layout of the return vehicle is divided between personal crew quarters, food stowage
and meal preparation space, work or lab space, overall stowage, recreational space, hygiene
area, and group activity area. This separation is similar to the XM3 vehicle layout. The
actions completed in each area are the same as described in earlier sections. We store
consumables appropriately based on function which they suit. Due the zero-g environment,
we

do

not

provide

the crew with a washer and dryer. The crew is allotted enough clothing for 200 days with the
crew changing clothes at the same rate as on the XM3 habitats and cycler. After an article of
clothing is worn for its duration it becomes waste along with the other consumables. We try to
minimize waste by using consumables efficiently.

VII. High Gain Antenna (HGA)
The return vehicle also uses the standard 10 m antenna constructed from a foldable structure
and a thin mesh. The mesh and supporting structure have a mass of 6.4 kg, and the TWTA will
have a mass of 97.94 kg, bringing the total mass of the HGA up to 104.5 kg. The stowed volume
is also the same at 4.849 m3. The power required to operate is much different from other
vehicles, however. Direct communication between the return vehicle and Earth is always
possible. The communication distance is also much smaller for the Return Vehicle than what is
required for other vehicles in the mission. Again, the receiving antennas on Earth will consist of
two 20 m antennas and one 8 m antenna. Figure 13.6 shows the power required as a function of
distance

to

Earth

for

various

receiving

antenna

sizes.

Kensley Pottebaum 301

Return Option

Project Aldrin-Purdue

Power Required vs. distance
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Figure 13.6: The power requirement is determined by the smallest receiver (8 m), but
power required for the other 20 m receiving antennas are also displayed in green. The
Deep Space Network uses 34 m and 70 m Antennas, which may be used in emergencies.
The plot shows power required as a function of distance. The return vehicle begins its journey
nearly 0.9 AU from Earth and moves closer as they both travel around the sun. The power
required to communicate with the smallest receiving antenna at a data rate of 12 Mbps over that
distance is 4.159 kW. As the vehicle approaches Earth, the power decreases, varying between the
green and blue lines, depending on which antenna is available.

VIII. Low Gain Antenna
Similar to the Cycler, the Mars Return Option will use a 10 m high gain antenna (HGA) as its
primary means of communicating to Mars and Earth. Because this 10m HGA is deployable, there
is a risk that the antenna may not deploy properly. If the HGA does not deploy fully, it will be
useless for sending and receiving communication signals. Use of a low gain antenna (LGA) on
the return vehicle will prevent a loss of communication with the return vehicle if the HGA does
not deploy. The LGA will only operate if the HGA fails.
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Unlike the large HGA, the LGA is a small rigid antenna with a diameter of 15.91 cm. Because
of the significantly smaller transmitter diameter, the data transmission rate for the LGA is only
40 bits per second (bps). The 40 bps data rate is not sufficient for high definition (HD) video, but
it will allow for the return vehicle to send and receive any necessary signals. Due to the fact that
the LGA and HGA will never operate at the same time, both antennas will share a power source.
Table 13.6 below shows the power requirements for transmitting from the LGA to receiving
antennas of various sizes on Earth.
Table 13.6: Power requirements for transmitting from LGA to various receiving antennas
on Earth
Transmitter diameter, m

Receiver diameter, m

Distance, km

Power, kW

0.1591

10

3.948 x 109

19.00

0.1591

34

3.948 x 109

1.665

0.1591

70

3.948 x 109

0.400

For Table 13.6, we assume that the signal is travelling 3.948 x 109 km (2.639 AU) from the
return vehicle to Earth. The 10 m receiver corresponds to the standard receiving antenna on
Earth. The power requirement for transmitting to a 10 m receiver is 19.00 kW, which is below
the 24.19 kW power requirements for the HGA. Because the power requirements to operate the
LGA are lower than the power requirements for the HGA, it is a safe assumption that the return
vehicle can provide enough power to send signals using the LGA. The 34 m and 70 m receiving
antennas are part of the Deep Space Network (DSN). In the event of a partial power failure on
the return vehicle, it may be necessary to stop using the HGA and switch to the LGA and
transmit to one of these larger antennas. The 34 m receiver will require 1.665 kW to send a
signal and the 70 m receiver will require 0.400 kW to send a signal.
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IX. Phobos Return Attitude Determination and Control System
The return vehicle from Phobos to Earth consists of one HuLa module for reentering to the
earth, BA 330 habitat module, and Phobos Launch Vehicle. In order to provide stability on the
way back, we equip the spacecraft with combinations of actuators and sensors. We use 3-Axis
Stabilization to keep the communication antennas properly pointed towards Earth and maintain
the trajectory. 3-Axis stabilization technique provides us with high pointing accuracy. The
navigation system of the vehicle gives location and orientation information, and is done through
attitude determination. The control system of the vehicle, which consists of combination of
thrusters and reaction wheels, corrects the orientation and provides the stability to the spacecraft
in orbit.

A. Spacecraft pointing

In order to communicate with earth, spacecraft antenna needs to be always pointed towards
earth. Therefore, for the proper operation of the communication antennas, we will point the
spacecraft’s face, where antenna is located, towards earth. We desire to achieve the pointing
accuracy of ±0.01 deg. Figure 13.7 shows the reference frame we use for the return vehicle.
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Figure 13.7 Z axis of the return vehicle is always pointing the earth in order to provide
stable communication.
B. Attitude Determination

Vehicle attitude determination system consists of sensors which includes star trackers and
sun sensors. Sensors determine the orientation of the spacecraft relative to the specified axis,
and gives information on how much it is deviating from desired coordination. This allows us to
locate the vehicle and direction where the vehicle is pointing. In order to process the data
received from sensors vehicle needs a computer on board. Computer receives collected data
from sensors about spacecraft poining, and then compares it with desired axis. After, computer
calculates the pointing error, and if error is greater than desired accuracy, it commands control
actuators to correct the orientation. We implement two different types of sensors on the
spacecraft to reduce the risk of failure. Sensors work in parallel. They compare data that they
collect, and adjust it for increased accuracy.
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1. Star Trackers

Star trackers are primary attitude determination system sensors on the spacecraft. They scan
different stars or star patterns and give the information about the spacecraft’s orientation relative
to the inertial frame. Star trackers have high accuracy. However, in order to properly operate, it
requires spacecraft to be stable prior to scanning. Also, star trackers are sensitive to radiation[5].
Therefore, we add sun sensors to the attitude determination system along with star trackers to
reduce the risk of receiving inaccurate data or system failure.

2. Sun Sensors

We use sun sensors as a secondary attitude determination system sensors for increased
redundancy. They will work in parallel with star trackers to adjust the positioning data. Sun
sensors determine the orientation relative to the sun by detecting the visible light. In order to
attain a clear field of view we place them near the end of the spacecraft.
Sensors detect orientation disturbance that are caused by environmental torques and compare
roll, pitch, and yaw angles with coordinates frame of interest, and determines the angle
correction. In order to correct the angles sensors send data to the actuators.
Parameters of the sensors are listed in Table 13.7 below:

Table 13.7: Sensor Parameters.
Parameters

Star Trackers

Sun Sensors

Mass [kg]

10

4

Power [W]

20

3

Accuracy [deg]

0.001

0.005

Number

2

2
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C. Environmental Torque

During the 204 days of flight to return to the earth, vehicle will be perturbed by environmental
forces. For our analysis we prepare for the worst case. In order to properly size the control
systems that will keep the vehicle in the desired direction we need to determine the magnitude
of the forces and torques we need to apply to the spacecraft. Table 13.8 shows the parameters of
the environmental torque.

Table 13.8: Environmental Torque
Parameters

Values

Torque [Nm]

1.83

Force [N]

0.113

D. Attitude Control

Environmental torque affects the spacecraft, and changes its orientation. To prevent
disturbance of the spacecraft and provide stability, we place actuators that allows us to maintain
a desired orientation. We manage the spacecraft stability with combination of two actuators,
which are reaction control system (RCS) thrusters and reaction wheels.

1. Reaction Control System Thrusters

RCS thrusters produce thrust by explelling mass. They require on board propellant sufficient
for the entire trip. In Phobos to Earth return vehicle RCS thrusters are used for dumping the
momentum and desaturating the reaction wheels every day in order to reduce the momentum
strorage in reaction wheels. Reducing momentum storage on the reaction wheels reduces mass
and power requirement for it.
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2. Reaction Wheels

Reaction wheels on the other hand do not require fuel, but run on electric motors. Therefore,
reaction wheels require power input. We design the spacecraft to carry three reaction wheels
each for every axis, and two for redundancy. Failure of the reaction wheels can lead to
spacecraft pointing in another direction. Therefore, we add two additional reaction wheels to the
return vehicle for increased safety.

E. Control System Sizing

Return vehicle contains two types of actuators: Reaction Control System thrusters and
Reaction Wheels. For RCS thrusters we choose thrusters from Aerojet Rocketdyne. They use
hydrazine as a fuel and require its own storage. For reaction wheels, we design our own reaction
wheels, using the assumed dimensions.

1. RCS thrusters sizing

We calculate the mass of the propellant for RCS thrusters using the characteristics of the
thruster and impulse needed. RCS thrusters require 0.517 Mg of hydrazine propellant to provide
15 m/s ∆V for the vehicle with the mass of 102 Mg. RCS thrusters are placed on both ends of
the vehicle in order to use the advantage of the long moment arm to that decreases force that
needs to be applied. Thrusters are used in clusters of 4, and placed on 8 edges of the spacecraft.
Therefore, the vehicle requires a total of 32 RCS thrusters to provide the stabilization in all 3
axes. Figure 13.8 shows where thrusters are placed.

Alibek Yertay 308

Return Option

Project Aldrin-Purdue

Figure 13.8. Arrows indicate the location of the thrusters. Thrusters are located on the 4
sides of the each end. Every side consists of thrusters in clusters of 4.

The return vehicle uses commercially available RCS thrusters. Table 13.9 provides
information about the Aerojet Rocketdyne RCS thrusters that are used in spacecraft[5] .

Table 13.9: RCS thrusters specifications.
Parameters

R6D

R1E

Mass [kg]

0.454

2

Isp [s]

294

280

Thrust [s]

22

110

Combination of these thrusters with propellant mass gives us total mass of the RCS thruster
system. Appendix BM provides insight on control system sizing, and provides detailed analysis
on thrust and propellant mass. Table 13.10 provides information of total mass of RCS thruster
system, and thrust it is required to deliver during the trip.
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Table 13.10: RCS thruster system requirements.
Parameters

Values

Mass [kg]

545

Thrust [N]

431

2. Reaction wheel sizing
Reaction wheels provide very precise correction to the spacecraft’s orientation[6]. Therefore,
they are used as a main correction and stability tool on the spacecraft. We place the reaction
wheels near the center of mass. Reaction wheels are used to provide initial stability for the
vehicle. This allows sensors to have a stable and clear tracking of the lights and stars to give
accurate results. In order to size reaction wheels, we assume that reaction wheel’s disk radius is
0.25 m and height is 0.25 m as well. Also, by looking at commercially available reaction
wheels, we assume it to be spinning at 6000 rpm. Table 13.11 lists reaction wheel parameters.

Table 13.11: Reaction Wheel parameters.
Parameters

Values

Mass [kg]

10.77

Power [kW]

2.17

Volume[ m3 ]

0.05

Storage, [Nms]

6980
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X. Phobos Launch Vehicle
A. Overview
From the 2.1855km/s impulse that we require, we determine the available ΔV that already
exists from the remaining propellant in the human lander. We make this determination from the
ideal rocket equation (Equation 13.1) below, knowing the Isp of the engine to be 313s, the dry
mass of the lander to be 21.6Mg, and the amount of available propellant to be 5.5Mg.

∆𝑉𝐻𝑢𝐿𝑎 = 𝑔0 𝐼𝑠𝑝 ln

𝑚𝐵𝐴330 + 𝑚𝐻𝑢𝐿𝑎 + 𝑚𝑝
𝑚𝐵𝐴330 + 𝑚ℎ𝑢𝑙𝑎

(13.1)

Subtracting this from our total required ΔV, we determine that our propulsion system must
deliver a ΔV of 1.7242km/s
The potential long-term waiting period for the mission requires storable propellants to be
used for this propulsion system. We select unsymmetrical dimethylhydrazine (UDMH) and
nitrogen tetroxide (NTO) because of their storability, hypergolic nature, and relatively high Isp
limit among storable propellants. We design for a specific impulse of 330 seconds, near the
state-of-the-art Isp limit for this propellant combination. We also estimate a propellant mass
fraction of 85%.
We select a single-stage vehicle due to the negligible mass savings of more complex, multistage systems at this ΔV. Considering the payload to be the BA 330 and the returning human
lander (with the remaining propellant on board), Equations 13.2 and 13.3 (derived in Appendix
CE) demonstrate the relationship between propellant mass and payload mass for the given ΔV
and Isp parameters. We therefore estimate that the propulsion system contain 42.14Mg of
propellant and consist of 7.44Mg of inert mass.
(𝑀𝑅 − 1)𝜆
𝑚𝑝
=
𝑚𝑝𝑙 1 − (1 − 𝜆)𝑀𝑅

(13.2)

1
𝑚𝑖 = 𝑚𝑝 ( − 1)
𝜆

(13.3)
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Considering the safety of the crew, we determine our thrust constraint based on the
maximum acceleration of the spacecraft. Assuming a constant-thrusst maneuver, this limit is
determined by the burnout mass of the vehicle (the payload and inert propulsion system mass)
at an acceleration of 4.5g’s. We set the thrust of our engine to be 1.4361MN, which is both
below our thrust limit and allows for a more feasible chamber pressure and mass flow rate.
Because of the definition of specific impulse (Equation 13.4), we determine the required
flow rate through the thrust chamber to be 444kg/s. From the 42.56Mg of propellant available,
we easily determine that this engine should burn for approximately 95 seconds. Table 13.12
shows a summary of the propulsion system requirements and properties.

𝐼𝑠𝑝 ≡

𝐹
𝑔0 𝑚̇

(13.4)

Table 13.12: Phobos Return Propulsion System Summary
ΔV [km/s]

Isp [s]

F [MN]

𝑚̇ [kg/s]

tb [s]

1.7242

330

1.44

444

94.9

B. Thrust Chamber Assembly

We begin our design of the thrust chamber by determining the optimal mixture ratio of our
propellant combination. Successive calculation from NASA Chemical Equilibrium with
Applications (CEA) determines that the characteristic velocity of this propellant combination is
maximized at an oxidizer to fuel ratio of 2.16. With our characteristic velocity known, we run
CEA again to determine the expansion ratio at which we achieve our desired specific impulse.
This occurs at a nozzle expansion ratio of 33. Having set our nozzle exit diameter at 2.75m to
ensure its fit in our launch vehicle payload fairing, we determine our throat area to be 0.180m2.
From here, we see from the c* equation (Equation 5) that our chamber pressure is 4.29MPa.
CEA calculations also show our chamber temperature to be 3284 K. Table 13.13 shows a
summary of thrust chamber and engine parameters.
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Table 13.13: Phobos Return Thrust Chamber Parameters
Pc [MPa]

Tc [K]

O/F

c* [m/s]

4.29

3284

2.16

1740

De
[m]

2.75

At [m2]

ε

0.180

33

C. Turbopump Assembly

We attain a chamber pressure of 4.29MPa by driving the propellants across a turbopumo
from their storage pressure of 1.3MPa. We save the detailed analysis for Appendix CG, but
Table 13.14 shows important turbopump characteristics for this engine design.

Table 13.14: Pump Characteristics

Fuel pump
Oxidizer
pump

Q [m3/s]

ΔP [MPa]

Hp [m]

Hnps [m]

N [rpm]

Preq [kW]

0.2200

3.0

389.4

24.27

59397

6.46

0.1788

3.0

221.8

46.95

35111

7.95

Table 13.15 demonstrates important turbine characteristics. Appendix CG shows that the
mass flow rate across the turbine, and therefore through the gas generator that drives the
turbine, is slightly under one percent of the mass flow rate through the thrust chamber. This
causes us to bring an additional 388kg of propellant for this mission.
Table 13.15: Turbine characteristics
𝑚̇ [kg/s]

Pressure ratio

Ti [K]

% Chamber flow

4.09

5

1100

0.922
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D. Gas Generator

We develop a gas generator to produce the gas to drive the turbopump assembly. We set the
chamber pressure of the gas generator to be 1.31MPa, slightly above their storage pressure, and
run CEA to determine the mixture ratio at which we attain a gas generator exhaust temperature
(and turbine inlet temperature) of 1100K. We find that a mixture ratio of 0.11 achieves this
condition. Knowing this mixture ratio and the total amount of extra propellant, we determine
that we must bring a total of 17.118m3 of UDMH and 20.895m3 of NTO for this mission. Table
13.16 summarizes key gas generator parameters.

Table 13.16: Gas Generator Properties
Pc [MPa]

O/F

c* [m/s]

mp [Mg]

1.31

0.11

1235

0.388

XI. Trajectory from Mars to Phobos
Launch from the surface of Mars into an easily maintainable orbital altitude of 200 km
requires a ∆𝑉 of 3.451 km/s. In addition, an inclination change is necessary to return the launch
vehicle to an equatorial orbit after launch from the Cebrenia colony located at 43° North
latitude. Performed at Phobos rather than Mars, this inclination change costs a ∆𝑉 of 1.57 km/s.
From this parking orbit, a Hohmann transfer takes the vehicle to the same orbit as Phobos,
trailing the moon slightly. This orbit is depicted visually in Fig. 13.9 and has a time of flight of
2.202 hours and ∆𝑉 requirement of 1.244 km/s. Because of the low time of flight, no
consumables such as food or water will be required for this transfer. The total costs for transfer
from Mars’ surface to Phobos are summarized in Table 13.17.
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Table 43.17: Time of Flight and ∆𝑽 requirements for Hohmann Transfer
Component

TOF [hr]

Total Delta V [km/s]

Launch

N/A

3.451

Inclination Change

N/A

1.57

Hohmann

2.202

1.244

Total

2.202

6.259

Figure 133.9: Plot of Hohmann Transfer from Mars to Phobos.
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XII. Mars Ascent Module (MAM)
A. Overall Design Requirements

The Mars Ascent Module is a vehicle similar to the Lunar Lander Modules and is designed
to land on the surface of Mars and then at any given moment, propel a crew of up to three
astronauts to rendezvous and dock with the BA 330 on Phobos for a return trip to Earth. Figures
13.10 and 13.11 below shows the general design of the MAM.

Figure 13.10: CATIA model showing 3D design of MAM.
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Figure 13.11: CATIA drawing showing dimensions of MAM.

The MAM has 16 RCS thrusters and five reaction wheels in order to successfully and
precisely dock with the BA 330, and to ensure redundancy in case of system or component
failure. Table 13.18 below outlines some of the key features and specifications of the MAM. A
pressurized volume of 23.54m3 provides the crew of three enough living space as well as space
for electronics, sensors, and life support systems. A wall thickness of 2.54cm is used to provide
enough shielding for the two hour return trip to Phobos. The total mass of the MAM, including
propellant mass, is 82.18Mg.

Table 13.18 shows the important properties and specifications of the MAM.
Total Volume

24.52 m3

Pressurized Volume

~23.54 m3

Avg. wall thickness

2.54 cm

Crew Mass

~0.302 Mg

MAM Mass

2.768 Mg

Propellant Mass

76.35 Mg

Total Mass:

82.18 Mg

Max Dzis 317

Return Option

Project Aldrin-Purdue

B. Structural Analysis
We performed Abaqus stress analysis to determine the best suitable thickness for the MAM
in order to minimize mass and maximize safety. This analysis also allows us to determine the
optimal location and sizing of stringers as well as fillets within our design. The forces we model
are gravity and thrust during the ascent phase. We do not model aerodynamic drag and thermal
forces because those forces are applied to the MAM Shell, not the MAM itself (which we also
analyze later). Several thicknesses are analyzed and the table below shows the stress analysis at
a wall thickness of 2.54cm. According to Table 13.19, it is clear that a maximum stress of 122.8
MPa, according to the Von Mises criteria, and 137.5 MPa, according to the Tresca criteria, are
well within the allowable Ultimate Tensile Strength and Tensile Yield Strength. This provides a
factor of safety of up to 4.12.

Table 13.19 shows MAM stress analysis performed in Abaqus.
Force

Magnitude [MPa]

Gravity+Thrust

10272+50529

Maximum Stress Von Mises [MPa]
122.8

Maximum Stress –
Tresca [MPa]
137.5

Max deflection
[mm]
3.308

*Al 7075-T6 Ultimate Tensile Strength = 503 MPa → Factor of safety is 4.12 at point of max. stress
*Next highest stress range is 51.73-8.377 MPa through majority of structure→ Factor of safety
between 10-70 at min. stress

Figure 13.12 below shows the stress concentrations from the Abaqus FEA model of the Mars
Ascent Module. You can see that the stress concentrations are greatest at the edges and corners
near the center of the base of the structure, where the deflection will be the greatest due to the
weight of the structure as well as the thrust that is modeled through the center of the craft. This is
where the second stage nozzle and propellant are housed. The outer edges of the base are also
subjected to high stresses for the same reasons. In order to alleviate these stresses, we added
fillets to all of the edges connecting the base of the craft, as well as increasing the thickness of
the base by 2cm.
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Figure 13.12: Abaqus model showing stress concentrations in MAM.
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XIII. ISRU Option: Mars Propellant Production System for Mars Launch
Vehicle (MLV)
A. Introduction

A crucial technology for enabling the human exploration of Mars is in situ resource utilization
– this includes manufacturing the propellant needed for the Mars Launch Vehicle (MLV) on
Mars’ surface. In situ propellant production is an important option to consider because it
reduces IMMARS as well as IMLEO. This also brings mission cost and complexity down.
The Mars Direct Architecture1 proposes to make methane fuel from the CO2 feedstock
available in the Martian atmosphere and H2 which is imported from Earth. Pioneer Astronautics
developed a system named Integrated Mars In-Situ Propellant Production System (IMISPPS)
which can be used on Mars’ surface[7]. A tested model operated independently for five
consecutive days, during which it produced one kilogram a day at a 100% continuous
conversion rate.
Methane and liquid oxygen are chosen as the propellants used to boost the MLV due to mass
savings when compared to the UMDH/N2O4 & solid propellant. Additionally, we choose
producing H2 on Mars’ surface over importing it from Earth — this yields further mass savings
(see Appendix CK for more information). In the appendix, an analysis on the performance of
this system for different engine O/F ratios when compared to mass leverage obtained can also
be found.
A total of 63 IMISSPS units will be taken to Mars in the CarLa Delivery Vehicle in order to
produce – in a two year time frame after landing – the necessary propellant mass to fuel the
MLV. This system weighs a total of 7.12 Mg and requires 56.7 kW of power.
Another device resembling a small turbine engine can be used to react the hydrogen with the
Martian atmosphere. This concept is investigated in Appendix CK.
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B. Design

1. Sub-systems: Overview

In order for this reaction to take place, carbon dioxide and hydrogen are needed. CO2 is
abundant on Mars and is easily accessible with a pump. As can be seen Fig 13.13, the IMISPPS
is composed of several components, namely the reactor, CO2 acquisition pumps, cryogenic
distillation tank, recycle pump and electrolyzer.

Reactor

.

Cryogenic distillation

.
CO2 buffer tank

.

37"

.
.

Electrolyzer

Membrane
separator

CO2 acquisition
pumps

.

.

Recycle pump

.
Figure 13.13: Integrated Mars In Situ Propellant Production System (IMISPPS) —
graphical representation of the system[7].
Jocelino Rodrigues/Tristan Louden 321

Return Option

Project Aldrin-Purdue

To acquire the CO2, small pump from Varian, Inc. was used along with a small compressor to
provide the required pressure for the reaction. Both the RWGS and Sabatier reaction occur in the
same reactor — this reduces system complexity and mass. A condenser is used to separate the
water. A loop to recycle unreacted CO2 has a membrane which separates the CH4 and CO
products. In the membrane, CH4 and CO along with small traces of CO2 and H2O can be found.
The CO and CH4 are passed to the cryogenic distillation column and are divided, giving out
close to pure methane and carbon monoxide. The resultant methane is liquefied; the water
separated by the condenser is electrolyzed.

2. Integrated Systems

The system needs to have the propellant required ready before the manned landers arrive such
that the return option is ready for any emergency. Hence, the system would have circa 2 years to
produce the total amount of propellant needed. Assuming a constant production of one kilogram
a day, 41 units would be needed in total. To account for lack of full-scale testing for human
missions, a 1.5 safety factor is applied, yielding a total of 63 units. Table 13.20 summarizes the
power and mass estimates for the system.

Table 13.20: Power and mass numbers for IMISPPS
IMISPPS (Integrated Mars In Situ Propellant Production System) – Zubrin
Power/unit (kW)

Mass / unit (Mg)

# of Units

Total power (kW)

Total mass (Mg)

0.9

0.12

~ 63

56.7

7.12

See Fig. 13.14 for a visual representation of all the units on Mars’ surface.

Jocelino Rodrigues/Tristan Louden 322

Return Option

Project Aldrin-Purdue

C. Key Benefit of In Situ Propellant Production – Mass Savings

In this sub-section, we present the final decision regarding the propellant used to boost the
MLV. Additionally, we provide reasoning for choosing to produce H2 on Mars’ surface over
importing it from Earth.

1. Mass Savings

Initially, a two-stage combination of UMDH/N2O4 and solid propellant is considered.
Alongside this, a CH4/LOx option which is produced from the IMISSPS system is also
investigated for both the vehicle stages. In Table 13.21, the two options are put side by side to
compare the final masses obtained for each case. When comparing importing hydrogen from
Earth to producing it on Mars, we chose the latter due to the additional mass savings yielded —
a detailed analysis of both cases can be found in Appendix CK.
The production of liquid hydrogen is done through an electrolysis process which extracts
H2O from Martian regolith — refer to Chapter 6, section VI. Through this choice, we save 4.8
Mg by avoiding importing the H2 from Earth. There is an added tank mass of 0.2 Mg in the
CH4/LOX option due to a small increase in tank volume; however, it is not significant when
compared to the mass saved due to propellant production on Mars. This decision also reduces
the IMLEO mass.
By choosing the CH4/LOx combination instead of the UMDH/N2O4 and solid propellant
option, we have a 40.1% reduction in propellant mass and 38.5% decrease in IMMARS — refer
to Table 13.21.
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Table 13.21: Mass and volume considerations – H2 produced on Mars
No ISRU

ISRU

UMDH/N2O4 + Solid prop.

CH4/Lox

Propellant Mass (Mg)

51.4

30.8

- 40.1 %

Tank Volume (m3)

33.2

35.8

+ 7.8 %

IMMARS (Mg)

61.5

37.8

- 38.5 %

MLV2 as cargo in LEO (Mg)

61.5

14.8

- 75.9 %

∆

2. Conclusions
IMLEO reduction is a key element in our decision since it is the mission’s ultimate goal. The
total mass and volume for the non-ISRU propellant combination case is large — it takes into
account the weight of the Mars Booster Vehicle and the masses of the solid and liquid
propellants and their respective tankage masses.
For the ISRU case, only the inert mass of the Mars Boost Vehicle is considered along with the
IMISPPS system mass. All of the IMISPPS units required are sent on the first CarLa trip to
ensure all of the propellant needed is ready by the time the astronauts get there — this guarantees
our astronauts are able to return from the moment they first step out of the HuLa.
The mass saving calculation does not consider the mass added due to the H2O extraction
system as its not solely used for the purpose of in-situ propellant production — refer to Chapter
6, section VI.
Two other important reasons that lead us to choose producing H2 on Martian soil rather than
importing it from Earth include boil-off and leakage issues — refer to Appendix CB.
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Figure 13.14: Integrated Mars In Situ Propellant Production System (IMISPPS) —
graphical representation of the full system (7 x 9 units — 63 in total) on Mars’ surface.

D. Further Considerations

It is important to note that there are aspects to this system that are not investigated.
Autonomy of the system is a key factor for the success of this operation. All 63 units should
be prepared previous to departure from Earth in such a way that they can operate independently
on Mars’ surface, successfully producing all of the propellant required and storing it
efficiently. A proposed system would have the 63 units broken down into 7 rows of 9
IMISPPSs. The system depicted in Fig13.14 is also vulnerable to environmental effects on
Mars — for this reason some investigation should be done on how to prevent these effects
from affecting the production rate and longevity of the system by adapting the design in such a
way that would give it access to the Martian atmosphere while still protecting the system from
any damage.
As Dr. Zubrin’s paper mentions, the IMISPPS system was developed with the primary goal of
proving the feasibility of ISRU propellant production in Martian atmosphere conditions. By
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further optimizing the design and system, its mass can be halved and power per unit
requirement
reduced by 200W yielding. Moreover, with increased testing and studies, the safety factor
applied to the number of systems needed can be reduced. Taking all these points into
consideration, even higher mass and power savings are conceivable in the future.

XIV. Mars Launch Vehicle
A. Introduction

The Mars Launch Vehicle is in place on Mars as an available return option given that the
overall goal of the mission was a success. Since we assume that astronauts arrive at Mars as
scheduled, we placed an optimal return date if any of the astronauts decide to return to Earth. As
mentioned previously, the return option will allow for three astronauts to leave from the surface
of Mars to rendezvous with an additional three astronauts on Phobos. Once the Mars Launch
Vehicle is at Phobos, the total of six crew members will begin the return to Earth from the point.
Here we discuss the final Mars Launch Vehicle design that will allow three members to leave
from Mars and rendezvous with the crew of three on Phobos.
B. Mars Lauch Vehicle Design Parameters

The final design of the rocket was inspired by the payload mass which was previously
discussed as the Mars Ascent Module (MAM). The MAM and its three crew members represent
the payload mass of the system and we can now see the scale of the rocket based on these
parameters as well as the total velocity increment required as seen in the previous section as the
Trajectory from Mars to Phobos. Given these values and the requirements set by Dr. Aldrin, we
arrive at Table 13.22 which displays the overall gross lift-off weight (GLOW) and the mass of
each stage.
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Table 53.22: Final Masses of the Mars Launch Vehicle
Stage no.

Mass, Mg

Stage 1

27.6

Stage 2

10.3

GLOW (MARS)

37.9

As we discussed in the ISRU section, the propellant we will use for ths rocket will not be
shipped from Earth but will be produced and available on Mars. With this in mind, we see that
the IMLEO mass is significantly changed due to the fact that we will only ship the dry mass of
the vehicle from Earth. If propellant production was not an option, we would then be required to
ship the structural mass as well as the propellant mass. Table 13.23 compares the mass of the
vehicle if we produce propellant on Mars to the mass if the propellant is shipped from Earth. In
this case, we chose UDMH/NTO for our seond stage and a solid first stage as our second option
while the production of CH4/LO2 for both stages is our first option.

Table 13.63 Mass comparison for different propellant considerations
Propellant Type

IMLEO, Mg

GLOW(Mars), Mg

CH4/LO2

7.7

37.9

Solid; UDMH/NTO

61.5

61.5

We can see that the second option yields a significantly higher IMLEO and an almost doubled
GLOW on Mars. The cause for this exponential increase lies within the propellant itself and the
burning efficiency as is mentioned in the appendix. It should again be noted that the IMLEO
measurement only includes the structural mass of our rocket (propellant tanks, hardware, MAM,
etc.). The gross liftoff mass mentioned above for both option should aslo be noted as the mass
total mass of the vechicle at liftoff from the Martian surface. In each case, we also note that the
return method will be shipped on a CarLa mission.
After the propellant masses were found and the design parameters were chosen, we calculated
and sized the individual components of the rocket itself. At this point, we are concerned with
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the overall size of the rocket as well as some of the parameters within the rocket engine. Table
13.24 exemplifies the overall dimensions of the rocket for each stage and as a total.

Table 17.24: Overall dimensions of the rocket
Rocket Component

Diameter,m

Length, m

Stage 1

3.50

19.43

Stage 2

4.70

4.84

Vehicle

4.70(largest point)

24.27

The first stage dimensions refer to the case that houses all of our rocket components (tanks,
plumbing, parachute housing, and portion of engine). The propellant we will generate on Mars
provides a lower density when compared to our second option. The additional volume required
to store this propellant produces a negligible mass when compared to the overall mass of the
system itself. Here we assume, the additional volume required to house the methane-oxygen
mixture is thirty percent of a ton.

Additional consideration was taken when computing the flow fundamentals inside the nozzle.
As we also see in the appendix, the chamber temperature and pressure play an important role in
the design of our nozzle. We want to assure that the wall of the chamber does not melt in each
case and that the operating pressure is feasible. We can see in Table 13.25 that our operating
temperatures are significantly high for our desired chamber pressure. Additionally in Table
13.25, we select the cooling method intended for each stage.

Table 13.25: Chamber Temperature and their associated cooling systems
Stage No.

T0,K

p0,Mpa

Cooling System

Stage 1

3523.74

5.1711

Regeneative/Film

Stage 2

3493.19

4.1368

Film/Radiative

Additionally, parameters were computed to further analyze the system and can be seen in the
appendix.
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C. Final Mars Launch Vehicle Models

After the necessary parametes were computed, a simple design of the rocket was constructed
in CATIA to better visualize the rocket. Each component of the system was computed and
accounted for in the final design.

We start by visualizing the exploded view of the Mars Launch Vehicle in Fig 13.15 below.
We can see that the MAM is housed inside the shell that is placed on the highest point on the
rocket. Here we refer to the MAM design section and analyze the stress that is being placed on
the shell but is keeping the MAM from being harmed in any way.

Figure 143.15: Mars Launch Vehicle

In this figure, we see that the second and first stage is connected by a thin cylindrical plate.
The plate in this case the interstage and experiences the brunt of the force through the central
axis. Additionlly, we note that once the first stage propellant reaches burn-out, the shell housing
is jettisoned to expose the MAM. Once the MAM is exposed, the second stage engine will fire
to release the interstage and first stage components to descend back to the Martian surface for
possible reuse.
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As we will see in the appendix that the volume of the propellant will affect the overall size of
the first stage housing seen in Fig 13.15 Due to the internal loads placed on propellant tanks we
split the required volume into several components to reduce the possibility of bucking or
overpressurization. Figure 13.16 displays the inside of the first stage housing and provides a
rough idea of the how the rocket is viewed internally.

Figure 13.16: Internal view of the tank layout within stage 1

Here we can see the connection between each of the tanks and we hae a rough idea of how the
system works. As the propellant burns, the tank valves will open to begin releasing the fuel
(red) or the oxidizer (green) at the corresponding time during the flight. In other words, we
tracked the propellant consumption at each instantaneous point and the valves will only open
when the onboard computer allows it to open.
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XV. Return to Earth EDL
A. Trajectory Design
In order to land on Earth, the re-entry vehicle will enter Earth’s atmosphere directly and will
employ a HIAD system in order to decrease the entry mass and touchdown velocity. The mission
plan is to land in the ocean, so only minor guidance will be required and the touchdown velocity
can be slightly higher because HIAD is an inflatable deceleration system. The biggest problem
with entry turns out to be the deceleration during descent. Based on the possible entry velocities
provided by mission design, the peak deceleration is slightly above six Earth G’s and this is near
the limit for humans. A skip within the atmosphere is required to decrease the deceleration to this
value and further analysis reveals the aerocapture results in peak decelerations just as large as
direct entry. Figure 13.17 below shows the results of this skip during descent as well as other
trajectory information.

Figure 13.17: Velocity profile and deceleration during earth EDL.

We can observe in Fig13.17 that the skip results in two peak deceleration points during flight
in order to decrease the maximum deceleration felt by the passengers. However, the peak
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deceleration is above the suggested limit of six Earth G’s and can only be decreased by
lowering the entry velocity. This can lead to other problems including extended flight time and
increased mass for human living essentials during space flight. A further trade study is
necessary to lower the peak deceleration below six Earth G’s while trying to keep all other
mission parameters within acceptable ranges.

XVI. Passive Thermal Control
The return HuLa must sustain room temperature inside for the electrical components and
human passengers. Due to the reentry conditions, the wall is thicker for the return HuLa than it
is for the Mars HuLa. Table 13.26 details the materials of the wall, along with their thicknesses.
For the return HuLa, the total mass of the payload TPS is 1.583 Mg. Details for the payload
TPS are explained in Section 8.XI.
Table 13.26: The materials considered for the wall, with the thicknesses calculated.

Function

Material

Density,
kg/m3

Thermal
Conductivity,
W/m-K

Thickness,

Mass,

cm

kg

Ablator

SLA-561V

224

0.040

4.50

1429

Insulator

Aerogel

5

0.012

0.264

56.17

Adhesive

RTV-260

1410

0.377

0.0203

40.59

SIP

Nomex

86

0.037

0.137

16.81

Ben Tackiet/Zakary Sipich/Eiji Shibata 332

Return Option

Project Aldrin-Purdue

XVII. Mars Ascent Module Control System
A. Introduction

The Mars ascent module (MAM) is used to transfer crew from Mars to Phobos. The MAM
consists of 2 stages and takes totally 2.202 hours to go from Mars to Phobos. The MAM
mission consists of a Low Mars Orbit, a Hohmann transfer to an elliptical orbit, and the final
orbit. In order to reduce the gravitational torque in orbit, the MAM will be Mars oriented,
which means one of it body axes will always coincides with the radius from the center of Mars
to the center of mass of the MAM. This orientation is shown in Fig 13.18. The control system
on MAM have 16 Reaction Control System (RCS) thrusters, grouped into external block of 4,
and

4

reaction

wheels. The control system will serve to control the attitude and to maintain the orientation of
the vehicle. The locations of the RCS thrusters are demonstrated in Figs 13.10 and 13.11.

During the mission, the 16 RCS thrusters will be in charge of adjusting the vehicle
orientation during the LMO insertion and landing on Phobos. The 4 reaction wheels will be in
charge of maintaining the orientation of the vehicle while it is in orbit.

The control system in total weighs 0.561 Mg. The power needed to operate the 4 reaction
wheels is 96.098 W. A detailed report of the specs of the control system is included in section
II.

B. MAM orientation

While the vehicle is in orbit, it is likely that it will experience gravitational torque. The
design goal of the control system of MAM is to minimize the gravitational torque on the vehicle
so that the attitude is less disturbed. In order to achieve this design goal, the orientation of the
MAM is carefully determined. It is decided that the top face of the MAM will be normal to the
trajectory while one of its body axes remains coincident with the orbit radius. This orientation is
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shown in Figure 13.18. Due to the unsymmetry of the MAM, there is small misalignment
between the principal axes and the control axes. This misalignment will result in gravitational
torque and thus disturbance to the attitude of the vehicle. One of the design goals of the control
system is to counteract the disturbance caused by various torques including gravitational torque.

In this section, Figure 13.18 will be presented to provide an idea of how is the MAM
oriented in orbit. The calculation of the gravitational torque in orbit and the amount of
propellant needed for the RCS thrusters is shown in section IV.

Figure 13.18: Orientation of MAM in orbit

C. Gravitational and environmental torques

In this section, the calculations of the gravitational and environmental torques will be
presented. The mission from Mars to Phobos consists of three orbits: the Low Mars Orbit(
LOM), the elliptical transfer orbit, and the final Phobos orbit.
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1. Gravitational torque calculation

In all the three orbits, the MAM will experience gravitational and environmental torques. In
this section, the maximum gravitational torques exerted on the vehicle in each orbit is calculated
and they are shown in Table 13.27 below.

Table 13.27: the maximum gravitational torque at the designed orientation on each orbit.
LMO [N-m]

Elliptical [N-m]

Final [N-m]

0.002

0.001

0.00011074

The gravitational torque impulses, which is used to calculate the propellant mass of the RCS
thruster, are listed in Table 13.28 below.

Table 13.28: torque impulse resulted from the gravitational torque in each orbit
LMO [N-m-s]

Transfer [N-m-s]

Final [N-m-s]

0.0076

0.0236

0.0018

2. Environmental Torque Calculation

In this section, results of the environmental torques in orbit are provided. The types of
environmental torques are: the solar radiation torque, the reflected solar radiation torque, the
magnetic field torque, and the solar wind torque.

The maximum environmental torques on the vehicle in each orbit are shown below in Table
13.29.

Table 13.29: the maximum environmental torque at the designed orientation in each orbit.
LMO [N-m]

Elliptical [N-m]

Final [N-m]

0.0103

0.0103

0.0103
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The environmental torque impulses, which is used to calculate the propellant mass of the
RCS thrusters, are listed in Table 13.30 below.

Table 13.30: the maximum environmental torque at the designed orientation.
LMO [N-m]

Elliptical [N-m]

Final [N-m]

0.0103

0.0103

0.0103

D. Specifications of the RCS thruster and reaction wheels

In this section the detailed information about the specifications of the RCS thrusters and the
reaction wheels is provided. The propellant mass, together with the total mass of the RCS
thrusters and the Isp of the individual thruster are included. For the reaction wheels, the total
mass, total volume, and the total power needed are included. Table 13.31 shows the
specifications of the RCS thrusters. Table 13.32 shows the specifications of the reaction wheels.

Table 13.31: specifications of the RCS thrusters in MAM.
Number

Thrust each [N]

Isp [s]

16

360

280

Propellant mass

Total mass

[Mg]

[Mg]

0.006876

0.519

Table 13.32: specs of the reaction wheels in MAM
Number

Total mass [Mg]

Total power [W]

Total volume [m^3]

4

0.042

96.098

0.0512

During the mission from Mars to Phobos, the reaction wheels will only be in charge of
maintaining the attitude of the MAM by counteracting the gravitational and environmental
torques in orbit. In order to adjust the vehicle to the desired orientation after launch and during
landing, the control system needs to be able to make the vehicle do certain amount of rotation.
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This mission is assigned to the RCS thruster system. It turns out that the amount of propellant
needed is very small, just 0.006876 Mg (6.876 kg).

The reaction wheels will adjust the vehicle orientation every time when it is 15 degrees off
the desired orientation. Figure 13.19 shows the accumulated angle change caused by the
environmental torque (the main torque, much larger than the gravitational torque) in 10 minutes.

Angle change caused by environmental torque in 10 minutes
15

angle [deg]

10

5

0

0

1

2

3

4

5
6
time [min]

7

8

9

10

Figure 13.19: Accumulated angle change in 10 mitutes

The mission from Mars to Phobos takes totally 2.202 hours, which is 132.12 minutes. That
means the reaction wheels need to do the adjustment 13 times.
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E. Summary of the MAM control system

The MAM control system consists of 16 RCS thrusters and four reaction wheel. The RCS
thruster are in charge of controlling the vehicle orientation during the orbit insertion into LMO
and landing on Phobos. The mass of propellant is 0.006876 Mg (6.876 kg), the total mass of the
thrusters is 0.519 Mg. The reaction wheels are in charge of controlling the vehicle attitude by
counteracting the gravitational and environmental torques when it is in orbit. The total mass of
the reaction wheels is 0.042 Mg, the total power needed is 96.098 W. The mass of the control
system in total is 0.561 Mg.
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XVIII. Use of solar energy sources on the return vehicle
The sizing of the return vehicle solar panels is detailed in Appendix BT. The final results are
presented in Table 13.. The configuration of the Return vehicle solar panels is shown in Fig
13.20.
Table 13.33 – Sizing of the return vehicle solar panels
BA-330 - Return vehicle **
Power

requirement

(kW)

13.959

Cells area (m2)

147

Diameter (m)

10.5

Configuration

2

Stowed volume (m3)

0.349

Deployed area (m2)

173

Total Mass (Mg)

0.182

Height (m)

3.50

Thickness (m)

0.120

** BA-330: Calculation made with EOL=5 years, 1.67 AU (Mars aphelion)
10.5m diameter

Figure 13.20. Return vehicle with two Megaflex wings
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14| Risk Assessment
I. Introduction
The risk for this mission will be decomposed into two sections: mission to mars and return
option. Our team will apply NASA’s Risk Assessment Matrix to visually represent the risk
involved in both sections of the mission. Percent of success will be provided for some aspects of
the mission. The goal we are to establish is a 95% success rate. It is important to note that the
risk will be analyzed on the human occupied portions of the mission.

II. NASA Risk Assessment Matrix
This mission will analyze the risk involved by using the Risk Assessment Matrix1. Figure
14.1 shows the standard layout of the matrix. The
color-coded scheme reflects the current status of
the mission. Each color represents a priority level
of high, medium or low for the red, yellow, and
green colors, respectively. If the mission were to
be in the yellow-red section, this would suggest
that major efforts need to be placed into
increasing the safety of astronauts. The goal is to
place most of the risk in the green-yellow
sections.

Aside from visually ranking the risk, the matrix
Figure 154.1: NASA Risk Assessment
Matrix. Main form of how risk will be
analyzed for this mission.

considers the likelihood of achieving a particular
outcome and the consequence of failing to achieve

that outcome2. Unlike using probability analysis which only accounts for the likelihood of
failure, the matrix also takes into account the consequence. The scale of the matrix ranks the
degree of probability from least likely as 1 to most likely as 5.

Jani Dominguez | 342

Risk Assessment

Project Aldrin-Purdue

III. Mission to Mars
A. Top 10 Risks
Before applying any corrections, we need to look at the current status of the mission. Table
14.1 lists the top 10 risks involved with this mission. They have been ranked based on their
degree of probability starting from indicator 5 on the likelihood and consequence scale. Each
risk has been identified with their according functional group such as: EDL, mission design,
power & thermal, propulsion and control. The complete list of risk for going to Mars has been
provided in Appendix 2.
Table 84.1: Top 10 risks involved with going to Mars.
Rank
1
2
3
4
5
6
7
8
9
10

Risk
EDL: Aerocapture
EDL: ADEPT
Mission Design: Hyperbolic Rendezvous
EDL: HIAD
EDL: Tethered Ballute
Power & Thermal: XM3 Thermal Management
Propulsion: Cycler Engine Failure
EDL: Lander’s Flight path angle
Propulsion: Phobos to Mars Lander
Control: Reaction Wheels

Most of the risk will be experienced in entry, descent and landing. Due to technology
readiness level, aerocapture, ADEPT, hyperbolic rendezvous, and HIAD are still in early stages
of testing as you may have read in earlier sections. With EDL, our astronauts run the risk of three
outcomes. They will either land safely on Mars with no damage to the human lander or
themselves, crash into the surface due to a failure in one of the items above, or skip through the
atmosphere and continue into space without a chance of return. Hyperbolic rendezvous will
occur earlier in the mission, but still proves fatal to the astronauts as they can either dock safely
to the cycler or go off into space. We also run the risk of engine failure on the cycler as its going
to Mars. With attitude correction, reaction wheels are always a risk due to their high failure rate.
One unique aspect that our mission encounters is taking off from Phobos. There are many risks
involved with this transfer, but the biggest will be the storage of propellants to successfully leave
Phobos and enter Martian atmosphere. Once the astronauts have landed on the surface, the risk
has not subsided. They will run the daily risk of the XM3’s thermal management system. This
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will allow the astronauts to live in a comfortable, temperature controlled environment much like
that on Earth.

B. Pre-Mitigation
Without changes to the system, the status of the current mission is seen in figure 14.2. This
figure contains both the matrix and a probability of success table with values obtained by
different groups in our team. At this current stage, the astronauts are running a high risk of
failure mostly during entry with an 80.77% success rate. We need to apply redundancies, extra
equipment, and other systems in order to mitigate the risks involved. From the left figure, 60%
of the system is in the red zone which puts it in high priority. Most of the risks aren’t ranked
high in likelihood, but they have a high consequence. So even though their chance of failure is
low, they still pose a large risk on the overall success of the mission.

Figure 14.2: Pre-mitigation risk for trip to Mars.
The goal for post-mitigation is to move all items from the red-zone to the yellow-zone and the
items in the yellow-zone to the green-zone. Also to increase the 80.77% success rate to reach
our 95% goal. Even though, we still will have items in the yellow-zone this should be safe to
proceed. It will be difficult to have a risk in the green zone, since this will require funds to be
spent on testing and research.
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C. Post-Mitigation
By applying redundancies and other systems, we see the following changes shown in Figure
14.3. To reduce the risk in aerocapture, hyperbolic rendezvous, flight path angle, and Phobos to
lander transfer extra fuel can be placed into the system in order to allow for any correction
maneuvers. ADEPT, HIAD, and the tethered ballute will have to undergo more testing and
research, but by the time we launch the technology readiness level should be at an adequate
level. Furthermore, the first wave which carries cargo modules will be used to test all these
systems before any humans leave Earth. The cycler engine will have 6 engines in order to
account for any failures that might occur during the trip. The same type of redundancy will
apply to the reaction wheels. For the XM3, redundancies will be placed on the system and
astronauts onboard will be capable of conducting any repairs.

Figure 14.3: Post-mitigation risk for the trip to Mars.
As a result the mission is now at an adequate location. Even though we are not at a
complete green zone, this will suffice for the mission at its current post-mitigation state. The
success is now at 93.82%, which is below our goal. This is expected, because of the
assumptions that were made on the preparedness of some items. Overall, there is still room
for improvement and research in order to improve the safety of this trip. Like mentioned
before, testing and research will induce certain costs, but will have to be done in order to
reduce the risk. It should be noted that there are uncertainties following these values, but
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were completed to the best of our team’s abilities. For future work, the risk assessment can
be expanded to fit a greater number of items.

IV. Return Option
A. Top Risks
The return option will be used as a last resort if six astronauts need to return back to Earth on
an early scheduled trip out. Table 14.2 lists all risks involved with this mission using the same
ranking system as the mission to Mars. Due to the uncertainty with the Martian atmosphere, the
Mars Ascent Module will run the risk of buckling due to the drag present. This can also
interfere with the control and communication systems onboard the vehicle. Propellants need to
be generated for the launch, which poses an issue for storage and actual preparation. With that
in mind, engine failure is also a risk during takeoff from Mars or Phobos.
Table 14.2: Top risks involved with return option
Rank
1
2
3
4
5
6

Risk
Structures: MAM Drag Buckling
Comm.: Communication Failure
Control: Sensor/Actuator Failure
Propulsion: Propellant Generation
Propulsion: Engine Failure
Propulsion: Delta V Burn

Failure in any of these parts can detain the astronauts at Mars with little chance of leaving.
It should be noted that these can happen on Mars or Phobos.
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B. Pre-Mitigation
At this current state, the risk matrix is shown in figure 14.4. As we can see, the state of the
mission is in the red-yellow zone. Some risks can be
maintained at their current color, but all in the red need to
move into a safe location. This will be done with
redundancies and extra systems in place. We are looking to
move risks 1, 5, and 6 to safer regions in the matrix. The
consequences for risks 2 and 3 are not detrimental to the
overall success of this mission. However, having an engine
failure or not enough propellant to reach the proper delta v
Figure 14.4: Pre-mitigation risk
for return option.

can render the crew on Mars or Phobos useless.

C. Post-Mitigation
Once mitigation factors have been set in place, the risk for the return option changes to what
is seen on figure 14.5. At this point, our current mission is at an appropriate safety level. The
drag buckling will be mitigated by applying fillets
and increasing the floor thickness. Adding two lowgain antennas will improve the communication
signal and add redundancy. The same redundancy
can be applied to the sensors and actuators. In order
to produce enough propellants we can create
additional generation units with the help of in-situ
resource generalization. Engine failures can be
prevented by testing and analysis. Also redundancies
play a big role in this system. Extra fuel will allow
Figure 14.5: Post-mitigation risk for
return option.

for sufficient delta v burns. Progress can be made to
reduce the risk even further, however, costs will

increase. The technology readiness level is only an issue for the propellant generation risk, since
we will be heavily dependent on in-situ resource utilization. This takes into account several
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assumptions, which are difficult to prove until astronauts reach Mars or extensive research is
done.
Overall, post mitigation provides a safe return option for the astronauts. However, these
values are subjected to some assumptions and uncertainties. Our team has completed this
analysis to the best of their understanding and within the given time frame. For future analysis
will be to include more risks factors within the return option. While six might encompass the
initial mission, more will be needed to completely ensure a safe mission.
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15 | Conclusions and Recommendations
I. Introduction
For this study, we were given a set of requirements for a series of missions leading to the
colonization of Mars. These requirements were based on Dr. Aldrin’s “Unified Space Vision,”
but are only one version of his vision. In particular, this study focused on one of the largest scale
versions. This chapter will discuss some of the key conclusions from this study and our
recommendations for further work.

II. Conclusions
A. Mission cost estimate based on comparison to the Apollo program

This mission is a large scale endeavor that pushes the boundaries of human exploration.
Rather than use estimated, and highly sensitive, cost models we choose to present the mission
cost as a comparison to the Apollo program. We will compare both the number of launches and
IMLEO totals.

1. Launch comparison to the Apollo program

The Apollo programs launched crewed missions from 1967 to 1975. During these 9 years,
there were a total of 15 manned flights and 4 unmanned ‘boilerplate’ unscrewed test launches.
After the Apollo 1 tragedy, the first crewed flight occurred in 1968.

Based on the launch schedule and information presented in Chapter 3, we expect that 92
heavy lift launches will be needed for our mission until 2039, consistent with the arrival date in
2040 for human colonization of Mars. Our initial launches will occur over from 2023 to 2040.
However, only 8 launches are planned prior to 2032. These missions are comparable to the
‘boilerplate’ test launches of the Apollo program as they are intended to test XM1 and XM2
modules in cislunar space. If those launches are accounted for, we are left with 84 launches are
needed from 2032 to 2039, only 8 years. At an average launch rate of 10.5 heavy launch
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vehicles per year, this is significantly higher than the approximately 2 launches per year of the
Apollo program. The main conclusion here is that to establish the first moon base and land the
first humans on the surface of Mars, using the proposed timeline, we require a launch rate more
than 5 times the launch rate of the Apollo program.

The next consideration is that the launches do not end once the first humans set foot on Mars.
At this point, the first Mars colony only has 18 crew of its maximum capacity of 54. Our
mission specification also call for additional bases to be constructed such that 18 crew can be
sent on the Cyclers each synodic period, which is slightly more than two years. Once humans
are established on the surface, our designs were not able to provide full food sustainability so
resupply missions are needed to sustain the colonists. As the number of colonists increases with
each Cycler trip, the number of resupply CarLa modules needed also increases. From the time
that the first humans step foot on Mars to the time that the first base is filled, slightly more than
4 years, an additional 87 heavy lift launches are needed. This corresponds to more than 20
launches per year, a pace of 10 times the Apollo program. The launch totals for subsequent
bases will continue to increase.

2. IMLEO comparison to the Apollo program

The Initial Mass in Low Eath Orbit (IMLEO) is used as a reasonable metric for cost
predicitons. Looking at the Apollo program, it is assumed that each of the 19 flights used the
full 118 metric ton capability of a Saturn V launch vehcle. This gives a total of 2242 metric tons
of IMLEO for the Apollo program.

IMLEO totals are shown for the Aldrin-Purdue mission in Table 15.1.
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Table 15.1: Aldrin-Purdue Mission IMLEO needed to establish Phobos base and first
Mars colony. This is the IMLEO up to 2040.
Vehicle
Number Total IMLEO [Mg]
Cycler
2
1005.4
XM3
11
2505.8
HuLa
6
217.6
HuLa Boost
2
519.4
CarLa
7
1593.2
MaReO
1
744.8
IMLEO Total: 6586.2 Mg
As with the launch totals, this IMLEO total will continue to climb as the first base is filled
with colonists and further bases are constructed. The IMLEO total for this first base is
approximately 3 times the IMLEO of the Apollo program.

One reason that the IMLEO ratio is lower than the launch total ratio is that we use both
Falcon Heavy (56 metric ton to LEO) and SLS (130 metric ton to LEO) vehicles, where the
Apollo program used only Saturn V (118 metric tons). Because the launch vehicles are varied,
we consider the IMLEO totals to be a better comparison. However, the launch count growth
does correspond to the IMLEO growth over time. An additional 3 Apollo program equivalents
of IMLEO are needed to resupply existing crew, to finish delivering crew to the first Mars base
and toconstruct the second Mars base. Overall, by 2044, 6 Apollo program equivalents of
IMLEO are needed for this mission.
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III. Recommendations
In this section we will discuss recommendations for future work based on the outcome of this
study.
A. Lunar In-Situ Propellant Production

Chapter 3 of the report compares the number of launches for two scenarios. First, that all
propellant must be launched from the surface of Earth. Second, that vehicles can be fueled at a
station in low earth orbit using propellant manufactured on the Moon. To summarize, the lunar
propellant production would cut the number of launches required to less than 1/3 of those
required for the baseline earth launched propellant scenario. However, there may be significant
logistical and cost issues associated with shipping thousands of metric tons of propellant from
the Moon to LEO.

A study should be performed on this concept to determine the costs of establishing the lunar
propellant production and refueling infrastructure. The IMLEO and launch totals for this
infrastructure can then be compared against the benefits that refueling provide to the AldrinPurdue mission concept.

B. Feasibility of Low Thrust Trajectories for Large Vehicles

One important conclusion for this mission was that low thrust trajectories were not practical
for the size of cargo missions used. The trade study is discussed in further detail in Chapter 11.
As the cargo vehicle mass grew, the time of flight grew as high as 2000 days. This high time of
flight even accounted for an impractically high power usage, equivalent to the power production
of the International Space Station for each cargo module sent.

For future work, it is recommended to investigate the effects of vehicle mass on low thrust
cargo missions. Smaller cargo modules may be able to better travel on low thrust trajectories.
However, this does not solve the issue of XM3 habitat delivery. In this mission plan, both
CarLa vehicles and XM3 habitats are delivered in the same method.
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C. Costs of Maintaining a Phobos Base

The Phobos base of six crew has been identified as a source of a major IMLEO increase for
the HuLa vehicles. Generally, a lander which must travel to Phobos will be double the mass (as
of leaving the Cycler) of a lander which will travel directly to Mars. More information is
provided in the HuLa chapter. To save propellant, HuLa vehicles aerocapture at Mars. The
Phobos lander must then use propellant to circularize its orbit and rendezvous with Phobos.
About two years later, it will then need to leave Phobos and use more propellant to intercept
Mars. The total propellant required for these Phobos rendezvous maneuvers is approximately
equal to the combined structural, human factors, and AEDL systems needed to directly put
humans on the Martian surface. We recommend further work to perform a cost/benefit analysis
of maintaining the Phobos base. A major rationale for the base was to control cranes on the
surface to assemble the Mars colony, but once the first colony is established the
communications satellites can duplicate this functionality with the crew that is on Mars.
D. Scale of the Mission

1. Further optimization of XM3 habitats

Building upon the possibility of scaling down the cargo modules as discussed above, the XM3
living habitats may not be able to scale easily. There may be additional optimization to be done
on our designs for XM3 habitat living space requirements and layouts. This study was focused
on the mission level view of how all vehicles fit together. Teams with more expertise in human
factors could provide better estimates for the human factors requirements or layout as a possible
means of scaling down some modules slightly.

2. Farming considerations

The primary driver of this mission is the number of people that are colonizing Mars. The
mission specification call for a steady state of 18 crew sent per Cycler, corresponding to about
every 2 years. As the number of humans on the surface of Mars grows, the number of habitats
and resupply missions needed grows geometrically.
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As seen in Chapter 3, the number of launches grows rapidly over time. This is caused by the
increased number of resupply missions. By putting further emphasis or design into farming for
the base, more food could be produced and less resupplies would be needed. In the current
designs, only a small fraction of the required food is produced on Mars. This is detailed more in
the Mars Base chapter, with some additional information on the reuse of empty cargo modules
for farming space in the CarLa and Resupply chapter. The original mission specifications did not
place any emphasis on farming, considering it a small trade study to be done on the side.

Early numbers for the Mars colonies suggested that we could produce approximately 40% of
the required food for 18 people using the two farming XM3 modules and 10 CarLa modules
converted to farming space. Since each base reaches a total of 54 crew, the amount of farming
module needed for sustainability is impractically large. One option for further work is to
investigate larger scale farming facilities.

3. Number of crew sent to colonize Mars

All of these previous scale related issues are driven by the number and frequency of humans
sent to Mars. Future work is recommended to investigate the effect of scaling down the number
of humans sent. By reducing the number of humans we can drastically reduce the IMLEO for
the mission. The high frequency of launches is also an issue. In the scenario that all propellant
must be launched from Earth, we require more heavy lift (Falcon Heavy or SLS) launches per
year than the United States total yearly launch manifest of all existing launch vehicles. This
concept will be investigated further at Purdue over the coming months.
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Appendix A| Risk Assessment
The complete list of risks for the mission to Mars is provided on table A.1. This list was
compiled over time for each individual functional group. It contains the group involved, risk
and a description. The complete list for the return mission was provided in Section 14 as the top
risks. The top 10 items from this table were used for section 14’s mission to Mars risk
assessment.
Table A.1: Complete list of risks for mission to Mars.
FUNCTION
GROUP
AERO

RISK

DESCRIPTION

HIAD

Failure in deployment of HIAD

AERO

Aerocapture

Failure with aerocapture on
Mars’ atmosphere

AERO

ADEPT

Failure to deplot and adjust

PROPULSION

Cycler – Hyperbolic
Redezvous

Failure to successfully establish
cycler orbit

PROPULSION

Cycler to Mars - Thrust error

Start up thrust pointing error

AERO

Tethered Ballute

MISSION DESIGN

Incorrect trajectory and delta
V

POWER &
THERMAL SYSTEM

XM3-M Thermal
Management system

PROPULSION

Mars to Phobos - Solid Prop
Systems

PROPULSION

Cycler - Structural Failure

MISSION DESIGN

Human Lander: Flight Path
Angle

Correct flight angle and velocity
at Mars entry

MISSION DESIGN

Hyperbolid rendezvous stage
or engine failure

Failure at leaving LEO

MISSION DESIGN

Landers from Phobos to mars

Failure in leaving Phobos

Failure in deployment during
descent
Failure in hyperbolic rendezvous
establishment
Pump or valve fails or leaks
Instability with solid propulsion
systems
Failure with structure after
continuous loading
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MISSION DESIGN

Human Lander: Undocking
from cycler

Leaving cycler to prepare for
entry to Mars

MISSION DESIGN

Orbit establishment of cycler

-

PROPULSION

Cycler - Engine Failure

PROPULSION

Cargo - Engine Failure

PROPULSION
PROPULSION

Cargo - Structural Failure
Connection
Phobos to Earth - Engine
Failure

Failure of engine to perform
burn
Failure of engine to perform
burn
Rocket connection failure
Engine fails during transfer

Cargo Delivery

Burn malfunction causing
trajectory errors and issues with
aerocapture trajectories

COMMUNICATION

Satellites around Mars

Satellites' orbit should be
established and maintained with
maneuvers/corrections

COMMUNICATION

Mars Communication

Minimum three short-range
antennas that could fail.

CONTROL

Failure to rendezvous in LEO

Human landers need to
rendezvous in LEO before
docking to cycler

CONTROL

Human Lander: Attitude
Control System

Correct orientation

COMMUNICATION

Phobos Communication

Minimum two short-range
antennas that could fail.

CONTROL

Communication via cyclers is
not redundant and we could lose
continuous communication in
case either one of the cyclers
fails
Assembly must be precise for
main form of transporation

COMMUNICATION

Communication to cycler

MISSION DESIGN

Assembly of cycler vehicle

POWER &
THERMAL SYSTEM

Water Extractor & H2 02
Production

Failure in properly extracting
water

PROPULSION

Phobos to Earth = Propellant
Boil off

Propellant storage

Jani Dominguez | 357

Appendix A

Project Aldrin-Purdue

PROPULSION

Cycler to Mars - Engine fail at
start up

Engine failure as human lander
needs to get ready for denscent
Miss launch window due to
delayed ignition and must wait
for next window to open.
Tanks can rupture and cause
damange while on Mars or in
transit.
Heat pipes might fail which will
result in meltdown. Also power
cycles could fail. Poor shielding
failure.

PROPULSION

Mars to Phobos - Miss launch
window

POWER &
THERMAL SYSTEM

Lithium Ion Batteries :
Hydrogen Fuel Cell Rupture

POWER &
THERMAL SYSTEM

Nuclear Meltdown

POWER &
THERMAL SYSTEM

Solar Panel

No deployment of solar panels

POWER &
THERMAL SYSTEM

Auger Breaking

Auger can break due to large
pieces of regolith

POWER &
THERMAL SYSTEM

Louver Risks

Not deploying when needed

POWER &
THERMAL SYSTEM

Lighting

Bulbs have mercury upon
breaking or damage is broken on
high surfaces.

POWER &
THERMAL SYSTEM

Radiator System Freezing
Failure

System can't work below 195K
or below its max working load.

POWER &
THERMAL SYSTEM

Lithium Ion Batteries :
Chemical Leakage

Chemical batteries can catch fire
when the electrolyte leaks out
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Appendix B| Mass Compilation
I. Introduction
As a team, we quickly realized how important it was to maintain continuity between all
aspects of the mission. One variable that continuously changes for every vehicle is the mass. It
became priority to have a centralized database in order to have a solitary source for everyone to
input masses and to find out masses that were needed for calculations.

II. Mass Compiler Spreadsheet
III. Vehicle Spreadsheets

A large, shareable spreadsheet was created and is in use of the entirety of the mission team.
Each vehicle has a tab that has a list of every discipline. The vehicle tabs include: Cycler, XM3,
Orbital Satellite, CarLa (Cargo Lander), HuLa (Human Lander), Mars-Phobos Launch (Return
Option), MAM (Mars Ascent Module), BA 330, Phobos-Earth Launch (Return Option), and
Booster. The disciplines that add masses, power required numbers, and volumes include the
structures, communications, propulsion, human factors, aerodynamics, controls, and
power/thermal teams. Not every discipline was required to place numbers in the spreadsheets.
Some vehicles didn’t require certain disciplines to be addressed in the analyses and designs.

IV. Final Masses Spreadsheet

Another spreadsheet exists in the compiler that compiles and displays the final masses for
each vehicle and their variants. For example, there are six different XM3 modules with different
final masses for each one. The final masses spreadsheet allows for all masses to be accessible
and easily seen by anybody on the team. Also, the spreadsheet displays the mass contributions
that the disciplines made for the vehicles. Even though this information exists on the vehicles’
spreadsheets, the final masses spreadsheet makes it convenient and easy to see what exact
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number a discipline added to the vehicle. Some disciplines had multiple design features per
vehicle that may have caused confusion on the vehicle spreadsheet. The compilation is to
eliminate any confusion. Below in Fig B.1, the layout and final masses of each vehicle can be
seen for the spreadsheet.

Figure B.1: The Final Masses Spreadsheet allows for simple viewing and understanding
of each discipline's contributions of mass.

V. Initial Mass at Low Earth Orbit Spreadsheet

Another necessity that arose was a concise viewing of the Initial Mass at Low Earth Orbit
(IMLEO) for each vehicle. Since some IMLEO’s were combined masses between separate
vehicles, we found it easiest to create another spreadsheet to display these masses as well. The
IMLEO masses can be seen in Fig. B.2.
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Also, some vehicles are needed to be manufactured more than once. A table is also
included with each of these vehicles and the number required to be manufactured laid out by the
mission parameters. Along with the vehicle and number of them needed, the final total mass of
the vehicle, including its duplicates, are shown. Figure B.3 displays the table that includes total
masses of the mission.

Figure B.2: The final IMLEO masses for each of the vehicles within the mission.

Figure B.3: The total masses for each vehicle taking into account the number needed to
be manufactured.

These mass spreadsheets are necessary for continuity between a large team such as the
one we are a part of. The sheets saved time, confusion, and were a huge benefit in the design
phase

of

the

mission.
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Appendix C| Launch and Production Schedule
I. Introduction
We design the Mars colonizing mission assuming that everything we need in low earth orbit
(LEO) is already in LEO. The mission to colonize Mars requires multiple vehicles launching into
Low Earth orbit before departing for the Martian surface. One key element of the mission
focuses on placing the required vehicles into Low Earth Orbit from the surface of Earth. We
need to use the launch vehicles available in the market to put all the vehicles, habitation modules,
communication, cargo, etc. in LEO and assemble them in LEO before departure. A proper way
of packaging can minimize the total launch and reduce the cost of the mission.

II. Launch vehicle options
We consider three main launch platforms for the task of placing mission vehicles into Low
Earth Orbit. Delta IV Heavy, Falcon Heavy and the Space Launch System stand as the three
main options for launching from Earth and carrying the equipment and vehicles necessary into
LEO. Each launch option has its limitations on payload mass, payload sizing, and overall cost.
We carefully consider these factors in the sections below in order to provide recommendations
on which launch vehicles are capable of carrying our designs into orbit, and how many launches
will ultimately be required.
The launch vehicles and their payload mass capacity are tabulated in the table below with
their capacity to launch payload mass to the LEO.
Table C.1: Launch vehicle options and their payload mass capacity.
Launch vehicles

Payload mass

Delta IV Heavy

28.79 Mg

Falcon Heavy

53 Mg

Space Launch System (SLS)

70 – 130 Mg

Saphal Adhikari , Cory Back | 362

Appendix C

Project Aldrin-Purdue

The table below summarizes the IMLEO that the launch vehicle needs to launch to the
LEO.
Table C.2: IMLEO of the entire mission.
Payload

IMLEO

Cycler A

215.1 Mg

Cycler A Boost Vehicle

287.6 Mg

XM3-M

227.8 Mg

XM3-P

230 Mg

XM3-M (Farming)

220.6 Mg

XM3-M (Water)

228.2 Mg

XM3-M (Medical)

227.4 Mg

HuLa

108.8 Mg

HuLa Boost

259.7 Mg

CarLa with Boost

227.6 Mg

Mars to Phobos Return Vehicle with Boost

230.5 Mg

Phobos to Earth Return Vehicle with Boost

514.26 Mg

Total IMLEO

2977.56 Mg

We need to launch a total of 2977.56 Mg to LEO so we choose Falcon Heavy and Space
Launch System (SLS) because of their higher payload mass capabilities.

E. Falcon Heavy
The Falcon Heavy launch vehicle represents one option for launching the necessary vehicles
and supplies into Low Earth Orbit. The rocket is relatively cheap, can deliver a large mass to
Low Earth Orbit, and will also be ready in time to meet current anticipated launch dates. The
Falcon Heavy rocket is currently under development by SpaceX headquartered in Hawthorne,
California and should be flight ready by the end of 2015 or early 2016. The Falcon Heavy can
send a large payload into orbit, while still remaining cost effective for the mission. Table C.3
summarizes the performance specifications for the launch vehicle, along with projected launch
costs.
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Table C.3: Specifications of Falcon Heavy launch vehicle.
Parameters

Values

Payload Mass

53 Mg

Payload Fairing Diameter

5.2 m

Payload Fairing Height

13.1 m

Cost

$ 90 Million

III. Space Launch System (SLS) Block II
The Space Launch System currently under development by NASA represents a second
option for launching equipment and vehicles into Low Earth Orbit. The Space Launch System
can carry more payload mass into orbit than the Falcon Heavy, but also comes with a much
higher cost. For this analysis, we focus on the Block II version of the Space Launch System, as
Block II can deliver higher payload mass into the LEO. Table C.4 shows the launch capabilities
for the Space Launch System, as well as estimated costs and payload sizing.
Table C.4: Specifications of Falcon Heavy launch vehicle.
Parameters

Values

Payload Mass

130 Mg

Payload Fairing Diameter

8.4 m

Payload Fairing Height

25 m

Cost

$ 500 Million

IV.

Packaging

A. Cycler and Cycler Boost Vehicle
Each cycler vehicle is made up of three habitation module, communication devices, human
factors mass, TCM propulsion system and booster vehicle.
The diameter of XM3 is 7.6 m which fits in the payload fairing of SLS block II only.
Therefore, we choose SLS Block II to launch all the XM3s. The height of XM3-C is 9.32 and
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only two XM3s can fit in the payload fairing if stacked on top of each other. The mass of
each habitation module is 42.91 Mg and the total of three habitation module in each cycler
sums up to 128.73 Mg. Those three habitation modules take two SLS block II launch
vehicles to put them in LEO. There is still room for payload mass of 44.18 Mg and height of
6.36 m in first launch because only two XM3s of total mass of 85.82 Mg can fit inside the
payload on a single launch. And, there is room for payload mass of 87.09 Mg in the second
launch. A total of 131.27 Mg sums up for the empty room in two launches.
The booster vehicle has a mass of 309.6 Mg for one cycler. The communication devices,
human factors mass and TCM propulsion has a mass of 64.37 Mg per cycler. The booster
vehicle along with communication devices, human factors mass and TCM propulsion need 3
SLS Block II launches. But, there is already empty room for payload mass equivalent to one
launch in the previous XM3 habitation module launches. Therefore, the total number of four
launches can launch cycler and the boost vehicle in LEO.
Table C.5: Cycler Composition and Packaging for two cyclers.
Payload

IMLEO

Launch Vehicle

No of Launches

XM3-C

128.73 Mg

SLS Block II

2

Booster Vehicle

309.6 Mg

SLS Block II

2

Rest of cycler

64.37 Mg

SLS Block II

Included above

B. XM3 Habitation Module
There are 3 types of XM3s. They are XM3-C for cycler, XM3-P for Phobos and XM3-M for
Mars. The XM3-M has 4 purposes. We use core XM3-M for human habitation. And, we use
other XM3-M for farming, water storage, and medical supplies storage.
The XM3-Cs are already included in the cycler vehicle. The following table summarizes the
total number of XM3s in Phobos and Mars.
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Table C.6: Total number of XM3s in Phobos and Mars.

Modules

No of Modules

Mass

Propulsion Mass

XM3-P

2

91.22 Mg

368.78 Mg

XM3-M (Core)

4

173.52 Mg

737.68 Mg

XM3-M (Farming)

2

72.34 Mg

368.86 Mg

XM3-M (Water)

2

87.5 Mg

368.9 Mg

XM3-M (Medical)

1

43.03 Mg

184.37 Mg

As explained earlier, only SLS Block II is suitable to launch XM3s due to their diameter
constraint. Also, we can only put two XM3s in one SLS Block II payload fairing. It takes 6 SLS
Block II launches to place 11 XM3s into LEO. There is room for payload mass of 312.39 Mg in
those 6 launches. Therefore, we put the propulsion Mass in those free rooms. We need a total
propulsion mass of 2028.59 Mg. After filling the 312.39 Mg mass in 6 XM3 launches, we have
1716.2 Mg of propulsion mass left which we can launch in 33 Falcon Heavy launches.
C. Human Lander
Three human landers need to be placed into Low Earth Orbit for each manned mission to
Mars. In addition to the landers, all equipment necessary for landing on the surface of Mars
must also be included. After researching launch vehicle capabilities, we discovered that the
human landers are not capable of fitting within the payload fairing of the Falcon Heavy.
Therefore, the Space Launch System will have to be used for placing all human landers into
Low Earth Orbit. Based upon the data in Table C.4 and the expected payload capacity of the
launch vehicle, the Space Launch System should be able to carry all three landers in a single
launch. Please note that at the time of writing, insufficient information was available on the
Space Launch System payload fairing to completely determine if all landers would fit
dimensionally within the fairing. However, the total mass of all three landers and equipment
remains within the payload mass limitations of the Space Launch System. Therefore, we
conclude that we should be able to carry all three human landers, along with all the equipment
needed for landing on the Martian surface, within a single launch of the Space Launch System.
If fairing dimensions change or if additional data becomes available, then this result is subject to
change and further adjustment.
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D. Human Lander Boost Vehicle
The three landers will be sent on the hyperbolic rendezvous with the cycler vehicle via a
propulsive boost vehicle. This vehicle is responsible for placing the configuration of three
landers onto the hyperbolic trajectory bound for the S1L1 orbit and the cycler vehicle. Once
there, the boost vehicle will be dropped off to reduce overall mass while in the S1L1 orbit.

The mass of the boost vehicle includes propellant mass, as well as the inert propulsion mass
for the system. When combined, the mass of the human lander boost vehicle is 259.7 Mg.
From the data in Table C.3, we will need 5 launches of the Falcon Heavy to place the required
mass into Low Earth Orbit. Also, the fifth launch will only be about 70% full, so there will be
sufficient space on board the 5 launch for any and all communications satellites and extra
equipment.

E. Cargo Lander
The cargo lander with cargo propulsion has an IMLEO mass of 227.60 Mg. We can launch
the cargo lander with cargo propulsion in one SLS Block II launch and two Falcon Heavy
launches.
F. Mars Return Vehicle
The Mars return vehicle consists of return vehicle from Mars to Phobos and Phobos to Earth.
The return vehicle from Phobos to Earth consists of BA330 which has a diameter of 6.7 m.
Therefore, we can only use SLS Block II to launch return vehicle from Phobos to Earth. The
total mass of Mars return vehicle is 744.76 Mg. We need a total of six SLS Block II launches to
put Mars return vehicle in LEO.
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V. Conclusion

The table below summarizes the number of lunches and the type of launch vehicle required
for different types of vehicle and habitation modules.
Table C.7: Total number of launches.
Payload

Launch Vehicle

No of Launches

Cyclers A & B

SLS Block II

8

XM3-M and XM3-P

SLS Block II and Falcon Heavy

6 and 33

Human Lander (HuLa)

SLS Block II

1

HuLa Booster

Falcon Heavy

5

CarLa

SLS Block II and Falcon Heavy

1 and 2

Mars Return

SLS Block II

6

Total Launch

SLS Block II and Falcon Heavy

26 and 40
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Appendix D| Earth Based Antennas

I. Introduction
In order to maintain constant communication between Earth and the deployed vehicles
throughout the mission, we need Earth-based satellites spread across all hemispheres. As the
National Aeronautics and Space Administration’s (NASA’s) Deep Space Network is not
necessarily be available to us for this project, we are forced to explore alternative satellites on
Earth’s surface to communicate with the Mars vehicles. We also assume that other deep space
networks, for example India’s Deep Space Network, are unavailable. Therefore, our remaining
options are to develop our own deep space network by either building large receiving antennas
across Earth’s surface or by using a configuration of currently existing research antennas.

As a large number of academic satellites already exist around the world, we choose to create
an Earth-based satellite network by evenly spacing three research antennas across each
hemisphere. Using existing satellites is also preferable to building our own satellites because it
is far less expansive. In our research, we find many options for satellites available for our
required Ka-band frequency of 32 Gigahertz, the minimum academic satellite readily available at
eight meter in diameter, while the maximum is 32 meter diameter. As a fail-safe in case the
larger satellites are unavailable for the entirety of the mission, we proceed with all of our antenna
link budgets using the minimum Earth-based receiving antenna at eight meters in diameter.

II. Western Hemisphere Academic Satellites

There are three academic satellites available in the Western hemisphere for use in our
mission. These satellites are located at Morehead State University in Kentucky, the Bochum
Observatory in Germany, and the Llano del Chajnantor Observatory in Chile. All of these
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satellites are outfitted to transmit and receive at the Ka-band radio frequency of 32 Gigahertz
required for our mission, however we choose the Morehead State University and Bochum
Observatory antennas as the primary satellites. We leave the remaining Lano del Chajnantor
Observatory antenna is back-up satellites in the case that the two primary are unavailable.

We choose the Morehead State University in Morehead, Kentucky as the location of a
primary antenna because of its large size, superior tracking ability, and history of dependability
on deep space. The research antenna at Morehead State University is a satellite of 21 meter
diameter and has been previously used many times by NASA, including a Lunar Mission and a
Deep Space Tracking project. Morehead’s satellite has also been used for research studies of
radio astronomy because of its tracking accuracy of 0.005 degrees for the Ka-band.[1]

We choose the Bochum Observatory antenna for the other primary antenna in the Western
Hemisphere for similar reasons as the Morehead State University antenna. This observatory,
located in Buchum, Germany, was the Earth-based antenna used for receiving and transmitting
between the Sputnik satellite in 1957 and has recently been upgraded for tracking accuracy of
0.001 degree in order to communicate with deep space missions to Mars. Their 20 meter
diameter satellite antenna is also protected by a 40 meter diameter dome, in order to protect from
environmental factors and ensure better tracking accuracy.[2]

Finally, we reserve the Llano del Chajnantor Observatory in Atacama Desert, Chile as the
auxiliary satellite antenna for the Western hemisphere because of its small size. For example,
while the Llano del Chajnantor Observatory in Chile is equipped with a total of 67 satellites
equipped for the Ka band frequency of 32 Gigahertz, these antennas range in size of ten to 12
meter diameter.[3] This small diameter Earth-based antenna is not preferable because it will
require more power than the larger diameter antennas to travel the long distance between Earth
and Mar’s orbit.
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III. Eastern Hemisphere Academic Satellites

There are seven academic satellites available in the Eastern hemisphere for use in our mission.
These satellites are located at the Mopra and Paul Wild Observatories in Australia, the
Nobeyama Observatory in Japan, the Noto Radio and Medicina Observatories in Italy, the
Metsähovi Radio Observatory in Finland, and the Institute of Technology of Cambodia in
Cambodia. All of these satellites are equipped to transmit and receive at the Ka-band radio
frequency of 32 Gigahertz required for our mission, however we choose the Mopra Observatory,
the Paul Wild Observatory, the Noto Radio Observatory, and the Medicina Observatory antennas
as the primary satellites. We leave the remaining Nobeyama Observatory, Metsähovi Radio
Observatory, and the Institute of Technology of Cambodia antennas as back-up satellites in the
case that the four primary are unavailable.

We choose the Mopra Observatory and the Paul Wild Observatory in New South Wales,
Australia as the location of two primary antennas in the Eastern hemisphere due to its large size
and remote location. Each of these antennas is 22 meters in diameter and located outside the
New South Wales National Park, which reduces noise interference. These antennas have also
been used successfully in space communication by the Australia’s Astronomy and Space
Science Division.[4]

We choose the Noto Radio Observatory in Noto, Italy and the Medicina Observatory in
Bologna, Italy antennas for primary use in our mission because of their exceptionally large size.
These observatories house the largest academic satellites available for Ka-band radios at 32
meters in diameter. These parabolic antennas are large enough to accommodate deep space
communication and have been used heavily by Italy’s National Institute for Astrophysics for
asteroid tracking.[5], [6]

Finally, we reserve the antennas of Nobeyama Observatory in Nagano Prefecture, Japan, the
Metsähovi Radio Observatory in Kirkkonummi, Finland, and the Institute of Technology of
Cambodia in Phnom Penh, Cambodia as auxiliary satellites in the case that the primary satellites
are no longer available. We do not prefer to use these antennas due to their small antenna size,
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with diameters of ten, 13.7, and eight meters, respectively.[6], [7], [8] However, in the case that
these auxiliary satellites are necessary, all communication calculations for our mission are based
on the smallest available satellite, the eight meter antenna at the Institute of Technology of
Cambodia.

IV. All Academic Satellites

In total, ten academic satellites are available for our mission; six of which will be for primary
use and four of which are kept as auxiliary antennas. These primary satellites were chosen due
to their accuracy and large size, as well as their approximately even spacing across the Earth.
However, if one of these antennas should become unavailable, four auxiliary antennas were also
chosen that span the Eastern and Western hemispheres somewhat evenly.

As such, all

communication calculations between the Earth based antennas and the vehicles were made
assuming the minimum diameter antenna: the auxiliary antenna of eight meter diameter located
at the Institute of Technology of Cambodia.

Shown below in Fig. D.1 is a visual representation of all satellites in the Western hemisphere
we are using for our mission. Shown in red are the primary satellites in the United States and
Germany.

Shown in green is the auxiliary satellite in Chile.

Also shown is a visual

representation of all satellites in the Eastern hemisphere we are using for our mission. Shown in
red are the primary satellites in the Australia and Italy. Shown in green are the auxiliary
satellites in Japan, Finland, and Cambodia.

Alexandra Mangueira | 372

Appendix D

Project Aldrin-Purdue

Figure D.16: A map of all available academic satellites equipped for our mission. Shown
in red are the primary, larger antennas and in green are the auxiliary, smaller antennas
for use if the primary are unavailable.
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Appendix E|ADEPT antenna backup plans
A. ADEPT antenna backup plans

In case if ADEPT gets damaged, there is a backup plan for Mars XM3 communication
system. Similar to Phobos XM3 communication antenna, lightweight antenna dish will be
brought to the Mars. It has same operating frequencies of 2.8 GHz for uplink, and 3.2 GHz for
downlink [1]. However, due to small diameter of the antenna dish, it requires more power than
ADEPT. Communication antenna is parabolic, and fixed in direction. We design it to provide
sufficient data rate to provide HD video feed. Table E.1 shows parameters of the backup
antenna for XM3 modules on surface of Mars.

Table E.1: XM3 (Mars) backup communication antenna dish parameters.
Parameters

Value

Diameter, m

0.75

Mass, kg

6.4

Power, W

480

Volume, m3

0.0024

Data rate, Mbps

12

Margin, dB

3

References
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Appendix F| Preliminary Antenna Design

I. Introduction
In understanding the evolution of the final design parameters of both the antenna link budget
and the satellites aboard the vehicles, we must explain the preliminary analyses. We analyze the
relationships between antenna design outputs to determine the optimal value of each input. In
order to accommodate for the worst-case scenario, we make these calculations using the largest
distance traveled during this mission: the 2.7 Astronomical Units between Earth and Mars’
orbit.

II. Preliminary Antenna Design

Throughout the entirety of our project, we make our calculations of our antenna link budgets
based on the specifications of the book “Space Mission Analysis and Design.[1]

These

specifications outline the procedure for antenna design, which consists of mathematical and
graphical relationships between parameters. Although a detailed explanation of these parameter
relationships can be found in Appendix J, in short, all of these output parameters are delegated
by a combination of radio communication frequency, propagation length, and power input. As
we had not yet determined the optimal radio frequency for all facets of our mission, we chose the
S-band radio frequency of 2.2 Gigahertz.

We choose the S-band because of the detailed

communication antenna design available from the National Aeronautics and Space
Administration (NASA) and their FireSat mission [2], [3], which used the S-band. As previously
explained, we chose the propagation length of 2.7 Astronomical Units because it is the furthest
distance we are required to communication in the entirety of the mission. Therefore, for this
preliminary antenna design, we best use our resources by optimizing the power input.
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As delegated by the antenna specifications in “Space Mission Analysis and Design” [1], the
error margin must remain greater than or equal to three for satisfactory communication. This
error margin is directly dependent on the power input and transmitter diameter, as well as other
parameters. The equation combining all parameters included in the error margin can be seen
below in Equation F.1, with power input and transmitter diameter shown in bold.
P * L f * Gt * Ls * La * L pr * Gr

Eb
I
k * Ts * R
N o loss
Gt  (159.59  20 * log( Dt )  20 * log( f ) 10 * log( ))
Gr  (159.59  20 * log( Dr )  20 * log( f ) 10 * log( ))
E m arg in 





(F.1)

f = Frequency [Hz]
P = Transmit Power [W]
Lf = Transmitter Line Loss[dB]
Dt = Transmit Antenna Diameter [m]
Gt = Transmit Antenna Gain (Net) [dBi]
Ls = Space Loss [dB]
La = Propagation & Polarization Loss [dB]
Dr = Receive Antenna Diameter [m]
Lpr = Receive Antenna Pointing Loss [dB]
Ts = System Noise Temperature [K]
R = Data Rate [bps]
Eb/No = Error Ratio [dB]
Iloss = Implementation Loss [dB]
Emargin = Error Margin ≥ 3
k = Error Parameter

In designing our antenna, we would ideally like the smallest possible power and antenna
diameter requirements. This way, we will use the least amount of resources available to our
team during our mission.

Therefore, we use the relationship shown in Equation F.1 and

determine the lowest power input that will still achieve a minimum error margin of three. We
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can then find the accordingly lowest transmitter diameter required for the minimum error margin.
This process done using MATLAB with a file named ‘AAE450_COM_Power_Phobos.m’, is
shown below in Fig. F.1, where the power is increased in 20 Watt increments to the minimum
error margin line of three. As seen from these analyses, the optimal power is 120 Watts and the
optimal transmitter diameter is 0.2 meters. Assuming an aluminum antenna shape of a hollow
hemisphere with 0.01 meter thickness, this gives us an optimal mass of 0.47 Kilograms.

Figure F.17: By increasing the input power by 20 Watt increments until we achieve the
minimum error margin of 3, we find the minimum power required to communication with
Mars’ orbit (Phobos) to be 120 Watts. We find the corresponding transmitter diameter to
be 0.2 meters.

However, these optimized transmitter diameter and power inputs are not used in the final
design of the Cycler communication antenna. These parameters were changed firstly because we
chose an S-band radio frequency of 32 Gigahertz, instead of the S-band used in the preliminary
design. Therefore, all calculations and input parameters used for the preliminary link budget are
now inaccurate. Secondly, the calculations made to determine the optimal transmitter diameter
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were made assuming the transmitter and receiver antennas would be separate. This meant that
the Cycler antenna used to receive transmissions from Earth, which was assumed to be an
arbitrary input of 5.3 meters in the original calculations, could be much larger than the
transmitting antenna without affecting the power input. However, we later chose to transmit and
receive communications from the same antenna in order to reduce mass.

III. Preliminary Satellite Design

Initially, we designed the satellites in Mars orbit to use only solar power rather than a
combination of solar power and battery power. Using only solar panels for power did not
change the overall power requirements of the satellite, but it did require larger solar panels than
our final design. As with the final design, the solar panels will be ATK MegaFlex. For the
satellite that only uses solar power, these solar panels will be 15.5 meters in diameter with a
mass of 0.464 Kilograms. The mass of all other components on the satellite is the same as the
masses in Chapter 12 Section III. The total mass of all antennas and TWTAs on the satellite is
0.4076 Megagrams. The total combined mass of each satellite is then 0.8716 Megagrams. We
determined that we can reduce the total mass of each satellite by using batteries to store some
energy when a satellite is not in use.
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Appendix G| Mass of Solid-Reflector Antennas
I. Introduction
Before we switched to the foldable design with mesh antennas, we needed a way to estimate
reasonable masses for solid antennas. We can easily create CAD models of just the dishes and
calculate their masses given the density of their materials, but this is insufficient for estimating
the mass of the entire communications system. After looking through many DESCANSO reports
from JPL, we found that other components contribute a very significant portion of the mass, and
in some cases more than half. For interplanetary missions, there are no off-the-shelf components
that can be purchased – generally, each of these communications systems are designed and built
from scratch to meet their own mission requirements. Our mission requirements are not at all
similar to any existing missions, and we are not well-equipped to design such components
ourselves. This section outlines how we attempted to estimate reasonable mass numbers.
II. Mass Estimation
We made use of five DESCANSO reports that contained all of the relevant information for
communications systems that use solid antennas. They are written for the Voyager 1, Juno,
Dawn, Mars Reconnaissance Orbiter, and Cassini spacecraft. Many other reports either lack
some information about the masses of certain components or the spacecraft for which they are
written are not similar to the solid dish design that was being considered at the time this work
was done. Table G.1 outlines these values.
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Table G.1: Masses of communications system components for various interplanetary
spacecraft [1] [2] [3] [4] [5]
Spacecraft Name

Antenna Diameter

Dish Mass

Other Components

[m]

[kg]

[kg]

Voyager 1

3.66

53.0

52.4

Juno

2.5

21.3

61.9

Dawn

1.524

7.7

18.6

MRO

3.0

22.6

73.6

Cassini

4.0

118.24

62.41

We use diameter as the independent variable, realizing that this is only an estimation and that the
mass of the entire system depends on more than just size. However, it’s the best indicator of the
total mass of the communications system. We plot the masses against the diameter and find the
best fit line (using a power law). This is what is plotted in Fig. G.1 below.
Masses of Several Inperplanetary Comm. Arrays
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150

100

50

0
1.5

2

2.5
3
3.5
Diameter of Primary Antenna [m]

4

4.5

Figure G.1: Masses of five interplanetary spacecraft communications systems with a best
fit line for the total mass vs. diameter.
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The best fit line is in the form,
M  a * Db  c

(G.1)

where M is the mass of the system in kg, D is the diameter of the dish in m, and a , b , and c are
constants that create the best fit line. These constants are: a = 7.075, b = 2.185, and c = 15.11.
The R2 value, also given on the plot, is 0.87. This relationship gives us better estimates of masses
for any sized antenna than we could achieve by estimating the mass of the dish alone. While it is
not based on any high-fidelity model, it does give good target masses and is based on real data.
Figure G.2 shows this plotted for a more relevant range of diameters for our mission.
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Figure G.2: Mass vs. HGA diameter.
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Appendix H| Deployable Solid Antennas

I. Introduction
Initially, we investigated the use of a solid aluminum antenna for use on both the Cyclers and
the satellites in Mars orbit. When it became apparent that the antennas we would use were going
to be very large, we investigated deployable solid antennas. A deployable design for our
antennas would allow us to use large diameter antennas while still packaging them into a small
volume to fit into a launch vehicle.

II. Design
The design we chose to pursue is one suggested by Guest and Pellegrino in “A New concept
for Solid Surface Deployable Antennas”. They suggest that each antenna be divided into six
segments that can fold in three different places. Figure F.1 below shows how a fully deployed
antenna will look and highlights each segment.
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Figure H.1: Fully deployed configuration of a solid deployable antenna.

In Fig. H.1, the divisions between segments are shown in green and the hinges where each
section will fold are highlighted in black. Each segment has a rigid bar connecting it to the
segments next to it. These bars are shown in grey in Fig. F.1 and the two connections on each
end of the bar are shown as the red and blue circles. The red circles indicate a ball joint and the
blue circles indicate a pin joint. Fig. H.2 below gives a schematic of the connecting rods.

Figure H.2: Connecting rod between segments in solid deployable antenna.
For the standard 10 m antennas we use on many vehicles, the length of the rod L is 2.5 m. The
rod is a hollow tube with an outer diameter t of 10 cm and an inner diameter of 8 cm. Figure H.3
below illustrates how the antenna looks when it is in the folded position.
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Figure H.3: Folded position for solid deployable antenna.

In this configuration, the antenna is 4.5 m tall and has a base diameter of 3.5 m. As with figure
H.1, the support rods are shown in grey and the connector joints are shown as the red and blue
circles. We assume that the antenna has a thickness of 1 cm and is made of aluminum with a
density 2,700 kg/m3. The mass of the dish is 1.060 Mg and the total mass of all of the support
rods is 0.1092 Mg which means the total mass of one solid deployable antenna is 1.169 Mg. This
mass is too great for our mission so we considered other options for antennas and decided on our
final design that implements Northrup Grumman AstroMesh.
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Appendix I| Frequency Comparison

I. Introduction
As explained previously in Appendix F, our preliminary antenna link designs use the S-band
radio frequency of 2.2 Gigahertz to communication between Earth and Mars’ orbit. The S-band
is an easy choice because of its long history in space use, for example in the National
Aeronautics and Space Administration’s (NASA’s) FireSat mission, and therefore there are
many existing antenna designs for comparison.

However, looking forward, we explore

alternative radio frequencies to determine which bands produce more efficient results for our
various satellites.

II. S-band

The S-band is an older generation of radio frequency used in NASA’s first launches to the
moon and spans from 2-4 Gigahertz.[1] This band is ideal for short distance communication
because the low frequency requires a large beamwidth, which means an antenna can transmit to a
winder area.

Therefore, fewer satellites are required in a constellation to be in constant

communication. Also the S-band is not easily attenuated, which makes the signal very resistant
to noise, such as rain or wind.

However, while this radio frequency is very durable, the low frequency and large beamwidth
requires a very large amount of input power. This large power requirement is a main reason we
did not choose the S-band as an ideal radio frequency.[1] Since we do not have access to the
NASA’s Deep Space Network, we will be using smaller Earth-based antennas; between eight
meter and 32 meter. Using these smaller receiving antennas will already require comparatively
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more power for the mission, so we cannot afford the higher power requirement of the S-band
radio frequency.

III. X-band

The X-band is a newer radio frequency operating between eight and 12 Gigahertz and is
currently being used by NASA for their Mars Reconnaissance Orbiter (MRO) mission.[2], [3] The
higher frequency requires less power than the S-band and is also more sensitive. The higher
sensitivity allows for better tracking and accuracy than the S-band, it not so sensitive that it can
become unreliable, like the Ka-band. This moderate sensitivity makes the X-band ideal for
communication between Mars and Mars’ orbit.

However, the narrower beamwidth requires a larger transmitting antenna to be in constant
communication. Fortunately, this can be remedied with a larger receiving antenna to increase the
beamwidth. This, again, makes the X-band ideal for communication between Mars and Mars’
orbit, because the ADEPT module can be outfitted to make an exceptionally large receiving
antenna on Mars’ surface.

IV. Ka-band

The Ka-band is the primary radio frequency band used by NASA’s MRO mission and
operates at a frequency of 26.5 – 40 Gigahertz.[3], [4] The Ka-band is more sensitive than the Xband, allowing better communication over the long distance between Earth and Mars. The high
frequency also allows for the least amount of power input, as well as increased data rate and data
capacity. According to NASA’s MRO results [3], their Ka-band link has 5.5 decibels improved
data capacity compared to the similarly optimized X-band. Therefore, it is most suitable for
high-definition video streaming between Earth and the Mars cyclers.
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However, similar to the S-band, the high frequency of the Ka-band requires a larger
transmitting antenna. This is because, for a receiving antenna of eight meters, the bandwidth
becomes a very narrow 0.065 degrees. However, the Ka-band is the most susceptible to weather
interruptions. For example, in NASA’s MRO demonstration [4], the Ka-band experienced
significant communication outages lastly at most 30 minutes.
V. Conclusions

A comparison of the antenna parameters using these common space radio frequencies can be
seen

below

in

Table

I.1.

These

‘I_Frequency_Comparison_S.xlsx’,

results

were

generated

using

Excel

‘I_Frequency_Comparison_X.xlsx’,

files
and

‘I_Frequency_Comparison_Ka.xlsx’, assuming the common distance of 2.7 Astronomical
Units, the distance between Mars and Mars’ orbit. They also assume a universal receiving
diameter of eight meters. As expected, the power increases significantly from the S-band to the
Ka-band frequency, and the transmitter diameter increases slightly.

Table I.1: A comparison of the most commonly used radio frequencies communication
from Earth to the Cycler. We choose the Ka-band for this facet of our mission because of
its comparative accuracy and small antenna size.
Communication Properties

S-band

X-band

Ka-band

Frequency [Hz]

2.200 X 109

7.900 X 109

32.00 X 109

Transmitter Diameter [m]

0.2983

0.6646

10.10

Final Power [W]

50.00 X 1012

80.00 X 106

30.00 X 103

From these results in Table I.1 and the comparative strengths of each radio frequency, we
conclude that the X-band is ideal for communication between Mars and Mars’ orbit, while the
Ka-band frequency will be used for communication between Earth and Mars. The Ka-band was
chosen for its superior data capacity and low power requirement, while the X-band was chosen
for its comparative resistance to weather while maintaining a low power input.
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Appendix J| Effects of changing communication parameters

When choosing the communication parameters, it was important to look at the relationship
between values. To optimize the parameters, we evaluated crucial parameters and relationship
between them.
A. Variable Definition
𝐷𝑡 = transmitter diameter [m]
𝑓 = carrier frequency [GHz]
𝜃𝑡 = transmitter antenna beamwidth [deg]
𝐿𝑠 = Space loss [dB]
𝑆 = Propagation length [m]

I. Frequency and Diameter relationship
Carrier frequency influences on transmitter diameter. As frequency increases, transmitter
diameter decreases. These parameters have direct relationship and can be described by Eq. J.1
[1]
21

𝐷𝑡 = 𝑓𝜃

𝑡

(J.1)

Figure J.1 shows the relationship between transmitter diameter and the carrier frequency.
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Figure J.1: Influence on how transmitter diameter changes as carrier frequency is
changing

II. Power and Diameter relationship

Receiver diameter is dependent on power requirement. In order to decrease the receiver
diameter, we need to increase power requirement. Diameter of the antenna dish defines the mass
of the antenna. In order to choose the best mass and power values, we evaluate the relationship
between power and diameter, and at the same time keep the margin at the mark of at least 3.
Figure J.2 shows relationship between receiver diameter and power.

Qirong Lin | 392

Appendix J

Project Aldrin-Purdue

Figure J.2: Influence of receiver diameter on margin, and how margin can be increased
with changing power. Diameter varies between 0.1 m and 10 m, 0.1 m being on bottom,
and 10 m being on top.

Receiver diameter and power are related through energy per bit to noise power spectral
density ratio which contains the term of power in decibels and receiver gain which relates to
receiver diameter.

III. Rover antenna length sizing

Antenna length for the rover is assumed to be 1 m long. Antenna length influences the power
requirement. If we want to decrease power requirement, then we will need to increase the length
of the antenna. Figure J.3 shows relationship between helical antenna length and power.
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Figure J.3: Influence of helical antenna length on margin, and how margin can be
increased with changing power. Graph shows that long antennas require less power
while keeping acceptable margin.

Similarly to the receiver diameter and power relationship helical antenna and power related
through energy per bit to noise power spectral density ratio which contains the term of power
in decibels and receiver gain which relates to receiver diameter.
IV. Frequency and space loss relationship

Carrier frequency influences on space loss. As frequency increases, space loss decreases.
Relationship between carrier frequency and space loss is described by Eq. J2
𝐿𝑠 = 147.55 − 20𝑙𝑜𝑔10 (𝑆) − 20𝑙𝑜𝑔10 (𝑓 × 109 )

(J. 2)

Figure J.4 shows the relationship between transmitter diameter and space loss.
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Figure J.4: Influence on how space loss changes as carrier frequency is changing. Small
values of frequency has less of space loss than high values.

V. Power and beamwidth relationship

Transmitting beamwidth is dependent on power requirement. In order to increase the
transmitting beamwidth, we need to increase power requirement. Beamwidth decides on how
wide can signal be spread. In order to choose the best beamwidth and power values, we evaluate
the relationship between power and beamwidth, and at the same time keep the margin at the
mark of at least 3. Figure J.5 shows relationship between beamwidth and power.
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Figure J.5: Influence of transmitter beamwidth on margin, and how margin can be
increased with changing power. Beamwidth varies between 11 deg and 110 deg, 11 deg
being on top, and 110 deg being on bottom.

Similarly to the receiver diameter and power relationship antenna beamwidth and power
related through energy per bit to noise power spectral density ratio which contains the term of
power in decibels and transmitter gain which relates to transmitting beamwidth.
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Appendix K | AstroMesh

I. Introduction
In order to reduce volume and mass of the communication components on the Cyclers, we
explore various options for deployable antennas. The two most notable deployable antennas are
solid foldable antennas, discussed in greater detail in Appendix H, and deployable mesh
antennas. In the final design, we choose deployable mesh antennas produced by Northrop
Grumman due to their small mass, small compact volume, and reduced power. We also choose
the mesh antennas because the mesh material itself can be outfitted to the ADEPT vehicles used
in a previous part of the mission for antenna receivers on Mars’ surface. This section of the
appendix discusses the theory, equations, and computation for AstroMesh communication
antenna parameters in the final design.

II. Earth to Cycler Communication

In order to choose an optimal deployable mesh, first we made a comparison of the
communication parameters used for the Cycler. It was determined previously that the Cycler
antenna diameter to communication to Earth should be ten meters. While the mass and stowed
volume for the foldable antenna was available for this diameter, Northrop Grumman produces
multiple generations of AstroMesh and there was no mass data available to the public. In order
to make the necessary comparative calculations, we made a call to Northrop Grumman and are in
touch with Dr. Jeffery Marks[1], a chief engineer for their AstroMesh product line.

After explaining our criteria of ten meter antenna diameter able to communicate between
Mars’ orbit and Earth at a Ka-band frequency of 32 Gigahertz, Dr. Marks recommended the
AstroMesh-Lite (AM-Lite) generation with the strongest available structure of 42 rim truss bays.
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Using AstroMesh Reflector Parametrics[2] available through Northrop Grumman’s website, we
can calculate the stowed volume for the Cycler antenna. The stowed parameters we use to
calculate stowed volume are shown below in Equation K.1.
hstowed  0.8500[m][2]

(K.1)

Dstowed  0.6500[m][2]
D
2
Vstowed  hstowed     stowed   0.2821[m 3 ]
 2 



hstowed = stowed height of the AM-Lite antenna package with deployed aperture of 10 meter
Dstowed = stowed diameter of the AM-Lite package with deployed aperture of 10 meter and
frequency of 32 Gigahertz
Vstowed = total stowed volume of Cycler antenna

In order to calculate the mass of our Cycler antennas, Dr. Marks gave us an example of the
AM-Lite mesh only for a nine meter diameter circular antenna, which weighed 4.55 pounds.[1]
As the AM-Lite antennas are perfectly circular, we are able to extrapolate the mass of the mesh
only for the Cycler antenna according to Dr. Mark’s instructions. Dr. Mark’s example for the
mass of AM-Lite mesh alone and our calculated Cycler mesh mass are shown below in Equation
K.2 and Equation K.3, respectively.

Cycler :
Dcycler  10.00[m]

(K.3)

Dcycler 2
2
Acycler    
  78.54[m ]
2


m

example

mcycler  
A
* Acycler  5.617[lb]
 example 
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Example :

(K.2)

Dexample  9.00[m][1]
mexample  4.55[lb][1]
Dexample 2
2
Aexample    
  63.62[m ]
2



 Dsubscript = diameter of fully deployed antenna
msubscript = mass of AM-Lite mesh only
Asubscript = area of fully deployed antenna mesh

Dr. Marks added that the high-strength truss structure is approximately 40 % to 60 % of the
total mass of the antenna.

We can confirm this approximation with the National Aeronautics

and Space Administration’s (NASA’s) Soil Moisture Active Passive (SMAP) satellite[4]
deployed with an AM-Lite antenna.

The parameters from NASA’s SMAP satellite and

calculations specific to our Cyclers are all shown below in Equation K.4 and K.5 respectfully.

SMAP :

(K.4)

DSMAP  20.00[m][3]
ASMAP  314.2[m 2 ]
 4.55 
mSMAP  314.2  
 22.47[lb]
63.62 
M SMAP  56.00[lb][3]
mSMAP
100%  40.13%
M SMAP
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mcycler

 M cycler 

mcycler

(K.5)

0.6000
0.4000
9.362  M cycler  14.04[lb]
4.247X10 3  M cycler  6.368X10 3 [Mg]
Msubscript = total mass of antenna


We calculate the power required for the AstroMesh-Lite deployable antennas using the mesh
transmission loss for 40.00 [opi] knit density of -0.1400 decibels.[3] As can be seen in the excel
file ‘K_AstroMesh_Cyclers.xlxs’ developed using NASA’s Mars Reconnaissance Orbiter [5] the
required power for communication between the Cyclers and Earth is 30.00 X 103 Watts.

When we compare these antenna parameters to those produced by the solid foldable antenna,
the AstroMesh is obviously preferable. A side-by-side comparison of these results can be seen
below in Table K.1.

Table K.1: A comparison of the solid foldable and AstroMesh deployable antennas for
Cycler use shows that the AstroMesh is the optimal choice because of its limited use of
resources.
Parameters

Foldable Solid Antenna

AstroMesh-Lite

Total Max. Mass [Mg]

1.169

6.368 X 10-3

Stowed Volume [m3]

58.30

0.2821

Power [W]

35.00 X 103

30.00 X 103
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III. ADEPT

Due to the compact nature of the mesh, we chose to save energy in the cargo vehicles by
converting unused ADEPT vehicles to receiving antennas on Mars’ surface. Using the ADEPT
as the structure suspending the AstroMesh-Lite requires an aperture density of 30 meters. The
calculations of the largest possible antenna mesh mass for the ADEPT can be seen below in
Equation K.6.

The power requirement for this converted antenna is eight Watts and was

calculated using the Excel file in ‘K_Astromesh_ADEPT.xlsx’.

AADEPT  706.8[m 3 ]
4.550 
mADEPT  AADEPT * 
 50.56[lb]  22.93X10 3 [Mg]
63.62 

(K.6)
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Appendix L | Batteries for Major Vehicles
I. Introduction
One method we investigated to attempt to reduce power requirements was to use batteries to
store excess power for vehicles whose power requirements were not constant. For example, each
of the communications satellites around Mars is either transmitting or not as only one sends the
signal to Earth or the Cycler at any given time. The solar panels gather solar energy at all times,
however, so when the HGA is not transmitting, the power is being wasted without an energy
storage system. The power, and therefore the mass, can be reduced by adding batteries and
removing solar panels. Other systems face similar problems. The Cycler and the Return Vehicle
transmit signals to Earth, and must transmit at various power levels depending on which ground
station is available. The 8 m receiving antenna requires the vehicles to transmit about four times
as much power as the 20 m antennas, but it is only used 38% of the time. Similarly, on Mars, the
ADEPT converted antennas can be used instead of the communications satellites to significantly
reduce power used by the cycler when it acts as a communications relay. However, in all of these
scenarios, the mass that the required batteries would add to the vehicles exceeds the mass they
effectively remove by reducing the size of the solar panels. Therefore, they are not used in final
design. The communications satellites were the only systems where batteries proved beneficial in
terms of mass.
II. Return Vehicle
As described above, the Return Vehicle must output a small amount of power for about 62%
of the day, and then about four times as much for the remaining nine hours. The furthest distance
over which the system must communicate is about 0.9 AU, which is at the very beginning of its
journey. At this distance, it takes 4.159 kW of power to communicate 12 Mbps to the 8 m
antenna without any way to store power. However, sending a signal to the 20 m antennas only
requires about 1.024 kW, meaning the solar panels are generating 3.135 kW of extra power for
almost two thirds of the day. Adding batteries allows us to have a constant power requirement of
about 2.502 kW. The excess power available during communication with the bigger antennas is

Nathan Houtz | 402

Appendix L

Project Aldrin-Purdue

diverted to the batteries to charge them. Then we have the batteries discharge to boost the output
power up to the required 4.159 kW when only the 8 m antenna is available.
A. Calculations and Results
The 2.502 kW was calculated with a method similar to the one used for the communications
satellites discussed in section 12.V, except that the time spent charging is not equal to the time
spent discharging. We found the power by solving the following equation:
𝑃8𝑚 − 𝑃𝑠𝑜𝑙𝑎𝑟
(
) ∗ (𝑥8𝑚 ) = (𝑃𝑠𝑜𝑙𝑎𝑟 − 𝑃20𝑚 ) ∗ (𝜂𝑐ℎ𝑎𝑟𝑔𝑒 ) ∗ (𝑥20𝑚 )
𝜂𝑑𝑖𝑠𝑐ℎ𝑎𝑟𝑔𝑒

(L.1)

where 𝑃8𝑚 is the power required to communicate with the 8 m antenna, 𝑃𝑠𝑜𝑙𝑎𝑟 is the power
gathered by the solar panels, 𝑃20𝑚 is the power required to communicate with the 20 m antennas,
𝑥8𝑚 and 𝑥20𝑚 are the proportions of time spent communicating with the 8 m and 20 m antennas,
respectively, and 𝜂𝑑𝑖𝑠𝑐ℎ𝑎𝑟𝑔𝑒 and 𝜂𝑐ℎ𝑎𝑟𝑔𝑒 are the discharging and charging efficiencies of the
batteries. The units of both sides of this relationship are power. If both sides of the equation were
multiplied by the number of seconds in a day, the left side would represent the total energy
needed to transmit a signal to the 8 m antenna over the 9.12 hours of its use each day that is not
provided by the solar panels. The right side would represent the total extra energy gathered by
the solar panels over the remainder of the day when the receiving antenna is 20 m. Setting them
equal to each other allows us to solve for 𝑃𝑠𝑜𝑙𝑎𝑟 , the power we need the solar panels to provide.
As before, 𝜂𝑑𝑖𝑠𝑐ℎ𝑎𝑟𝑔𝑒 and 𝜂𝑐ℎ𝑎𝑟𝑔𝑒 are both 0.83 (or 83%) [1]. 𝑥8𝑚 and 𝑥20𝑚 are 0.38 and 0.62,
respectively. If 𝑃8𝑚 is 4.159 kW and 𝑃20𝑚 is 1.024 kW, 𝑃𝑠𝑜𝑙𝑎𝑟 comes out to 2.502 kW.
Next, to find the masses and volumes of the batteries that accomplish this, we find the total
energy they need to store by taking either side of equation L.1 and multiplying it by the number
of seconds in a day (using W instead of kW for the powers). The result is 65.65 MJ. Then divide
this number by the relevant energy density of Li-ion batteries. Again, the specific energy density
is 9.067 x 105 J/kg and the volumetric energy density is 2.88 x 109 J/m3 [2]. The resulting mass
and volume of the batteries are 72.40 kg and 0.02279 m3, respectively. However, the reduction in
power only lightens the solar panels by 22 kg, so this system would actually increase the mass by
over 50 kg. As a result, it is not being used.
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III. Cycler

The dilemma for the cycler is very similar to that of the return vehicle, but it has two different
cases to consider. First, it will also be transmitting to Earth while the crew is on board, so the
calculations are almost identical. But must also communicate with Mars when it is being used as
a communications relay. It can either transmit to the satellites or transmit to an ADEPT antenna
on the surface, which is much larger. However, the second case (using the ADEPT antenna) is
unnecessary. Since no crew is living on the Cycler at that time, many systems that normally
require (in total) 43.5 kW of power are dormant and only require 6.56 kW. The power needed for
communications is separate from that. The roughly 37 kW of extra power that is available for the
communications system to use when the cycler is a relay means that saving power and adding
battery mass is useless because the power required for this function is only 24.84 kW. However,
since the vehicle must communicate with Earth while humans are onboard, reducing the power
required to communicate with Earth does reduce solar panel mass. It does not reduce overall
mass, however, so batteries are not a part of the Cycler’s final design.
A. Calculations and Results
For exclusively Cycler-to-Earth communications, the relationship to find the constant power
the solar panels need to provide is identical to equation L.1. However, 𝑃8𝑚 is 7.964 kW and
𝑃20𝑚 is 1.961 kW because the cycler needs to send its signal over a larger distance (about 1.24
AU) just before the crew leaves to arrive at Mars. The resulting 𝑃𝑠𝑜𝑙𝑎𝑟 is therefore 4.791 kW,
saving 3.173 kW of power. However, this only reduces the mass of the solar panels by about 20
kg, though the battery system (calculated the same way as above) would have a mass of 138.6
kg. Therefore, batteries are not used on the Cycler.
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Appendix M| Laser Optic Antennas

I. Introduction
For the optimal antenna frequency of our various satellites, we choose the X-band because it
requires comparatively small power and mass, while providing faster data rates and better
accuracy. We choose the Ka-band for cargo vehicles in our mission and as a back-up system on
human vehicles because of its reliability and tracking ability. However, because our mission
does not launch until approximately 2035, it is worthwhile to explore alternative frequency
bands and technology that are not available now, but may be in the future.

II. Advantages of Laser Optic Communication

There are many advantages to the use of laser communication for our mission over Ka-bands
or X-bands. For example, the optical frequency results in a smaller antenna mass. This is
because the lower beam divergence (or narrower beam) allows for a very high frequency of the
radio waves. The high frequency of the waves results in a very small diameter of the antenna,
and therefore, very small antenna mass.

Similarly, the high frequency waves require

proportionally less power.[1]

Another benefit of the laser frequency band is 10 to 100 times better data return. This
increased data return is possible because the laser communications systems are made for smallarea coverage with a very small field of view of approximately 0.006 degrees.[1] This makes for
a very strong signal, able to travel longer distances with faster data rates. In addition, because
the technology is so new, there are currently no regulatory restrictions on the use of frequency.
This means we can choose an unpopular frequency and get better data return. We can also
make the communication immune to jamming or interception by adverse parties.
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However, the most appealing benefit of laser communication for our mission is the
significantly higher data rate capacity. For example, if we continue to use Ka-band for our
Earth to Cycler communication, our mission will require approximately 50 times more power
and twice as much total mass compared to laser communication with the same data rate.[1] This
means that, depending on the mass and power budget, we could double the data rate to allow
faster HD streaming and high speed Internet access on the Cyclers. A visual comparison of this
example can be seen below in Table M.1, using the universal data rate of 267 Kilobits-persecond.[2]

Table M.1: Ka-Band and Optical Laser Parameter Comparison of Earth to Cyclers. This
is done assuming a universal data rate of 267 [Kbps], which is enough for HD streaming
across the maximum traveling distance.[2]
Communication Properties

Laser

Ka-band

Frequency [Hz]

1.93 X 1014

3.200 X 1010

Data Volume [Gb/day]

10.00

10.00

Final Power [W]

44.60

20.00 X 103

Total Mass [kg]

12.10

28.87

The technology for laser communication, while not currently available, is advancing quickly.
National Aeronautics and Space Administration (NASA), with small-time tests such as the
Mona Lisa Project, is looking to replace radio frequency with laser communication. As a proof
of concept, they plan to deploy the evolved Laser Interferometer Space Antenna, which will use
laser communication to detect, measure, and relay gravitational orbit from an orbit one
astronomical unit from the earth. NASA hopes to deploy the antenna in approximately 2030.[3]
While this distance is approximately only one-third of the maximum distance of our project,
there is reason to believe that the laser technology may develop enough for our time-line.
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III. Disadvantages of Laser Optic Communication

However, if laser communication is proven for distances of 2.7 astronomical units in time for
use in our project, we will need to store separate satellite antennas for Mars’ surface on one of
the cargo vehicles. We will no longer be able to convert the Adept into a large ground satellite
because the AstroMesh used for the transformation is not equipped for the high frequency of the
laser communication system.

This is true of all other available deployable and foldable

antennas on the market now, which are able to transmit and receive at a maximum Ka-band
frequency of approximately 60 Gigahertz.[4], [5], [6]

Therefore, unless a denser AstroMesh or an

alternative deployable antenna is developed to satisfy approximately 200 Terahertz for the
optical laser, we will need to carry a full-size satellite antenna to Mars. This could infringe on
the weigh and volume capacity of the cargo vehicles, because while the diameter of the
receiving antenna on Mars will be smaller when we use laser communications, it will still be
relatively large in order to relay between Earth and Mars with limited power. In short, unless
the technology for deployable and foldable antennas advances according to the laser
communication technology, we will need to generate new calculations to decide if laser
communication is still optimal.

Similarly, if we choose to use laser communication in the future, we will need to develop new
satellite controls and satellite configurations. This is because of the narrow beam width which
has many advantages, but makes it much more difficult to acquire, track, and point to our
receiving satellites. Therefore, automatic tracking systems must be integrated and included in
the power and mass of the satellite. It also means that any vibration to the platform results in
data return error significantly larger than if we continued with the Ka-band or X-band. We can
countermeasure this error with an adaptive power transmitter, however this will broaden the
beam temporarily and therefore require more power. Lastly, the narrow beam width of the laser
communications means we have a small field of view of each satellite.

Therefore more

satellites are required in orbit to communicate effectively.
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IV. Conclusion

Ultimately, there are many theoretical advantages to implementing laser optic communication
systems into our designs. However, we do not use laser frequencies in our current designs,
because the technology is not yet available. For this same reason, it is impractical for us to
make detailed, quantitative comparisons of Ka-band or X-band and laser systems at this point.
We do not yet know how the laser optics technology or any accompanying equipment will
evolve, so any optimization would be moot. For example, while at this point in time it may be
more costly to deploy five laser-equipped satellites when two Ka-band equipped satellites
would do the job, this will most likely not be the case in 2030.
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Appendix N| Environmental Controls & Life Support
Systems
I. Introduction
In the environmental controls systems aboard the various spacecraft that we are dealing with,
there are two resources that need to be carefully monitored and maintained: air and water. Air
refers to the atmospheric content of gases within the manned areas of the crafts and their
particular compositions, properties, and maintenance requirements. Water is used to create the
oxygen necessary for the crew as well as various facilities that ensure crew survival such as
food production and crew hygiene. This section of the report talks about both resources, how
much of each are required for this mission, and how much of each the systems require to ensure
that they are maintained and recycled.
II. Atmospheric and Water Requirements
A. Cabin Atmosphere
First, we shall take a look at the requirements in dealing with the air aboard the various crafts
used in this mission. [1] When it comes to basic human survival, there are a few basic
requirements, which NASA has taken into consideration when creating the environmental
control system on the International Space Station.


The atmospheric gas composition is 21% oxygen, 78% nitrogen.



The total atmospheric pressure is 14.7 psia



The humidity stays between 30-75%



The atmospheric temperature stays between 18.7-26.8 °C

A few of these requirements are odd at first glance, such as the atmospheric composition,
which require a bit of background. While the human body actually requires oxygen to ensure
the crew’s survival, a pure-oxygen environment not only can cause oxygen toxicity in the crew,
but is an incredibly dangerous fire hazard, as the tragedy of Apollo 1 demonstrated. In order to
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prevent future incidents such as that from occurring, nitrogen is introduced into the atmosphere.
This nitrogen not only creates an environment where combustion is much more limited, it also
helps maintain the total pressure of the craft at one similar to an environment found on Earth.
We will use these requirements when developing our environmental control system.

III. Water Needs
Water is necessary for crew sustainment in two ways. Crew members need drinking water to
survive, and water is the primary source of oxygen that the crew needs to breathe. Besides
drinking and oxygen generation, we also need water for hygiene, toilets, and medical uses. In
Appendix W, we set a daily budget for how much water each crew member uses on average for
those and other purposes. Here, we are only concerned with the total water use and how to
maximize our recycling efficiency. For this analysis, we consider 8.0 kg/crew/day to be the base
water consumption rate for all purposes.

We also define different classes of water at different points in the system loop. Black water
refers specifically to water containing human or other biological waste, almost all of which will
come from the toilets in the habitat module. Gray water is a catch-all term covering all other
waste water. Potable water is water suitable for drinking and is the primary water supply for the
colony.

IV. Environmental Control and Life Support System

From these requirements for both air and water, we created an environmental control
system that would satisfy these basic atmospheric requirements. To do this, we based our
design off of NASA’s own ECLSS (Environmental Control and Life Support System), which is
currently in use upon the International Space Station. This system been proven to be effective
aboard the ISS. Also, the ECLSS for the BA 330, which is being designed by Orbitec, also
based its design heavily upon NASA’s variant. The resulting system that we have come up with
is detailed below, in Figure N.1.
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Figure N.1: Environmental control and life support system

The description of this system will now be split up into two parts: one part for the systems
dealing directly with the atmospheric conditions, and the other part for the systems dealing with
recycling and resupplying water to the vehicle’s vital systems.

A. Atmospheric Controls

Up first is the portion of the ECLSS dealing directly with atmospheric control. A diagram
explaining this part of the system can be seen below, in Figure N.2.
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Figure N.2: Atmospheric control of the ECLSS

This part of the system can be split up into five main sections: temperature and humidity
control, oxygen and nitrogen control, oxygen generation, carbon dioxide removal, and Sabatier
Processing.

The cabin air is taken and run through temperature and humidity control, where systems are in
place to modify the air temperature in order to keep it within acceptable parameters. Here, water
is also drawn out of the air in order to keep the humidity within acceptable parameters. This
water is moved to potable water processing, which is found in the water section of the ECLSS.
From temperature and humidity control, the cabin air is then fed into the carbon dioxide
removal, where carbon dioxide is removed from the air through the use of regenerable
absorbers. The carbon dioxide absorbed here is fed into the Sabatier Processing while the
remaining air is fed back into temperature and humidity control. That air is rerun through this
system until the remainder of the gas is fed back into the cabin itself. The carbon dioxide
removal system is used to counteract the 0.85 kg of carbon dioxide each crew member produces
a day.

The other half of the atmospheric control system takes water from the potable water
processing section of the ECLSS and inputs it into the oxygen generation section of the system.
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Here, oxygen and hydrogen are generated through electrolysis using the chemical reaction
described by Equation N.1
4𝐻2 𝑂 + (𝑃𝑜𝑤𝑒𝑟) => 2𝑂2 + 4𝐻2

(N.1)

This process is used to offset the 1 kg of oxygen a person needs to consume a day in order to
survive. From here, the oxygen generated is fed into the oxygen and nitrogen control system, as
well as any nitrogen remaining inside the cabin air. Inside this system, the amount of oxygen
and nitrogen in the air is regulated to fall within acceptable parameters. These two gases are fed
back into the cabin. The resulting hydrogen from the oxygen generation system is fed into the
Sabatier processing, along with the carbon dioxide removed from the air in the carbon dioxide
removal system. [3] The Sabatier processing system uses the reaction in Equation N.2 to
convert these two gases into water and methane:
𝐶𝑂2 + 4𝐻2 => 2𝐻2 𝑂 + 𝐶𝐻4

(N.2)

From the results of this system, the water created from this reaction is moved to the potable
water processing for further use, while the remaining methane is either stored for later use as
propellant or vented into space to prevent any incidents.

B. Water Systems Overview

The second set of processes in the life support system handles the circulation and treatment
of water. Even though we discuss these processes separately from the air circulation and
treatment processes, the systems are integrated and overlap in key areas. The oxygen generator
uses water to make oxygen for the crew. The Sabatier reactor takes carbon dioxide extracted
from cabin air, combines it with hydrogen from the oxygen generator, and returns water for
circulation with methane as a byproduct. At the same time, the cabin climate and humidity
control condenses excess water vapor from the cabin atmosphere and returns it to the water
supply.
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In addition to the systems that overlap with the air management, the water circulation
includes systems specific to recovering and recycling waste water. We have a urine processor
that takes urine and flush water from the toilets and separates water from contaminants. We
have a water processor that takes in general waste water and purifies it to a level acceptable for
human consumption. Finally, we have a freeze dryer that can extract water from the waste
streams of the first two processors as well as any other solid waste containing significant
amounts of water. Figure N.3 shows a conceptual system diagram highlighting the water
circulation and treatment processes.

Figure N.3: Water treatment and circulation diagram shows how water is recovered and
recycled for crew use.

V. Oxygen Generation and Sabatier Process

The primary interface between air circulation and water circulation in the integrated life
support system occurs in the oxygen generation system and the Sabatier reactor. As we have
already discussed, the oxygen generator takes in water from the potable supply and converts it
to hydrogen and oxygen gas by the process of electrolysis. The oxygen gas goes to the
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atmospheric control systems, and the hydrogen gas goes to the Sabatier reactor. In the Sabatier
reactor, carbon dioxide from the cabin atmosphere is reduced using the hydrogen gas to form
water and methane. The water then returns to circulation via gray water recovery and
processing, and the methane is either dumped overboard or stored for future use as propellant.

One thing we must note is how much hydrogen is available to reduce carbon dioxide into
water and methane. According to the reaction given by Eq N.2, for every mole of oxygen gas
generated by electrolysis, two moles of hydrogen gas are generated. However, the Sabatier
reaction requires four moles of hydrogen gas to reduce one mole of carbon dioxide. If we
assume that every mole of oxygen generated comes back as a mole of carbon dioxide, that
means we can recover at most half of the water used to generate the oxygen. Because we use
0.95 kg of water per crew member per day for oxygen generation, we lose at least 0.475 kg per
crew member per day to unrecoverable carbon dioxide in the Sabatier reactor. At a baseline
consumption rate of 8.0 kg per crew member per day in the Mars colony, 5.94% of that water
used is unrecoverable regardless of efficiency. This means the theoretical maximum recycling
efficiency is 94% for our system configuration.

VI. Urine Processing

The purpose of the urine processor is to recover water from urine and flush water collected
from the station’s toilets in black water storage tanks. The product of this process goes into gray
water storage for further treatment. In this system, the urine stream goes through a distillation
process that removes water from chemical and biological contaminants within the urine. [5] The
waste stream from this process is a brine solution that still contains water, but that water cannot
be effectively recovered using this process. We need another method to recycle more water
from this stream.
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VII. Waste Water Processor

The waste water processor is the only component of the water treatment system where we
consider the output suitable for human consumption. Gray water comes from general water
circulation, urine processor output, condensate from atmospheric humidity controls, Sabatier
reactor output, water collected from the freeze dryer, and any external supply such as water
delivered via cargo or harvested from Martian soil. This process is the final step before water
returns to the potable water supply tanks.

When the amount of gray water reaches a certain level, the water processing system starts
pumping it through a series of processes that gives us recycled potable water. First, the water
passes through filters that remove contaminants. Next, it goes into a catalytic reactor that
oxidizes anything not removed by the filters. Oxidized contaminants are removed by a
gas/liquid separator or an ion exchange bed depending on whether they are gaseous or
dissolved. Finally, we add iodine to kill off any remaining microbes. When sensors within the
system verify the quality of the output water, the water is pumped into potable water storage for
reuse. [5]

VIII. Freeze Dryer

The freeze dryer is a component added to the water recycling system that is not currently
implemented on the International Space Station. Its purpose is to recover more water from
waste that would otherwise be dumped using a process called lyophilization. This includes
effluents from the urine and waste water processors, solid human waste, and other biological
waste such as food waste and inedible plant matter from farming. By adding such a system to
our water recycling loop, we can return approximately 80% of the still recoverable waste water
to circulation that would otherwise be lost if we relied only on systems proven on the
International Space Station. [6] Given that our current capability for water recycling is 86% as
demonstrated on the ISS, and our maximum theoretical recycling is 94%, we can possibly
expect up to 92.4% recovery by freeze drying waste containing recoverable water. However, we
will set our goal at 91% recycling efficiency for the Mars missions to allow for differences
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between lab testing and real-world implementation. Even though this process will be present for
testing during the Moon and Lagrange point missions, we do not rely on it for our supply
calculations for those missions.

IX. Water Storage

The final component in the water circulation system is storage. During the course of a long
mission, a large amount of water is lost, which means the crew needs a large amount of water
readily available to last the duration of the mission. Because this can amount to multiple tons
for a Mars colony, we need enough tank capacity to hold all that water. However, we also need
to store more than just potable water. We need to account for black water and gray water
storage as well. We do not have to store as much in those tanks, but we need them to collect and
separate different categories of waste water before it gets treated in the recycling process.

Although storing our entire water supply in one big tank is the simplest solution, it also
means that if there is a leak, we can lose our entire water supply. For this reason, we store water
in several smaller tanks so that if one fails, we can shut off the valve filling that tank and open
its drain valve to recover as much as possible before it all spills out. Smaller tanks also allow us
to standardize, which means a failed tank can easily be replaced with a good spare.

X. Baseline Mass, Power, and Volume Requirements

In order to size the life support systems for all the different parts of the mission sequence
leading up to a Mars colony, it helps if we establish a baseline for physical requirements of the
water systems. We choose to set our crew size to six astronauts and size our baseline system for
that number. Table N.1 breaks down the physical requirements for such a life support system
based on a NASA reference mission for a permanent Mars habitation. [7]
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Table N.1: Baseline mass, power, and volume needs for water treatment and circulation
within integrated life support system
Subsystem

Mass (Mg)

Power (kW)

Volume (m3)

Atmosphere Composition

0.800

2.500

2.000

Oxygen Generation

0.335

4.500

0.500

Temperature / Humidity

0.120

1.000

0.500

Urine Processor

0.065

0.425

0.100

Water Processor

0.700

0.375

0.600

Freeze Dryer

0.850

2.300

0.800

Total ECLSS

2.870

11.10

4.500

Control

control

XI. ECLSS Consumables Requirements

A. Atmospheric Controls Consumable Requirements

Now that we have looked at all the systems involved in the environmental control system
that will be used aboard the various vehicles in this project, let us take a look at how to calculate
the various requirements this systems has in order to function for the various timetables that this
mission works under. Before we get to these actual calculations, some constants need to be
established. First we establish a variable which would allow our calculations to take into
account the amount of air inside the vehicles that would be lost daily due to leaks, airlocks
opening, etc. After researching the average amount of gas lost daily in previous missions to
space, we determined that the variable mgasloss was about 4.54E-3 kg/day.

Next, we set up contingency amounts of consumables in case of emergency aboard the
various vehicles. To do so, we determined an appropriate amount of days of extra supplies
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depending on the length of time the mission at hand took up, resulting with the following
amounts found in Table N.2.
Table N.2: Table of contingency times for respective duration times
tduration Requirements

tbackup

0 ≤ 𝑡𝑑𝑢𝑟𝑎𝑡𝑖𝑜𝑛 ≤ 6

0

6 ≤ 𝑡𝑑𝑢𝑟𝑎𝑡𝑖𝑜𝑛 ≤ 8

1

8 ≤ 𝑡𝑑𝑢𝑟𝑎𝑡𝑖𝑜𝑛 ≤ 15

3

15 ≤ 𝑡𝑑𝑢𝑟𝑎𝑡𝑖𝑜𝑛 ≤ 30

5

30 ≤ 𝑡𝑑𝑢𝑟𝑎𝑡𝑖𝑜𝑛 ≤ 90

10

90 ≤ 𝑡𝑑𝑢𝑟𝑎𝑡𝑖𝑜𝑛 ≤ 150

20

150 ≤ 𝑡𝑑𝑢𝑟𝑎𝑡𝑖𝑜𝑛 ≤ 300

30

300 ≤ 𝑡𝑑𝑢𝑟𝑎𝑡𝑖𝑜𝑛

60

Here, tbackup is the amount of time the contingency supplies need to last [days]. Now that
these values have been established, we can move on to the actual calculations. These
calculations are split up into two parts: one set of calculations to determine the amount of
oxygen needed, and the other for determining the amount of nitrogen needed.

B. Oxygen Requirements
To start off, we will focus on oxygen calculations. First, we need to calculate the amount of
oxygen lost per day due to leaks, airlock, etc., resulting with Eq. N.3.
𝑚𝑜2𝑙𝑜𝑠𝑠 = 𝑚𝑔𝑎𝑠𝑙𝑜𝑠𝑠 ∗ 𝑝𝑜2

(N.3)

Here, mo2loss is the amount of oxygen lost per day due to leaks, airlock, etc [kg/day], and p o2
is the amount of oxygen in the atmosphere (which is .21 in this case).

With this calculated, we can now calculate the total mass of the oxygen consumed by the
crew for the duration of the trip using Eq. N.4.
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𝑚𝑜2𝑛𝑒𝑐 = (𝑚𝑜2 ∗ 𝑛𝑐𝑟𝑒𝑤 + 𝑚𝑜2𝑙𝑜𝑠𝑠 ) ∗ 𝑡𝑑𝑢𝑟𝑎𝑡𝑖𝑜𝑛

(N.4)

In this equation, mo2nec is the total mass of the oxygen consumed by the crew [kg], mo2 is the
mass of the oxygen consumed by a single member of the crew per day (which in this case is .82
kg), ncrew is the amount of people that the crew in the vehicle consist of, and t duration is the
number of days which the crew need to spend aboard the vehicle [days].

Now that the amount of oxygen consumed by the crew throughout the mission has been
calculated, now we can assess how much water will be necessary to generate the amount of
oxygen needed for the crew to survive the trip. To do so, Eq. N.5 is used.
𝑚𝑜2𝑛𝑒𝑐

𝑣𝑜2 = (

𝜌𝑜2

18

) ∗ (16)

(N.5)

Here, vo2 is the volume of water necessary to generate the amount of oxygen needed for the
crew to survive the trip [m3] and 𝜌o2 is the density of oxygen (which in this case is 1141 kg/m3).

Now that we have calculated how much oxygen is consumed and how much water we will
need to counteract that consumption, now we move to calculate the amount of oxygen to be
brought along to serve as a contingency supply. This oxygen will be stored in liquid form,
which will be much easier to store than if it was gas. To calculate the mass of the liquid oxygen
needed for this contingency, we use Eq. N.6.
𝑚𝑜2𝑏 = 𝑛𝑐𝑟𝑒𝑤 ∗ 𝑚𝑜2 ∗ 𝑡𝑏𝑎𝑐𝑘𝑢𝑝

(N.6)

In this equation, mo2b is the mass of the liquid oxygen used as a contingency supply [kg].
From here, we then calculate the volume of the liquid oxygen using Eq N.7 in order to get a
better idea of how much will be necessary for the mission.
𝑚

𝑣𝑜2𝑏 = ( 𝜌𝑜2𝑏)
𝑜2

(N.7)
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Here, vo2b is the total volume of the contingency supply of liquid oxygen. This concludes our
oxygen calculations.
XII. Nitrogen Requirements
Now, let us commence with our nitrogen calculations. For this mission, all nitrogen that will
be used shall be stored in liquid form for ease of transport, and shall be converted to a gas when
needed by the ECLSS. To start, we first will need to calculate the mass of nitrogen lost per day
due to leaks, airlock, etc. To do so, we will employ the use of Eq. N.8.
𝑚𝑛2𝑙𝑜𝑠𝑠 = 𝑚𝑔𝑎𝑠𝑙𝑜𝑠𝑠 ∗ 𝑝𝑛2

(N.8)

In this equation, mn2loss is the mass of nitrogen lost per day due to leaks, airlock, etc. [kg] and
pn2 is the amount of oxygen in the atmosphere (which is .79 in this case). From here, we can
now calculate the mass of the nitrogen needed to supply the mission, using Eq. N.9.
𝑚𝑛2 = 𝑚𝑛2𝑙𝑜𝑠𝑠 ∗ 𝑡𝑑𝑢𝑟𝑎𝑡𝑖𝑜𝑛

(N.9)

Here, mn2 is the total mass of nitrogen needed to meet the requirements of the mission [kg].
From this, the volume of the required nitrogen, in liquid state, can be calculated, using Eq.
N.10.
𝑚

𝑣𝑛2 = ( 𝜌 𝑛2 )
𝑛2

(N.10)

In this equation, vn2 is the volume of the required liquid nitrogen to meet mission requirements
[m3], and 𝜌n2 is the density of nitrogen (which in this case is 807 kg/m3). Now we have the
amount of liquid nitrogen necessary to satisfy the ECLSS’s requirements.
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Now that the required amount of liquid nitrogen has been calculated, we can now move on to
calculating the contingency liquid nitrogen supply. To do so, we first need to calculate the mass
of nitrogen required to last for the contingency period, which can be done using Eq. N.11.
𝑚𝑛2𝑏 = 𝑚𝑛2𝑙𝑜𝑠𝑠 ∗ 𝑡𝑏𝑎𝑐𝑘𝑢𝑝

(N.11)

Here, mn2b is the mass of the contingency nitrogen [kg]. Now that the mass of the
contingency nitrogen has been calculated, we can now move to calculate the amount of liquid
nitrogen that will be necessary, which is done using Eq. N.12.
𝑚

𝑣𝑛2𝑏 = ( 𝜌𝑛2𝑏 )

(N.12)

𝑛2

In this equation, vn2b is the volume of the contingency liquid nitrogen [m3]. This concludes
the nitrogen calculations.

XIII. Cryogenic Liquid Storage
Now that we have found how to calculate both required and contingency amounts of oxygen
and nitrogen, we now need to talk about how to properly store them. All oxygen except for the
contingency supply will be generated via electrolysis, so that water is stored in the water storage
tanks. Storage for the liquid oxygen and liquid nitrogen will require special kinds of tanks, for
both are cryogenic liquids. Therefore, these two need to be stored in Cryogenic Liquid
Cylinders; the ones we are using are based off of the designs of Air Products’.

[4] The Cryogenic Liquid Cylinder stores the liquids at temperature and pressure required to
keep them in a liquid state. The cylinder itself is double walled, where the interior stores the
liquids in a vacuum as to keep liquid at required temperature and pressure. An individual
cylinder can hold 0.04 m3 of liquid, requiring 3.3 W of energy to preserve their payloads. Each
cylinder by itself weighs 75 kg when empty, 120 kg when full. These cylinders can be seen
below in Figures N.4 and N.5.
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Figure N.4: Schematic of the side view of a cryogenic liquid container

Figure N.5: Top view of the cryogenic liquid container

Now that we have these containers’ specifications, we can find the total mass of both oxygen
and nitrogen and then containers they are stored in. First we need to calculate the amount of
tanks necessary to hold the required and contingency supplies of oxygen and nitrogen. To do so,
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Eq. N.13 calculates the amount of tanks needed to hold the total amount of liquid oxygen and
Eq. N.14 calculates the same for liquid nitrogen.
𝑛𝑜2𝑡𝑎𝑛𝑘 = 𝑣
𝑛𝑛2𝑡𝑎𝑛𝑘 =

𝑣𝑜2𝑏

(N.13)

𝑡𝑎𝑛𝑘𝑐𝑟𝑦

𝑣𝑛2 +𝑣𝑛2𝑏

(N.14)

𝑣𝑡𝑎𝑛𝑘𝑐𝑟𝑦

Here, no2tank is the amount of tanks required to hold the total amount of liquid oxygen, nn2tank
is the amount of tanks needed to hold the total amount of liquid nitrogen, and vtankcry is the
volume of liquid a cryogenic liquid cylinder can hold (which in this case is equal to 0.04 m 3).
Note, the values of no2tank and nn2tank need to be rounded up, for a whole new tank must be used
to hold even a fraction of these liquids. Now that the number of tanks necessary has been found,
we can calculate the combined mass of the liquid consumables and their tanks. To do so, Eq.
N.15 calculates the total mass of the oxygen consumables and Eq. N.16 calculates the mass of
the nitrogen consumables.
𝑚𝑜2𝑠𝑡𝑜𝑟𝑒 = 𝑚𝑜2𝑏 + (𝑚𝑡𝑎𝑛𝑘𝑐𝑟𝑦 ∗ 𝑛𝑜2𝑡𝑎𝑛𝑘 )

(N.15)

𝑚𝑛2𝑠𝑡𝑜𝑟𝑒 = 𝑚𝑛2 + 𝑚𝑛2𝑏 + (𝑚𝑡𝑎𝑛𝑘𝑐𝑟𝑦 ∗ 𝑛𝑛2𝑡𝑎𝑛𝑘 )

(N.16)

In these equations, mo2store is the total mass of the liquid oxygen needed, mass included [kg],
mn2store is the total mass of the liquid nitrogen needed, mass included [kg], and mtankcry is the
mass of the tanks used to store the liquids (which in this case is equal to 75 kg). With this set of
calculations, the total masses of liquid oxygen and liquid nitrogen can be calculated.
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Appendix O| Farming
I. Introduction

A. Farming Method
We select aeroponics, a type of hydroponics, as the farming method for the Martian colony’s
farming operation [1]. Aeroponics is a process of cultivating plants through the use of nutrient
rich slurry for plants that is sprayed as a mist onto the roots of each plant in the farm [1]. The use
of a nutrient rich mist eliminates the need for a growing median such as soil which is required for
conventional farming. It also decreases the amount of water required to facilitate growth when
compared to conventional methods. In fact, aeroponics can reduce water consumption by 98
percent and fertilizer requirements by 60 percent [2]. Since aeroponics does not require soil as a
growing median, the possibility of soil-borne diseases contaminating the crops and decreasing
the yield of the farm no longer exists. With crop diseases no longer a concern, the use of
pesticides is also unnecessary [2].

The removal of a growing median also decreases the mass required to conduct farming on
Mars by eliminating the need to ship soil or similar material. Similarly, decreasing the water
requirement for the farming operation further decreases the mass required to operate the Martian
farm. If farming requires less water, the water tank sizes and amount of water the colony needs
to resupply also decreases.

II. Crop Options

The process of deciding what crops to consider for farming stemmed from a nutritional
standpoint. With limited area, we want to make sure that each square meter is producing the
utmost nutrition. Research was done to see what plants could grow in small areas and still pack
in all the needed nutrition. The small area quality disqualified foods grown on trees or in
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bushes. Using the research and limiting factors, seven different plants were chosen. These plants
are sweet corn, potatoes, sweet potatoes, soybeans, pinto beans, wheat, and snap peas.
Maximum yields, rotation, and nutritional values were all looked at. Below in table O.1.A, these
values are all shown for the seven plants.

Table O.1: Yield, Rotation, and Nutritional Values

Plant
Sweet Corn
Potato

Kg Per
Acre
6350.29 [9]
20219.33
[10]

Calories Per

Carbohydrates

100g [19]

per 100g (g)[19]

6[9]

93

17

6 [10]

86

20

Rotation (Months)

Sweet Potato

10647.69[13]

6[13]

115

28

Pinto Beans

1360.77 [14]

3[14]

22

4.1

Soy Beans

1268.24[11]

2[12]

446

30

Wheat

1344.44[15]

6[16]

339

71

Snap Peas

2422.18[17]

6[18]

83

11.3

All above values were utilized for later analysis of specific and weighted crop choice.

III. Crop Choices

In order to facilitate a more nutritional crop yield on Mars, we limit the seven crops above to
the four crops that provide the most nutritional value and variation. Nutritional value, in this
analysis, refers to the number of calories that the crop provides. Variation is determined based
on the type of vegetables growing on the farm. For example, pinto beans and snap beans would
have low variation since they are both beans, but potatoes and wheat would have high variation.
We limit the number of crops to four because this number allows us to focus on providing the
necessary amount of calories while maintaining, what we deem to be, an acceptable level of
variety. Table O.2
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shows the results of the analysis. We calculate volume in order to determine whether or not
the crop is a viable option for the XM-3 and CarLa farms since space is limited inside the
vehicles.

Table O.9: The total energy provided by the yield of each of the seven different crops after
a year of farming only on the XM-3 farming variants. Each case assumes that the specific
crop is the only crop being grown on the XM-3 farming variants at the time.
Corn

Energy

Potato

Soybean

Sweet

Pinto

Potato

Bean

Wheat

Snap
Bean

515.0

1468.1

1600.1

861.0

890.5

461.5

70.8

77.5

21.8

31.5

21.8

17.0

16.1

17.0

(Mcal)
Volume
(m3)

From Table O.2, it can be seen that potatoes, soybeans, sweet potatoes, and pinto beans are
the four crops that produce the most calories compared to the other five crops. Taking into
account our desire for variety, however, the sweet potato is removed from the list of the four
chosen crops. Based on our definition of variety, sweet potatoes are too similar to potatoes.
Since potatoes provide more calories than sweet potatoes, the sweet potato is the crop no longer
considered. Snap beans produce very little energy for the colonists when we compare its
calories to those of the other crops. As a result, snap beans are not considered as an alternative
crop for sweet potatoes. Following sweet potatoes, corn produces the next highest calorie
production. Corn, however, occupies a large amount of space as seen in Table N.1. The volume
filled by corn is more than double the next highest volume. Corn does not replace sweet
potatoes as one of the four crops due to the large space requirement. As a result, wheat replaces
sweet potatoes as the fourth crop.

IV. Area Allocation
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With the types of crops to be farmed on Mars decided, we have to make a decision regarding
how the available farming area within the colony should be allotted for each plant.

A. Criteria for Analysis

In order to determine the area allocation, we use three criteria: the number of CarLa farms, the
yield of produce grown, and variation of food sources. We wish to minimize the number of
CarLa farms required in order to minimize the power consumed by the colony as well as the
colony’s size. Maximizing the crop yield is another goal because we want to provide the
colonists with a sufficient amount of food mass to feed them. Variety is also a goal because
producing large amounts of different crops will provide the colonists with options regarding
their diets and meal compositions.

B. Problem Set-Up

We determine the area allocation using a weighting scale of 10. For example, if we decide
that we want to grow only potatoes on Mars then potatoes would be assigned a weight of 10
while the other three crops would receive weights of 0. The higher the weight assigned to the
crop the more farming area that is allocated for it. For this analysis we observe the number of
CarLa farms and the crop yields for six different weight combinations over a range of
percentages of required food production. Percentages of required food production represents the
amount of food that the colony is expected to produce for itself. We determine the percentage
off of the amount of calories the colonists require for a year. In other words, 40 percent means
that 40 percent of the colonists’ yearly calorie requirements are grown on Mars through
farming. The analysis was conducted for a colony with a population of 18 people with the
assumption that each person will require 2600 calories per day over the duration of one year.

C. Options
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In Table O.3 below, we identify the exact weight composition of each of the six test cases for
the area allocation analysis.
Table O.3: The weight distributions for each crop for each of the six options in the
farming area allocation analysis.
Option

Potato Weights

Soybean Weights

Pinto Weights

Wheat Weights

1

5

2.5

1.25

1.25

2

7.5

1.25

0.625

0.625

3

2.5

5

1.25

1.25

4

1.25

7.5

0.625

0.625

5

1.25

2.5

5

1.25

6

1.25

2.5

1.25

5

Options 1 and 2 have focuses on potatoes as the main crop but option 2 has a stronger
emphasis on potatoes than option 1. Options 3 and 4 are similar to options 1 and 2, respectively,
except soybeans are the crop which is emphasized instead of potatoes. Option 5 has an emphasis
on pinto beans as the main crop. Finally, option 6 focuses wheat as the main crop.

D. Analysis of the Number of CarLa Farms

Figure O.1 below displays the results of how many CarLa farms the Mars colony requires for
each of the six area allocation options in order to achieve different percentages of required food
production.
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Figure O.1: The number of CarLa farms required to reach the desired percentage of food
production on Mars for each of the six different area allocation options. The reason that
the plots are not linear is due to rounding. If 5.17 CarLa farms are needed to reach the
percentage, then 6 CarLas would have to be used.

Considering the CarLa farm criteria, it can be seen in Fig. O.1 that the options with a majority
of the farming focusing on soybeans (options 3 and 4) require the fewest CarLa farms in order
to produce the desired percentages of required food production. The option which focuses on
pinto beans as the main crop in the farm (option 5) requires the most CarLa farms. We also note
that option 6 which concentrates on wheat as the staple crop requires the second most CarLa
farms. The two potato options (options 1 and 2) are between the two soybean options and the
pinto bean/wheat options in terms of the number of CarLa farms. Analysis of the first criteria
indicates that a farm with a majority of its space allocated toward cultivating soybeans would be
the best option. The second criteria, however, changes this conclusion.

E. Analysis of the Crop Yield
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Figure N.2 below displays the results of the crop yield the Mars colony produces for each
of the six area allocation options at different percentages of required food production.

Figure O.18: The mass of food produced on the colony in Mg for each of the six area
allocation options at different percentages of required food production.
From Fig. O.2, we note that the options which focus on potatoes as the staple crop (options 1
and 2) produce significantly higher food yields than other options, even at lower target
percentages such as 10 percent. The option with the most soybeans (option 4) yields the least
crop mass. The other soybean option (option 3) and the wheat option (option 6) are similar in
terms of crop yield. These two options have the second worst crop yields.
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V. Conclusions
Considering the number of CarLa farms and crop yield, we choose an allocation with a
majority of the farming devoted to potatoes as the farming area distribution. Potatoes only
required a few more CarLa farms than the soybean options to reach the lower percentages of
production goals. The potato options also produce higher crop yields than the other options.
Taking into account the last criteria, variation of food sources, we choose option 1 as the area
allocation for the farming operation on Mars. Option 2 has a higher food yield than option 1, but
it decreases the variation of food sources by growing more potatoes and increases the number of
CarLa farms.

The reason why the soybean options reduce the number of CarLa farms while having lower
crop yields is due to the amount of calories that soybeans provide. Despite having small crop
yields, soybeans are able to minimize the number of CarLa farms because the overall energy
that the small crop yields provide is sufficient enough to reach the percentage of required food
production with a smaller number of CarLa farms.

VI. Light Sources

The three different light sources we consider as options for grow lights for the indoor farms
on Mars are: incandescent light bulbs, Compact Fluorescent Lights (CFL), and Light Emitting
Diodes (LED).

A. Incandescent Light Bulbs

Incandescent light bulbs are traditional light bulbs. These light bulbs are quite inefficient,
wasting about 90 percent of their power input as heat [3]. They operate by running an electric
current through a filament contained within the glass bulb. The electric current heats the
filament until it starts to glow and emit light [4]. Incandescent light bulbs also have short
lifespans with an average of about 1,200 hours of operation before they need to be replaced [3].
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B. Compact Fluorescent Lights

Compact Fluorescent Lights are similar to incandescent bulbs since they also require the
production of heat in order to produce light. CFLs, however, do not heat a wire filament like
incandescent bulbs do. Instead, CFLs use their power input to heat a gas composed of argon and
mercury which is stored within a glass tube. The hot gas produces an ultraviolet light which
interacts with a fluorescent coating covering the inside of the tube [4]. The fluorescent coating
then produces visible light. Since CFLs need heat to produce light, they waste about 80 percent
of their power input as heat [3]. Compact Fluorescent Lights also require a longer period of time
before they become fully illuminated. The period of time can be 30 seconds to 3 minutes long
from the time the light is turned to the time the light is fully lit [4]. Despite converting a
majority of the energy into heat and long warm-up periods, CFLs actually only require about 30
percent of the power required by incandescent in order to operate meaning CFLs are
significantly more energy efficient than incandescent bulbs [4]. CFLs also have longer lifespans
than incandescent bulbs with average operational lives of about 8,000 hours [3].

C. Light Emitting Diodes

Light Emitting Diodes are different from incandescent bulbs and CFLs since they do not
require a heating element. As a result, LEDs only have approximately 10 percent of their input
power converted into heat meaning 90 percent of the power is converted into light [3]. A value
of 90 percent is much higher than the 20 percent for CFLs and 10 percent for incandescent
bulbs. The operational life of an LED is also higher than that of a CFL and incandescent light
bulb. The average lifespan of an LED is about 25,000 hours, but the lifespan can be larger [3].
There is not a time delay that occurs for Light Emitting Diodes. They immediately turn on and
off [5]. The materials that make up a LED are less hazardous than CFL and incandescent bulbs.
LEDs are not composed of glass. Instead, they are contained within a plastic covering. There is
also no mercury present within LEDs therefore there is no concern regarding disposal and waste
management when the LED ceases to operate correctly [5].
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D. Criteria

We base our choice of lighting off of efficiency, operational life, and material composition.
There is limited power available for the inhabitants of the Martian colony to use; therefore we
try to minimize the amount of power that the farms require. The colony on Mars will be
receiving supply shipments approximately once every two years. As a result, replacement parts
may not always be readily available. A lighting system that does not require replacement lights
very often will minimize the risk of running out of spares before shipments and will allow other
supplies to be shipped instead of replacements. Materials are a concern because medical
facilities will be more constrained on Mars than on Earth. It would be best to avoid using
systems that could cause the colonists harm if possible.

E. Light Source Conclusions

For the purposes of this mission, we choose LEDs as the source of light for the farming
operation on Mars. Incandescent light bulbs are too inefficient, and their operational life is too
short to be a viable option. CFLs are a better choice than incandescent bulbs, but they are still
less efficient than LEDs in regards to power. The operational life of a CFL is also less than the
operational life of an LED. CFLs contain hazardous materials, such as mercury, and require
waste management techniques that LEDs do not. Therefore, LEDs make the best option as a
light source for farming. They are energy efficient, have long operational lifespans, and do not
introduce potentially harmful materials to the farming and colonists’ environment.

F. LED Case Study

In order to determine the contribution of the lighting fixtures towards the total mass, required
power, and occupied volume for the individual XM-3 farming variants, we consider four
different LED grow light models currently on the market. The four models are: the Spydr 1200
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Grow-Max Spectrum, the NeoSol Ds Horticulture, the Spectrum King (SK450), and the Halo
(SGL6). The specifications of each model can be found in Table O.4.

Table O.4: Power, volume, mass, and coverage area specifications for each of the four
LED grow light models.
Grow Light Model

Power (W)

Volume (in3)

Mass (lbs)

Coverage Area (ft2)

Spydr 1200 Grow-

670

5734.8

34

16

520

5325.6

37

16

250

2156

23

16

25

378

4.5

3

Max Spectrum [6]
NeoSol Ds
Horticulture [7]
Spectrum King
(SK450) [8]
Halo (SGL6) [8]

In order to find the volumes of each individual unit of the models shown in Table O.4, we
represent each model as a rectangle. We approximate the length, width, and height parameters
of the rectangle as being the model’s maximum dimensions in each of the three directions. In
the event that relevant dimensions were not given, we used existing dimensions to calculate the
necessary maximum dimension.

The goal of this study is to determine which of the chosen models provides us with the least
amount of mass, power, and volume. We start the analysis by determining the number of units
required to provide a XM-3 farming variant with the necessary amount of light to cover the
entire farming area. We determine the number of units by taking the entire farming area within
the XM-3 farming variant and dividing it by the coverage area each model provides. The
number of units is then multiplied by the mass, power, and volume of the corresponding model.
We calculate heat by using an LED efficiency of 90 percent to determine the amount of energy
that becomes heat [3].
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Table O.5 presents the results for each of the four LED grow light models. The results of the
analysis in Table O.5 are for a single XM-3 farming variant with two floors for farming. Each
floor has an area of 31.8 m2 for farming.

Table O.5: The contributions of the different LED grow light models to the total
specifications of the XM-3 farming variant.
Grow Light
Models

Number of

Power (KW)

Volume (m3)

Mass (Kg)

Heat (W)

28.81

4.04

663.2

2881

43

22.36

3.75

721.7

2236

43

10.75

1.52

488.6

1075

43

5.7

1.41

465.4

570

228

Units

Spydr 1200
Grow- Max
Spectrum
NeoSol Ds
Horticulture
Spectrum King
(SK450)
Halo (SGL6)

We choose the model Halo (SGL6) as the basis for the farm lighting contribution to the
mass, power, and volume of the Mars colony, because it provides the least power and volume
requirements. The Spectrum King (SK450) has a slightly smaller mass contribution than the
Halo, but, since the Halo meets two of the other criteria, we choose the Halo model.

We note that results in Table O.5 are not representative of the final XM-3 farming variant
design. The numbers of floors for farming in the XM-3 are actually 3, not 2. The farming area
has also changed from 31.8 m2 to 29.4 m2. These results, however, are for comparison and can
still be used as such. Results for the Halo (SGL6) LED grow light model that are representative
of the final XM-3 farming variant design are available in Table O.6. Similar results for a CarLa
farm are available in Table O.7.
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Table O.6: Table containing the total summations of values calculated for the Halo (SGL6)
LED grow light model for a single XM-3 farming variant. (i.e. Power = total power
required to operate all the Halo lights within a XM-3 farming variant)
Power (KW)

Volume (m3)

Mass (Kg)

Heat (W)

Number of Units

7.9

2.0

645.0

790.0

316

Table O.7: Table containing the total summations of values calculated for the Halo (SGL6)
LED grow light model for a single CarLa farm. (i.e. Power = total power required to
operate all the Halo lights within a CarLa farm)
Power (KW)

Volume (m3)

Mass (Kg)

Heat (W)

Number of Units

5.3

1.3

430.0

526.7

211

VII. Production & Resupply
The process of taking yield, rotation, and caloric values and finding out how many CarLas
would be needed required many steps. The first step is to determine the total amount of calories
needed by the colony. This calculation takes into consideration the amount of people currently
on Mars and the amount of time they are being fed for. The required calories is stored and used
later. The next step is determining the amount of calories that will be produced per farming
floor. To do this, we first find the yield per square meter of each plant. This calculation is done
by taking the yield per acre and manipulating it into per square meter. With each plant having a
yield per square meter, we take that value and multiply it by the weighed value and the area of
farming per floor. At this point we have a yield per plant per floor. With the yield per floor, we
multiple each plant yield by the respective nutritional values and the given amount of time
divided by the respective rotation duration. By summing all the nutritional value yields, we now
have the nutritional value yields per floor of farming. We can now take the original required
calories, found earlier, and multiply it by the goal percentage. This calculation will produce the
amount of calories we will need to produce with farming. From here, we can take the number of
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floors dedicated to farming in the XM3s and multiply it by the nutritional yields per floor. This
calculation will grant us the nutritional yields of farming in the XM3s. We then take the total
amount of calories we need to produce and subtract the calories produced in the XM3s. This
calculation will give the required calories to be produced using CarLas. Finally, we take the
amount of calories needed to be produced by CarLas and divide it by the caloric yields per floor
of farming. This calculation produces the amount of CarLas we need to use as farming shells.
To find the required volume and mass that needs to be sent, we use the same math that is shown
in appendix U, but with only the excess percent needed.
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Appendix P| Colony Human Factors Resupply Schedules
Once a colony has been established on Mars, it will require constant resupply missions
from Earth with supplies and equipment. The long-term goal of the colony is to be as selfsustaining as possible, but some supplies will need to be sent from Earth. In this section, we
analyze the situation where all supplies must come from Earth. The assumption is that no water
is found on Mars, and no food is produced through farming. This analysis will serve as a
baseline or “worst-case” scenario for human factors supply needs on Mars.

As time moves forward from the initial crew of six colonists, the amount of supplies that will
be needed will increase. The following graph shows how the mass and volume of consumable
supplies needed will grow with the size of the colony. The main supplies needing to be sent are
food and water; the water will be used for drinking and hygiene, as well as for producing
oxygen through the process of electrolysis.

Figure P.1: Mass of Human Factors Cargo Needed for Various Delivery Frequencies

In the above plot, each symbol represents a different frequency of deliveries. Every two and
one-seventh years (synodic period of Earth and Mars orbits) another crew of colonists will
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arrive at the Mars-Phobos settlement. To generate this plot, the mass of food and water required
for the colony’s survival was calculated on a per year basis based on the number of colonists
present during each synodic period. Three metric tons of durable supplies per year were also
added to model the replacement parts and equipment required. The required mass was then
applied divided up across a number of cargo delivery missions and adjusted for periods when a
new crew of colonists would arrive before the next cargo delivery.

For all four delivery frequencies, the first point on the plot represents the mass of food and
water that must be on Phobos, waiting for the first crew of six colonists to arrive. The top plot,
made of blue X’s is for a delivery made every synodic period. That means each cargo delivery
will arrive roughly the same time as the next crew of eighteen colonists and must provide all of
the supplies necessary to sustain the colony for two and one-seventh years. The plot of green
triangles is for a cargo delivery made every year and a half; the plot of red circles is for a cargo
delivery made every year, and the black crosses are for cargo deliveries made every six months.
A good way to understand the information on this plot, is to see that at each point in time after
the initial crew lands, there is a total amount of supplies that will be have had to be sent to Mars
already. By increasing how frequently supplies are delivered, the total amount that must be sent
at one time decreases.

The increase in amount of human factors supplies required increases fairly linearly with time,
with some “stair-step” effect caused by the synodic period between the arrival of each
additional eighteen colonists. As would be expected, the amount of supplies required on any one
delivery decreases directly with the increase of delivery frequency. Shipments arriving every six
months must carry roughly one-fourth as much as shipments arriving every synodic period.
There are limits to how much mass each cargo delivery vehicle can carry, which will also factor
into how many cargo missions are launched. What this plot aims to do is show how the human
factors needs of the colony evolve over time and different schedules for how they can be
delivered. An important consideration that is not a part of this analysis is how much food will be
produced on Mars by farming. The main source of human factors mass requirmements is the
food that must be sent to the colonists, and by producing it at Mars the total mass of supplies
that needs to be sent can be reduced considerably.
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Appendix Q| Lander Human Factors
The crews will have two extended flights on the human lander vehicles. The first will be the
trip from Low-Earth Orbit to the cycler vehicle, this is called the hyperbolic rendezvous
maneuver. The second flight will be when the landers depart from the cycler vehicle and fly to
either Phobos or Mars There are many options that have been explored for these two trajectories.
The main trade-off is between the the amount of propellent required and the time of flight to or
from the cycler. It is more expensive for a shorter trip duration on the lander. Considering human
factors on the lander, more supplies and a larger crew space will be required for a longer duration
of flight. The following plots show how the mass of human factors requirements increases with
time of flight for crews of six and eighteen.

Figure Q.1: Lander Human Factors Masses for a Crew of 6
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Figure Q.2: Lander Human Factors Masses For a Crew of 18
These plots show that the main human factors masses are not from consumable supplies, but
come from durable equipment and life support systems. The next two plots show how the
volume required for human factors needs increases with time of flight.

Figure Q.3: Lander Human Factors Volume for Crew of 6
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Figure Q.4: Lander Human Factors Volume for Crew of 18

Looking at the graphs, we see how the human factors needs evolve with longer times of flight.
Basic food and water needs increase linearly as the duration of the mission increases. However,
there are other changes that occur so that the masses and volumes increase in a discontinuous
fashion. The lander carries an extra amount of water to serve as a backup, such that all of the
crew’s water needs can be met for a certain number of days in the case that the water recycling
system fails. At certain mission durations, the number of “buffer” days increases, causing a sharp
increase in mass and volume required for water systems. The volume required for crew quarters
factors in the psychological effects of spending long periods of time in a confined space. There
are sudden increases in the volume requirements that account for the extra space needed by the
crew for longer missions.

The actual time of flight chosen for these missions is on the order of 1-5 days, so the human
factors considerations will be rather minor. However, the data represented in these plots can be
applied to other missions of longer duration if needed.
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Appendix R| Space Suits
I. Introduction
Since this mission involves sending a crew to a distant planet home to quite the hostile
environment, naturally we must figure out how to protect the crew from said environment.
Therefore, we looked into a variety of space suits that are either currently being used or in
development. We have decided that NASA’s Z-2 suits from the Z-Series would best suit our
needs, as it is the updated form of the EMU suits they have been using for decades. In the
following sections, we shall discuss the suit itself, the systems it runs, and the cost of
consumables required for the suits use during the mission.
II. Suit Description
As previously stated, the suit that is chosen for use in this mission is the Z-2 suit that is
currently under development by NASA. This suit is chosen since it is the successor of the EMU
suit, the suit NASA has been using for space missions since it was developed in 1982. While it
is currently in development, its technology readiness level is currently 7, which means it should
be at least finished by the time the mission starts. These suits can be seen below, in Figure R.1.

Figure R.1: Z-2 suit front (Left) and back (Right) views
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[1] There are a few key differences between the two suits. The Z-2 suit is designed to be more
mobile than the EMU. Here the shoulders, hips, legs, and boots of the Z-2 have been designed
with joints that allow greater mobility and freedom to move and or rotate. The back of the Z-2 is
designed for easy entry and exit, with the solid back plate that can be opened like a hatch. This
allows the user to enter and exit it like a vehicle instead of having to take the suit off piece by
piece like in older models, such as the EMU. This feature allows the user to slide directly into
the suit from a pressurized vehicle, which could be worked into the design of this mission’s
vehicles at a later date.
The suit’s mass is at 154 kg, maintaining an interior pressure of 26.9 kPa. The maximum
amount of time the suit can run is about 8 hours, requiring about 25 W of power to operate. The
suits can hold about 0.6804 kg of gaseous oxygen, stored at about 9.84 MPa, while holding 5.2
L of water coolant, both of which is required to run the suit’s life support systems.

[2] [3] This suit hosts a portable life support system (PLSS), which is found in the back
behind the hatch. The PLSS hosts all of the standard life support systems found in previous
suits. It pumps the suit full of pure oxygen, which is provided from the stored oxygen tank. The
rate at which this oxygen is consumed is based off the user’s metabolic rate. The water stored in
the system is used as a coolant to prevent catastrophic failure in the suit. [4] The PLSS hosts
two major systems of note: the Carbon Dioxide Washout System and the Oxygen Purge System.
A. Carbon Dioxide Washout System
The carbon dioxide washout system is the system that removes the carbon dioxide generated
from the human body and expels it from the suit. To filter the carbon dioxide from the suit’s
oxygen, the air is run through a filtering material, which collects the carbon dioxide and expels
it from the suit at the end of the EVA. For this suit, we have two options to use to filter the
carbon dioxide: Lithium Hydroxide and Metal Oxide.

Lithium Hydroxide is a non regenerable resource, which means it will need to be disposed of
after each use. It is cheaper to manufacture than Metal Oxide. However, it is disposed of after a
single use, which means a large amount of it will need to be available to keep up with out EVA
schedule.
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Metal Oxide is a regenerable resource, which means that we can use it multiple times before it
needs to be disposed of. In fact, it currently be used for 25 EVAs, but research says that with
time they could improve the canisters to get at least double the current amount of uses out of it.
It is more expensive then Lithium Hydroxide to manufacture, but a single canister can be used
many more times than its competitor. This will significantly cut costs down the line.

After looking at the qualities of the two materials, we chose to use Metal Oxide. Not only is
the material regenerable, but the amount of times it can be used before disposable is still
increasing as the technology is further researched. This will cut down on the amount of filtering
material that would need to be sent during each cargo trip, saving costs and increase space for
more important resources, such as water.
III. Oxygen Purge System
The oxygen purge system is the contingency system, where the suit will maintain a habitable
environment for a small length of time after either the suit itself suffers system failure, or if the
suit is at the end of its resources planned for the trip. During this mode, the suit can produce
roughly 3.7648 kg of oxygen per hour, but does not effectively remove the carbon dioxide from
the environment than if it was running at full power.

However, the suits also come with an emergency buddy secondary life support system. In
order to activate this system, two suits are tethered together and the two PLSS systems are
linked. This increases the life support system to produce 1.9051 kg of oxygen per suit for 75
minutes.

IV. Suit Consumables

When it comes to operating costs for the suits, we need to refer back to the mission
requirements. According to our mission description, we have rover trips operating every day of
the week except for Sunday. With four rovers in total, two rovers operate Monday, Wednesday,
and Friday while the other two will operate Tuesday, Thursday, and Saturday. Each rover will
be manned by two people. This results with 4 EVA’s daily. Each trip is be a maximum 200 km
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total. For the sake of simplicity, let us assume that the suits will be used for about 4 hours,
consuming the appropriate amounts of consumables and energy.

First, we need to calculate the amount of oxygen that will be consumed daily. To do so, Eq.
R.1 is used.
𝑡

𝑚𝑜2𝑑𝑎𝑖𝑙𝑦 = 𝑚𝑜2 ∗ 𝑛𝑒𝑣𝑎 ∗ (𝑡 𝑒𝑣𝑎 )
𝑚𝑎𝑥

(R.1)

Here, mo2daily is the mass of oxygen consumed daily [kg], mo2 is the mass of oxygen consumed
in a single EVA [kg], neva is the number of EVA’s occurring a day, teva is the amount of time
each EVA lasts [hour], and tmax is the maximum amount of time that an EVA can last [hour].

Next, we need to calculate the amount of water that will be consumed daily. To do so, Eq. R.2
is used.
𝑡

𝑚ℎ2𝑜𝑑𝑎𝑖𝑙𝑦 = 𝑚ℎ2𝑜 ∗ 𝑛𝑒𝑣𝑎 ∗ (𝑡 𝑒𝑣𝑎 )
𝑚𝑎𝑥

(R.2)

Here, mh20daily is the mass of water consumed daily [kg] and mh20 is the mass of water consumed
in a single EVA [kg].

Now, we need to calculate the amount of power is consumed by the suits daily. To do so, Eq.
R.3 is used.
𝑡

𝑚𝑑𝑎𝑖𝑙𝑦 = 𝑝𝑒𝑣𝑎 ∗ 𝑛𝑒𝑣𝑎 ∗ (𝑡 𝑒𝑣𝑎 )
𝑚𝑎𝑥

(R.3)

In this equation, pdaily is the power consumed daily by all EVA’s [W] and peva is the power
consumed by a single EVA [W]

Next, we need to calculate the total amount of all consumables will be used over a length of
time. First, we will calculate the total amount of oxygen consumed. To do so, Eq. R.4 is used.
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6

𝑚𝑜2𝑡𝑜𝑡 = 𝑚𝑜2𝑑𝑎𝑖𝑙𝑦 ∗ 𝑡𝑑𝑢𝑟𝑎𝑡𝑖𝑜𝑛 ∗ (7)

(R.4)

Here, mo2tot is the total mass of the oxygen consumed during the mission in EVA’s [kg] and
𝑡𝑑𝑢𝑟𝑎𝑡𝑖𝑜𝑛 is the length of time the mission of Mars lasts working the currently established EVA
schedule [day]. Next, we calculate the total water consumed during this mission. To do so, Eq.
R.5 is used.
6

𝑚ℎ2𝑜𝑡𝑜𝑡 = 𝑚ℎ2𝑜𝑑𝑎𝑖𝑙𝑦 ∗ 𝑡𝑑𝑢𝑟𝑎𝑡𝑖𝑜𝑛 ∗ (7)

(R.5)

In this equation, mh2otot is the total mass of the oxygen consumed during the mission in EVA’s
[kg]. Now, we need to calculate the amount power consumed by suits during the mission in
EVA’s. To do so, Eq. R.6 is used.
6

𝑝𝑡𝑜𝑡 = 𝑝𝑑𝑎𝑖𝑙𝑦 ∗ 𝑡𝑑𝑢𝑟𝑎𝑡𝑖𝑜𝑛 ∗ (7)

(R.6)

Here, ptot is the total power consumed by the suits during EVA’s throughout the whole mission
[W].

Now, we need to calculate the total amount of metal oxide we need to bring to satisfy the
mission requirements. First, we need to calculate the amount of canisters of metal oxide will be
needed to last the entire mission for a single crew member, which we can find using Eq. R.7.

𝑛𝑐𝑎𝑛 =

𝑡𝑑𝑢𝑟𝑎𝑡𝑖𝑜𝑛 ∗6⁄7
𝑛_𝑐𝑎𝑛𝑙𝑖𝑚

(R.7)

In this equation, ncan is the number of canisters of metal oxide that will be necessary to bring to
satisfy mission requirements for a single crew member and ncanlim is the number of times a
canister can be reused before it needs to be replaced. Note, the value for ncan will always be
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rounded up, for even if the canister will not be fully used, it will still be necessary. Now, to
calculate the total number of canisters that will be needed, Eq. R.8 will be used.
𝑛𝑡𝑜𝑡 = 𝑛𝑐𝑎𝑛 ∗ 𝑛𝑒𝑣𝑎

(R.8)

Here, ntot is the total number of metal oxide canister needed for this mission. Finally to calculate
the total mass of metal oxide necessary for the mission, Eq. R.9 will be used.
𝑛𝑐𝑎𝑛𝑡𝑜𝑡 = 𝑛𝑡𝑜𝑡 ∗ 𝑚𝑐𝑎𝑛

(R.9)

In this equation, mcantot is the total mass of metal oxide canister required for the mission [kg] and
mcan is the mass of a single canister of metal oxide [which in this case is 14.5 kg]. That
concludes calculations for the required consumables to run the space suits for this mission.
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Appendix S| Mars Landing Site
I. Introduction
One of the more important things that we need to narrow down right at the start of this
project is our landing site from Mars. We need to find the location where the XM3’s will set up
our base of operations on Mars. Once we have that, we can establish the trajectories to get from
Phobos to Mars, assess how many resources we could generate from the surrounding area, and
figure out where satellites in Mars’ orbit need to be placed for maximum efficiency. This
section will show how we chose our landing site, step by step, and why it is our best possible
option.

II. Criteria
Before we even start to look at land site locations on Mars, we first need to establish a set of
criteria for which to judge the location with. Looking through the general mission requirements,
the first criteria that is established is that the location needs to be on flat in both elevation and
surface. There are two reasons for this. First, it makes landing the XM3’s, the cargo vehicles,
and the landers much easier than if the surface was rough, mountainous, or chaotic. Second, the
rovers can only operate up inclines at most of 30 degrees, so the flatter the terrain and less
littered with debris it is the better.

The second criteria found by looking at the mission requirements is that the landing site
needed to be close to sources of water. This was chosen to make it easier to harvest Martian
water for fuel, not to mention refilling the water supply to save on the costs of transporting the
water from Earth to Mars.
The third criteria is that the location needs to be in an area where the XM3’s, rovers, etc.
would be able to function while being affected by the surrounding temperature as little as
possible. This is done to save on the costs of maintaining temperatures which could support life,
not to mention put as little stress on the XM3’s technology as possible when dealing with Mars’
freezing temperatures.
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From here on, we established a few criteria based on the various needs of the teams as well as
what we deemed necessary to ease on mission costs and risk. From this mindset, the fourth
criteria established is that the landing site needs to be at a low altitude. [1] It has been proven
that ice has been found below the Martian surface and at sites of low altitude, so by making this
one of the criteria, it helps us choose a location close to potential sources of water. Not only
that, but the amount of radiation a location is bombarded with decreases proportionally to the
decrease in altitude, so low altitude locations will help shield the base and its crew from more
radiation that locations at higher altitudes.

The fifth criteria established is that the location needs to be close to the equator of Mars. One
reason for this is that it is much easier for the satellites to orbit around the equator on Mars,
helping lower the costs of keeping up with our strict communication requirements. Another is
that many previous missions to Mars have chosen their landing sites to be centered on the
equator, so we have more knowledge on what to expect if we land in those locations than if we
chose a location farther north or south.

The sixth and final criteria established is that the landing site needs to be scientifically
interesting. While more of a long term reason, choosing a location with this in mind allows the
crew to learn more about the Martian landscape while also giving them plenty of opportunities
to research while they spend their time on the base. This criteria, however, is much less
important than the previous five, which will be reflected in the weighted decision matrix when
choosing a singular location.

III. Landing Site Options
From these criteria, we can narrow down our choices in landing sites. [2] The flat elevation
criteria alone eliminated the entire southern hemisphere form our list of options, for the terrain
that is extremely chaotic due to volcanic activity and impacts from space debris. Next, we face
an issue of conflicting criteria. If we focus our site choices near the equator, it goes against our
criteria of landing near water, for almost all sources of water on Mars are found near its poles.
In order to satisfy both criteria without ignore either of them, two sets of locations are chosen,
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each based in favor of a side of the conflicting criteria. The first set of locations focus on being
closer to the equator, which are Henry Crater, Elysium Platinia, and Casius. The second set of
locations focus on being closer to water-rich locations on Mars, which are Utopia Platinia,
Arcadia Platinia, and Cebrenia. [3] [4] These six locations are explored in more detail in the
following paragraphs.

A. Henry Crater
The Henry Crater location can be found in the Arabia quadrangle, at 10.9 degrees N, 3.7
degrees E. The average temperature range in this location is from 133 K to 293 K. The altitude
at this location is -1000 m. The dark soil bands surrounding the crater are possibly due to water
and ice buildup in and below the soil on the surface. Being located along the equator, the
temperature generally stays consistently warmer all year round, but considering the major
temperature shifts occur when day turns to night, this benefit is greatly lessened. The terrain
near and in the crater is riddled with smaller craters, which would force us to place our base of
operations outside Henry Crater. Still, the location’s unique geological features makes
researching Martian climate change much easier than if we landed in one of the other locations.

B. Elysium Platinia
The Elysium Platinia location can be found in the Elysium quadrangle, at 3 degrees N, 154
degrees E. The average temperature range in this location is from 143 K to 303K. The altitude
at this location is -1500 m. Located in between to extinct volcanoes, this location provides a
variety of useful resources in the soil, not to mention that sources of methane have been found
in the area. This location, despite being near the volcanoes, is incredibly flat, which would make
rover travel incredibly easy. While water is thought to be found near the volcanos, since this
location is so close to the equator, harvesting water from the surrounding area will be a
challenge.

C. Casius
The Casius location can be found in the Casius quadrangle, at 35 degrees N, 75 degrees E.
The average temperature range in this location is from 143 K to 283 K. The altitude at this
location is -3000 m. Not only is this location where temperature was the most consistent
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throughout the year, the region is flat enough to make rover travel simplistic. The site also
borders the Nilo Syrtus, a region of transition from the southern highlands to the northern
lowlands that housed an ancient lake. From here, valuable minerals can be mined, as well as
information that could help us better understand the flow of water on Mars. Unfortunately, the
location is also far from the equator, as well as sources of water that could be harvested.

D. Utopia Platinia
The Utopia Platinia location can be found in the Cebrenia quadrangle, at 47 degrees N, 143
degrees E. The average temperature range in this location is from 153 K to 278 K. The altitude
at this location is -4000 m. Ice can be found both right below and at the surface of this location,
making water harvesting a simple task. Being far from the equator, it will be harder to establish
a system of communication that if we were closer. The surface here, while being flat in
elevation, is also littered with rocks ranging in size from pebbles to basketballs, which can make
rover travel difficult.

E. Arcadia Platinia
The Arcadia Platinia location can be found in the Amazonis quadrangle, at 50 degrees N, 173
degrees W. The average temperature range in this location is from 153 K to 278 K. The altitude
at this location is -3750 m. The surface here, paved flat due to ancient lava flows, is easy to
traverse using rover. Ice can be found below the surface, so water harvesting will be a breeze.
Being farther from the equator then other locations, this location will experience colder
temperatures regularly, as well as make communication with Earth harder. However, due the
surface being created due to volcanic activity, it holds the potential to be valuable when it
comes to harvesting various minerals.

F. Cebrenia
The Cebrenia location can be found in the Cebrenia quadrangle, at 43 degrees N, 150 degrees
E. The average temperature range in this location is from 143 K to 283 K. The altitude at this
location is -3500 m. The surface here is flat, making rover travel simple. Ice can be found 10 cm
below the surface, and the soil itself is rich with silicon, iron, magnesium, aluminum, sulfur,
calcium, and titanium. This make the surrounding environment a goldmine for harvesting
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resources. Found near Mie crater, this landing site is near the Viking II one, which would allow
us to use its data to give us a better idea of what to expect when we establish our base there.
Unfortunately, the location is far from the equator, which means higher communication costs
and colder temperatures on average. Not only that, the surface is known to be littered with
medium to large rocks, which could impact rover travel.

IV. Decision Process

Now that we have looked at the six potential sites for establishing our base on Mars, we need
to decide which will be our main choice. To do so, we create a weighted decision matrix in
order to objectively decide what site should be chosen. This weighted decision matrix can be
found below in Table S.1.

Table S.1: Weighted decision matrix to decide the Mars landing site
Nearby
Landing
Site

Flat

Water

Habitable

Low

Close to

Scientifically

Elevation

Source

Temperature

Altitude

Equator

Interesting

Weight: 3

Weight:

Weight: 3

Weight: 2

Weight: 2

Weight: 1

Total

3
Henry
Crater

(1)*3 = 3

(1)*3 = 3

(2)*3 = 6

(1)*2 = 2

(3)*2 = 6

(3)*1 = 3

23

(2)*3 = 6

(1)*3 = 3

(2)*3 = 6

(2)*2 = 4

(3)*2 = 6

(3)*1 = 3

28

(2)*3 = 6

(2)*3 = 6

(2)*3 = 6

(3)*2 = 6

(2)*2 = 4

(3)*1 = 3

31

(3)*3 = 9

(3)*3 = 9

(1)*3 = 3

(3)*2 = 6

(1)*2 = 2

(1)*1 = 1

30

(3)*3 = 9

(3)*3 = 9

(1)*3 = 3

(3)*2 = 6

(1)*2 = 2

(1)*1 = 1

30

(2)*3 = 6
(3)*2 = 6
Medium = 2

(1)*2 = 2

(2)*1 = 2
Low = 1

34

Elysium
Platinia
Casius
Utopia
Platinia
Arcadia
Platinia
Cebrenia

(3)*3 = 9
(3)*3 = 9
High = 3
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The criteria established in this matrix were based on the criteria established above. Flat
elevation, nearby water sources, and habitable temperature were given the greatest weight, for
they are the three criteria that are deemed by the team to be the most important in determining
the value of a particular location to this mission. Low altitude and close to the equator, which
are both valuable traits, were deemed to be less important in comparison to the previous three,
for two reasons. First, being close to the equator, while effective in lessening the costs needed to
keep constant communication with the base, is not that necessary to the success of the mission.
Second, low altitude and close to water were deemed to be relatively the same criteria, when
looking at our locations, so while it is still important, its role was already being fulfilled by
another criteria. Finally, as previously stated, while locations that are scientifically interesting
could be useful in the long run, it is not the focus of the mission at hand, which is to establish a
base on Mars that will be able to sustain itself. Therefore, the criteria of being a scientifically
interesting location holds the least weight of the criteria.

V. Chosen Location

Using the weighted decision matrix, it is established that the best possible location for our
landing site is the Cebrenia location. Not only is it close to sources of water, but it also is ideal
for rover travel and rich in various minerals, which can be harvested for various purposes. It
even satisfies the scientifically interesting criteria by being close Mie crater. Unless further
research deems its potential as a landing site to be less than we originally thought, this will be
the site of our base of operations.

As a contingency, a secondary site is chosen using the Casius site, for it had the most stable of
the temperature throughout the year compared to the other landing sites, as well as being a
location which other mission to Mars have considered as a potential site. Also, it ranked the
second highest using the weighted decision matrix, making it our second best choice for
location using our current criteria. This site will be used as either a second base of operations
much, much farther down the timeline, or if the site at Cebrenia is deemed unfit for what we
need it to be.
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Appendix T| Crew

I. Crew Knowledge
Crew health and safety are first priority for the success of our mission. The crew spends their
available time on Mars on either habitation-related tasks, exploration, or scientific related tasks.
Due to this, we require expertise in a variety of areas. We need the crew to be diverse in
knowledge and skill. For a successful mission we require expertise in command, control,
vehicle functions, and facility operations functions. These include management, routine, and
contingency operations. Expertise in these areas provides the crew the best chance for survival
if an unexpected event occurs [2]. Maintenance must be accomplished for all facility systems,
human support systems, EVA systems, and science equipment. During the first phase to Phobos
we require specialization in assembling the Mars habitat. We also require expertise in various
habitability tasks, these include providing medical support, performing, and conducting and
analyzing experiments [3]. For the Mars base we need members with skills in crop growth and
aeroponics. The skills needed outnumber the number of crew during the first phase of the
experiment; therefore persons will need to be trained to perform tasks outside their specialty.
II. Crew Physical Condition
A. Crew Selection
Due to high stress and the possibly of severe conditions we require the crew to be in upmost
health. We follow the same crew selection criteria as the NASA crew selection standards and
have some additional requirements [1]. Our design is modeled around the average height and
weight of American citizens. We require the crew to be of standing height between 1.57 and
1.91m and for each group of six to have a summed weight of equal to or less than 450kg [1]. Our
additional requirements include the ability to withstand the high g-forces placed on the crew
during various parts of the mission, high ability to deal with psychological dangers that this
mission could impose, and other requirements that may arise as the projects first phases go
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through testing. Selected crew members must be extensively tested to be sure to meet all the
conditions necessary for this mission to be successful.
To keep the crew in high physical shape and to prevent physical risks due to gravity change
we require the crew to exercise for two hours six days a week during the entire mission. To
complete this requirement we provide two machines similar to elliptical or treadmills on each
XM3. There is also resistance training and other exercise equipment available for the crew. In
our calculations we use an average of mass and volume of various exercise equipment as
specific exercise equipment is based on selected crew needs [3]. Regular exercise helps to
maintain crew health and studies show it also increases overall mood and improves quality of
life.
The crew has several physical risks that could occur during the mission due to long duration
space flight and time differences. These include sleep deprivation, space adaptation, body
posture fluctuations, biomedical changes, and appearance variations [2]. Currently, exercise
helps to prevent these changes in space flight but the effects of long duration spaceflight has yet
to be determined. Exercise will be used in our mission to help prevent long term or painful
physical changes but this topic should be researched further.

B. Crew Psychological Risks
There are many psychological risks that are likely to arise during the mission. Psychological
issues arise because of isolation, schedule changes, boredom, space adaptation, crew
integration, and others [3]. Our crew selection will include tests to limit these psychological
conditions. Knowledge on this topic is considered broadly for this report but is beyond the
scope of this project.
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Appendix U | Crew Items

I. Crew Items
A. Clothing
Each crew member will wear clothing in a similar fashion as American astronauts currently
on the ISS. The clothing we provide the crew for our mission is based on historical numbers of
the total rate of clothing usage on ISS [2]. The astronauts will be staying on Mars and Phobos for
a long period of time so to reduce the mass and volume of clothing we provide them a washer
and dryer to clean their clothing. On Mars and Phobos we give each crew member enough
clothing to last six weeks. For the cycler and return mission we take enough clothing to last the
entire trip. At the end of the cycler mission the clothing goes to waste as new clothing is
available on the XM3’s on Mars or Phobos. For the lander vehicle we do not provide clothing
because the crew is on the vehicle for a relatively short amount of time. In table U.1 we show the
mass and volume of each of the individual clothing items each astronaut is provided with [1].
Table U.1: Volume and Mass distribution of items in the XM3-M.
Clothing Item

Individual Item Mass [kg]

Individual Item Volume [m3]

Exercise Shorts

0.18

0.000944

Exercise Shirts

0.135

0.000944

Work Shirt

0.19

0.000950

Work Pants/Shorts

0.37

0.001

Under Shirt

0.12

0.000944

Underwear

0.05

0.0000941

Socks

0.06

0.0000944

Sweater

0.22

0.0015

Tennis Shoes

0.48

0.000688

Work Shoes

0.55

0.000688

Total

2.36

0.007846
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Total per 6 weeks

9.64

0.043

Clothing is re-worn to reduce the amount of mass and volume necessary for clothing. In
space clothing is less likely to get dirty due since there is no dirt and minimal dust so the
astronauts get less dirty [5]. We display in table U.2 the amount of days individual clothing
items are re-worn. The average rate at which all clothing is re-worn is 0.23 kg/day. This rate
does not include shoes as shoes are not changed regularly.

Table U.2: Amount of Times Clothing is Re-worn during the Mission.
Clothing Item

Amount of Days Re-worn

Exercise Shorts

3

Exercise Shirts

3

Work Shirt

10

Work Pants/Shorts

10

Under Shirt

10

Underwear

2

Socks

2

Each cargo mission will bring enough new clothing for each crew member to have an entire
new set of clothing every 5 years. The new clothing is brought over the 5 year span. This helps to
keep crew comfortable and helps to facilitate physical body changes that may occur.
B. Appliances

To help the astronauts be comfortable and have similar activities as on Earth we provide them
with several appliances. We offer all of the appliances on each XM3 and return vehicle. To help
with meals we offer the crew a forced air convection. On lander vehicles we do not have an oven
because of the small amount of time spent on the lander vehicle. Each kitchen and bathroom has
a sink to help with cleaning and hygiene. We arrange for a trash compactor to help reduce the
volume of waste. We do not require a refrigerator or freezer because the shipped food is freeze
dried or packaged in ways that do not require being kept cold. Food grown through farming will
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be fresh and will not need to be stored using refrigerator or freezer. All of these items are
permanent fixtures and new ones will only be sent via cargo missions if necessary.

C. Electronics
As required in the project specs, HDTV’s will be on each vehicle and available for all crew
members to use. Each astronaut is provided a tablet or laptop for personal use. Lab computers are
available with programs dedicated to maintenance or experiments. Mass and volumes used for
this equipment is based on the averages of different brands and types of each electronic [6].
Additional electronic equipment may be necessary to perform lab experiments or complete
modules command functions. An additional mass of 300kg and volume of 2 m3 were given to
account for these scenarios. None of these items are consumables and will only be sent on cargo
missions if the original one needs replaced.

D. Cleaning Products
The crew members will clean their environment regularly. We give the crew members three
vacuums, one for use in the lab and maintenance area, one for personal space use, and a spare.
We provide cleaning wipes and rags for general household cleaning. Trash bags are given to the
crew in each vehicle to dispose of waste. We determine the number of cleaning items necessary
based on the rate they are used on the ISS [2]. Mass and volumes for these items is based on
estimated necessary mass and volume based on historical space missions. With the exception of
the vacuums, these items are consumables and will need to be resupplied via the cargo missions.
II. Maintenance Equipment
To keep each vehicle in working order we give each XM3 maintenance supplies. With these
the supplies the astronauts have the ability to completely fix or temporarily replace almost any
item on the vehicle. Rather than list specific masses of many maintenance items we choose to
set a mass and a volume for the total amount of maintenance items. These mass and volumes are
shown in table U.3.
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Table U3: Amount of Times Clothing is Re-worn during the Mission.
Maintenance Item

Mass [Mg]

Volume [m3]

Hand Tools and Accessories

0.3

1

Test Equipment

0.5

1.5

Consumable Tool Items

0.1

0.1

Fixtures/Large Equipment

0.5

5

Totals

1.4

7.6

III. Miscellaneous Supplies
Other items we bring on our mission include operational supplies, maintenance supplies, lab
supplies, medical supplies, kitchen supplies, and hygiene supplies. We use mass and volumes for
these supplies based on historical space mission data estimated for long term usage [2]. Medical
and hygiene supplies are consumables and are restocked with every cargo mission. We restock
kitchen, operational, and maintenance supplies based on need.
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Appendix V| Food
I. Introduction
This appendix will illustrate the processes and numbers that went into calculating the
volume and mass of food needed to be sent or grown for this project. This section will not
cover the process of farming. That part may be found in appendix N.

A. Calorie Requirement
As mentioned in the report, the dietary requirements for the astronauts on this mission are
based on calories. To determine the needed calories per day, a variety of ages and levels of
activity were looked at. Below in table V.1, you can see the range of calorie requirments
observed. [2]

Table V.1: Calorie Requirment Based on Sex, Age, and Activity Level

Group

Sedentary

Active

Men (19-30)

2,400 calories

3,000 calories

Men (31-50)

2,200 calories

2,800 calories

Women (19-30)

2,000 calories

2,400 calories

Women (31-50)

1,800 calories

2,200 calories

Average

2,100 calories

2,600 calories

Using the numbers above, we decided to only focus on the active numbers and ran the
average of them. By this method, an average of 2,600 calories was choosen for the astronauts.
All later calculations were done using this value. Another dietary requirement came in the form
of carbohydrates per day. For this value, a required value per day was researched. The value of
required carbohydrates per day per astronaut is 130 grams. [2]
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II. Mass and Volume of Shipped Meals
All the meals while in transit and 60% of meals while on Mars will need to be packaged on
earth and sent with the astronauts. For all of these meals, a mass and volume is needed to design
our vehicles. The meals were will be based on Meals Ready to Eat, MREs. The first step was to
find the average weight for all of the meals. Using MREs as reference, the average weight per
meal was determined to be 0.625 kg. [3] We will also be assuming that each astronaut has three
meals a day, seven days a week. Using these assumptions we can find the total mass using the
following equation.
Total Mass = Weight Per Meal * Meals Per Day * Number of People * Days
The next step was to find the average density of all food types. To do this, we averaged the
following densities of common bulk food. You can see all the different densities below in table
V.2.[1]
Table V.2: Bulk Density of a Variety of Food Material
Food Material

Bulk Density (kg/m3)

Beans, soy whole

800

Butter

911

Coconut, shredded

320 - 352

Cofee beans, green

673

Cofee, ground

400

Cofee, roasted beans

368

Corn, shelled

720

Corn starch, loosely packed

540

Corn starch, tightly packed

630

Corn syrup

1380

Grain Barley

620

Grain Corn, shelled

720

Grain Corn, ear

900

Grain, Flax

770
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Grain, Millet

640

Grain, Oats

410

Grain, Rice rough

580

Grain, Rice, hulled

750

Grain, Rye

720

Grain, Wheat

770

Honey

1420

Milk, whole dried

320

Mayonnaise

910

Mayonnaise, light

1000

Mustard seed

720

Oil, vegetable

920

Peanuts, hulled

480 - 720

Peas, dried

800

Rapeseed

770

Rice, clean

770

Salt, Sodium Chloride

2165

Sugar, granulated

800

Sugar, sucrose

1550

Using these densities, we produced an average density of 795.36 Kg/m3. This density was
then used to find the volume needed for a certain mass of food. The following equation was
used to calculate the total volume.
Total Volume = Total Weight / Average Food Density
This method was coded and added to the Human Factors Master Code.
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Appendix W| Water
I. Introduction
When planning manned space missions, adequate water supply for the astronauts is one of
the most important factors to consider alongside food and air. Without water, we do not get our
crew to Mars, let alone sustain a permanently manned colony. However, water is heavy and
bulky, so we must ensure that our crew has enough to survive while keeping the mass and
volume within reasonable boundaries.

Each step toward our goal of establishing a colony on Mars has different time and crew
requirements. For that reason, our objective here is a simple method of calculating how much
water to take depending on crew size and mission duration. From there, we can find how much
water is needed to ensure mission success. We are not concerned at this stage where the water
comes from, only the amount that is needed.

II. Water Supply
A. Daily Budget

In order to find out how much water we need for a mission, we first need to know how much
water an astronaut needs to get through a single day. We break down the typical daily water
needs for an astronaut in Table W.1 with average amounts expected for different purposes. [1]
We set a budget for specific requirements such as drinking water, food rehydration, hygiene,
toilets, and medical needs. We also assume that some water goes toward oxygen generation to
keep the atmosphere breathable in crew compartments. Finally, we include an allowance for
additional water for other purposes which can vary depending on mission constraints.

Robert Skidmore | 471

Appendix W

Project Aldrin-Purdue
Table W.1: Water Consumption Daily Budget
Purpose

Amount (L/crew/day)

Drinking Water

2.000

Food Rehydration

0.500

Hygiene

0.750

Flush Water

0.250

Medical

0.050

Oxygen Generation

0.950

Other

1.500 – 3.500

Total

6.000 – 8.000

III. Mission Requirement

Now that we know how much an astronaut needs for a day in space, we can easily calculate
how much a crew consumes over the course of a mission using Eq. W.1.
𝑉 = 𝑣𝑐𝑟𝑒𝑤𝑑𝑎𝑦 ∗ 𝑛𝑐𝑟𝑒𝑤 ∗ 𝑡𝑑𝑎𝑦𝑠

(W.1)

V = Total volume of water consumed during mission
𝑣𝑐𝑟𝑒𝑤𝑑𝑎𝑦 = Volume consumed by one crew member in one day
𝑛𝑐𝑟𝑒𝑤 = Number of crew members
𝑡𝑑𝑎𝑦𝑠 = Duration of mission in days

For small crews on short missions, the amount of water needed is not large compared to the
mass of the vehicle. A crew of six on a five day mission will not need more than 180 liters of
water. However, for longer missions such as surviving on Mars between resupply missions, the
amount quickly becomes impractically large. A crew of six might have to wait up to 800 days if
water is sent from Earth, and that can amount to as much as 38400 liters. Since the density of
liquid water is defined as one kilogram per liter, that amounts to over 38 Mg.
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If we want to sustain a crew of astronauts for long-term missions, we cannot afford to dump
waste water overboard. We must recycle water to reduce the amount needed to last for an entire
mission. We accomplish this by collecting and treating waste water from as many sources as
possible within the system. Sources include water vapor condensed from the cabin atmosphere
and general waste water from fixtures in the crew areas. Even water from urine, solid biological
waste and trash can be recovered. [2, 3]

Since it is impossible to create a perfectly closed-loop system for recycling water, we
introduce a recycling efficiency factor, η, into Eq. W.1 to account for water losses. This gives
us Eq. W.2, which calculates how much water is lost over the course of a mission.
𝑉 = (1 − 𝜂) ∗ 𝑣𝑐𝑟𝑒𝑤𝑑𝑎𝑦 ∗ 𝑛𝑐𝑟𝑒𝑤 ∗ 𝑡𝑑𝑎𝑦𝑠

(W.2)

When we factor in recycling for our sample mission of six crew for 800 days, we find that
even with a recycling efficiency of 80%, we reduce the water requirement from 38.4 Mg to 7.68
Mg. At 90% efficiency, we only need 3.84 Mg to sustain the crew for the same amount of time.

While the reduction in water need is helpful, assuming a fixed recycling efficiency also
means assuming that nothing will ever break, and that no accidents happen that might increase
system losses. Therefore, we include a contingency supply of water as a safety buffer to
accommodate possible emergencies. To account for this, we introduce another variable into Eq.
W.2, 𝑡𝑐𝑜𝑛𝑡 , which stands for the number of days of extra water supply where we assume zero
recovery. We then subtract the days of contingency supply from the total duration of the
mission to save some of the weight gained from adding the extra water supply. The general
formula for calculating the required water supply for a mission is given by Eq. W.3.
𝑉 = 𝑣𝑐𝑟𝑒𝑤𝑑𝑎𝑦 ∗ 𝑛𝑐𝑟𝑒𝑤 ∗ 𝑡𝑐𝑜𝑛𝑡 + (1 − 𝜂) ∗ 𝑣𝑐𝑟𝑒𝑤𝑑𝑎𝑦 ∗ 𝑛𝑐𝑟𝑒𝑤 ∗ (𝑡𝑑𝑎𝑦𝑠 − 𝑡𝑐𝑜𝑛𝑡 )

(W.3)

Returning to our sample mission, we include a contingency supply of 60 days for our crew.
At a recycling efficiency of 90%, our total supply increases to slightly more than 6.4 Mg. Still,
this is not an unreasonable number. It also demonstrates the benefits of increasing the efficiency
Robert Skidmore | 473

Appendix W

Project Aldrin-Purdue

of water recycling because going from 80% to 90% efficiency more than makes up for the
added mass of the contingency supply for the mission.

IV. Mission Analysis

Now that we have a formula to determine the water requirements for a given mission length
and crew complement, we can investigate the effects of daily budget and recycling efficiency on
water consumption. For the basic Mars colony, the initial crew consists of 18 astronauts and
may go as long as 800 days before a resupply mission. With these basic parameters, we
calculate the water losses over a range of water budgets and recycling efficiencies to determine
how much water is needed to ensure the survival of the colony.

Figure W.1 shows the water deficit plotted as a function of recycling efficiency. Each line on
the plot represents a constant water budget, and a point on a line gives the amount of water
needed to replace the water lost over the course of an 800 day mission with 18 crew members.
The red line for 8.0 kg/crew/day represents the base consumption rate used to calculate the
safety factor. The blue line for 6.0 kg/crew/day represents the bare minimum consumption rate
for crew survival. As the colony develops, we want to allow for greater water consumption to
help improve the crew’s general quality of life. We must keep in mind, however, that this
analysis assumes that nothing breaks, and that we also have not accounted for the water
requirements for farming within the colony or in-situ propellant production. Water use for those
purposes requires separate analysis not covered in this appendix. Farming is discussed in
Appendix O, and propellant production is covered in Appendices AA and CK. Our goal here is
simply to estimate how much water we need to send from Earth or harvest from Martian soil in
a given time period to sustain crew activity.
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Figure W.1: Water loss is plotted as a function of recycling efficiency for given
consumption rates.
We can also examine the water loss as a function of daily consumption along lines of constant
recycling efficiency. Figure W.2 shows the results. The primary region of interest lies between
the red line for 86% and the black line for 91% efficiency. The lower bound of 86% represents
the capability of current technology as implemented on the International Space Station. The
upper bound of 91% represents what we hope to achieve on Mars using additional processing
technology tested and improved during the Moon and Lagrange Point missions. By comparing
the two plots, we can see the benefits gained from improving the system recycling efficiency.
As efficiency increases, lines of constant consumption in Fig. W.1 get closer together. In Fig.
W.2, lines of higher constant efficiency have smaller slopes. We conclude from these
observations that water loss becomes less sensitive to consumption rate as we recycle water
more effectively.
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Figure W.2: Water loss is plotted as a function of daily consumption for given recycling
efficiencies.
Finally, we can modify Eq. W.2 to find out how much water crew members can afford to use
given an available water supply, crew size, and mission length. By solving for crew member
consumption, we get Eq. W.4 below.

𝑣𝑐𝑟𝑒𝑤𝑑𝑎𝑦 =

𝑉
(1−𝜂)∗𝑛𝑐𝑟𝑒𝑤 ∗𝑡𝑑𝑎𝑦𝑠

(W.4)

Each module sent to Mars has a capacity of 4.0 Mg, so the minimum available water supply
for our crew is 36 Mg. As the crew size grows over time, the maximum consumption of each
crew member drops unless we increase the water capacity. Figure W.3 shows how much water
different size crews can use without exhausting the available water supply. However, we recall
the implicit assumptions in Eq. W.4. We do not account for the contingency supply, nor do we
consider losses from system failures that may temporarily reduce recycling efficiency. We have
only done a big-picture analysis to find the highest average consumption rate that a crew member
can get away with in the ideal case. Our purpose in running this analysis is to calculate the safety
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factor for our water supply. It is clear from the plots in Fig W.3 that the safety factor drops
significantly with each crew cycle. Because the mission calls for 54 crew members, our primary
concern is the green line. At the base water capacity of 36 Mg, there is enough water to sustain
the crew, but the safety factor is low. The maximum consumption rate is only 9.26 kg/crew/day,
which gives a safety factor of 1.16. For that reason, we expand the water capacity to 51.2 Mg as
the crew grows. At that level, the safety factor goes up to 1.65.

Figure W.3: Maximum allowable consumption rate is plotted as a function of available
water supply.
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Appendix X | Risks of Radiation Exposure
From the missions specifications, only minimal radiation shielding is to be used on the
cycler vehicle. The reason for this is to minimize the amount of mass that must initially be put
into orbit from Earth. However, more research needs to be done on this subject because the
negative effects of radiation could pose a serious problem for the survival of the crew on the trip
to Mars.

Radiation exposure is measured by an absorbed dose and an equivalent biological dose. The
absorbed dose is a measure of how much energy has directly been absorbed by the material.
Measurment is done in “rads” where one rad of radiation exposure is 1/100 joules per kilogram
of material. The equivalent biological dose takes into account the different types of radiation
that can be experienced. Units for measuring this type of exposure are the Sievert (S) and the
Roentgen Equivalent in Man (REM), where 1 Sievert = 100 REM. These equivalent measures
take into account both the amount of energy absorbed and the damage that type of radiation
does to the body.
According to NASA’s Radiation Analysis Group, exposure to radiation has both short-term
and long-term risks. Both stem from the fact that radiation can damage the DNA in a person’s
cells. Short term effects can be mild, such as nausea and vomiting, or severe such as long term
damage to the central nervous system and death. The severity of these effects depends on the
strength of the radiation received and the duration of exposure. The main long-term effect is an
increased risk of cancer over the course of a lifetime.[1]

An article from the magazine Popular Science written 2013 explains what astronauts will be
exposed to on their way to Mars. Instruments on NASA’s Curiosity rover measured a radiation
dose of 1.8 milliSieverts per day of cosmic galactic rays in transit to Mars. [2] This low level
dose of radiation will add up to about 0.324 Sieverts for a 180-day mission on the cycler
vehicle. There will also be periodic bursts of radiation from solar activity that would increase
that dose. Some of the radiation will be blocked by the shell of the spacecraft, but without
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shielding, the crew will receive most of that dosage. Though there will be shielding on Mars,
the colonists will still be exposed to high levels of radiation while living on the colony. An
overall dosage of one Sievert has been correlated with a five percent increase in cancer risk; and
the current NASA lifetime limit for humans in space is a three percent increase in cancer risk.
People who are sent to colonize Mars will be accepting a high risk of cancer and other health
issues related to radiation as a result of their trip. However, any way the dosage they are
exposed to can be minimized will increase the crew’s ability to perform their mission and will
improve the long-term viability of the colony. The subject of radiation exposure will require a
lot more research between now and the first manned mission to Mars.
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Appendix Y | Effects of Zero-Gravity Environment
The decision was made not to include artificial gravity on the entire cycler vehicle. There
may be a small centrifuge where crewmembers can spend time excercising at Earth or Mars
levels of gravity, but the majority of the trip will take place in zero-g. The option of having the
entire spacecraft act as a centrifuge was explored, but the final design chosen does not due to
the complexity and large mass required for such a system. There will be negative effects on the
crew in transit between the two planets, and much research is currently being done on this topic
to better understand what will happen. In an article titled “Weightlessness and Its Effect on
Astronauts,” Elizabeth Howell describes some of the known effects of low-gravity.
The short term effects of weightlessness are often minor. Without gravity to orient
themselves, astronauts often lose track of direction and are unable to orient themselves. Some
astronauts have reported not being able to tell where their arms and legs were. These sensations
can lead to sickness and nausea, but the effects eventually go away after adjusting to the new
environment. These are not serious concerns because the crew will most likely only experience
them on for a short period during their trip to Mars. [1]
Of more concern are the long-term effects on the human body due to extended time in zerogravity. The main concerns are loss of bone and muscle mass due to lack of use. While on
Earth, the skeletal and muscular systems are constantly working to counteract the force of
gravity on the human body. But during weightlessness, they are not exercised as regularly and
tend to atrophy. This means that bones are broken more easily, and muscles are not as strong as
they started out. Astronauts on the International Space Station perform exercise on a daily basis,
but they must undergo months of readjustment and rehabilitation once back on Earth. There has
also been recent research pointing to vision changes in astronauts due to different eye pressures
while in zero-G. [1]
At this point, the

effects of spending long durations in low-gravity or weightless

environments is still very poorly understood. It will be important to continue research on this
subject between now and the first manned crew sent to Mars. The crews on our vehicle will
spend about six months in transit from Earth to Mars, they will then spend time in a weightless
environment on Phobos, or live the rest of their lives in low gravity of Mars (about three-fifths
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less than Earth gravity). The increased potential for injuries and loss of muscular strength could
both be serious problems for the crews on Mars; and could prevent the success of the mission.
Taking steps to counteract these problems like mandatory exercise in artificial gravity will be
very important, but a more complete understanding of these effects will be necessary.
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Appendix Z | Lunar In-Situ Water Extraction
I. Introduction
Water is not only the key to life but also the key to civilization. It can be used for agriculture,
industrial processes, public sanitation, and most importantly, consumption. Since water is used
widely used in every facet of society here on Earth, it is not unreasonable to expect future space
civilizations to be same. Thus a long term accessible supply of water on the Moon is absolutely
necessary if Humanity ever wants to establish permanence on the Moon and beyond. Therefore
the motivations for Lunar In-Situ Water Processing are to provide lunar colonists a method to
obtain abundant water from the lunar regolith itself. This section will assume the lunar colonists
have chosen Shackleton Crater as the colony site in order to explore the geological composition
of the regolith and steps behind the water extraction process.
II. Shackleton Crater Regolith Physical, Chemical, and Thermal Properties
In this section, we will examine the chemical and thermal properties of the regolith at
Shackleton Crater in order to provide future information needed for the water extraction process.
A. Regolith Physical Properties
The main physical property of the regolith necessary is the density of the regolith. With a
known density, we can calculate how much volume of regolith we would need to mine in order
to provide the desired amount of water. The density of lunar regolith has been established to be
1700 kg/m3 [1]
III. Regolith Chemical Properties
The most vital piece of information required for the water extraction process is exactly how
much ice is stored in the lunar regolith at Shackleton Crater. Data from the LRO Mini-RF orbital
radar, indicated that the Shackleton regolith contained around 5 to 10% by weight of ice up to a
meter of depth [2]. In addition, data from fast and epithermal neutrons revealed the surface
regolith at Shackleton contained 0.72 ± 0.13 % by weight of hydrogen [3]. Taking input from
these two sources, we are going to assuming the regolith at Shackleton consists of 6.5 % by
weight of ice up to a meter of depth.
Julian Wang | 483

Appendix Z

Project Aldrin-Purdue
IV. Regolith Thermal Properties

It is important to understand thermal properties of the Shackleton regolith so we may obtain an
accurate thermodynamic model to process the embedded ice. By examining the data from the
fast and epithermal neutrons reveals the surface temperature of the regolith is at around 90 K.
Therefore for our thermodynamic analysis, we will use this value as our initial regolith
temperature.
Another thermal property of regolith that will be important to know is the specific heat
capacity of the Shackleton regolith so we can understand the energy requirement to raise the
temperature of the regolith. While regolith specific heat capacity values at Shackleton are
unknown, samples from the Apollo missions can provide some relevance. From experiments on
the lunar regolith, a best fit curve of the specific heat capacity was model, which is shown below
[1]:
Cp,dry = −1845.5 + 1047.41 log(T) J/kgK

(Z. 1)

However the Cp expression represents the Cp of dry lunar regolith, therefore does not include
the effect ice will have on the specific heat capacity. We can modify expression Z.1 in order to
include the effect by performing a weight mass average with Cp,dry and Cp,ice. Therefore the
following expression will be the one we will use to represent the regolith at Shackleton:
Cp = Cp,dry (100 − %wt of ice) + Cp,ice (%wt of ice)

(Z. 2)

With all these properties of the lunar regolith known, we can begin analysis on how to
extraction and process the water from the lunar regolith as ice.
V. Water Extraction and Processing Thermodynamic Analysis
In this section, we will explore the subsystems necessary required to extraction the water from
the regolith in the form of ice into liquid water. The water extraction and processing is split up
into two main subsystems: the extraction & processing cycle and the thermal & power
regeneration cycle. We will in the next few pages explore the thermodynamics behind it.
Throughout the analysis, all processes are assumed to be 100% isentropic and have zero pressure
drops across heat exchangers. While such assumptions are unrealistic in practice, it will provide
a basic understanding what is necessary to achieve in-situ water production on the Moon.
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Figure Z.1: The complete Water Processing and Regeneration cycle
A. Water Extraction
The purpose of the water extraction process is to take in icy regolith and output liquid water.
This system accomplishes with the use of three main subsystems: the regolith furnace, the vapor
compressor, and the liquid water condenser.

1. Regolith Furnace
The first step is to extracting the water from the icy regolith. The regolith furnace accomplishes
this by heating up the regolith in a low pressure environment. We can traditionally evaporate the
water from the icy regolith by heating up the regolith to the boiling point of water. We can lower
the boiling point required by lowering the ambient pressure environment of the furnace. While a
lower ambient pressure environment would require a larger volume for the furnace in order to
maintain the same evaporation mass flow rate, however lowering the boiling point temperature
will lead to massive energy savings. Therefore this will be a tradeoff between volume savings
and energy savings.
Biased towards reducing energy cost, ambient pressure environment of the furnace will be set
at 10 KPa. At this pressure value water will evaporate at a temperature of 320 K, however when
the regolith becomes wet, the water will not be pure and thus will not exactly evaporate at this
ideal temperature. Therefore the furnace runs 10 K higher, at an operating temperature of 330 K
Julian Wang | 485

Appendix Z

Project Aldrin-Purdue

to compensate. In addition, operations at a max temperature of 330K is well below the melting
point of any other component of the lunar regolith, therefore we can also assume the outgassed
water vapor from the lunar regolith will be extremely pure.

2. Vapor Compressor
The another problem associated with trying to outgas the water from the regolith at an
extremely low pressure is it would require extremely low temperatures to have it return to a
liquid state and such pressures would not be feasible for any pressure driven water pump system.
Therefore a solution is to compress the water vapor to a high enough pressure.
Thus we will have an industrial compressor with a CPR of 25 to sufficiently increase the
pressure of the water vapor in preparation for cooling and storage. However as we increase the
pressure of the water, we will also increase the temperature of the water vapor as well. The exit
temperature of the vapor compressor can be expressed with the following expression:
T2 = T1 ∙ CPR

(𝛾−1)
𝛾

(Z. 3)

So the state of the water coming into the liquid water condenser will be at a temperature of 825
K and a pressure of 250 KPa.

3. Liquid Water Condenser (Water Side)
The purpose of the liquid water condensers serves two main functions: to liquefy the water
vapor into liquid water and to provide the helium cycle energy. In this section, we will only
focus on liquefying the water.
At a pressure of 250 KPa, the water vapor will condenser at a temperature of 400 K. We will
accomplish this cooling through the use of super cooled helium. Heat from the water vapor will
be transferred to the helium until the water vapor condenses. After this exchange, we can expect
the exiting liquid water be at a temperature of 400 K and at a pressure of 250 KPa. From this
point, the water can be stored or be further cooled through the use of radiators.
B. Thermal and Power Regeneration Cycle
The purpose of the thermal and power regeneration cycle to take advantage of the energy
siphoned from cooling the water vapor and using it to power the vapor compressor, so we can
reduce overall system power requirement. The regeneration cycle is comprised of four main
Julian Wang | 486

Appendix Z

Project Aldrin-Purdue

subsystems, the liquid water condenser, the helium compressor, the helium radiator, and the
helium turbine.

1. Liquid Water Condenser (Helium Side)
As previously discussed, liquid water condensers serves two main functions. This section will
focus on the heat transfer between the water vapor and the helium.
The helium enters the liquid water condenser at a temperature of 300 K and a pressure of 250
KPa and exits at a temperature of 400 K and a pressure of 250 KPa. Due to the second law of
thermodynamics, we will need to outlet temperature of helium to be lower than or equal to the
exit temperature of the liquid water. Thus the exit temperature of the helium was set at a
temperature of 400 K, since it was our max allowable exit temperature. With a known exit
temperature value, the inlet temperature will be determined by power and mass constraints. A
higher inlet temperature will require a higher helium mass flow rate to achieve the same amount
of cooling, while reducing the overall system power requirement more. Biased towards power
reduced again, the inlet temperature of the helium was set at 300 K. The pressure of the helium
was set equal to the pressure of the water vapor since we would ideally want constant pressure
heat transfer between the water vapor and the helium.

2. Helium Compressor
The purpose of the helium compressor is to restore the pressure loss due to the helium turbine
so the helium can continue to circulate. The desired outlet pressure can be determined by
working backwards from the helium turbine since we know how much power we need to provide
to the water vapor compressor and exit conditions of the helium turbine. With this information,
we can calculate the desired outlet helium compressor pressure to be 375 KPa. Therefore we
require the helium compressor to have a CPR of 1.5 in order to sufficiently recirculate the helium
system. With a CPR of 1.5, we will also have an exit temperature of 470 K by using equation
Z.3.

3. Helium Radiator
Since the helium will face a temperature drop across the turbine, we would ideally like to have
the helium exit conditions of the turbine match up perfectly with the helium inlet conditions of
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the liquid water condenser. Therefore we will need the inlet temperature of the turbine to be at
355 K in order for this to occur. So a solution to cool the helium from 470 K to 355 K is with the
use of a radiator. A radiator would prove extremely useful since Shackleton Crater has
permamently shadowed areas, so the ambient radiative temperature will be extremely low.

4. Helium Turbine
The purpose of the turbine is to provide power to the vapor compressor. As mentioned before,
since the exit conditions of the helium turbine have been set by the inlet conditions of the liquid
water condenser, we can work backwards to determine the helium turbine inlet condition. Since
the helium turbine must provide the same amount of power consumed by the vapor compressor,
we can write the following expression to describe the temperature difference:
q̇ compressor = q̇ turbine = ṁvap Cp,vap ∆Tvap = ṁHe Cp,He ∆T He

(Z. 4)

Mass flow rate of helium will be a function of the mass flow rate of water and the mass flow rate
of water will be whatever rate necessary to meet production quotas. However the water mass
flow rate will not have an effect on the inlet turbine temperature, which was found to be 355 K.
Once we know the inlet and outlet temperature, we can use the following expressions for
turbines to find the inlet turbine pressure:
−𝛾

P1 = P2 ∙

T 𝛾−1
[T2 ]
1

(Z. 5)

Using equation Z.5, the inlet pressure of the helium turbine was found to be 375 KPa.
C. Water Extraction and Processing Power Requirements
There will be two main sources of power consumption: the regolith furnace and the helium
compressor. The power required for vapor compressor will be neglected since it is powered by
the helium turbine. The following table details the energy consumption of each of the major
power consuming subsystem as percent of total energy required.
Table Z.1: Major Power Consuming Subsystem as Percent of Total Energy Required
Major Power Consuming Subsystems

Percent of Total Energy Required

Regolith Furnace

~100%

Helium Turbine

~0.00%
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From Table Z.1, we can see the energy consumption from the regolith furnace represents
nearly all of the energy consumption for the entire water extraction and processing power
requirements. When we examine the fact the Shackleton regolith only contains approximately
6.7% of ice by weight and we are outgassing the ice by heating up all of the regolith, it becomes
understandable that the energy consumption for the regolith furnace is going to be extremely
high. Therefore further studies should be made on how to reduce the power requirement for
water extraction.
Overall, using the water extraction and processing system design above, we will need 1950 KJ
of energy to produce 1 Kg of water. The power requirement for the water extraction and
processing system can be easily calculated by factoring in the time frame in which we will be
required to produce the water.
D. Further Acknowledgements
A technique we should investigate in the future is using microwaves to dry the wet regolith.
While microwave technology does have its limitation, such as depth penetration and the ability
to excite water when mixed with containments, it could possible lead to a great reduction in
energy consumption for the regolith furnace because we will be selectively heating up the
regolith, instead of heating the entire regolith.
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Appendix AA| In-Situ Lunar Propellant Production and
Processes
I. Introduction
Imagine a gallery where there were Earth-launching rockets, all stood like soldiers standing
attention to their commander. Alongside those rockets, is a small gold-colored rectangle, with
facts about those rockets. One thing that may stand out to the visitor is that the mass of the fuel
relative to the rest of the rocket is large. The mass ratios of Earth-launching rockets are very
high, to the point where most of the rocket is fuel. For a Mars-bound trip like this, a lot of fuel
would be required. Attempting to transport all the fuel to even just LEO seems a bit costprohibitive. Therefore, Lunar in-situ propellant production should be considered as a way to
decrease the initial mass in LEO.
II. Introduction to Lunar H2 and O2 Fuel Processing
The motivation of lunar in-situ H2 and O2 production is to provide access to a long term
sustainable supply of propellant to power the spaceships of tomorrow. This section will assume
the lunar colonists have chosen Shackleton Crater as a colony site and have readily available
liquid water in order to explore the steps behind the H2 and O2 propellant production process.
III. H2 and O2 Propellant Production Thermodynamic Analysis
In this section, we will explore the subsystems necessary to produce H2 and O2 from liquid
water. The H2 and O2 propellant production process is split up into two main subsystems: the
propellant production process and the thermal & power regeneration process. We will in the next
few pages explore the thermodynamics behind it. Throughout the analysis, all processes are
assumed to be 100% isentropic and have zero pressure drops across heat exchangers. While such
assumptions are unrealistic in practice, it will provide a basic understanding what is necessary to
achieve in-situ H2 and O2 propellant production on the Moon.
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Figure AA.1: The complete H2 and O2 Production Cycle
A. Propellant Production Process
The purpose of the propellant production process is to take in liquid water and output liquid H2
and liquid O2. This system accomplishes with the use of four main subsystems: the PEM
electrolysis, the liquid O2 condenser, the gaseous H2 compressor, and the liquid H2 condenser.

1. PEM Electrolysis
The purpose of the PEM Electrolysis is to convert liquid water into gaseous H2 and O2 via
electrolysis. The liquid water enters at a temperature of 400 K and a pressure of 250 kPa. After
the electrolysis process, a gaseous H2 and O2 mixture exits at a temperature of 400 K and a
pressure of 250 kPa. The electrolysis process will be considered adiabatic. We will be assuming
that all of energy used in the electrolysis will be used direct towards splitting up the water
molecule and not towards raising the average temperature of the output gas mixture. In addition,
we will also assume the electrolysis process to be isobaric. The reasoning is the PEM electrolyze
process is under two phase conditions, therefore the pressure of the H2 and O2 gas mixture must
equal the pressure of the liquid water.
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The amount of energy required by the electrolysis process can be examined by evaluating the
enthalpy of reaction, shown in the following expression:
1

H2 O → H2(g) + 2 O2(g) ,

KJ

∆H = 286,000 Kmol

(AA. 1)

Therefore in order to electrolyze 1 Kg of water, we require roughly 15,900 KJ. We should also
note, in order to promote favorable electrolysis conditions, we would want to have the liquid
water to be at a high pressure. This is due to the Le Chatelier principle.
Finally the gaseous H2 and O2 will be filtered in order to produce two separate flows of pure H2
and O2.

2. Liquid Oxygen Condenser
The purpose of the liquid oxygen condenser serves two main functions: to liquefy the gaseous
oxygen into liquid oxygen and to provide the helium cycle energy. In this section, we will only
focus on the liquefaction of oxygen.
At a pressure of 250 kPa, the gaseous oxygen will condenser at a temperature of 90 K. We will
accomplish this cooling through the use of super cooled helium. Heat from the gaseous oxygen
will be transferred to the helium until the gaseous oxygen condenses. After this exchange, we
can expect the exiting liquid oxygen be at a temperature of 90 K and at a pressure of 250 kPa.
From this point, the liquid oxygen can be stored in tanks for future use.

3. Hydrogen Compressor
Liquid hydrogen has an extremely low boiling point. At 100 kPa, liquid hydrogen has a boiling
point of 20 K. We can increase the boiling point of hydrogen by increasing the pressure.
Therefore to achieve this, we will need to run the gaseous hydrogen through a compressor.
Compressing the hydrogen more will reduce the energy required to liquefy the hydrogen, but
will cost the compressor higher power. However the energy required to liquefy the hydrogen, as
we will examine later, is eventually used to power the power and thermal regenerative system.
Therefore we opt to reduce the compressor power requirement because the energy required to for
liquefaction will be reused later on. With a CPR of 1.4, the exiting hydrogen gas will have a
pressure of 350 kPa and a temperature of 440 K.
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4. Liquid Hydrogen Condenser
The purpose of the liquid hydrogen condenser serves two main functions: to liquefy the
gaseous hydrogen into liquid hydrogen and to provide the helium cycle energy. In this section,
we will only focus on the liquefaction of hydrogen.
At a pressure of 350 kPa, the gaseous hydrogen will condenser at a temperature of 40 K. We
will accomplish this cooling through the use of super cooled helium. Heat from the gaseous
hydrogen will be transferred to the helium until the gaseous hydrogen condenses. After this
exchange, we can expect the exiting liquid hydrogen be at a temperature of 40 K and at a
pressure of 350 kPa. From this point, the liquid hydrogen can be stored in tanks for future use.
B. Thermal and Power Regeneration Cycle
The purpose of the thermal and power regeneration cycle to cool the hydrogen and oxygen to
extremely low temperatures. The regeneration cycle is comprised of four main subsystems, the
hydrogen liquefier, helium turbine, oxygen liquefier, helium compressor, and radiator.

1. Hydrogen liquefier (Helium Side)
As previously discussed, the liquid water condenser serves two main functions. This section
will focus on the heat transfer between the water vapor and the helium. The helium enters the
liquid water condenser at a temperature of 20 K and a pressure of 800 KPa and exits at a
temperature of 30 K and a pressure of 800 KPa. Due to the second law of thermodynamics, we
will need to outlet temperature of helium to be lower than or equal to the exit temperature of the
liquid water. Thus the exit temperature of the helium was set at a temperature of 400 K, since it
was our max allowable exit temperature. With a known exit temperature value, the inlet
temperature will be determined by power and mass constraints. A higher inlet temperature will
require a higher helium mass flow rate to achieve the same amount of cooling, while reducing
the overall system power requirement more. Biased towards power reduced again, the inlet
temperature of the helium was set at 20 K. The pressure of the helium was set equal to the
pressure of the water vapor since we would ideally want constant pressure heat transfer between
the water vapor and the helium.
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2. Helium Turbine
The purpose of the turbine is to provide power to the helium compressor and to reduce the
pressure of the helium so we can have isobaric heat transfer for the oxygen liquefier. Therefore
the exit condition pressure of the helium turbine will be 250 KPa. Using the equation below, we
can also determine the temperature after the turbine as well:
−𝛾

P1 = P2 ∙

T 𝛾−1
[T2 ]
1

(AA. 3)

The exit temperature of the turbine was found to be 19 K. This temperature is low enough for
the helium to cool the oxygen gas into liquid form.

3. Oxygen liquefier (Helium Side)
The helium enters the liquid water condenser at a temperature of 19 K and a pressure of 250
KPa and exits at a temperature of 33 K and a pressure of 250 KPa. Through the processes of
liquefying the oxygen, the exit temperature of the helium was calculated to be 20.5 K. The
cooling process was again assumed to be isobaric, so the exit pressure of the helium was 250
KPa.

4. Helium Compressor
The purpose of the helium compressor is to raise the pressure of the helium back to 800 KPa so
we can have constant pressure conditions for the hydrogen liquefier. Since we know the pressure
ratio between the inlet and outlet condition, we can the following equation to determine the exit
temperature:
T2 = T1 ∙ CPR

(𝛾−1)
𝛾

(AA. 4)

The exit temperature was calculated to be 33 K. However this temperature is too high to for the
hydrogen liquefier therefore we need to cool down the helium down.

5. Helium Radiator
Since the helium will face a temperature raise across the compressor, we need to cool the
helium down before the helium enters the hydrogen liquefier. So a solution to cool the helium
from 33 K to 20 K is with the use of a radiator. A radiator would prove extremely useful since
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Shackleton Crater has permanently shadowed areas, so the ambient radiative temperature will be
extremely low.
C. Propellant Production Power Requirements
There will be two main sources of power consumption: the PEM electrolysis and the hydrogen
compressor. The following table details the energy consumption of each of the major power
consuming subsystem as percent of total energy required.
Table AA.1: Major Power Consuming Subsystem as Percent of Total Energy Required
Major Power Consuming Subsystems

Percent of Total Energy Required

PEM Electrolysis

~ 0.99%

Hydrogen Compressor

~ 0.016%

From Table AA.1, we can see the energy consumption from the PEM electrolysis represents
nearly all of the energy consumption for the entire propellant production power requirements..
Therefore further studies should be made on how to reduce the power requirement for splitting
the water into hydrogen and oxygen.
Overall, using the water extraction and processing system design above, we will need 1603 KJ
of energy for every 1 Kg of water. The power requirement for the propellant production system
can be easily calculated by factoring in the time frame in which we will be required to produce
the water.

IV. Introduction to Lunar Silicon Processing

One great way to minimize initial mass in LEO is by getting resources from places aside from
the Earth. In-situ lunar resource processing allows us to shift some of the mass from LEO to
GEO or L1, greatly decreasing the amount of propellant we would need. One of the materials
we could harvest from the surface of the Moon is solid silicon.
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V. Lunar Regolith

We first identified the amount of silicon that is possibly available from the lunar surface. To
do that, we looked at the composition of the lunar regolith.

Like terrestrial soil, lunar regolith is varying, with the exact composition depending on the
location. We looked at some of main minerals of the regolith, which were ilmenite, anorthite,
fayalite, forsterite, and enstatite.

Table AA.2 details the mineral properties. We picked these minerals because they were the
most common ones in Shackleton Crater [3].

Table AA.2: Some of the minerals from the lunar regolith have their regolith displayed
here; the percentages are approximations.
Mineral

Chemical Formula

% of Regolith

Ilmenite

FeTiO3

20

Anorthite

CaAl2Si2O8

40

Enstatite

MgSiO3

15

Fayalite

Fe2SiO4

10

Forsterite

Mg2SiO4

15

For heat capacity of the minerals, we recognized that the value would not be constant as
temperature rose, so we opted to use empirical relations during the calculation of energy
needed. Table AA.3 shows the values that eq. AA.2 [1,4] takes in.
1

𝑐𝑝 = 𝑘0 + 𝑘1 𝑇 −2 + 𝑘2 𝑇 −2 + 𝑘3 𝑇 −3

(𝐴𝐴. 5)
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Table AA.3: The empirical relations for heat capacity are displayed.
Mineral

k0

k1

k2

k3

Ilmenite

164.47

-0.09905

-5.092*10-5

-4.875*10-7

Anorthite

439.37

-0.37341

0

-31.702*10-7

Enstatite

139.96

-0.0497

-44.002*10-5

53.571*10-7

Fayalite

248.93

-0.19239

0

-13.91*10-7

Forsterite

238.64

-0.20013

0

-11.624*10-7

VI. Regolith Processing
The process that is detailed in this report comes from a report by Geoffrey A. Landis [2]. The
major products that come from the process are diatomic oxygen and solid silicon, with pure
metals and metal oxides being byproducts. A diagram of this entire process is shown in fig.
AA.2.

Figure AA.2: The lunar regolith processing system, with mass inputs and outputs.
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The process uses heat and diatomic fluorine to break apart the minerals in the regolith furnace
(1). Gaseous products go to condensers, which are used to separate out the different gases, while
the liquid products go to a reduction furnace (2). The silicon tetrafluoride is sent to the plasma
chamber as a liquid, where the silicon and fluorines are separated (5). Liquid potassium in the
reduction furnace is used to separate out some of the fluorine from the metals, outputting pure
metals (3). The rest of the fluorides, along with oxygen, go on to the oxidation furnace, where
metal oxides are output and potassium salts are sent to the crucible (4). At the crucible, the salts
are separated into solid potassium and diatomic fluorine (6). Diatomic fluorine goes to a holding
tank, which is where the regolith furnace gets its fluorine (7).

For this study, we looked at the stages where silicon is present in some form. Specifically,
we looked at the regolith furnace, the titanium tetrafluoride condenser, silicon tetrafluoride
condenser, and the plasma chamber. This subsystem had inputs of diatomic fluorine and lunar
regolith, and outputs of solid silicon, diatomic oxygen and fluorine, and metal fluorides. Figure
AA.3 shows this subsystem. We assumed that there would be no heat losses, both during each
process and between each process. Furthermore, we assumed stoichiometric situations for the
input and output of each part. All calculations were done at atmospheric pressure.
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Figure AA.3: The subsystem that considers all steps that have silicon in it.
B. Regolith Furnace
The regolith furnace is where the lunar regolith first enters. For this study, we considered the
regolith entering in at 88 K, with the composition that was detailed in section II. However, the
regolith could come in at 330 K, as dry regolith from the water processing cycle. The
stoichiometric chemical equations for the minerals are seen in eq. AA.6.
𝐶𝑎𝐴𝑙2 𝑆𝑖2 𝑂8(𝑠) + 8𝐹2(𝑔) ⇨ 𝐶𝑎𝐴𝑙𝐹5(𝑙) + 𝐴𝑙𝐹3(𝑙) + 2𝑆𝑖𝐹4(𝑔) + 4𝑂2(𝑔)
𝐹𝑒𝑇𝑖𝑂3(𝑠) + 3𝐹2(𝑔) ⇨ 𝐹𝑒𝐹2(𝑙) + 𝑇𝑖𝐹4(𝑔) + 1.5𝑂2(𝑔)
𝑀𝑔𝑆𝑖𝑂3(𝑠) + 3𝐹2(𝑔) ⇨ 𝑀𝑔𝐹2(𝑙) + 𝑆𝑖𝐹4(𝑔) + 1.5𝑂2(𝑔)
𝐹𝑒2 𝑆𝑖𝑂4(𝑠) + 4𝐹2(𝑔) ⇨ 2𝐹𝑒𝐹2(𝑙) + 𝑆𝑖𝐹4(𝑔) + 2𝑂2(𝑔)
𝑀𝑔2 𝑆𝑖𝑂4(𝑠) + 4𝐹2(𝑔) ⇨ 2𝑀𝑔𝐹2(𝑙) + 𝑆𝑖𝐹4(𝑔) + 2𝑂2(𝑔)

(𝐴𝐴. 6)

The regolith is heated up to 770 K, which causes the silicon and titanium tetrafluorides to
become gaseous, while keeping the other metal fluorides liquid. Diatomic fluorine and oxygen
also come out as gases at that temperature. The gaseous products go on to the condensers, while
the liquid ones go to the reduction chamber.
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The thermal energy required for the mixture, on a molar basis, is 4.566 MJ/mol. This was
calculated using eq. AA.7.

𝐸̅ =

∑ [(%𝑐𝑜𝑚𝑝𝑜𝑠𝑖𝑡𝑖𝑜𝑛 )𝑐𝑝 𝛥𝑇] +
𝑚𝑖𝑛𝑒𝑟𝑎𝑙𝑠

∑

[(%𝑐𝑜𝑚𝑝𝑜𝑠𝑖𝑡𝑖𝑜𝑛 )𝛥ℎ]

(𝐴𝐴. 7)

𝑟𝑒𝑎𝑐𝑡𝑎𝑛𝑡𝑠

VII. Condensers
The condensers take in the gaseous products from the regolith furnace. There are four sets of
condensers. Each condenser uses a radiator towards space to cool the products inside. The first
condenser is at 520 K, which allows the titanium tetrafluoride to become liquid. That is sent to
the reduction furnace. Silicon tetrafluoride is condensed at 175 K and sent to the plasma
chamber. Diatomic oxygen is liquefied at 90 K in the third, and fluorine at 85 K in the fourth.
The oxygen is pumped towards the oxidation furnace, while the fluorine is pumped to the
fluorine tank.
VIII. Plasma Chamber
The plasma chamber takes in the liquid silicon tetrafluorine from the condenser at 175 K. It
is then heated up to 570 K, making it gaseous. Electrical energy is put into the gas, separating
the silicon and fluorine. With a bond energy of 541 kJ/mol [2], the total energy that is required
for this step is 4.328 MJ/mol of silicon.

IX. Reduction and Oxidation Furnaces
The reduction furnace takes in the liquefied metal fluorides from the regolith furnace and
titanium tetrafluorine condenser, and melted potassium from the potassium tank. These
reactants are at 770 K. The reactions that go on are seen in the stoichiometric equations in eq.
AA.8.
𝑇𝑖𝐹4(𝑙) + 4𝐾(𝑙) ⇨ 𝑇𝑖(𝑠) + 4𝐾𝐹(𝑙)
𝐹𝑒𝐹3(𝑙) + 3𝐾(𝑙) ⇨ 𝐹𝑒(𝑠) + 3𝐾𝐹(𝑙)
𝐴𝑙𝐹3(𝑙) + 3𝐾(𝑙) ⇨ 𝐴𝑙(𝑠) + 3𝐾𝐹(𝑙)

(𝐴𝐴. 8)
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The calcium and magnesium fluorides do not break apart in the reduction furnace. The
metals exit the system at this point, which could be used as a way to harvest titanium, iron, and
aluminum on the Moon.

The oxidation furnace takes in liquid oxygen from the oxygen condenser and the products of
the reduction furnace. Reactants are heated up to 790 K, which allow the stoichiometric
conditions in eq. AA.9 to occur.
4𝐾(𝑙) + 𝑂2(𝑙) ⇨ 2𝐾2 𝑂(𝑙)
𝐶𝑎𝐹2(𝑙) + 𝐾2 𝑂(𝑙) ⇨ 2𝐾𝐹(𝑙) + 2𝐶𝑎𝑂(𝑠)
𝑀𝑔𝐹2(𝑙) + 𝐾2 𝑂(𝑙) ⇨ 2𝐾𝐹(𝑙) + 2𝑀𝑔𝑂(𝑠)

(𝐴𝐴. 9)

The metal oxides exit the system at this point. They could stay as byproducts of the system,
or have the oxygen be used for potential fuel production. Potassium salts in the latter two
reactions are sent to the crucible, where they are electrolyzed at 950 K to make solid potassium
and diatomic fluorine. The metallic potassium gets sent back to the reduction furnace, while the
fluorine gas goes to a tank for later use.
X. Conclusion
Silicon can be harvested from the Moon, along with several other chemicals. The process
used mainly consisted of a furnace heating and separating the chemicals. Silicon tetrafluorine is
condensed and then put into the plasma chamber, where it is broken apart to create solid silicon.
This silicon could potentially be used for solar cell production or silane fuel production.
Overall, the energy requirements for were fairly low. Assuming a power plant with an output
of 40 kW, a mole of silicon can be produced approximately every 3.706 minutes. However,
there were several approximations made, and several steps were not fully calculated. For future
work, the reduction and oxidation chambers and the crucible need energy values calculated.
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Appendix AB| Martian In-Situ Water Processing
I. Introduction
The motivation for Martian In-Situ Water Processing is to provide Martian colonists access to
a sustainable and reliable source of water. This section will assume the Martian colonists have
chosen Cebrenia as the colony site in order to explore the geological composition of the regolith
and steps behind Martian water extraction and processing.

II. Cebrenia Regolith Physical, Chemical, and Thermal Properties
In this section, we will examine the chemical and thermal properties of the regolith at
Shackleton Crater in order to provide future information needed for the water extraction process.
A. Regolith Physical Properties
The main physical property of the regolith necessary is the density of the regolith. With a
known density, we can calculate how much volume of regolith we would need to mine in order
to provide the desired amount of water. The density of Martian regolith has been established to
be 1910 kg/m3[1].
III. Regolith Chemical Properties
The most vital piece of information required for the water extraction process is exactly how
much ice is stored in the lunar regolith at Shackleton Crater. Data from Mars Odysseys reveals
regolith in the Cebrenia region contains 15 ± 3% of ice by weight[2].
IV. Regolith Thermal Properties
It is important to understand thermal properties of the Martian regolith so we may obtain an
accurate thermodynamic model to process the embedded ice. The average temperature of the
Martian regolith is estimated around 90 K. Therefore for our thermodynamic analysis, we will
use this value as our initial regolith temperature.
Another thermal property of regolith that will be important to know is the specific heat
capacity of the Martian regolith so we can understand the energy requirement to raise the
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temperature of the regolith. From experiments on Martian regolith simulant, a best fit curve of
the specific heat capacity was modeled, which is shown below [3]:
Cp,dry = 1.28 ∙ 10−5 T −3 − 1.19 ∙ 10−2 T 2 + 5.14T − 110.4 J/kgK

(AB. 1)

Experiments on icy Martian regolith simulant have also provided the following specific heat
capacity model [3]:
Cp,ice = 7.49T + 90

(AB. 2)

With all these properties of the Martian regolith known, we can begin analysis on how to
extraction and process the water from the Martian regolith as ice.
V. Water Extraction and Processing Thermodynamic Analysis
A. Water Extraction and Processing Power Requirements
We will be extracting and processing the water through the exact same process as the lunar insitu water extraction process as described in Appendix Z.
Overall, using the water extraction and processing system design above, we will need 732 KJ
of energy to produce 1 Kg of water. The power requirement for the water extraction and
processing system can be easily calculated by factoring in the time frame in which we will be
required to produce the water.
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Appendix AC| Phobos Rendezvous
I. Introduction
As a step in the CarLa mission trajectory to Phobos, a rendezvous maneuver was necessary in
order to align with and land on Phobos. In order to actually rendezvous with Phobos, simply
reaching its orbit was not an acceptable outcome and a more detailed approach was desirable.
The method we select to approach the Phobos rendezvous maneuver is the Euler-Hill Equations
of Relative Motion. The Hill equations allow us to simplify the rendezvous to a two-body
problem instead of a three-body problem, while still maintaining accuracy, a very helpful
simplification. The Hill equations allow us to simplify the rendezvous maneuver this way by
relying on relative motion between two bodies in a very close vicinity to eachother, with one
vehicle assumed to be inertially fixed. The specification of a small vicinity means that the
gravity force between a target body, Phobos, and rendezvousing body, CarLa, dominate and the
gravity force from the orbital center, Mars, can be approximated as equal on both bodies. For
this investigation a small vicinity was defined as anydistance below three percent of the target
body’s orbital radius, however we rounded this value down to from about 383.16 km to 300 km
to increase our accuracy. [1]
II. Derivations
A. Derivation of Euler-Hill Equations of Relative Motion

To begin, a new inertial reference frame is defined about the target body in its orbital frame,
such that the one axis is parallel to the radial direction and the two axis is parallel to the true
anomaly direction. With the new inertial frame defined, the target body’s orbit is assumed to be
unperturbed about the orbital center, shown in AC.1. The rendezvousing body is assumed to
have some perturbing force based on thrusters or other forces, shown in equation AC.2.

𝑟̅1̈ = −

𝜇𝑟̅1
𝑟1 3

(AC.1)
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𝑟̅2̈ = −

𝜇𝑟̅2
+ f̅
𝑟2 3

(AC.2)

We then define the relative equation of motion as the difference between the accelerations of
the two bodies, AC.3. By recognizing that the orbital radius of the rendezvousing body is
simply the combination of the orbital radius of the target body and the relative distance, AC.4,
we rearrange parts of AC.3 and and simplify it, as shown in equations AC. 5-7.

𝜌̅̈ = 𝑟̅2̈ − 𝑟̅1̈ =

𝜇
𝑟1 3
[𝑟
̅
−
𝑟̅ ] + f̅
𝑟1 3 1 𝑟2 3 2

𝑟̅2 = 𝑟̅1 + 𝜌̅
̅̅̅̅
𝑟2
=
𝑟2 3

(AC.3)

(AC.4)

𝑟̅1 + 𝜌̅
[𝑟1 + 2𝑟̅1 • 𝜌̅ +
2

3
𝜌2 ]2

(AC.5)

3

̅̅̅̅
𝑟2
𝑟̅1 + 𝜌̅
3 2𝑟̅1 • 𝜌̅ −2
=
[1
−
(
)] + Higher Order Terms
𝑟2 3
𝑟1 3
2 𝑟1 2

𝑟̅2̈ − 𝑟̅1̈ =

(AC.6)

𝜇
3𝑟̅1 • 𝜌̅
3𝑟̅1 • 𝜌̅
[𝑟
̅
(
)
−
𝜌̅
{1
−
(
)}] + f̅
1
𝑟1 3
𝑟1 2
𝑟1 2
+ Higher Order Terms

(AC.7)

We return to the relative acceleration, the equation can be expanded, AC. 8, and then the
results can be combined with AC. 7 to provide us with a full equation, AC. 9.
𝜌̅̈ = 𝜌̅̈ 𝑅 + 2𝜔
̅ 𝑥 𝜌̅̇𝑅 + 𝜔
̅ x (𝜔
̅ 𝑥 𝜌̅ )

(AC.8)

𝜌̅̈ 𝑅 + 2𝜔
̅ 𝑥 𝜌̅̇𝑅 + 𝜔
̅ x (𝜔
̅ 𝑥 𝜌̅ )
=

𝜇
3𝑟̅1 • 𝜌̅
3𝑟̅1 • 𝜌̅
[𝑟
̅
(
)
−
𝜌̅
{1
−
(
)}] + f̅
1
𝑟1 3
𝑟1 2
𝑟1 2

+ Higher Order Terms

(AC.9)
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Next we want to make the equation more manageable by removing the need to keep track of
the orbital radius of the target body. We do this by replacing the orbital radius of the target
body with its semi major axis, AC. 10-12. Making this substitiution provides us with the
differential forms of the Euler-Hill Equations of Relative Motion, AC. 13-14.
𝑎(1 − 𝑒 2 )
= 𝑎(1 − 𝑒 2 )(1 + 𝑒𝑐𝑜𝑠𝜃 ∗ )−1
1 + 𝑒𝑐𝑜𝑠𝜃 ∗

(AC.10)

𝑟1 = 𝑎(1 + 𝑒𝑐𝑜𝑠𝜃 ∗ )−1 + Higher Order Terms

(AC.11)

𝑟1 =

𝜇
𝜇
≅ 3 (1 + 𝑒𝑐𝑜𝑠𝜃 ∗ )3
3
𝑟1
𝑎

(AC.12)

𝜌̅̈ 𝑅 + 2𝜔
̅ 𝑥 𝜌̅̇𝑅 + 𝜔
̅ x (𝜔
̅ 𝑥 𝜌̅ )
𝜇
= 2 (1 + 3𝑒𝑐𝑜𝑠𝜃 ∗ )[−𝜌̅ + 3(𝑟̂1 • 𝜌̅ )𝑟̂1 ] + f̅
𝑎

(AC.13)

𝑥̈
−𝑛𝑥̇
−𝑛2 𝑥
{𝑦̈ } + 2 { 𝑛𝑥̇ } + {−𝑛2 𝑦 }
0
𝑧̈
0
−𝑥
𝑥
𝜇 −𝑥
𝜇
𝜇 𝑥
𝜇
= 3 {−𝑦 } + 3 3𝑒𝑐𝑜𝑠𝜃 ∗ {−𝑦 } + 3 {0 } + 3 9𝑒𝑐𝑜𝑠𝜃 ∗ {0 }
𝑎 −𝑧
𝑎
𝑎 0
𝑎
−𝑧
0
𝑓𝑥
+ {𝑓𝑦 }
𝑓𝑧

(AC.14)

By manipulating the differential form, AC.14, we are able to find an analytical solution to
the force-free version(the f vector is set to 0) of the Euler-Hill Equations of Relative Motion in
matrix form, AC. 15. In this form of the equation, the variable n is used to represent the mean
motion of the target body. It should also be noted that the Euler-Hill Equations of Relative
Motion we found are an approximation due to the removal of higher oder terms.
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𝑥
{𝑦 }
𝑧
𝑥0
0
0
𝑦
1
0
]{ 0 }
0 cos(𝑛𝑡) 𝑧0

4 − 3cos(𝑛𝑡)
= [6(sin(𝑛𝑡) − 𝑛𝑡)
0
1
𝑠𝑖𝑛(𝑛𝑡)
𝑛

2
(1 − 𝑐𝑜𝑠(𝑛𝑡))
𝑛
2
4
+ − (1 − 𝑐𝑜𝑠(𝑛𝑡))
𝑠𝑖𝑛(𝑛𝑡) − 3𝑡
𝑛
𝑛
0

[

0

0
0
1
𝑠𝑖𝑛(𝑛𝑡) ]
𝑛

𝑥0̇
{𝑦0̇ }
𝑧0̇

(AC.15)

III. Derivation of the Euler-Hill Linear Targeter

Now that we have a model for interactions of bodies in a rendezvous, we can derive a means
of rendezvous design. In the case of the Hill equations this is refered to as a linear targeter
because it simplifies the design to a linear control based on time position and velocity.
To begin the derivation, we first rearrange equation AC. 15, the force-free solution, to a six
element state vector form, AC.16. In rearranging to this form, we create the state transition
matrix, AC. 17, which will be the focus of our derivation.
𝑥
𝑦
𝑧
𝛿𝑟̅
=[ ]
𝑥̇
𝛿𝑣̅
𝑦̇
{ 𝑧̇ }

=

4 − 3cos(𝑛𝑡)

0

0

6(sin(𝑛𝑡) − 𝑛𝑡)

1

0

0

0

cos(𝑛𝑡)

3𝑛𝑠𝑖𝑛(𝑛𝑡)
0
0
−6𝑛(1 − sin(𝑛𝑡)) 0
0
0
0
−𝑛𝑠𝑖𝑛(𝑛𝑡)
[

1
𝑠𝑖𝑛(𝑛𝑡)
𝑛

2
(1 − 𝑐𝑜𝑠(𝑛𝑡))
𝑛
2
4
− (1 − 𝑐𝑜𝑠(𝑛𝑡))
𝑠𝑖𝑛(𝑛𝑡) − 3𝑡
𝑛
𝑛
0

0

cos(𝑛𝑡)
−sin(𝑛𝑡)
0

2sin(𝑛𝑡)
4 cos(𝑛𝑡) − 3
0

0

𝑥0
𝑦0
0
𝑧0
1
(AC.16)
𝑠𝑖𝑛(𝑛𝑡) 𝑥̇ 0
𝑛
𝑦̇ 0
0
{ 𝑧̇0 }
0
cos(𝑛𝑡) ]
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𝜑(𝑡)

=

2
(1 − 𝑐𝑜𝑠(𝑛𝑡))
𝑛
2
4
− (1 − 𝑐𝑜𝑠(𝑛𝑡))
𝑠𝑖𝑛(𝑛𝑡) − 3𝑡
𝑛
𝑛

0

0

6(sin(𝑛𝑡) − 𝑛𝑡)

1

0

0

0

cos(𝑛𝑡)

0

0

0
0
−𝑛𝑠𝑖𝑛(𝑛𝑡)

cos(𝑛𝑡)
− sin(𝑛𝑡)
0

2 sin(𝑛𝑡)
4 cos(𝑛𝑡) − 3
0

3𝑛𝑠𝑖𝑛(𝑛𝑡)
0
−6𝑛(1 − sin(𝑛𝑡)) 0
[
0
0
=[

1
sin(𝑛𝑡)
𝑛

4 − 3 cos(𝑛𝑡)

𝑀(𝑡) 𝑁(𝑡)
]
𝑄(𝑡) 𝑅(𝑡)

0
0
1
sin(𝑛𝑡)
𝑛
0
0
cos(𝑛𝑡) ]

(AC.17)

We now separate our six element state vector form into position and velocity components,
AC. 18-19, in order to gain insight intothe linear targeter. By selecting our final position and
velocity as zero for a rendezvous, we are able to to simplify our position equation, AC. 20, and
derive our linear targeter equation, AC. 21.
𝛿𝑟̅ = 𝑀𝛿𝑟̅0 +N𝛿𝑣̅0

(AC.18)

𝛿𝑣̅ = 𝑄𝛿𝑟̅0 +R𝛿𝑣̅0

(AC.19)

𝛿𝑟̅ (tf) = 0 = 𝑀(𝑡𝑓)𝛿𝑟̅0 +N(tf)𝛿𝑣̅0
𝛿𝑣̅0 = −𝑁(𝑡𝑓)−1 𝑀(𝑡𝑓)𝛿𝑟̅0

(AC.20)
(AC.21)

The linear targeter equation allows us to relate the time of flight, initial position, and intial
velocity in order to design rendezvous trajectories. By finding the difference between the
desired initial velocity and velocity of the rendezvousing vehicle as it enters the valid range of
the Hill equations, 300km, we can find the ΔV needed to perform a rendezvous maneuver.In
order to simplify our use of the linear targeter and apply it to the Phobos rendezvous more
easily, we replace final time with the product of Phobos’ orbital period and targeting constant,
k, that will be used to scale the time of flight, AC. 22.

Alex Davis | 509

Appendix AC

Project Aldrin-Purdue

𝛿𝑣̅0 = −𝑁(𝑘 ∗ 𝑃𝑃ℎ𝑜𝑏𝑜𝑠 )−1 𝑀(𝑘 ∗ 𝑃𝑃ℎ𝑜𝑏𝑜𝑠 )𝛿𝑟̅0

(AC.22)

IV. Analysis
A. General Investigation

Having established our method for investigating the rendezvous maneuver, a general analysis
of the Phobos rendezvous was performed. The first aspect of this investigation was to
understand the effect of k on the rendezvous maneuver, to ensure the vehicle always remained
inside the 300km validity range. A test run of the rendezvous maneuver was compiled for a
variety of approaches and k values. The results for an 9244 km orbital altitude are shown below.
For reference Phobos’ orbital altitude is 9376 km.

Figure AC.1: The figure shows the two-dimensional rendezvous trajectory of the CarLa
vehicle approaching Phobos. The k values shown demonstrate a set of invalid rendezvous
because they leave the validity window.
The figure demonstrates that between a k value of 1.3 and 1.5 all rendezvous are invalid
because the trend of rendezvous trajectory shape causes extraordinarily large curvatures in these
ranges. It should be noted that this is not an exact range for all approach conditions but is a good
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approximation, comparison to the invalid ranges of other approach trajectories is provided after
figure AC.2.

The second aspect of this investigation was to understand how initial relative position would
effect the ΔV efficiency of the rendezvous maneuver. This was accomplished by simulating the
rendezvous maneuver over a range of k values, from .1 Phobos periods to 2 Phobos periods,
over a range of 300 km overshoot and 300 km undershoot of Phobos. The figure below
demonstrates the results of this investigation.

Figure AC.2: The figure shows the effects of Phobos approach on the propellant cost for a
rendezcous maneuver. A pattern is clear that below the orbital altitude of Phobos (9376
km) a longer time of flight reduces the cost, while the opposite is true for approaches
above that altitude.
The important takeaway from this figure is the importance of approaching Phobos below its
orbital altitude. While this does have a time cost, the CarLa vehicle is not heavily constrained
by time and a propellant saving at this late stage in the vehicles mission will have very large
IMLEO reducing effects. Additionally the figure demonstrates the range of k values for which
other Phobos approaches are invalid. There is no clear pattern to this invalid range aside from
being generally between k values of 1.3 and 1.5. The final insight from this investigation was
the accuracy required from aerocapture was extraordinary; a sixth of a kilometer was found to
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cause between a 10 and 70 km error in the approach of distance to Phobos, which could have
severe ΔV implications.

B. Example Point Design

For the example CarLa mission provided in Chapter 12, a Phobos rendezvous was designed.
The considerations that went into this design were minimizing the ΔV for the maneuver, an
approach from a minimum altitude and feasibility with aerocapture constraints. Figure AC.3
below demonstrates the rendezvous trajectory we select.

Figure AC.3: Phobos rendezvous for the example trajectory in chapter 12. The trajectory
begins near the limit of the validity window and remains within the window throughout
the rendezvous.
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The rendezvous selected and displayed in figure AC.3 has selected to approach Phobos at an
altitude of 9176 km with a ΔV of .5369 km/s and a k factor of exactly 1. In other cases this may
not be the most desirable trajectory, however for this case we select this trajectory for the
mission.
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Appendix AE| Return Option Trajectory
I. Introduction
As outlined in the Project Aldrin-Purdue Mission Specifications, the initial Phobos crew of
six should be able to return to Earth in the event of a first mission return scenario. Additionally,
a return option from the surface of Mars to return three crew members to Phobos and then to
Earth, carrying the three from crewmembers from Mars in addition to three from Phobos,
should be provided some time after initial colonization. We will use a minimum energy
Hohmann transfer to travel from Mars to Phobos, and then a patched conics approach to find a
mass minimizing return path to Earth.

Figure AE. 1: Overview of steps for the return option from Mars to Phobos to Earth.

II. Mars to Phobos Trajectory
A low Mars equatorial parking orbit of 200 kilometers will enable a transfer to Phobos in the
event of a return to Earth. Two components of ∆𝑽 will contribute to the total ∆𝑽 required to
achieve this orbit: that of achieving the desired altitude, and that of performing the necessary
inclination change.
A. Mars to Phobos Transfer
We select to launch into a circular parking orbit to simplify the transfer to Phobos. Achieving
the 200 kilometer orbital altitude requires a ∆𝑽 of 3.451 km/s, as found using equation 1. The
site of the colony has been selected by the Human Factors team to be Cebrenia. Cebrenia sits at
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43 degrees North and 150 degrees East, thus requiring an inclination change after launch of at
most 43 degrees to reach an equatorial orbit.

Two options exists to complete the transfer to Phobos. The first is to perform an inclination
change at Mars or Phobos in combination with a Hohmann Transfer, or to use a bi-elliptic
transfer to perform both maneuvers. A patched conic solution was not examined for this portion
of the mission architecture because we would like to minimize the mass of the vehicle at launch
and a Hohmann transfer produces a minimum energy solution. Since the bodies are so close,
time of flight is not a significant factor.
Figure AE.2 illustrates the general layout of an inclination change calculation.

Figure AE. 2: Diagram of general inclination change calculation setup.

To Calculate the orbital velocity of the spacecraft in an orbit of 200 km around Mars:
𝑉𝑐𝑖𝑟𝑐𝑢𝑙𝑎𝑟 = √

𝜇𝑀𝑎𝑟𝑠
𝑟𝐿𝑀𝑂

𝑘𝑚/𝑠

(AE.1)

The circular velocity can be broken into components (e, p, h) to find the amount of velocity
change required to perform the inclination change.
𝑉𝑖𝑛𝑖𝑡𝑖𝑎𝑙 = 0𝑒 + 𝑉𝑐𝑖𝑟𝑐𝑢𝑙𝑎𝑟 ∗ cos(𝑖) 𝑝 + 𝑉𝑐𝑖𝑟𝑐𝑢𝑙𝑎𝑟 ∗ sin(𝑖)ℎ

𝑉𝑓𝑖𝑛𝑎𝑙 = 0𝑒 + 𝑉𝑐𝑖𝑟𝑐𝑢𝑙𝑎𝑟 𝑝 + 0ℎ

𝑘𝑚
𝑠

𝑘𝑚/𝑠

(AE.2)

(AE.3)
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Figure AE.3 depicts the relationship between inclination change required and ∆𝑉 cost if an
inclination change is performed near to Mars. From that data, we see that the contribution to the
total launch ∆𝑉 from the inclination change will be 2.529 km/s if the inclination change is done
closest to Mars.

Figure AE. 3: ∆𝑽 as a function of inclination, for the spacecraft at Mars.
However, 2.529 km/s is a large velocity change and equates to a greater initial mass at launch
from Mars. We want to minimize this launch mass, because it has a direct impact on the total
cost of the mission. Inclination changes are less expensive to perform further away from the
attracting body which in this case is Mars. Two options exist from a trajectory standpoint to
minimize this maneuver; performing the inclination change at Phobos, or performing a bielliptic maneuver. Using the same process as outlined above but making the velocity
calculations at the apoapsis of the Mars-Phobos transfer orbit (near to Phobos) as opposed to the
periapsis (near to Mars), yields lower ∆𝑉 costs. Figure AE.4 depicts the inclination and ∆𝑉
relationship at Phobos. For the Cebrenia location, performing the change here requires only 1.57
km/s.
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Figure AE. 4: ∆𝑽 as a function of inclination, for the spacecraft at Phobos.

For the first leg of the return option, three crewmembers must be transferred from Mars to
Phobos. The semi-major axis of Phobos in its orbit around Mars is 9376 km. Due to its close
distance and mission design goal of minimizing masses, a Hohmann transfer will be used to
perform this transfer. This type of transfer is minimum energy, and will have the lowest ∆𝑉
costs of all options.

From LMO, a tangential burn will send the spacecraft onto an elliptical transfer orbit whose
major axis is equal to the distance between Mars and Phobos. A second tangential burn will be
done at the orbit of Phobos, so that for both transfers onto and off of the transfer orbit will have
flight path angles of zero degrees. The resulting orbit will have a transfer angle of 180 degrees.

Circular velocities of parking and final orbits:
𝑉𝑐𝑖𝑟𝑐𝑢𝑙𝑎𝑟,

𝐿𝑀𝑂

𝜇𝑀𝑎𝑟𝑠
=√
𝑟𝐿𝑀𝑂

𝑘𝑚/𝑠

(AE.4)
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𝑉𝑐𝑖𝑟𝑐𝑢𝑙𝑎𝑟,

𝑃ℎ𝑜𝑏𝑜𝑠

(AE.5)

𝜇𝑀𝑎𝑟𝑠
=√
𝑎𝑃ℎ𝑜𝑏𝑜𝑠

𝑘𝑚/𝑠

Semi-major axis of transfer ellipse:
𝑎 = 0.5 ∗ (𝑟𝐿𝑀𝑂 + 𝑎𝑃ℎ𝑜𝑏𝑜𝑠 )

𝑘𝑚

(AE.6)

Elliptical velocities at Apoapsis (Near Phobos) and Periapsis (Near Mars) on the transfer
ellipse:
𝑉𝑡𝑟𝑎𝑛𝑠𝑓𝑒𝑟,

𝑃𝑒𝑟𝑖𝑎𝑝𝑠𝑖𝑠

2 ∗ 𝜇𝑀𝑎𝑟𝑠 𝜇𝑀𝑎𝑟𝑠
=√
−
𝑟𝐿𝑀𝑂
𝑎

𝑘𝑚/𝑠

𝑉𝑡𝑟𝑎𝑛𝑠𝑓𝑒𝑟,

𝐴𝑝𝑜𝑎𝑝𝑠𝑖𝑠

=√

2 ∗ 𝜇𝑀𝑎𝑟𝑠 𝜇𝑀𝑎𝑟𝑠
−
𝑎𝑃ℎ𝑜𝑏𝑜𝑠
𝑎

𝑘𝑚/𝑠

(AE.7)

(AE.8)

Change in velocity necessary to achieve desired orbits:
𝑑𝑉𝑃𝑒𝑟𝑖𝑎𝑝𝑠𝑖𝑠 = 𝑉𝑡𝑟𝑎𝑛𝑠𝑓𝑒𝑟,

𝑃𝑒𝑟𝑖𝑎𝑝𝑠𝑖𝑠

𝑑𝑉𝐴𝑝𝑜𝑎𝑝𝑠𝑖𝑠 = 𝑉𝑡𝑟𝑎𝑛𝑠𝑓𝑒𝑟,

𝐴𝑝𝑜𝑎𝑝𝑠𝑖𝑠

− 𝑉𝑐𝑖𝑟𝑐𝑢𝑙𝑎𝑟,

− 𝑉𝑐𝑖𝑟𝑐𝑢𝑙𝑎𝑟,

𝐿𝑀𝑂

𝑃ℎ𝑜𝑏𝑜𝑠

𝑘𝑚
𝑘𝑚

(AE.9)

(AE.10)

Transferring from the Mars 200 km parking orbit to the same 9376 km altitude orbit of
Phobos has a total ∆𝑉 cost of 1.244 km/s and will have a time of flight of 2.202 hours for the
crew. This transfer does not account for the inclination change discussed above, and will be an
additional cost. A diagram of the transfer can be found in Fig. AE.5. The orbital parameters are
summarized in table AE.1.

Nicole Vaughn | 519

Appendix AE

Project Aldrin Purdue

Table AE. 1: Orbital parameters for Hohmann transfer between Mars and Phobos.
a [km]

Vd [km/s]

Va [km/s]

TOF [hours]

6484.595

4.1489

1.5919

2.202

∆𝑉 arrival
[km/s]
0.546

∆𝑉 departure
[km/s]
0.698

Figure AE. 5: Hohmann Transfer from Mars to Phobos' Orbit, both legs of transfer ellipse
shown.

A second option for reducing the cost of the inclination change and transferring to Phobos is
the bi-elliptic option. Figures AE.6 illustrates the bi-elliptic layout. The inclination change is
performed far away from the central body, Mars.
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Figure AE. 6: Bi-elliptic transfer layout. To the right, an edge on view of initial and
final orbits. To the left, a top view of initial and final orbits.

A top view of the bi-elliptic layout is shown at left and a side view is shown at right in Fig.
AE.6. Red indicates the original circular orbit after launch, purple indicates the orbit of Phobos,
green is the first ellipse on the bi-elliptic that goes far away from Mars, and grey is the return
ellipse that ends at Phobos. This layout is exaggerated for clarity, and illustrates a 90 degree
inclination change. A total of three burns are required to complete this maneuver and end up in
an equatorial orbit that matches Phobos'.
Table AE.2 lists the time of flight in hours and total ∆𝑉, for all three burns, required for a
range of bi-elliptic intermediate leg distances (semi-major axis of green transfer ellipse). We see
from the data that the first time the total ∆𝑉 cost is similar to that of a plain inclination change
plus a Hohmann Transfer occurs at a time of flight of 101.85 hours. This time of flight is about
4.25 days and would require the spacecraft to contain food and atmospheric resources for the
passengers for this time. The savings in propellant mass due to ∆𝑉 savings does not make up for
the additional mass in food and resources.

Table AE. 2: Times of flight and ∆𝑽 required for a range of bi-elliptic transfers between
Mars and Phobos, including the required 43 degree inclination change.
Intermediate Leg [km]

∆𝑽 Total [km/s]

TOF [hours]

9473

3.407099

17.20984

10473

3.34999

18.82635

11473

3.301847

20.49197

12473

3.260607

22.20528
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13473

3.224801

23.96494

14473

3.193353

25.76973

15473

3.165455

27.61855

16473

3.140491

29.51033

17473

3.117983

31.44412

18473

3.097552

33.419

19473

3.078894

35.43412

20473

3.061766

37.48869

21473

3.045964

39.58196

22473

3.031325

41.71321

23473

3.017707

43.88178

24473

3.004995

46.08702

25473

2.99309

48.32833

26473

2.981907

50.60513

27473

2.971373

52.91688

28473

2.961425

55.26305

29473

2.952008

57.64313

30473

2.943076

60.05666

31473

2.934585

62.50316

32473

2.926499

64.9822

33473

2.918786

67.49336

34473

2.911415

70.03622

35473

2.904361

72.6104

36473

2.897601

75.21551

37473

2.891113

77.85119

38473

2.884879

80.51709

39473

2.878882

83.21287

40473

2.873106

85.9382

41473

2.867537

88.69276

42473

2.862163

91.47625
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43473

2.856971

94.28835

44473

2.851951

97.1288

45473

2.847093

99.9973

46473

2.842387

102.8936

47473

2.837826

105.8174

48473

2.833402

108.7684

49473

2.829108

111.7465

50473

2.824937

114.7513

51473

2.820883

117.7827

52473

2.816939

120.8404

53473

2.813102

123.9241

54473

2.809366

127.0337

55473

2.805726

130.1689

56473

2.802178

133.3296

57473

2.798718

136.5155

58473

2.795342

139.7264

59473

2.792047

142.9621

60473

2.788829

146.2225

61473

2.785684

149.5074

62473

2.782611

152.8166

63473

2.779607

156.1498

64473

2.776667

159.507

65473

2.773791

162.8879

66473

2.770976

166.2925

67473

2.768219

169.7204

68473

2.765519

173.1717

69473

2.762873

176.646

70473

2.760279

180.1433

71473

2.757736

183.6635

72473

2.755242

187.2063
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73473

2.752796

190.7716

74473

2.750395

194.3593

75473

2.748038

197.9692

76473

2.745724

201.6012

77473

2.743451

205.2553

78473

2.741219

208.9311

79473

2.739026

212.6287

80473

2.73687

216.3478

81473

2.734751

220.0884

82473

2.732667

223.8504

83473

2.730618

227.6335

84473

2.728603

231.4378

85473

2.72662

235.263

86473

2.724668

239.1091

87473

2.722748

242.976

88473

2.720857

246.8635

89473

2.718995

250.7715

90473

2.717162

254.6999

91473

2.715356

258.6487

92473

2.713577

262.6177

93473

2.711824

266.6068

94473

2.710097

270.6159

95473

2.708395

274.645

96473

2.706717

278.6938

97473

2.705062

282.7624

98473

2.703431

286.8506

99473

2.701821

290.9583

100473

2.700234

295.0854

101473

2.698669

299.2319

102473

2.697124

303.3977
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103473

2.6956

307.5826

104473

2.694095

311.7866

105473

2.692611

316.0096

106473

2.691145

320.2515

107473

2.689698

324.5123

108473

2.688269

328.7917

Table AE.3 summarizes the three options for a human transfer from Mars to Phobos. Because
it has the minimal initial launch mass from Mars, a Hohmann transfer with an inclination change
performed at Phobos will be our final selection.
Table AE. 3: Summary of final design options for Mars to Phobos transfer. Of these
options the Hohmann transfer with inclination change at Phobos was selected for the final
mission design.
Option

TOF (Hours)

Total ∆𝑉 (km/s)

Hohmann+Inc

2.202

7.224

2.202

6.259

105.817

6.282

Change at Mars
Hohmann+Inc
Change at Phobos
Bi-Elliptic

III. Return To Earth
1. Hohmann Transfer
The simplest type of transfer is the Hohmann. It is a minimum energy transfer and since it
produces the smallest ∆𝑽 is a good baseline to judge the best case scenario of a return in terms of
∆𝑽 cost. Figure AE.7 depicts the orbit for this transfer type.
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Figure AE. 7: Hohmann transfer in the heliocentric view of a transfer from Mars vicinity
to Earth vicinity.

Although this option is the cheapest in terms of ∆𝑉, it is the greatest in terms of payload mass.
The time of flight for this options is 8.63 months, and consumables such as food, water, and
oxygen must be brought for the duration of the transfer. This payload mass was generated by
the human factors team and is outlined in table AE.5. The orbital parameters for this transfer are
outlined in table AE.4.

Table AE. 4: Orbital parameters for Hohmann transfer from Mars vicinity to Earth
vicinity.
a [km]
188801506.5

Vd [km/s]
21.4817

Va [km/s]
32.7218

TOF [hours]
6214.41
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Table AE. 5: Consumables needed for the Hohmann transfer option.
Payload Mass for Hohmann
Water required:
Nitrogen required:
Food required:
Oxygen required:

(270 day transfer)
2.28 Mg
27.5 kg
3.0938 Mg
1.375 Mg

IV. Patched Conics Solution
The Hohmann transfer is the minimum ∆𝑉 solution, but it is not be the ideal solution for
Project Aldrin-Purdue. Because of the long time of flight, the total mass at launch of the vehicle
from Mars will be very large due to all the consumables like food, water, and oxygen that must
be carried for the crew. Additionally, the long return time is not ideal for humans who will be
confined to a small space for the duration of the voyage. Therefore, a patched conics approach
will be implemented to find an ideal trajectory to return to Earth. This approach employs a
Lambert Algorithm to patch together hyperbolic orbits near to arrival and departure bodies with
a portion of an ellipse in the heliocentric frame. The algorithm is as follows:
Initial and final orbital radii around the Sun:
𝑟𝑖𝑛𝑖𝑡𝑖𝑎𝑙 = 𝑎𝑀𝑎𝑟𝑠

𝑘𝑚

(AE.11)

𝑟𝑓𝑖𝑛𝑎𝑙 = 𝑎𝐸𝑎𝑟𝑡ℎ

𝑘𝑚

(AE.12)

Circular velocities of parking and final orbits around Mars and Earth:
𝑉𝑐𝑖𝑟𝑐𝑢𝑙𝑎𝑟,

𝑃ℎ𝑜𝑏𝑜𝑠

𝑉𝑐𝑖𝑟𝑐𝑢𝑙𝑎𝑟,

𝐿𝐸𝑂

𝜇𝑀𝑎𝑟𝑠
=√
𝑎𝑃ℎ𝑜𝑏𝑜𝑠

𝜇𝐸𝑎𝑟𝑡ℎ
=√
𝑟𝐿𝐸𝑂

𝑘𝑚/𝑠

𝑘𝑚/𝑠

(AE.13)

(AE.14)

Circular velocities of Earth and Mars around the Sun:
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(AE.15)

𝜇𝑆𝑢𝑛
=√
𝑟𝑖𝑛𝑖𝑡𝑖𝑎𝑙

𝑘𝑚/𝑠

𝜇𝑆𝑢𝑛
=√
𝑟𝑓𝑖𝑛𝑎𝑙

𝑘𝑚/𝑠

𝑉𝑐𝑖𝑟𝑐𝑢𝑙𝑎𝑟,

𝑀𝑎𝑟𝑠

𝑉𝑐𝑖𝑟𝑐𝑢𝑙𝑎𝑟,

𝐸𝑎𝑟𝑡ℎ

(AE.16)

Semi Perimeter of the Orbit:
𝑠 = 0.5 ∗ (𝑟𝑖𝑛𝑖𝑡𝑖𝑎𝑙 + 𝑟𝑓𝑖𝑛𝑎𝑙 + 𝑐ℎ𝑜𝑟𝑑)

𝑘𝑚

(AE.17)

Minimum Possible Semi-Major Axis of Heliocentric ellipse:

𝑎=

𝑠
2

𝑘𝑚

(AE.18)

If the transfer angle is less than 180 degrees, we will have a type 1 orbit. If the transfer angle
is greater than 180 degrees, we have a type 2 orbit. The parabolic time of flight is the lower
bound of an elliptical transfer orbit.

𝑇𝑂𝐹𝑃𝑎𝑟𝑎𝑏𝑜𝑙𝑖𝑐 =

3
3
1
∗ √2/𝜇𝑆𝑢𝑛 ∗ (𝑠 2 − (𝑠 ∗ 𝑐)2 )
3

𝑠
)
2𝑎

𝛼0 = 2 ∗ asin (√

𝑠−𝑐
)
2𝑎

𝛽0 = 2 ∗ asin (√

𝑠𝑒𝑐

(AE.19)

(AE.20)

𝑟𝑎𝑑

(AE.21)

𝑟𝑎𝑑

The minimum time of flight is associated with the minimum possible semi-major axis:
𝑎3
𝑇𝑂𝐹𝑀𝑖𝑛 = √
∗ ((𝛼0 − sin(𝛼0 )) − (𝛽0 − sin(𝛽0 ))
𝜇𝑆𝑢𝑛

𝑠𝑒𝑐

(AE.22)
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If the desired time of flight for our orbit is less than the minimum, we have type A transfer, if
it is greater than the minimum, we have a type B transfer.

We then use Newton's Method to determine the correct semi-major axis for the desired time
of flight by incrementing the semi-major axis and recalculating 𝛼0 , 𝛽0, and TOF until the TOF
is what we want it to be.

Now, there are two possible semi-latus rectum. For a type 1A or 2B transfer, we would select
the larger value. For a type 1B or 2A transfer we would select the lesser one.
4 ∗ 𝑎 ∗ (𝑠 − 𝑟𝑖𝑛𝑖𝑡𝑖𝑎𝑙 ) ∗ (𝑠 − 𝑟𝑓𝑖𝑛𝑎𝑙 )
𝛼±𝛽 2
𝑃=
∗ sin (
)
𝑐2
2

𝑘𝑚

(AE.23)

We calculate orbit eccentricity:
𝑒 = √1 −

𝑃
𝑎

(AE.24)

Elliptical velocities at apoapsis (near Phobos/Mars) and periapsis (near Earth) on the transfer
ellipse:
𝑉𝑡𝑟𝑎𝑛𝑠𝑓𝑒𝑟,

𝑃𝑒𝑟𝑖𝑎𝑝𝑠𝑖𝑠

=√

2 ∗ 𝜇𝑆𝑢𝑛 𝜇𝑆𝑢𝑛
−
𝑟𝑓𝑖𝑛𝑎𝑙
𝑎

𝑘𝑚/𝑠

𝑉𝑡𝑟𝑎𝑛𝑠𝑓𝑒𝑟,

𝐴𝑝𝑜𝑎𝑝𝑠𝑖𝑠

2 ∗ 𝜇𝑆𝑢𝑛 𝜇𝑆𝑢𝑛
=√
−
𝑟𝐼𝑛𝑖𝑡𝑖𝑎𝑙
𝑎

𝑘𝑚/𝑠

(AE.25)

(AE.26)

Angular momentum is calculated:
𝜇𝑆𝑢𝑛
𝑃

ℎ=√

𝑟𝑎𝑑/𝑠 2

(AE.27)

Nicole Vaughn | 529

Appendix AE

Project Aldrin Purdue

Flight path angles for both arrival and departure:
𝛾𝑃𝑒𝑟𝑖𝑎𝑝𝑠𝑖𝑠 = acos (

ℎ

)

𝑟𝑎𝑑

)

𝑟𝑎𝑑

𝑟𝑓𝑖𝑛𝑎𝑙 ∗ 𝑉𝑡𝑟𝑎𝑛𝑠𝑓𝑒𝑟,

𝑃𝑒𝑟𝑖𝑎𝑝𝑠𝑖𝑠

ℎ
𝛾𝐴𝑝𝑜𝑎𝑝𝑠𝑖𝑠 = acos (
𝑟𝑖𝑛𝑖𝑡𝑖𝑎𝑙 ∗ 𝑉𝑡𝑟𝑎𝑛𝑠𝑓𝑒𝑟,

𝐴𝑝𝑜𝑎𝑝𝑠𝑖𝑠

(AE.28)

(AE.29)

Velocity needed for escape at departure and capture at arrival:
𝑉∞,

𝐷𝑒𝑝𝑎𝑟𝑡𝑢𝑟𝑒 𝑓𝑟𝑜𝑚 𝑀𝑎𝑟𝑠 𝑉𝑎𝑐𝑖𝑛𝑖𝑡𝑦

2
= √𝑉𝑡𝑟𝑎𝑛𝑠𝑓𝑒𝑟,

𝐴𝑝𝑜𝑎𝑝𝑠𝑖𝑠

2
+ 𝑉𝑐𝑖𝑟𝑐𝑢𝑙𝑎𝑟,

𝑀𝑎𝑟𝑠 −2 ∗ 𝑉𝑡𝑟𝑎𝑛𝑠𝑓𝑒𝑟, 𝐴𝑝𝑜𝑎𝑝𝑠𝑖𝑠

∗ 𝑉𝑐𝑖𝑟𝑐𝑢𝑙𝑎𝑟,

𝑀𝑎𝑟𝑠

∗ cos(𝛾𝐴𝑝𝑜𝑎𝑝𝑠𝑖𝑠(AE.30)
)

𝑘𝑚/𝑠
𝑉∞,

𝐶𝑎𝑝𝑡𝑢𝑟𝑒 𝑖𝑛 𝐸𝑎𝑟𝑡ℎ 𝑉𝑎𝑐𝑖𝑛𝑖𝑡𝑦

2
= √𝑉𝑡𝑟𝑎𝑛𝑠𝑓𝑒𝑟,

𝑃𝑒𝑟𝑖𝑎𝑝𝑠𝑖𝑠

2
+ 𝑉𝑐𝑖𝑟𝑐𝑢𝑙𝑎𝑟,

𝐸𝑎𝑟𝑡ℎ −2 ∗ 𝑉𝑡𝑟𝑎𝑛𝑠𝑓𝑒𝑟, 𝑃𝑒𝑟𝑖𝑎𝑝𝑠𝑖𝑠

∗ 𝑉𝑐𝑖𝑟𝑐𝑢𝑙𝑎𝑟,

𝐸𝑎𝑟𝑡ℎ

∗ cos(𝛾𝑃𝑒𝑟𝑖𝑎𝑝𝑠𝑖𝑠 )

(AE.31)

𝑘𝑚/𝑠

Change in velocity necessary to achieve desired orbits:
𝑑𝑉𝐴𝑝𝑜𝑎𝑝𝑠𝑖𝑠 = √𝑉∞,2

𝐷𝑒𝑝𝑎𝑟𝑡𝑢𝑟𝑒 𝑓𝑟𝑜𝑚 𝑀𝑎𝑟𝑠 𝑉𝑎𝑐𝑖𝑛𝑖𝑡𝑦

+ (2 ∗

𝜇𝑀𝑎𝑟𝑠
)
𝑟𝑖𝑛𝑖𝑡𝑖𝑎𝑙
(32)

− 𝑉𝐶𝑖𝑟𝑐𝑢𝑙𝑎𝑟,

𝑑𝑉𝑃𝑒𝑟𝑖𝑎𝑝𝑠𝑖𝑠

𝑉∞,2
=√

𝑃ℎ𝑜𝑏𝑜𝑠

𝐶𝑎𝑝𝑡𝑢𝑟𝑒 𝑖𝑛 𝐸𝑎𝑟𝑡ℎ 𝑉𝑎𝑐𝑖𝑛𝑖𝑡𝑦

2

𝑘𝑚/𝑠

+

2 ∗ 𝜇𝐸𝑎𝑟𝑡ℎ
− 𝑉𝐶𝑖𝑟𝑐𝑢𝑙𝑎𝑟,
𝑟𝑓𝑖𝑛𝑎𝑙

𝐿𝐸𝑂

𝑘𝑚/𝑠

(33)

Total ∆𝑉 necessary:
𝑑𝑉 = 𝑑𝑉𝐴𝑝𝑜𝑎𝑝𝑠𝑖𝑠 + 𝑑𝑉𝑃𝑒𝑟𝑖𝑎𝑝𝑠𝑖𝑠

𝑘𝑚/𝑠

(AE.34)

NASA JPL has generated an online tool named HORIZONS [1] which generates ephemeris
data for bodies in the solar system for a range of dates. We used this tool to generate Cartesian
Nicole Vaughn | 530

Appendix AE

Project Aldrin Purdue

coordinate sets for both Mars' and Earth's location around the barycenter of the Solar System for
the years 2038 through 2048. We assumed that the barycenter of the Solar System was exactly
the center of the sun and that Mars and Earth moved only in X and Y components.

We created a MATLAB script to interpret this data and generate a transfer angle for any date.
The program then generates an optimized Lambert Arc solution for a range of time of flights
(TOF). It outputs results for orbital parameters semi-major axis, semi-latus rectum, eccentricity,
velocity and ∆𝑉 on ellipse at departure, velocity and ∆𝑉 on ellipse at arrival, escape velocity
needed at departure, capture velocity needed at arrival, total ∆𝑉 for the transfer, the arrival date
in the Julian Calendar, the transfer angle, and the time of flight used for the calculation. Two
sets of results were generated. One assumed circular, coplanar orbits for both Earth and Mars
about the Sun, while the other used the ephemeris data from HORIZONS to calculate the actual
locations of their orbits for each possible transfer. Our selections are based upon the ∆𝑉
required to depart from Mars' vicinity, since aerocapture will be performed at Earth, rather than
using a propulsive burn.

The first option to return will occur upon arrival at Phobos. If for some reason colonization is
not possible, then the crew must have the ability to return to Earth. The Cycler vehicle launched
on August 8, 2037 and has a projected time of flight of 155 days, indicating that arrival at the
Mars system will occur on January 22, 2038. We assume that that arrival date may also be used
to approximate the departure date from Phobos for the return. Figure AE.8 graphically shows
the results of the HORIZONS data for the actual orbits of both bodies during 2038.
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Figure AE. 8: Positions of Mars and Earth Relative to the Sun in Astronomical Units in
the year 2038.

For a departure on January 22, 2038, table AE.6 lists the results for a range of time of flights
for the circular, coplanar assumption and serves as an example of typical program output. The
MATLAB program could output this data for all dates from January 01, 2038, to December 31,
2048, and in conjunction with Human Factors and Propulsions code could determine an optimal
solution. The orbital diagram shown in Fig. AE.9 is for the final selection of a TOF of 6.7
months for the circular coplanar solution and the diagram is Fig. AE.10 is for the real orbits.
The red and blue dashed lines indicated the circular orbit approximations and the solid lines
indicate the true orbits for Earth and Mars. We see that the elliptical transfer orbit shifts once
the circular assumption is thrown out, and that while the circular orbit assumption may be
deemed acceptable for Earth, there is a large discrepancy between it and the true orbit of Mars.
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Figure AE. 9: Patched conics solution for the circular coplanar assumption for a return on
January 22. 2038.

Figure AE. 10: Patched conics solution for the real Mars and Earth orbits for a return on
January 22. 2038.
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Table AE. 6: Lambert Arc Solutions for a return to Earth utilizing a launch date of Jan
22, 2038 and a range of TOF's from 3.5-7.2 months using the circular assumption for the
orbits of Earth and Mars.
Departure: 2038-Jan-22

a [km]

4566313
827.84

1775301
121.04

1127097
223.78

8400409
20.42

6776186
68.13

5730831
11.40

4957059
81.10

4477030
56.00

4069933
65.41

3747509
06.59
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54.22

3273612
66.23
3094251
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6
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2
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9
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6
0.
7
4
0.
7
1
0.
6
9
0.
6
6
0.
6
4
0.

p [km]

242338
987.70

235827
782.08

229830
282.75

224258
439.34

219106
908.97

214360
619.68

210744
241.28

205736
672.32

201861
671.47

198295
083.72

194896
245.74

191748
519.74
188752

Circular, Coplanar Solution
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[km/s

]

]

33.69

dV

Vdinf

Vainf

dVd

dVa

[km/s]

[km/s]

[km/s]

[km/s]

41.77

22.74

19.35

20.80

14.51

35.31

33.01

41.22

22.08

18.95

20.15

14.17

34.32

32.35

40.69

21.44

18.57

19.51

13.83

33.35

31.72

40.20

20.83

18.20

18.91

13.52

32.42

31.12

39.72

20.23

17.85

18.32

13.21

31.53

30.54

39.27

19.64

17.50

17.74

12.92

30.65

29.94

38.81

18.95

16.97

17.06

12.47

29.53

29.46

38.43

18.55

16.86

16.65

12.38

29.04

28.95

38.05

18.02

16.57

16.14

12.13

28.27

28.46

37.68

17.51

16.27

15.63

11.88

27.51

28.00

37.33

17.01

16.00

15.14

11.66

26.80

27.55

36.99

16.53

15.73

14.67

11.44

26.10

27.12

36.67

16.07

15.48

14.21

11.23

25.44

[km/s

Arrival

]

TA

TOF

[deg]

[days]

2038-

136.

May-07

75

2038-

139.

May-10

68

2038-

142.

May-13

57

2038-

145.

May-16

47

2038-

148.

May-19

36

2038-

151.

May-22

19

2038-

153.

May-24

14

2038-

156.

May-28

97

2038-

159.

May-31

84

2038-

162.

Jun-03

65

2038-

165.

Jun-06

54

2038-

168.

Jun-09

37

2038-

171.

105

108

111

114

117

120

123

126

129

132

135

138

141
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352.27
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28.86

2

150.94
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13.77
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13.33
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9.02
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10.39
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17.07
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8.77
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14.13
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4.24

9.30
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33.43

5.81

4.19

4.41

3.96

8.37

22.30

33.27
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3.81

3.77

7.58

2038-
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2038-
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80

2038-
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2038-
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12
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21.19

32.53

3.05

4.88
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20.62
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Aug-23
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216

The same analysis described above was performed to compute an optional return to Earth for
approximately two years after initial colonization. Figure AE.11 depicts the orbits of Mars and
Earth during the year 2040.
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Figure AE. 11:Positions of Mars and Earth Relative to the Sun in Astronomical Units in
the year 2040.

As before, we ran the results of the Lambert algorithm for a range of time of flights, and fed
that information into additional programs devised by the Human Factors and Propulsion teams
to determine the dates at which the initial mass at launch from Mars could be minimized. For
the circular coplanar solution, the date at which this occurred was March 1, 2040, as depicted in
Fig. AE.12.
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Figure AE. 12: Patched conics solution for the circular coplanar assumption for a return
on March 01, 2040.

We deduced that for the real model there were more cost saving solutions, leading to the
selection of the August 2039-February 2040 launch window as the final choice for Project
Aldrin-Purdue. This return window was selected using an optimization code factoring in the
ephemeris data, Lambert algorithm, human factors, and propulsion data. Figure AE.13 shows
the transfer orbit for a return on August 06, 2039. From this figure, we see that the transfer orbit
departs from Mars when Mars' orbit is closest to that of Earth. This allows for costs savings at
departure. Because the ephemeris results are considered to be a higher fidelity model, the launch
window of August 6, 2039 to February 26, 2040 was selected to be recommended for the
mission, and a sample solution for a launch date of August 6, 2039 is provided as an example of
conditions for return during the specified return window.
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Figure AE. 13: Patched conics solution for the real Mars and Earth orbits for a return on
August 06, 2039. This may be considered representative for the return transfers during
the August 2039-February 2040 launch window.
All of the orbital parameters for the major solutions considered are summarized in table AE.7.
The final selections that are recommended for project Aldrin-Purdue are italicized.
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Table AE. 7: Summary of orbital parameters for final solutions considered. Those that are
italicized were recommended as the final selection for Project Aldrin-Purdue.
Departur

Arrival

Time

∆𝑉 at

Semi-major axis

Eccent

e Date

Date

of

departure

(km)

ricity

Flight

from Mars

(days)

vicinity

Model

(km/s)
Jan 22,

Aug

2038

11,

201

2.1538

185546784.0734

0.2312

Circular
Coplanar

2038
Jan 22,

Aug

2038

11,

201

2.2736

191946080.0554

0.2283

Ephemeri
s

2038
Mar 01,

Sep

2040

18,

201

2.1529

186053881.3692

0.2289

Circular
Coplanar

2040
Mar 01,

Sep

2040

18,

201

2.9778

201464027.8418

0.2580

Ephemeri
s

2040
Aug 06,

Feb

2039

26,

204

2.1713

174849698.6416

0.2213

Ephemeri
s

2040
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Appendic AF|Trajectories for Moon Missions
I. LaGrange point and Halo orbits
As per the Purdue-Aldrin specifications, missions to both L1 and L2 are to be examined
and communications relay network from Earth to L2 established. Before the trajectory to either
of the Lagrange points are calculated, we first solve for the location of the points with respect
to the lunar orbit. Calculations for this involve solving the following equations, balancing
gravitation and centrifugal forces:

To calculate the location of L1, we solve the equation:
𝑀1
𝑀2
𝑀1
𝑀1 + 𝑀2
= 2 +(
𝑅 − 𝑟)
2
(𝑅 − 𝑟)
𝑟
𝑀1 + 𝑀2
𝑅3

(𝐴𝐹. 1)

Where if M1 is significantly larger than M2, r can be simplified to:
3

𝑟 ≈ 𝑅√

𝑀2
3𝑀1

To calculate the location of L2, we solve the equation
𝑀1
𝑀2
𝑀2
𝑀1 + 𝑀2
+
=(
𝑅 + 𝑅 − 𝑟)
2
2
(𝑅 − 𝑟)
(2𝑅 − 𝑟)
𝑀1 + 𝑀2
𝑅3

(𝐴𝐹. 2)

Again if M1 is significantly larger than M2, r can be simplified to:
𝑟≈𝑅+

7𝑀2
12𝑀1

In the above equations, r is the distance of the L1 point from the moon, R is the distance
between the Earth and the Moon, and M1 and M2 are the masses of the Earth and small Moon,
respectively.

For visial purposes, the points were plotted and can be observed in Fig AF.1 below:
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L1

L2

Figure AF.1: Plot of location of Earth-Moon L1 and L2

A. Human Lunar Voyages
First, we calculate trajectories for the vehicle taking the astronauts to the lunar bases. We
compute trajectories for both a Hohmann transfer to get the astronauts into low lunar orbit and
and free return which is always only an option by which the astronauts can return safely back to
LEO should anything go wrong.

1. Hohmann Transfer

We calculate a Hohmann transfer from 200 km LEO to LLO where they capture into 200 km
parking orbit in preparation for landing on the near or far side bases. Figure AF.2 below shows
the enlarged view of the burn to capture into LLO:
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Figure AF.2: Plot of DV vs flight path angle for HuLa from Phobos to Mars
The overview of the whole system is shown below:

Figure AF.3: Overview of plot of DV vs flight path angle for HuLa from Phobos to Mars
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The delta V requirements and orbital characteristics of this transfer are shown in Table AF.1
below:
Table AF.1: Transfer characteristics of Hohmann transfer from Earth to LEO
Characteristic

Value [unit]

Semi Major Axis

195489 [km]

Eccentricity

0.9664

Delta V1

3.1313 [km/s]

Delta V2

1.4040 [km/s]

Total ΔV

4.5353 [km/s]

TOF

4.978 [days]

II. Free return
A free return trajectory is calculated from 200 km LLO back to 200 km LEO. A free return is
computed by calculating the Delta V needed to place the vehicle on the inbound leg of an
ellipse of eactly the same size and parameters as the outbound leg the vehicle is on. It is
basically the intersept of two ellipses, therefore, the Delta V can be computed by simply taking
the difference in the radial component of velocity. The image below (Fig AF.4) explains the
basic concept of the free return and the requirements for calculating the Delta V.

V
-

DV

r̄

ɣ

ɣ+
+
V

≈

r̄
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Figure AF.4: Basic concept of Free Return

The Delta V can then be simplified down to:
𝐷𝑒𝑙𝑡𝑎 𝑉 = |𝑉𝑟+ − 𝑉𝑟− |

III. L1
The next lunar trajectory we plot places an XM1 (1st generation exploration module) in cislunar space at Lagrange point L1. This is to support lunar near side activities. We calculate for
the Delta V and time of flight (TOF) required to place the XM1 on a trajectory to L1 from Earth.
A low energy transfer along a precalculated stable manifold is used to execute the transfer. This
manifold was calculated by the mission design section of the 2014 - Project Artemis senior
design team. A plot of this manifold is shown in Fig AF.5 below:

Figure AF.5: Plot of stable manifold from Earth to L1
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The disadvantage of using this low energy transfer, as is the disadvantage of most low energy
transfers, is that the length of the TOF is significantly longer. The orbital characteristic of the
transfer along the manifold are shown in Table AF.2 below:

Table AF.2: Transfer characteristics of the stable manifold from Earth to L1 .
Characteristic

Value [unit]

Delta V

3.2249 [km/s]

TOF

76.4852 [days]

IV. L2 – Halo Orbit
Second, we look at the LaGrange point L2. We decide to use the XM1 initially to be at the L2
point also as a means of the communication relay network from Earth to L2. To do this, we place
the XM1 in a halo orbit about L2. In order to get to the halo orbit, a second precalculated stable
manifold is used to get to L2. This manifold was also gotten from last year’s Project Artemis
report. A plot of this manifold is shown in Fig AF.6 below:

Figure AF.6: Plot of stable manifold form Earth to L2 Halo
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The initial condition guesses and initial condition solutions used to calculate the L2 halo orbit
with differential correction is shown in Table AF.3 shown below:
Table AF.3: Initial guesses and solution used to solve for L2 halo orbit .
xo

zo

ẏ

T

Guess

1.1767

0.0619

-0.1747

3.3835

Solution

1.1767

0.0617

-0.1746

3.3837

Once at L2, a burn is executed to get the module into the halo orbit. The orbital characteristic of
the transfer along the manifold and the Delta V requirements of the halo orbit are shown in
Table AF.4 below:
Table AF.4: Transfer characteristics of the stable manifold from Earth to L1 .
Characteristic

Value [unit]

Delta V to L2

3.0957 [km/s]

Delta V to L2
Halo
TOF

0.1010 [km/s]
90.9461 [days]

V. Refueling Station
As per the Purdue – Aldrin specifications, we establish a refueling depot in a geocentric orbit in
cis-lunar space in order to provide a means of supplying fuel to modules should the need arise.
To pick an orbit for the refueling station, we consider the criteria for the vehicle to be in orbit. A
high velocity, which keeps the period small, will eliminate the incovenience of a long wait for an
orbital return. However, the altitude should also be high enough to eliminate any inconveniences
in the form of other orbital vehicles. To choose a range of favorable altitudes, we plot the period
of the orbit against the orbital velocity. This plot is seen below in Fig AF.7:
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Figure AF.7: Plot of Period vs Velocity for choosing altitude of refueling station
The orbital characteristics of the refueling station orbit are shown in Table AF.5 below:
Table AF.5: Transfer characteristics of the stable manifold from Earth to L1 .
Characteristic

Value [unit]

Altitude

17000 [km]

Velocity

4.082 [km/s]

Period

10 [hours]

VI. Cargo Modules
To place the cargo module in low lunar orbit (LLO), we consider another precalculted low
thrust transfer from Earth to the lunar vicinity. The cargo vehicle leaves low earth orbit (LEO)
at a 200km altitude. Due to the degree of similarity of the missions, the low thrust solution from
last year’s Project Artemis, is modified in order to obtain mission specific values for the Purdue
– Aldrin mission. Detailed explanation of the method and solution can be found in the project
Artemis report cited in the references. A plot of this transfer is shown below:
Tomi Olokun | 548

Appendix AF

Project Aldrin-Purdue

Figure AF.8: Plot of low thrust trajectory to LLO

The mission characteristics are shown in Table AF.6 below:

Table AF.6: Transfer characteristics of cargo mission to LLO .
Characteristic

Value [unit]

Mass

225.86 [Mg]

Total approx. propellant cost

118.1 [Mg]

Total TOF

402 [days]
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Appendix AG| HuLa rendezvous in LEO
In order to execute the rendezvous with the cycler in orbit, we send three Human Landers
out on individual launches from the Earth’s surface to low earth orbit (LEO). However before
the cycler rendezvous, the three human landers must first rendezvous in LEO. Two options are
initially considered for the landers’ rendezvous in orbit, the first option (as per the Aldrin –
Purdue specifications) is to launch all three landers individually and execute three rendezvous’
in orbit. The second option we consider is to launch all three landers together in the SLS
(NASA’s Space Launch System) and assemble the landers in orbit using the SLS payload lifts
(used by NASA to assemble Nuclear Thermal Rocket engines in orbit). The latter option is not
chosen due to the structural nature of the landers and ballutes which poses an issue of spacing in
the SLS.

We choose a 200 km parking altitude for most of the LEO operations in this mission and as
thus, the landers rendezvous at an altitude of 200 km. Referring to the image (Fig AG.1) shown
below, we use linear targeting to compute the DV required to transfer from the chasing orbit to
the target orbit.

Target Orbit

Chasing Orbit

Transfer orbit

Figure AG.1: Diagram of rendezvous setup
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x̂
DV2

ŷ

tf

t=0
DV1

Figure AG.2: Vehicle approach as viewed from target

Linear targeting algorithm computes the Delta V required to place a vehicle on an orbit to
rendezvous with another orbital vehicle without crashing. Usually, orbital mechanics problems
are large scale, however, linear targeting deals with smaller scale distances of just meters.
Chasing in this context would mean the approach of the vehicle leaving the chasing orbit and
the target would be the vehicle being approached. In Fig AG.2 shown above, the target is placed
at the ‘origin’ of the system and we see the approach as from this origin. To solve for the DVs in
this scenario, we solve Euler Hill’s equations:
ẍ − 2𝑛ẏ − 3𝑛2 𝑥 = 0

(AG.1)

ÿ + 2𝑛𝑥 = 0

(AG.2)

z + 𝑛2 𝑧 = 0

(AG.3)

This is the force free solution of Hill’s equation which is a special case of the generally
unsolvable equation. We use the results obtained from the equations above to observe a trade
study in order to choose the most favorable chasing orbit from which to execute the rendezvous.
Altitudes from 0km (Earth’s surface) to 200km (target orbit) are considered. The trade study
compares various altitudes and their respective DVs needed to get on the trajectory to
successfully rendezvous the vehicles.
Using the results of this computation, we are able to compare values of DV and relative
distance (the distance between the chasing orbit and the target orbit in the x direction, refer to
Fig AG.2 above). These results are plotted in Fig. AG.3 below:
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Minimum DV:
190 km
chasing
altitude

Figure AG.3: Plot of DV vs relative distance for linear targeting
As we can see from the plot in Fig. AG.3 above, DV magnitudes are lowest at a 190 km
chasing altitude. Thus, the 190 km chasing altitude is chosen for the rendezvous operation.
Orbit characteristics for the rendezvous orbit are shown in the table below:

Table AG.1: An example of the AIAA table format, can be applied in the “Design” tab.
Characteristics

Value [unit]

Docking Altitude

200 [km]

Period

1.51 [hours]

Chasing Altitude

190km

Mass Per Lander

6.25 Mg

DV Per Rendezvous

0.002 km/s

Total DV (5 vehicles)

0.01 km/s

Time Per Maneuver

0.59 hours

After all three landers have successfully rendezvoused in orbit, we then proceed to rendezvous
the landers with the cycler on a hyperbolic trajectory.
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Appendix AH| HuLa: Trajectory from Phobos to Mars
For the next mission, we plan the trajectory for the human landers with the astronauts from
Phobos to the surface of Mars. To calculate this trajectory, we consider the requirements and
constraints for entry into the Martian atmosphere which include:
 Flight path angle at entry must be between -20 and 0 degrees to the local horizon.
 The magnitude of the lander velocity at entry into the Martian atmosphere must be lower
than 4.9 km/s to avoid possibility of hyperbolic entry.
These factors are decided based on calculations which are discussed in the aerodynamics section
of the report.

For the constraints listed above, we solve to find the trajectories which will require the
least amount of DV to execute the transfer. The landers must depart from the surface of Phobos,
complete an orbit to a 120 km altitude at Mars, and then capture at the planet. We choose the
120km altitude for its significance as the edge of the Martian atmosphere. To solve this, we work
backwards using a range of values for true anomaly from 0 to -180 degrees. For this calculation,
the radius and gravitational field of Phobos are neglected due to the magnitude of the values,
compared to those of Mars, being relatively small. To choose the optimal trajectory, the flight
path angles are plotted against their respective computed DVs:
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Figure AH.1: Plot of DV vs flight path angle for HuLa from Phobos to Mars
In Fig. AH.1 above, the four optimal trajectory characteristics are indicated by four red
dots. These are the values of flight path angle which give the least entry velocity and as a result
the least total DV. The corresponding values are shown in table AH.1 below:

Table AH.1: Optimal trajectory characteristics for transfer from Phobos to Mars.
Trajectory

1

2

3

4

True Anomaly

-50

-34

-17

0

Delta V1

0.6961

0.6587

0.6355

0.628

Delta V2

1.1055

0.9182

0.964

0.8805

Total Delta V

1.8016

1.5769

1.5995

1.5085

The trajectories are labelled one through four accordingly for each red dot on Fig AH.1 from left
to right. Overall, as expected, the Hohmann transfer (i.e. flight path angle = 0 degrees) is the
option with the lowest DV.
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It is determined, however, by aerodynamic factors which are discussed in section 8 of the
report, that the highest applicable entry angle is -4.875 degrees with a perfect atmosphere. In the
figure (Fig. AH.2) below, we plot the trajectory for this flight path angle and the transfer orbit is
shown in dotted line. With this trajectory, the landers will enter the Martian atmosphere at
4.3693 km/s.

Figure AH.2: Plot of chosen trajectory from Phobos to Mars
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Appendix AI| Trajectory Analysis for Hyperbolic
Rendezvous
I. Introduction
Determining the orbit for the hyperbolic trajectory is dependant on two factors, where along
the S1L1 orbit do we want to rendezvous and the duration of the flight. This section looks at a
variety of ways to analyze the information and the trajectories.
II. Nomenclature

𝑅1 = 𝑖𝑛𝑖𝑡𝑖𝑎𝑙 𝑠𝑝𝑎𝑐𝑒𝑐𝑟𝑎𝑓𝑡 𝑙𝑜𝑐𝑎𝑡𝑖𝑜𝑛 (𝑘𝑚)
𝑇𝑂𝐹𝑑𝑒𝑠𝑖𝑟𝑒𝑑 = 𝑑𝑒𝑠𝑖𝑟𝑒𝑑 𝑡𝑖𝑚𝑒 𝑜𝑓 𝑓𝑙𝑖𝑔ℎ𝑡 (𝑑𝑎𝑦𝑠)
𝑇𝑂𝐹𝑝𝑎𝑟𝑎𝑏𝑜𝑙𝑖𝑐 = 𝑝𝑎𝑟𝑎𝑏𝑜𝑙𝑖𝑐 𝑡𝑖𝑚𝑒 𝑜𝑓 𝑓𝑙𝑖𝑔ℎ𝑡 (𝑑𝑎𝑦𝑠)
𝑅2 = 𝑓𝑖𝑛𝑎𝑙 𝑠𝑝𝑎𝑐𝑒𝑐𝑟𝑎𝑓𝑡 𝑙𝑜𝑐𝑎𝑡𝑖𝑜𝑛 (𝑘𝑚)
𝑇𝐴 = 𝑇𝑟𝑎𝑛𝑠𝑓𝑒𝑟 𝐴𝑛𝑔𝑙𝑒 𝑜𝑓 𝑀𝑎𝑛𝑢𝑒𝑣𝑒𝑟 (𝑑𝑒𝑔𝑟𝑒𝑒𝑠)
𝐶 = 𝑀𝑖𝑠𝑠𝑖𝑛𝑔 𝑠𝑖𝑑𝑒 𝑜𝑓 𝑆𝑝𝑎𝑐𝑒 𝑇𝑟𝑖𝑎𝑛𝑔𝑙𝑒 (𝑘𝑚)
𝑆 = 𝑆𝑒𝑚𝑖𝑝𝑒𝑟𝑖𝑚𝑒𝑡𝑒𝑟 𝑜𝑓 𝑆𝑝𝑎𝑐𝑒 𝑇𝑟𝑖𝑎𝑛𝑔𝑙𝑒 (𝑘𝑚)
𝑎𝑚𝑖𝑛 = 𝑀𝑖𝑛𝑖𝑚𝑢𝑚 𝑣𝑎𝑙𝑢𝑒 𝑓𝑜𝑟 𝑠𝑒𝑚𝑖𝑚𝑎𝑗𝑜𝑟 𝑎𝑥𝑖𝑠 (𝑘𝑚)
𝑎𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦 = 𝑠𝑒𝑚𝑖𝑚𝑎𝑗𝑜𝑟 𝑎𝑥𝑖𝑠 𝑜𝑓 ℎ𝑦𝑝𝑒𝑟𝑏𝑜𝑙𝑖𝑐 𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦(𝑘𝑚)
𝑝trajectory = semi 𝑙𝑎𝑡𝑢𝑠 𝑟𝑒𝑐𝑡𝑢𝑚 of hyperbolic trajectory(𝑘𝑚)
𝜖𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦 = 𝑒𝑛𝑒𝑟𝑔𝑦 𝑜𝑓 ℎ𝑦𝑝𝑒𝑟𝑏𝑜𝑙𝑖𝑐 𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦

𝑘𝑚
𝑉1𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦 = 𝑉𝑒𝑙𝑜𝑐𝑖𝑡𝑦 𝑎𝑡 𝑖𝑛𝑖𝑡𝑖𝑎𝑙 𝑙𝑜𝑐𝑎𝑡𝑖𝑜𝑛 𝑜𝑓 ℎ𝑦𝑝𝑒𝑟𝑏𝑜𝑙𝑖𝑐 𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦 ( )
𝑠𝑒𝑐
𝑘𝑚
𝑉2𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦 = 𝑉𝑒𝑙𝑜𝑐𝑖𝑡𝑦 𝑎𝑡 𝑓𝑖𝑛𝑎𝑙 𝑙𝑜𝑐𝑎𝑡𝑖𝑜𝑛 𝑜𝑓 ℎ𝑦𝑝𝑒𝑟𝑏𝑜𝑙𝑖𝑐 𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦 ( )
𝑠𝑒𝑐
𝛾1𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦 = 𝐹𝑙𝑖𝑔ℎ𝑡 𝑝𝑎𝑡ℎ 𝑎𝑛𝑔𝑙𝑒 𝑎𝑡 𝑖𝑛𝑖𝑡𝑖𝑎𝑙 𝑙𝑜𝑐𝑎𝑡𝑖𝑜𝑛 𝑜𝑓 ℎ𝑦𝑝𝑒𝑟𝑏𝑜𝑙𝑖𝑐 𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦 (𝑑𝑒𝑔𝑟𝑒𝑒𝑠)
𝛾2𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦 = 𝐹𝑙𝑖𝑔ℎ𝑡 𝑝𝑎𝑡ℎ 𝑎𝑛𝑔𝑙𝑒 𝑎𝑡 𝑓𝑖𝑛𝑎𝑙 𝑙𝑜𝑐𝑎𝑡𝑖𝑜𝑛 𝑜𝑓 ℎ𝑦𝑝𝑒𝑟𝑏𝑜𝑙𝑖𝑐 𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦 (𝑑𝑒𝑔𝑟𝑒𝑒𝑠)
𝑘𝑚
𝑉𝑖𝑛𝑖𝑡𝑖𝑎𝑙 = 𝑉𝑒𝑙𝑜𝑐𝑖𝑡𝑦 𝑜𝑓 𝑠𝑝𝑎𝑐𝑒𝑐𝑟𝑎𝑓𝑡 𝑎𝑡 𝑖𝑛𝑖𝑡𝑖𝑎𝑙 𝑙𝑜𝑐𝑎𝑡𝑖𝑜𝑛 ( )
sec
𝑘𝑚
𝑉𝑓𝑖𝑛𝑎𝑙 = 𝑉𝑒𝑙𝑜𝑐𝑖𝑡𝑦 𝑜𝑓 𝑠𝑝𝑎𝑐𝑒𝑐𝑟𝑎𝑓𝑡 𝑎𝑡 𝑓𝑖𝑛𝑎𝑙 𝑙𝑜𝑐𝑎𝑡𝑖𝑜𝑛 ( )
𝑠𝑒𝑐
𝑒𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦 = 𝑒𝑐𝑐𝑒𝑛𝑡𝑟𝑖𝑐𝑖𝑡𝑦 𝑜𝑓 𝑡ℎ𝑒 𝑡𝑟𝑗𝑒𝑐𝑡𝑜𝑟𝑦
𝑅𝑝 = 𝑟𝑎𝑑𝑖𝑢𝑠 𝑜𝑓 𝑝𝑒𝑟𝑖𝑎𝑝𝑠𝑖𝑠 𝑜𝑓 𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦 (𝑘𝑚)
𝑘𝑚3
𝜇𝑒𝑎𝑟𝑡ℎ = 𝐸𝑎𝑟𝑡ℎ 𝐺𝑟𝑎𝑣𝑖𝑡𝑎𝑡𝑖𝑜𝑛𝑎𝑙 𝑃𝑎𝑟𝑎𝑚𝑒𝑡𝑒𝑟 ( 2 )
𝑠𝑒𝑐
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III. Determination of Hyperbolic Trajectory

A. Lambert arcs and Lambert’s algorithm

One of the tools to solve for an acceptable hyperbolic trajectory is through the use of Lambert
Arcs and Lambert’s Algorithm. Lambert’s algorithm is a process that assumes we know how
long the flight will last, where the spacecraft is located initially (R1) and the final location of the
spacecraft when the flight is over (R2). The algorithm then runs through iterations to provide a
semi-major axis that fits the criteria set above and generates an output for the trajectory that has
the desired final location and the time of flight (TOF). In addition to the TOF, the transfer angle
(TA), which is the angle between the initial and final location, is also provided. Thus all the
information needed to complete the path is provided by the algorithm.

For Project Aldrin-Purdue, the Hula will initiall be located at LEO with a radius of 6678
km. Our time of flight, based off the calculations from human factors, must be less than 10 days
in order for the mass of air, and food to stay within their acceptable range. The final location of
the HuLa as well as the transfer angle for the lambert arc will be varied until we can have a TOF
that is within the given range. Table AI.1 summarizes the initial conditions for the Lambert Arc
Algorithm:

Table AI.1: This table shows the initial conditions for the Lambert algorithm, where the
initial location and final location of the spacecraft are needed respectively (R1 and R2).
Along with Time of flight (TOF) and transfer angle (TA).
Lambert Algorithm Initial Conditions
Initial Spacecraft Location (R1)

6678 km

Final Spacecraft Location (R2)

Variable

Desired Time of Flight (TOF)

< 10 days

Transfer Angle (TA)

Variable
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With the initial conditions, the Lambert Algorithm goes through the process of defining the
geometry of a space triangle based off all the initial conditions. The space triangle is a useful
geometric figure that allows us to compute other relevant quantities for the algorithm. A figure of
the space triangle can be seen below in Fig. AI.1.

Figure AI.1: This figure shows the space triangle and how it is constructed. The final and
initial locations (R2 and R1) vectors provide the two sides of the triangle with the transfer
angle will be between the. C is the vector that connects R1 and R2 together.

From Fig. AI.4 above we can see the the initial and final locations ( R1 and R2
respectively) these distances are relative from the Earth. The transfer angle (TA) is seen as the
angle between both distances and their vectors. The final distance (C) is found connecting both
heads of the location vectors. From the space triangle we can compte missing information with
geometry and the trigonometric identities. Using the law of cosines, as seen in Eq. AI.1, we can
compute C the missing value of the space triangle.
𝐶 = √𝑅1 2 + 𝑅2 2 − 2𝑅1 𝑅2 cos(𝑇𝐴)

(AI.1)

From the space triangle, the semi-perimeter can be calculated as well as the minimum
allowable semi-major axis the trajectory can have. These two relationships can be seen in Eq.
AI.2 and Eq. AI.3 below.
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𝑆=

𝐶+𝑅1 +𝑅2

(AI.2)

2

𝑎𝑚𝑖𝑛 =

𝑆

(AI.3)

2

From these quantities, important information can be determined are used in the
determination of the hyperbolic trajectory. The quantity that is determined is the parabolic time
of flight (TOFparabolic) which is used as a boundary condition for determining the hyperbolic
trajectory. The following equation shows the computation of the parabolic time of flight.

3
3
1
2
𝑇𝑂𝐹𝑝𝑎𝑟𝑎𝑏𝑜𝑙𝑖𝑐 = √
[𝑆 2 − (𝑆 − 𝐶)2 ]
3 𝜇𝑒𝑎𝑟𝑡ℎ

With this equaton the bounds for the problem are defined in terms of time of flight. In
order to have a hyperbolic trajectory as a result of the Lambert Arc Algorithm, then the
following condition must be met:
𝑇𝑂𝐹𝑑𝑒𝑠𝑖𝑟𝑒𝑑 < 𝑇𝑂𝐹𝑝𝑎𝑟𝑎𝑏𝑜𝑙𝑖𝑐 => 𝐻𝑦𝑝𝑒𝑟𝑏𝑜𝑙𝑖𝑐 𝑇𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦

When this condition satisfied, the Lambert Algorithm will produce an output of a hyperbolic
trajectory. However, there is another condition that must be determined in order for us to have all
the information needed to complete the type. The condition needed is based off the transfer angle
of the arc, which will determine the type of arc we obtain. The following shows the result of the
condition:
𝑇𝐴 < 180 => 𝑇𝑦𝑝𝑒 1
𝑇𝐴 > 180 => 𝑇𝑦𝑝𝑒 2

When the boundary and the type determined, we can compute the semi-major axis of the
trajectory through the use of iteration. The computation of the semi-major axis depends on the
type of arc it is based off the transfer angle condition. If the arc is a Type 1 the semi major axis is
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computed with iterations through the following processes expressed Eq. AI.4. Note this is the
first iteration only.
𝛼𝑜 = 𝜋

𝑆−𝐶
𝛽𝑜 = 2 sinh−1 (√
)
2𝑎𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦

𝑎𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦

𝑇𝑂𝐹𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦 = √

𝜇𝑒𝑎𝑟𝑡ℎ

[(sinh(𝛼𝑜 ) − 𝛼𝑜 ) − (sinh(𝛽𝑜 ) − 𝛽𝑜 )]

(AI.4)

Then when the first iteration is over the next iterations are done with the following Eqs.AI.5.

𝑆
𝛼𝑜 = 2 sinh−1 √
2𝑎𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦

𝑆−𝐶
𝛽𝑜 = 2 sinh−1 (√
)
2𝑎𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦

𝑎𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦

𝑇𝑂𝐹𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦 = √

𝜇𝑒𝑎𝑟𝑡ℎ

[(sinh(𝛼𝑜 ) − 𝛼𝑜 ) − (sinh(𝛽𝑜 ) − 𝛽𝑜 )]

(AI.5)

If the arc is a Type 2, the semi-major axis is computed with Eq. AI.6
𝛼𝑜 = 𝜋

𝑆−𝐶
𝛽𝑜 = 2 sinh−1 (√
)
2𝑎𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦
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𝑎𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦

𝑇𝑂𝐹𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦 = √

𝜇𝑒𝑎𝑟𝑡ℎ

[(sinh(𝛼𝑜 ) − 𝛼𝑜 ) − (sinh(𝛽𝑜 ) − 𝛽𝑜 )]

(AI.6)

Again the previous equations were for the first iterations and the iterations that followed are the
same as if the trajectory was type 1.With either type, the semi-major axis is incremented through
a certain range until the TOF from the iteration is the same as the TOFdesired within a certain
tolerance.

After the semi major axis is computed, the other orbital parameters can be computed
starting off with the semi-latus rectum of the orbit. The equation for the semi-latus rectum can be
can be seen below as Eq. AI.7.

𝑝𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦 =

4𝑎𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦 (𝑆−𝑅1 )(𝑆−𝑅2 )
𝐶2

𝛼𝑜 ±𝛽𝑜

sinh (

2

)

(AI.7)

Based off the type of arc that we have we need to choose the sei latus-rectum. If its type 1 we
need the larger of the two and with type 2 we can the smaller of the two.With the semi-latus
rectum we can solve for the eccentricity and the radius of periapsis.

𝑒𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦 = √1 +

𝑝𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦
𝑎𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦

𝑅𝑝 = 𝑎𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦 (𝑒𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦 − 1)

From the determined values, the energy of the trajectory can be determined with Eq. AI.8.
𝜖𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦 = 2𝑎

𝜇𝑒𝑎𝑟𝑡ℎ

(AI.8)

𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦

From the energy equation, the velocity at the initial position and the final position can be
determined from the following equations:
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𝑉1𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦 = √2 (𝑒𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦 +

𝜇𝑒𝑎𝑟𝑡ℎ
)
𝑅1

𝑉2𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦 = √2 (𝑒𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦 +

𝜇𝑒𝑎𝑟𝑡ℎ
)
𝑅2

Then the flight path angles can be determined at these two points as well and can be computed
from Eq. AI.9 and Eq. AI.10:

𝛾1𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦 = cos−1 (

𝑎𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦 (𝑒𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦 2 −1)
𝑅1
)
𝑎𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦

)

(AI.9)

𝑅1 (2+

𝑎𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦 (𝑒𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦 2 −1)

𝛾2𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦 = cos −1 (

𝑅2
)
𝑎𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦

)

(AI.10)

𝑅2 (2+

Because we know that before going on the hyperbolic trajectory, the HuLa is on a circular
orbit in LEO. With that information and the initial location of the spacecraft the initial speed of
the spacecraft can be computed with Eq. AI.11.

𝜇𝑒𝑎𝑟𝑡ℎ

𝑉𝑖𝑛𝑖𝑡𝑖𝑎𝑙 = √

(AI.11)

𝑅1

Along with the initial velocity, since the S1L1 orbit has been established and the information for
the hyperbolic S1L1 orbit is known. The final velocity of the spacecraft can be determined from
Eq. AI.12.

𝑉∞ 2

𝑉𝑓𝑖𝑛𝑎𝑙 = √2 (

2

+

𝜇𝑒𝑎𝑟𝑡ℎ
𝑅2

)

(AI.12)
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When the velocities are known for both the hyperbolic trajectory and the initial and final
velocities of the spacecraft, the change in velocity can be determined from the law of cosines.

𝛥𝑉1 = √𝑉1𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦 2 + 𝑉𝑖𝑛𝑖𝑡𝑖𝑎𝑙 2 − 2𝑉𝑖𝑛𝑖𝑡𝑖𝑎𝑙 𝑉1𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦 cos(∆𝐹𝑃𝐴1 )

𝛥𝑉2 = √𝑉2𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦 2 + 𝑉𝑓𝑖𝑛𝑎𝑙 2 − 2𝑉𝑓𝑖𝑛𝑎𝑙 𝑉2𝑡𝑟𝑎𝑗𝑒𝑐𝑡𝑜𝑟𝑦 cos(∆𝐹𝑃𝐴2 )

Now that we have all the necessary information for the hyperbolic trajectory we can run different
cases in order to determine if they meet the mission requirments.

From the given process for the lambert algorithm, different values for the final location
of the spacecraft and the transfer angle are given as inputs. First onle one variable was allowed to
change and the other to remain constant so that we can see the effects of the variable on time of
flight (TOF). The following table (Table AI.2) shows the effects of transfer angle on time of
flight.

Table AI.2: This table shows th effect of the designated transfer angle to the time of flight.
As seen from the values the transfer angle doesn’t seem to have much effect on the timeof
flight.
Transfer Angle (degrees)

Time of Flight (hours)

60

6.66

70

6.73

80

6.79

90

6.86

100

6.93

110

6.99

120

7.1
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As seen from the table, the transfer angle does not have a significant effect on the time of flight
for the spacecraft. The next table, shows what would happen to the time of flight if the final
location were to vary with a fixed transfer angle.

Table AI.3: This table shows the relaionships between the final locations of the spacecraft
anf the time of flight. Here we see that the final location has a strong effect on the time of
flight for the mission.
Final Location (km)

Time of Flight (hours)

50000

2.67

75000

4.69

100000

7.10

125000

9.72

150000

12.65

175000

15.83

200000

19.24

From Table AI.3, it can be seen that the final location of the HuLa causes a significant impact on
the time of flight. Which is to be expected the futher away the spacecraft has to go the longer the
trip will take.

Now if the ranger of desired time of flight was changed and we kept the final location and
transfer angle the same we can see the types of trajectories that will be given as outputs. The
following table shows the outputs in terms of the orbital parameters for a given time of flight.
The transfer angle and the final location are fixed at 120 degrees and 200000 km respectively.

Lorenzo Garcia| 564

Appendix AI

Project Aldrin-Purdue

Table AI.4: This shows the values of total delta V and the altitude of periapsis as a
function of the desired time of flight. As seen from the table, the longer the time of flight
the lower the delta V becomes as well as he altitude of periapsis.
Desired TOF (hours)

Total Delta V (km/sec)

Altitude of Periapsis (km)

5

13.60

188.21

6

10.08

269.69

7

7.74

299.36

8

6.16

288.74

9

5.13

249.11

10

4.82

190.06

11

5.3

119.1

12

5.82

41.74

13

6.31

-38.11

From the table above, it can be seen that the longer the time of flight the lower the delta V would
be for the overall mission. This is beneficial, however with the altitude of periapsis being so
close to the Earth we may experience more problems with leaving Earth’s gravitational pull. A
graphical representation of the following data can be seen in fig. AI .2and fig AI.3.
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Figure AI.2: This shows a visual representation of the attitude of periapsis vs the desired
time of flight. As seen there is a risk of being too close to the Earth’s gravitational pull. A
risk that is involved with all Lambert algorithm results.

Figure AI.3: This shows a visual representation of the total delta V requirements for the
mission as a function of the desired time of fight. Leaving too Early is not feasible due to
high values and a minimm occurs at a desired tie of flight of 10 hours.
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The visual representation from the graphs provides a clearer picture of what happens to
altitude of periapsis and total delta V as desired time of flight increases. From these graphs it
shows that there is a minimum delta V that we can have which occurs at the 10 hour mark as
seen in fig. AI.2. However the altitude of periapsis is too low for that to be a pheasible
possibility. In fact because the lambert arc doesn’t take into account where the starting point of
the hyperbolic trajectory is, there is a risk that the spacecraft will be too close to th
Earth’sgravitational pull. This is the risk for every calculation for the Lambert algorithm which
makes the process difficult to use and unpredictable for this particular mission. Therefore we
need another method that will fore the starting point of the hyperbolic trajectory at the periapsis
of the hyperbola.

References
[1] McConaghy, T. T., Longuski, J. M., and Byrnes, D. V., “Analysis of a Class of EarthMars Cycler Trajectories,” Journal of Spacecraft and Rockets, Vol. 41, No. 4, 2004, pp.
622-628.
[2] Howell, K.C. “AAE 532 Lectures,” Purdue University, West Lafayette, IN, August 2014.
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Appendix AJ| Circular-Coplanar Model of the S1L1 Cycler
Trajectory
I. Introduction
The procedure followed to determine the trajectory described by the cycler vehicles is now
described in detail, first in the circular-coplanar model and lately in an ephemeris model.
II. Circular-Coplanar Model of the S1L1 Cycler Trajectory
A. Main Assumptions

Our main assumptions for the circular-coplanar model are:

1) Earth and Mars perform circular orbits around the Sun.
2) Orbits of Earth, Mars and cycler vehicle lie in the ecliptic plane.
3) The cycler vehicle performs gravity-assist maneuvers only at the encounters with
Earth−Mars does not have sufficient mass to provide a gravity assist.
1

4) One synodic period is approximated and assumed to be equal to 2 7 years.
5) The distance from the Earth to the Sun, 𝑟⊕ , is defined equal to one astronomical unit
(AU): 𝑟⊕ = 1 𝐴𝑈.
Based on assumptions 4) and 5), and given the definition of a synodic period, 𝑆, the distance
from Mars to the Sun, 𝑟♂ , is computed as:
𝑆=
𝜇

2𝜋
𝑛⊕ − 𝑛♂

(AJ.1)

𝜇

where 𝑛⊕ = √𝑟 3 and 𝑛♂ = √𝑟 3 are the mean motions of the Earth and Mars, respectively (𝜇
♂
⊕
being the gravitational parameter of the Sun).
6) The distance from Mars to the Sun is then assumed to be 𝑟♂ = 1.5206 𝐴𝑈.
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III. Given Information

Given that the the trajectory described by the cycler vehicle is a S1L1 cycler trajectory, the
problem under study is basically two coupled Lambert’s problems where two orbits around the
Sun need to be determined, knowing the following information [1]:

1) Cycler vehicle performs a two synodic period cycle around the Sun.
2) Cycle is composed of two legs (an outer and an inner leg), and so two Lambert’s problems
need to be solved.
3) The apohelion of the outer leg needs to be larger than the distance from Mars to the Sun,
so that the cycler vehicle can encounter with Mars.
4) Initial position of the cycler vehicle coincides with the position of the Earth.
5) After a time 𝜏, the cycler vehicle encounters with Earth again, and it should perform at
least one complete orbit around the Sun in this outer leg.
2

6) The cycler vehicle encounters with Earth after a time: 4 7 years−𝜏, after the previous
2

encounter with Earth (the complete cycle is two synodic periods: 4 7 years), and it should
perform at least one complete orbit around the Sun in this inner leg.
IV. Goals

Our goal is to find the two orbits (outer and inner legs) that minimize:

a) Relative velocities with respect to Earth and Mars at the encounters.
b) TOF from Earth to Mars.
c) ∆𝑉 required to switch from the outer to the inner legs, and vice versa.
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V. Analysis

1. Lambert’s problem

Based on the given information points 1) through 5) and assuming Earth is at the position
𝑟⃑⊕,0 = [𝑟⊕ , 0] at the beginning of the cycle (right-handed coordinate system with origin centered
at the Sun, x-axis points towards the initial position of the Earth and z-axis is parallel to the
angular momentum vector of Earth and Mars), the Lambert’s problem for the outer leg is
completely defined as:
- Initial position: 𝑟⃑1 = 𝑟⃑⊕,0 = [𝑟⊕ , 0].
- Final position: 𝑟⃑2 = 𝑟⃑⊕,𝜏 = 𝑟⊕ ∙ [𝑐𝑜𝑠(𝑛⊕ 𝜏), 𝑠𝑖𝑛(𝑛⊕ 𝜏)].
- 𝑇𝑂𝐹 = 𝜏.
Considering now also point 6), the second Lambert’s problem, for the inner leg, is defined as:
- Initial position: 𝑟⃑2 = 𝑟⃑⊕,𝜏 = 𝑟⊕ ∙ [𝑐𝑜𝑠(𝑛⊕ 𝜏), 𝑠𝑖𝑛(𝑛⊕ 𝜏)].
2

2

- Final position: 𝑟⃑3 = 𝑟⃑⊕,42 = 𝑟⊕ ∙ [𝑐𝑜𝑠 (2𝜋 ∙ 4 7) , 𝑠𝑖𝑛 (2𝜋 ∙ 4 7)].
7

𝜇

√𝑎3 ∙ 𝑇𝑂𝐹 = 2𝜋 ∙ 𝑟 +

(𝛼0 − 𝑠𝑖𝑛(𝛼0 )) − (𝛽0 − 𝑠𝑖𝑛(𝛽0 ))
2𝜋 − (𝛼0 − 𝑠𝑖𝑛(𝛼0 )) − (𝛽0 − 𝑠𝑖𝑛(𝛽0 ))
(𝛼0 − 𝑠𝑖𝑛(𝛼0 )) + (𝛽0 − 𝑠𝑖𝑛(𝛽0 ))
{2𝜋 − (𝛼0 − 𝑠𝑖𝑛(𝛼0 )) + (𝛽0 − 𝑠𝑖𝑛(𝛽0 ))

𝑡𝑦𝑝𝑒 1𝐴
𝑡𝑦𝑝𝑒 1𝐵
𝑡𝑦𝑝𝑒 2𝐴

,

(AJ.2)

𝑡𝑦𝑝𝑒 2𝐵

2

- 𝑇𝑂𝐹 = 4 7 years−𝜏.
The Lambert’s problem solutions for elliptic orbits, which is the type of orbit we are looking
for, are well-known and defined, depending on the type of elliptic orbit, as:
2

where 𝑇𝑂𝐹 = 𝜏 for the outer leg, and 𝑇𝑂𝐹 = 4 7 − 𝜏 for the inner leg (TOF and 𝜏 in years), 𝑟
is the number of complete revolutions around the central body performed during the TOF, in this
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𝑠

𝑠−𝑐

case, 𝑟 = 1, 𝛼0 = 2 ∙ 𝑠𝑖𝑛−1 (√2𝑎) and 𝛽0 = 2 ∙ 𝑠𝑖𝑛−1 (√ 2𝑎 ), where 𝑐 is the distance from the
initial to the final positions of the Lambert’s problem, and 𝑠 is the semiperimeter of the space
triangle defined by the position of the Sun, 𝑟⃑⊙ = [0, 0], at the origin, the initial and the final
positions of the Lambert’s problem. We can then solve the two Lambert’s problems (solution for
the semimajor axis 𝑎 of the two orbits) as the space triangles are completely defined by the initial
and final positions described above as a function of TOF.
The following diagram is a representation of a generic space triangle of a Lambert’s problem
with initial position 𝑟⃑0 and final position 𝑟⃑𝑓 with respect to a central body at the origin 0:

Figure AJ.1: Diagram of a Generic Space Triangle
The transfer angle, 𝑇𝐴, in our current analysis is easily related to TOF as 𝑇𝐴 = 𝑛⊕ ∙ 𝑇𝑂𝐹.
Based on equation (AJ.2), the semimajor axes of the outer and inner legs of the cycle can be
computed as a function of TOF, but first the type of elliptic orbit (1A, 1B, 2A or 2B) needs to be
determined.

By definition:
𝑇𝐴 < 𝜋 for a type 1 orbit,
and 𝑇𝐴 > 𝜋 for a type 2 orbit.
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In order to determine whether the type of the orbit is A or B, the TOF is compared to the TOF
of the minimum energy transfer between the initial and final positions, 𝑇𝑂𝐹𝑚𝑖𝑛 :

𝑇𝑂𝐹𝑚𝑖𝑛 =

𝑎𝑚𝑖𝑛 3/2
[2𝜋 ∙ 𝑟 + (𝛼𝑚𝑖𝑛 − 𝑠𝑖𝑛(𝛼𝑚𝑖𝑛 )) − (𝛽𝑚𝑖𝑛 − 𝑠𝑖𝑛(𝛽𝑚𝑖𝑛 )) ]
√𝜇

where 𝑎𝑚𝑖𝑛 = 𝑠/2, 𝛼𝑚𝑖𝑛 = 2 ∙ 𝑠𝑖𝑛−1 (√2𝑎

𝑠

𝑚𝑖𝑛

𝑠−𝑐

) and 𝛽𝑚𝑖𝑛 = 2 ∙ 𝑠𝑖𝑛−1 (√2𝑎

𝑚𝑖𝑛

(AJ.3)

).

By definition:
𝑇𝑂𝐹 < 𝑇𝑂𝐹𝑚𝑖𝑛 for a type A orbit,
and 𝑇𝑂𝐹 > 𝑇𝑂𝐹𝑚𝑖𝑛 for a type B orbit.
Once the semimajor axis of the orbit is computed, the semilatus rectum is computed,
depending on the type of the elliptic orbit, as:
𝛼 ±𝛽
4𝑎∙(𝑠−𝑟0 )∙(𝑠−𝑟𝑓 )∙𝑠𝑖𝑛2 ( 0 0 )

𝑝 = 𝑚𝑎𝑥 (

2

𝑐2

𝛼 ±𝛽
4𝑎∙(𝑠−𝑟0 )∙(𝑠−𝑟𝑓 )∙𝑠𝑖𝑛2 ( 0 0 )

and 𝑝 = 𝑚𝑖𝑛 (

2

𝑐2

) for types 1A and 2B,

(AJ.4)

) for types 1B and 2A.

(AJ.5)

Once the semimajor axis and semilatus rectum of the orbit are computed, the orbit is already
completely defined.

VI. The Ballistic S1L1 Cycler Trajectory
In order to minimize the ∆𝑉 required to switch from the outer to the inner legs, and vice versa,
a gravity-assist maneuver is performed at the encounters with Earth, which, ideally, will require
no ∆𝑉 to switch between the orbits (ballistic trajectory). A hyperbolic flyby can provide a change
in the direction of the velocity of the cycler vehicle, however, the relative velocities with respect
to Earth before and after the encounter cannot be modified. In this way, one of the conditions to
switch between the outer and inner legs with a flyby of Earth is that the relative velocities with
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respect to Earth in the outer leg and in the inner leg, right before and right after the encounter,
need to be the same. Therefore, it is convenient to compare the relative velocities with respect to
Earth of both legs at Earth encounter as a function of TOF.
In Fig. AJ.2, 𝑉∞/⊕’s are represented for both (outer and inner) legs as a function of 𝜏 in order
to graphically identify what values of 𝜏 (recall that 𝜏 defines the TOF’s of both legs) provide the
same 𝑉∞/⊕’s for both legs, and so, identify values of 𝜏 that will potentially yield a ballistic S1L1
cycler trajectory:

Figure AJ.2: 𝑽∞ at Earth Encounter as a function of 𝝉
In Figure AJ.2, we can identify seven intersection points between the two. The seven values
of 𝜏 that yield these intersection points are potential solutions for the ballistic S1L1 cycler
trajectory as the relative velocities with respect to Earth of the outer and inner legs at Earth
encounter are the same, which would allow to switch between both legs without any propulsive
maneuver.

It is worth mentioning that the seven possible solutions we found in Fig. AJ.2 are symmetric
1

with respect to 𝜏 = 2 7 years, due to the fact the coupling in the TOF’s of the two Lambert’s
1

problems. The solutions for 𝜏 < 2 7 years represent those solutions for which what we have
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1

defined as “outer leg” will actually be the inner leg, and vice versa. The solution at 𝜏 = 2 years
7

is such that the inner and outer legs are exactly the same orbit as the TOF’s in both legs would be
1

the same: 𝑇𝑂𝐹 = 2 7 years.
Further information about the resultant outer and inner legs is required in order to determine if
all the requirements of the cycler trajectory are fulfilled by these potential solutions.

In Fig. AJ.3, the apohelion of the outer leg is represented in order to identify which of the
previous seven potential solutions provide an apohelion sufficiently large for the cycler vehicle
to encounter with Mars:

Figure AJ.3: Apohelion of the Outer Leg as a function of 𝝉
We observe in Fig. AJ.3 that the apohelion of solutions 1 to 3 do not reach Mars’ orbit,
therefore these three solutions are not valid solutions for the outer leg. The apohelion of solutions
4 to 7, instead, reach the Mars’ orbit and therefore remain to be potential solutions for the
ballistic S1L1 cycler trajectory.

Going back to Fig. AJ.2, and considering that only solutions 4 to 7 could be solutions for the
ballistic S1L1 cycler trajectory, we observe that solutions 5 and 6 provide minimum relative
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velocity with respect to Earth at Earth encounter, 𝑉∞/⊕, which is beneficial, both, to establish the
orbit of the cycler and to rendezvous with the cycler when humans are sent to Mars.

Therefore, solutions 5 and 6 appear to be the two most promising solutions for the ballistic
S1L1 cycler trajectory. In order to determine whether these solutions are actually ballistic or not
(no propulsive maneuver required to switch between the outer and inner legs), we need to verify
if the hyperbolic flyby at Earth can provide sufficient gravity assist to change the direction of the
velocity of the cycler vehicle as required.

Figure AJ.4 is a representation of a velocity diagram of a generic hyperbolic flyby of Earth:

Figure AJ.4: Velocity Diagram of a Generic Hyperbolic Flyby of Earth
In order to determine if a flyby of Earth can provide sufficient gravity assist for the S1L1
cycler trajectory to be ballistic, the required turning angle, 𝛿, should be smaller than the
maximum turning angle, 𝛿𝑚𝑎𝑥 .
The turning angle required for the flyby is fully defined by the velocity and flight path angle
⃑⃑ − , 𝛾 − , respectively, which are defined by the outer leg in this case) and
prior to the encounter (𝑉
⃑⃑ + , 𝛾 + , respectively, defined by the
by the velocity and flight path angle after the encounter (𝑉
inner leg).
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The maximum turning angle that can be achieved with the flyby is defined by the velocities
⃑⃑∞− , and after the encounter, 𝑉
⃑⃑∞+ , together with the
with respect to Earth prior to the encounter, 𝑉
minimum possible perigee altitude (defined as ℎ𝑚𝑖𝑛 = 200 𝑘𝑚 to avoid interaction with the
atmosphere): minimum perigee defines the minimum eccentricity of the hyperbola, 𝑒, which
relates to the turning angle as 𝛿 = 2 ∙ 𝑠𝑖𝑛−1 (1/𝑒).

If the turning angle analysis is performed for the potential solution 6, it is observed that the
perigee required to generate the required turning angle lies below the surface of the Earth;
therefore, the S1L1 cycler trajectory defined by solution number 6 is not ballistic.
The perigee altitude required for solution number 5, however, is found to be ℎ =
31818 𝑘𝑚 > ℎ𝑚𝑖𝑛 .
In this way, solution number 5 (TOF between first and second Earth encounters, 𝜏 = 2.8276
years) is found to be a ballistic S1L1 cycler trajectory, in a circular-coplanar model, as a flyby of
Earth can provide sufficient gravity assist to switch between the outer and the inner legs of the
trajectory without any propulsive maneuvers.

Table AJ.1 summarizes the most relevant characteristics of the ballistic S1L1 cycler trajectory
just found:

Table AJ.1: Characteristics of the Ballistic S1L1 Cycler Trajectory
Semimajor axis [AU]

Eccentricity

Argument of Periapsis [deg]

Outer leg

1.3039

0.2554

-31.1

Inner leg

1.0483

0.1609

20.4
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Figure AJ.5 is a representation of the ballistic Earth-Mars S1L1 cycler trajectory:

Figure AJ.5: Ballistic Earth-Mars S1L1 cycler trajectory
The circular-coplanar model of the S1L1 trajectory provides a good estimation of TOF
between the different encounters with Earth and Mars, and of the relative velocities with respect
to Earth and Mars at the encounters. These estimations (see Table D.2 below) will provide the
reader an idea of the magnitude of these quantities, TOF’s and 𝑉∞ ’s, and the specific values for
the particular dates of the mission will be provided in an ephemeris model analysis:
Table AJ.2: Circular-Coplanar Estimations of TOF and 𝑽∞
Encounters

TOF [days]

𝑉∞/⊕ [km/s]

𝑉∞/♂ [km/s]

Earth-Mars

154

4.71

4.99

Mars-Earth

879

4.99

4.71

Earth-Earth

533

4.71

N/A

The first Earth encounter (first row in Table AJ.2) and the last Earth encounter (third row)
represent the same flyby of Earth, at the beginning and at the end of a particular cycle. The same
sequence will be repeated every two synodic periods for all time.
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The crew will travel from Earth to Mars between the Earth-Mars encounters (first row in
Table AJ.2), and therefore, humans will spend 154 days on the cycler vehicle. The TOF from
Earth to Mars is not excessively large, which is convenient for human factors.

The S1L1 cycler trajectory, in the circular-coplanar model, is a ballistic trajectory, and
therefore no propulsive maneuvers are required to maintain the cycler in its cycler trajectory, as
the flybys of Earth can provide sufficient gravity assist to switch between the two legs of the
trajectory. In an ephemeris model, however, trajectory correction maneuvers are required, and a
ballistic trajectory is therefore not possible in a more realistic model.

References
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Notable Two-Synodic-Period Earth-Mars Cycler, Journal of Spacecraft and Rockets, Vol. 43,
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Appendix AK| Cycler Establishment Appendix
I. Ideal Rocket Equation Theory
The ideal rocket equation is used to compute the propellant mass required for a specified
change in velocity. For the mission to Mars calculations, the ideal rocket equation can be used
since both gravity and drag losses will be neglected on the vehicles once in orbit. For the ideal
case, the flight and thrust vectors will be assumed to be collinear and that the thrust and flow
rate are constant for the entire burning.

When deriving the ideal rocket equation, start with conservation of momentum.
(𝑚 − 𝑑𝑚)𝑑𝑉 = −𝑑𝑚 ∗ 𝑐

(AK.1)

Second order terms will also be neglected due to minimal impact on final result.
𝑚𝑑𝑉 = −𝑑𝑚 ∗ 𝑐

𝑑𝑉 = −𝑐 ∗

𝑑𝑚

(AK.2)

(AK.3)

𝑚

Now integrate the above expression from an initial time to some final time.
𝑓

𝑓 𝑑𝑚

∫𝑜 𝑑𝑉 = −𝑐 ∫𝑜

𝑚

(AK.4)

After performing the integration shown above, the following will be the result.
𝑚

Δ𝑉 = −𝑐 ln (𝑚𝑓 )
0

(AK.5)
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The above expression can then be rewritten to include the specific impulse of the
propulsion system to provide the desired burn. The following is the final form of the ideal
rocket equation that will be used for the propulsion analysis.
𝑚

Δ𝑉 = 𝑔𝐼𝑠𝑝 ln (𝑚0 )

(AK.6)

𝑓

When performing the analysis of the necessary propulsion system, the mass ratio (MR)
will be defined as shown below.
𝑚

𝑀𝑅 = 𝑚0 =
𝑓

𝑚𝑝 +𝑚𝑖𝑛 +𝑚𝑃𝐿
𝑚𝑖𝑛 +𝑚𝑃𝐿

𝜆𝑚𝑃𝐿 +𝑚𝑝

= 𝜆𝑚

(AK.7)

𝑃𝐿 +𝑚𝑝 (1−𝜆)

Another useful expression is shown below for the mass ratio.
𝑀𝑅 = 𝑒 Δ𝑉/𝑔𝐼𝑠𝑝

(AK.8)

Lastly, the propellant mass fraction relates the mass of the propellant to the total mass of a
particular stage. The propellant mass fraction expression is shown below.

𝜆=𝑚

𝑚𝑝

(AK.9)

𝑝 +𝑚𝑖𝑛

When sizing the propulsion system, the propellant mass must be determined. Once this
value has been established, the inert mass can also be determined for a given propellant mass
fraction value. The payload mass will include food, water, vehicle dry mass, consumables, and
any other equipment needed for the expedition. The inert mass will include structure, pumps,
engine mass, and any other structural mass for the propulsion system.

The propellant mass fraction equation can be rewritten in order to solve for the inert mass
as a function of the propellant mass fraction value. This expression is shown below.
Cory Back | 580

Appendix AK

Project Aldrin-Purdue

𝑚𝑝 =

−𝜆∗𝑚𝑖𝑛

(AK 10)

𝜆−1

The above expression can also be written in order to solve for the inert mass for the stage.
This expression is a function of the propellant mass of the propulsion system, as well as the
propellant mass fraction of the stage.

𝑚𝑖𝑛 =

𝑚𝑝 (1−𝜆)

(AK.11)

𝜆

For most propulsion system analyses, a typical value for 𝜆 is between 0.85 and 0.95. This
value characterizes the amount of inert mass required for a propulsion system.

II. Cycler Establishment Propulsion
The establishment of the cycler vehicle into the S1L1 orbit is one of the largest and
most expensive propulsive burns for the mission to colonize Mars. The cycler vehicle will be
assembled in a 400 km low Earth orbit, but will then need to be boosted into the S1L1 orbit
from this initial parking orbit in which the vehicle is assembled and checkout procedures are
performed. Due to the large mass of the cycler vehicle and the substantial change in velocity
needed to place the vehicle in the cycler orbit, large amounts of propellant are needed. As a
result, the design goal for the cycler vehicle was to ultimately reduce the inert mass while in low
Earth orbit with the hope of reducing the required propellant mass as much as possible.

A. Propulsion Analysis
The first option examined for establishing the cycler vehicle into the S1L1orbit was a
single chemical propulsive burn using a boost vehicle. This boost vehicle would attach to the
cycler vehicle and carry the vehicle into the S1L1 orbit. This boost vehicle contains the
necessary fuel and oxidizer to perform the burn, along with the entire propulsion system
containing the engines, pumps, fuel tanks, plumbing, and all other aspects of a typical
propulsion system. This boost vehicle is separate from the cycler vehicle, but can be attached to
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the cycler vehicle in order to place the vehicle into the desired orbit, before being discarded
after successful cycler establishment. Discarding the boost vehicle will reduce the mass of the
cycler vehicle once on the cycler orbit as this propulsive vehicle will no longer be needed. Only
small trajectory correction maneuvers will need to be performed in order to maintain the correct
trajectory once cycler establishment has been accomplished.

Table AK.1: Propulsion options for cycler vehicle using three different propellant
combinations.
Design Parameter

LH2/LOX

RP-1/LOX

LCH4/LOX

ΔV (km/s)

4.21

4.21

4.21

Propellant Mass Fraction

0.9

0.9

0.9

O/F Ratio

3.5

2.5

3.0

Isp (sec)

450

345

355

Fuel Mass (Mg)

82.9

175.8

144.0

Oxidizer Mass (Mg)

290.3

439.4

432.0

Propellant Mass (Mg)

373.2

615.2

576.0

Inert Mass (Mg)

41.47

68.35

64.0

Fuel Tank Volume (m3)

1169

217.0

339.6

Oxidizer Tank Volume (m3)

254.4

385.1

378.6

Total Tankage Volume (m3)

1423

602

718

Table AK.1 above summarizes the propulsion mass values for three different fuel and
oxidizer combinations. We chose to look at these three propellant choices for various reasons.
The liquid Hydrogen and liquid Oxygen option is the highest performing and ultimately reduces
the overall mass of the propulsion system. However, there are problems with long term storage
of liquid Hydrogen due to the ever present boil off problem. Next the combination of RP-1 and
liquid Oxygen was analyzed due to easier storage and increased fuel density. This option
greatly reduced the tank volumes needed for the fuel, but dramatically increased the total
propellant mass. Lastly, we looked at liquid methane and oxygen. This option was considered
due to the possibility of being able to produce methane on Mars, which would augment the
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amount of fuel needed to be launched from Earth. This is lower performing than the liquid
Hydrogen and liquid Oxygen, but has potential due to resources available on Mars.

Figure AK.1 below shows the variation of the total required propellant mass for a range of
Δ𝑉 values. We can see that for relatively low changes in velocity, there is very little difference
between the three propulsion system options outlined in Table 1 above. However, as the change
in velocity becomes larger, such as beyond 4 km/s, the liquid Hydrogen and liquid Oxygen
system greatly reduces the necessary propellant mass.

Figure AK.1: Propellant mass values for a range of changes in velocity for three different
propellant combinations.
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Figure AK.2 below shows the change in inert propulsion mass for a range of Δ𝑉 values.
As the change in velocity increases, the inert mass begins to increase exponentially. As a result,
for large changes in velocity, we can see that the liquid Hydrogen and liquid oxygen appears to
be the best option in terms of reducing the required propellant mass. The other two propellant
options grow rapidly and become too large to be of practical use.

Figure AK.2: Inert mass change as a function of the change in velocity for the three
propellant options.

Due to the large mass values associated with doing a purely chemical propulsive burn, we
decided to pursue an alternative option for establishing the cycler vehicle into the S1L1 orbit.
The options presented above simply require too much propellant to be of use for cycler
establishment and only add to the complexity of this mission. Instead we focused upon a
combination of electric and chemical propulsion in order to reduce the overall propellant mass
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and total vehicle mass while in low Earth orbit. This analysis and the corresponding results are
presented in the main report.

With the goal of reducing the propellant and inert masses for the propulsion system during
cycler establishment, we decided to consider a combination of chemical and electric propulsion.
The chemical propulsive burn would be used to knock the cycler vehicle out of low Earth orbit
and send the cycler on the way to the S1L1 orbit. Once out of low Earth orbit, an electric
propulsion system will take over and carry the cycler vehicle the rest of the way to the cycler
orbit. This technique results in a time of flight of 800 days, but also substantially reduces the
amount of propellant and the propulsion system inert mass.

III. Propulsion Sizing Data
The chemical propulsion system contains the appropriate dimensions as shown in Table
AK.2. These values illustrate the approximate size of the engine, along with the expected thrust
performance.

Table AK.2: The table shows the key propulsion design parameters used for the liquid
chemical propulsion stage for cycler vehicle establishment.
Design Parameter
Specific Impulse (s)
Throat Diameter (m)
Exit Diameter (m)
Propellant Flow Rate (kg/s)
Thrust Coefficient
Expansion Ratio
Chamber Pressure (MPa)
Thrust (kN)

Value
450
0.26
1.64
393.7
1.82
40
18
1739
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IV. Orbit Establishment using 𝑽∞ Leveraging
A. Orbit Establishment using V∞-Leveraging

V∞-leveraging is a well-known technique that is similar to a bi-elliptic transfer.

This

establishment method relies on the use of a deep-space maneuver to alter the V∞ at the body [8].
The term V∞-leveraging was coined by Williams and Longuski [9] when describing ∆V-VGA
trajectories. It was then more generally used by Capagnola and Russell [10].

Figure AK.3, adapted from Ref. 8, shows how V∞-leveraging can be used to establish a
heliocentric cycler orbit. Two burns are performed – one at launch and one at aphelion. In
addition, a flyby of Earth is performed, either before perihelion or after perihelion of the second
arc. In the case of the S1L1, we perform the flyby of Earth prior to perihelion, as shown in Fig
AK.3.

Figure AK.3: V∞-leveraging technique used to establish cycler vehicle into S1L1 orbit
with Earth flyby prior to periapsis on second arc. Adapted from Ref. 8, Rogers et al., page
4.
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While in some instances V∞-leveraging provides a low-cost solution to heliocentric cycler
orbit establishment, in the case of the S1L1, it does not provide sufficient savings in either time
or fuel cost. A review of Rogers et al.’s study [8] of establishing the S1L1 cycler orbit using
either V∞-leveraging or a low-thrust spiral allowed for us to select a combination of chemical
propulsion and low-thrust electric propulsion for establishing Cycler A and Cycler B in the
S1L1 orbit. V∞-leveraging was ultimately not selected to be used for the final design.

In Ref. 8, a detailed analysis is presented for a wide variety of cycler orbits. According to
this study, the S1L1 orbit will take approximately four years to establish using purely the V ∞leveraging technique.

In addition, the propellant mass savings are only on the order of

approximately 1% of the total mass of the cycler vehicle. Compared to other S1L1 orbit
establishment methods, this small reduction in fuel cost does not warrant choosing this method.
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Appendix AL| Time-Optimal Launch from Mars - MAM
A.

Time-Optimal Launch from Mars using the Mars Ascent Module

1. Introduction of Problem

A time-optimal launch allows us to find the steering law that provides the minimum amount
of time necessary to launch the Mars Ascent Module (MAM) into orbit.

By finding the

minimum time solution, we also find the solution that has the smallest fuel cost. In this analysis,
we launch the MAM into periapsis of an orbit that has an apoapsis at Phobos. The altitude of
periapsis, or the final height of the launch, is 400 km.

We treat arrival at Phobos as a

rendezvous, in this case.

Parameters used in this problem were either taken directly from the Mars Ascent Module or
were modified to simplify the analysis.

Through this method, an optimal steering-law is

produced.

2. Problem Definition

A time-optimal launch allows us to minimize the propellant mass necessary to launch
the Mars Ascent Module (MAM) into an orbit that will reach Phobos. Three forces, defined in
Figure AL.1, will be used in the analysis. These three forces include drag that varies with
altitude, D, thrust, F, and weight. Mass, m, is a function of time. A constant gravitational
acceleration, g, will be assumed for this problem. Two angles, also defined in Figure AL.1, are
used in the analysis, as well. The flight path angle is defined as γ. The control for this problem,
defined as θ, is the direction of thrust.
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Figure AL.1: Definition of flat-Mars MAM Launch problem. (Adapted from Ref. 1,
Longuski et al.)

Now that the problem is defined, an optimization problem can be formulated. Using methods
from optimal control theory and calculus of variations, a well-defined two-point boundary value
problem can now be set-up and analyzed.

3. Analysis
In order to better understand the problem of launching the MAM into orbit in minimum
time (and therefore with minimum propellant mass), we consider the following optimization
problem.

Min J = tf

(AL.1)

In this analysis, the effects of atmospheric drag in an exponential atmosphere and timevarying mass will be considered. In order to simplify the analysis of the optimal launch
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problem, a flat Mars approximation will be used. For this problem, the equations that describe
the motion of the rocket (equations of motion or state equations) can be written as:

𝐹

𝑥̇ = 𝑉𝑥

(AL.2)

𝑦̇ = 𝑉𝑦

(AL.3)
𝐷

𝑉𝑥̇ =

𝑚

𝑉𝑦̇ =

𝑚

𝐹

cos(𝜃) − 𝑚 cos(𝛾)

(AL.4)

𝐷

sin(𝜃) − 𝑚 sin(𝛾) − 𝑔

(AL.5)

From these state equations, the Hamiltonian can be found to be:

𝐹

𝐻 = 𝜆1 𝑉𝑥 + 𝜆2 𝑉𝑦 + 𝜆3 [𝑚 cos(𝜃) −

𝐷
𝑚

𝐹

𝐷

cos(𝛾)] + 𝜆4 [𝑚 sin(𝜃) − 𝑚 sin(𝛾) − 𝑔]

(AL.6)

Taking the derivative of the Hamiltonian with respect to θ and setting it equal to zero (from the
Euler-Lagrange Equations) yields the following:
𝜕𝐻
𝜕𝜃

𝐹

= 𝑚𝑉 (−𝜆3 cos(𝜃) + 𝜆4 sin(𝜃)) = 0
𝑓

(AL.7)

which results in:
±𝜆

tan(𝜃) = ±𝜆4
3

(AL.8)

where

cos(𝜃) =

±𝜆3
√𝜆23 +𝜆24

(AL.9)
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sin(𝜃) =

±𝜆4

(AL.10)

√𝜆23 +𝜆24

In order to choose between positive and negative values of λ3 and λ4, the Minimum Principle
can be used, as shown below:
𝜕2 𝐻
𝜕𝜃2

≥0

(AL.11)

In this case,
𝜕2 𝐻
𝜕𝜃2

= −𝜆3 cos(𝜃) − 𝜆4 sin(𝜃) ≥ 0

(AL.12)

which can be rewritten as:

𝜕2 𝐻
𝜕𝜃2

= −𝜆3 (

±𝜆3
√𝜆23 +𝜆24

) − 𝜆4 (

±𝜆4

√𝜆23 +𝜆24

)≥0

(AL.13)

Therefore, to satisfy the Minimum Principle, negative signs should be chosen. This results in
the following definitions that will be used throughout the problem.

cos(𝜃) =

sin(𝜃) =

−𝜆3
√𝜆23 +𝜆24

−𝜆4
√𝜆23 +𝜆24

(AL.14)

(AL.15)

Applying the Transversality Condition, and recalling that tf and xf are free produces the
following:
(𝐻𝑓 + 1)𝑑𝑡𝑓 − 𝜆𝑥𝑓 𝑑𝑥𝑓 = 0

(AL.16)
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By setting the coefficients of the differentials to zero, the following boundary conditions are
obtained:
𝐻𝑓 = −1

(AL.17)

𝜆1𝑓 = 0

(AL.18)

From the result presented in (9) and the first Euler-Lagrange equation, 𝜆1 = 0 for all time,
and can therefore be dropped from subsequent analysis.

Noting that drag can be written as:

𝐷=

1

𝜌
2 𝑟𝑒𝑓

exp (ℎ

−𝑦

𝑠𝑐𝑎𝑙𝑒

) 𝐶𝐷 𝐴(𝑉𝑥2 + 𝑉𝑦2 )

(AL.19)

where 𝜌𝑟𝑒𝑓 is the reference velocity based on the initial altitude, 𝐶𝐷 is the coefficient of drag,
assumed constant, and A, is the cross-sectional area of the rocket. And noting that:
𝑉

cos(𝛾) = |𝑉|𝑥

(AL.20)

𝑉𝑦

sin(𝛾) = |𝑉|

(AL.21)

from the Euler-Lagrange Theorem, the costate equations are found to be:
−𝜌𝑟𝑒𝑓 𝐶𝐷 𝐴|𝑉|
−𝑦
𝜆̇2 = (𝜆3 𝑉𝑥 + 𝜆4 𝑉𝑦 ) exp (ℎ
) ( 2𝑚ℎ
)
𝑠𝑐𝑎𝑙𝑒

(AL.22)

𝑠𝑐𝑎𝑙𝑒

2

−𝜌 𝐶𝐷 𝐴
𝑉𝑥 𝑉𝑦
−𝑦
𝑉𝑥
𝜆̇3 = −𝜆1 + exp (ℎ
) ( 𝑟𝑒𝑓
) [𝜆3 (|𝑉|
+ |𝑉|) + 𝜆4 |𝑉| ]
2𝑚
𝑠𝑐𝑎𝑙𝑒

(AL.23)

2

−𝜌 𝐶𝐷 𝐴
𝑉𝑦
𝑉𝑥 𝑉𝑦
−𝑦
𝜆̇4 = −𝜆2 + exp (ℎ
) ( 𝑟𝑒𝑓
) [𝜆4 (|𝑉| + |𝑉|) + 𝜆3 |𝑉| ]
2𝑚
𝑠𝑐𝑎𝑙𝑒

(AL.24)
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For this problem, the boundary conditions are:
𝑡0 = 0, 𝑥(0) = 0, 𝑦(0) = 0, 𝑉𝑥 (0) = 0, 𝑉𝑦 (0) = 0
𝑦(𝑡𝑓 ) = ℎ, 𝑉𝑥 (𝑡𝑓 ) = 𝑉𝑓 , 𝑉𝑦 (𝑡𝑓 ) = 0
𝐻𝑓 = −1

AL.25)

(AL.26)

(AL.27)

Together with the boundary conditions shown in (AL.17) – (AL.19), the state and costate
equations in (AL.2) – (AL.5) and (AL.14) – (AL.16) form a well-defined two-point boundary
value problem.

Similar to the example, "Time-Optimal Launch of a Titan II" from Longuski et al.'s
Optimal Control with Aerospace Applications, Ref. 1, the state equations will need to be scaled
to aid in computational convergence. New state variables can be written by using the final
velocity and final altitude as reference values:

𝑥̅ =

𝑥
ℎ

, 𝑦̅ =

𝑦
ℎ

, 𝑉̅𝑥 =

𝑉𝑥
ℎ

, 𝑉̅𝑦 =

𝑉𝑦
ℎ

(AL.28)

The following notation will be used in scaling the equations of motion and costate
equations:
𝜂=

𝛽=

𝑉𝑓 𝑡𝑓
ℎ

ℎ
ℎ𝑠𝑐𝑎𝑙𝑒

𝑡

𝑔̅ = 𝑔 𝑉𝑓

𝑓

(AL.29)

(AL.30)

(AL.31)
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By normalizing the time, t, by the final time and applying the state scaling terms to the
equations of motion of the rocket (AL.1 – AL.4) the following scaled state equations result:
𝑑𝑥̅
𝑑𝜏

𝑑𝑦̅
𝑑𝜏

̅𝑥
𝑑𝑉
𝑑𝜏

̅𝑦
𝑑𝑉
𝑑𝜏

= 𝑉̅𝑥 𝜂

(AL.32)

= 𝑉̅𝑦 𝜂

(AL.33)

𝐹
= [𝑉 𝑐𝑜𝑠(𝜃) − 𝐾1 exp(𝑦̅𝛽) 𝑉̅𝑥 √𝑉̅𝑥2 + 𝑉̅𝑦2 𝑉𝑓 ]
𝑓

𝐹

= [𝑉 𝑠𝑖𝑛(𝜃) − 𝐾1 exp (ℎ
𝑓

𝑦̅ℎ

𝑠𝑐𝑎𝑙𝑒

) 𝑉̅𝑦 √𝑉̅𝑥2 + 𝑉̅𝑦2 𝑉𝑓 ]

𝑡𝑓
𝑚0 −|𝑚̇| 𝜏 𝑡𝑓

𝑡𝑓
𝑚0 −|𝑚̇| 𝜏 𝑡𝑓

− 𝑔̅

(AL.34)

(AL.35)

In addition, the scaled Hamiltonian can be written as:
𝑡𝑓
𝐹
𝐻 = 𝜆1 (𝑉̅𝑥 𝜂) + 𝜆2 (𝑉̅𝑦 𝜂) + 𝜆3 {[ cos(𝜃) − 𝐾1 𝑒 (−𝑦̅𝛽) 𝑉̅𝑥 √𝑉̅𝑥2 + 𝑉̅𝑦2 𝑉𝑓 ]
}
𝑉𝑓
𝑚0 − |𝑚̇|𝜏 𝑡𝑓
𝑡𝑓

𝐹
+𝜆4 {[𝑉 sin(𝜃) − 𝐾1 𝑒 (−𝑦̅𝛽) 𝑉̅𝑦 √𝑉̅𝑥2 + 𝑉̅𝑦2 𝑉𝑓 ] 𝑚

0 −|𝑚̇|𝜏 𝑡𝑓

𝑓

The scaled costate equations, omitting the

𝑑𝜆2
𝑑𝜏

𝑑𝜆3
𝑑𝜏

𝑑𝜆4
𝑑𝜏

𝑑𝜆1
𝑑𝜏

− 𝑔̅ }

(AL.36)

equation, as discussed previously, are:

𝑡𝑓

= −(𝜆3 𝑉̅𝑥 + 𝜆4 𝑉̅𝑦 )𝐾1 𝛽𝑒 (−𝑦̅𝛽) 𝑉̅𝑓 √𝑉̅𝑥2 + 𝑉̅𝑦2 𝑉𝑓 𝑚

0 −|𝑚̇|𝜏 𝑡𝑓

= −𝜆1 𝜂 + 𝐾1 𝑒 (−𝑦̅𝛽) 𝑉𝑓 [

̅𝑥2 +𝑉
̅𝑦2 )+𝜆4 𝑉
̅𝑥 𝑉
̅𝑦
𝜆3 (2𝑉

= −𝜆2 𝜂 + 𝐾1 𝑒 (−𝑦̅𝛽) 𝑉𝑓 [

̅𝑥2 +𝑉
̅𝑦2
√𝑉

̅𝑥 𝑉
̅𝑦 +𝜆4 (𝑉
̅𝑥2 +2𝑉
̅𝑦2 )
𝜆3 𝑉
̅𝑥2 +𝑉
̅𝑦2
√𝑉

𝑡𝑓

]𝑚

0 −|𝑚̇|𝜏 𝑡𝑓

]𝑚

𝑡𝑓

0 −|𝑚̇|𝜏 𝑡𝑓

(AL.37)

(AL.38)

(AL.39)
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Scaling the boundary conditions of the problem produces:
𝜏0 = 0, 𝑥̅ (0) = 𝑦̅(0) = 0, 𝑉̅𝑥 (0) = 𝑉̅𝑦 (0) = 0

(AL.40)

𝑦̅(𝑡𝑓 ) = 1, 𝑉̅𝑥 (𝜏𝑓 ) = 1, 𝑉̅𝑦 (𝜏𝑓 ) = 0

(AL.41)

𝐻(𝜏𝑓 ) = −1

(AL.42)

Along with the boundary conditions shown in (AL.40) – (AL.41), the scaled state and costate
equations in (AL.32) – (AL.35) and (AL.37) – (AL.39) form a well-defined two-point boundary
value problem that can be solved numerically using MATLAB’s ‘bvp4c.’

4. Numerical Analysis Procedure
In order to solve this complex two-point boundary-value problem using MATLAB’s ‘bvp4c’
solver, the optimization problem must be solved in three steps.

Each step adds to the

complexity of the model and moves the solution closer to the time-optimal solution for a rocket
with time-varying mass that experiences non-constant atmospheric drag.

Initially, the two-point boundary-value problem can be solved using a constant rocket mass
and zero atmospheric drag. The constant mass used for this case is equivalent the average mass
of the rocket (i.e. the average of the fully-fueled rocket mass and the empty rocket mass).
MATLAB’s ‘bvp4c’ solver will easily converge for this simple case, producing a solution that
can be used as the initial guess for a slightly more complex analysis.

In order to move the solution closer to the final assumptions of the problem (time-varying
mass and non-constant atmospheric drag), the solution of the constant mass and zero drag case
can be used to provide an initial guess for the time-varying mass and no drag case. Since the
acceleration will be higher near the end of trajectory for the varying mass case, the time to orbit
will be shorter. Thus, it is important to subtract some time from the guess obtained from the
constant mass and zero drag solution, otherwise the mass of the rocket will become negative
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and the solution will not converge. In this analysis, subtracting 105 seconds from the constant
mass solution allowed the varying-mass case to converge.

To solve the time-varying mass and non-constant atmospheric drag case, the solution to the
time-varying mass and zero drag case is used as an initial guess. The final time from the
varying mass, no drag case is an appropriate guess for the solution for the time-varying mass
and atmospheric drag case. This is because the time to orbit for these cases will be very similar
due to the fact that both account for time varying mass. Using the solution for the time-varying
mass and no drag case as the initial guess for the time-varying mass and non-constant
atmospheric drag case allows for a solution to be converged upon easily. This final case
includes all assumptions of the problem and provides a reasonable approximation for the timeoptimal trajectory for the Mars Ascent Module.

5. Rocket Parameters used in Numerical Investigation

We use slightly modified parameters from the Mars Ascent Module (MAM) for this
numerical investigation to provide an approximated optimal launch solution. The parameters
used in the investigation are shown in Table AL.1.
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Table AL.1: Parameters used for numerical investigation of the optimal launch from the
surface of Mars. One stage was used for this investigation with parameters averaged from
the two-stage design.

Parameter

Description

Value

μMars

Gravitational Parameter of Mars [km3/s2]

42828.372

rMars

Radius of Mars [km]

3396.19

h

Final altitude of the orbit [km]

400

Vf

Periapsis speed necessary to reach Phobos
[km/s]

4.0074

f

Thrust of MAM [N]

459595.76

hscale

Atmospheric Scale Height [km]

11.2

ρreference

Reference Density [kg/m3]

0.02

A

Cross-Sectional Area [m2]

17.3494

M0

Initial Mass at Launch [kg]

37830.5

ṁ

Mass Flow Rate of MAM (averaged
between the two stages) [kg/s]

89.596

It should be noted that the velocity was chosen such that the MAM would launch into
periapsis of an elliptical orbit that reaches Phobos at the orbit’s apoapsis. This solution treats the
landing at Phobos as a rendezvous – the apoapsis of the orbit we launch the MAM to is equal to
the distance from Mars to Phobos. In addition, the launch assumes that the insertion velocity
provided by the chemical burn is ideal and that it will result in the spacecraft traveling
tangentially to the orbit such that the spacecraft is inserted into the orbit at periapsis.

6. Results
Using the MATLAB codes: ‘ascent_timevaryingmass_updated.m’, ‘ascent_odes_tf_AL.m’,
and ‘ascent_bcs_tf_AL.m,’ the following results were found:
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Figure AL.2 shows the range of the Mars Ascent Module versus time after launch. From this
plot, insight into how far the rocket moves downrange can be gained. We can see that as time
progresses, the range of the rocket grows in an exponential fashion. We can explain this
phenomena by the fact that through time, the rocket is accelerating.

Figure AL.2: Range of the MAM is shown versus the time after launch.

The altitude of the MAM over the course of the launch into orbit can be seen in Fig AL.3.
We can see that the altitude of the Mars Ascent Module grows relatively slowly at the beginning
of the launch. For the majority of the launch, the altitude grows in a nearly linear fashion. At
the end of the launch, the change in altitude over time tapers off.

Emily Zimovan | 599

Appendix AL

Project Aldrin-Purdue

Figure AL.3: Altitude of the MAM above the surface of Mars is shown versus the time
after launch.

The slow increase in altitude at the beginning of the launch is explained by the larger amount
of drag experienced by the MAM at lower altitudes due to the denser atmosphere. The linear
growth for the majority of the launch corresponds to the rocket ascending at a nearly constant
rate. Finally, near the end of the launch, the rate of altitude gained over time slows as the final
state is reached.

From Fig AL.4 we see how the downrange velocity vector changes over the launch time. The
downrange velocity changes slowly for the first 175 seconds of launch.

After this, the

downrange velocity grows much more quickly. Since we are launching into periapsis of an
elliptical orbit that will reach Phobos, the final downrange velocity provided by the chemical
burn is equal to the velocity at periapsis required to reach Phobos (4.074 km/s).
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Figure AL.4: Downrange velocity of the MAM is shown versus the time after launch. The
downrange velocity is the component of the velocity parallel to the ‘flat’ surface of Mars.

As seen in Fig AL.5, the vertical velocity of the MAM begins and ends at zero. Because the
insertion state is periapsis of an elliptical orbit, the final state of the MAM must be tangential to
the surface of Mars. Vertical velocity increases for the first 224 seconds, and then decreases
until orbit insertion occurs.
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Figure AL.5: Vertical velocity of the MAM is shown versus the time after launch. The
vertical velocity is the component of velocity perpendicular to the ‘flat’ surface of Mars.

Insight into the actual shape of the launch trajectory can be gained from Fig AL.6. The
trajectory begins at (0, 0) km then increases until a downrange position of 404.2 km is reached
when the altitude reaches 400 km. The launch from the surface into the specified orbit requires
321.3 seconds, or 5.35 minutes. Multiplying the time it takes from launch until orbit insertion
by the mass flow rate of the rocket gives us the total mass of the fuel used for the launch. In the
time optimal solution, it takes 28.787 Mg of fuel to launch into orbit. However, it should be
noted that this is an approximation. A single ‘averaged’ stage is used to represent the MAM in
this analysis.
We can see in Fig AL.6 that the trajectory is very steep at the beginning of the launch –
quickly ascending out of the higher density atmosphere close to the surface provides the optimal
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solution. Towards the end of the launch, the trajectory is much shallower. As the MAM
approaches its orbit insertion position and velocity, mostly downrange velocity must be gained
while vertical velocity is reduced to zero.

Figure AL.6: Altitude of the MAM versus the range of the MAM from a launch position
at (0, 0). This figure shows the actual shape of the launch trajectory.

Some of the most important insight from this analysis can be gained from looking at the
steering control law over the course of the launch. Seen in Fig AL.7, we can see that the
steering angle is non-trivial.

The steering-angle found using Calculus of Variations, as

presented, provides the time-optimized launch into orbit.
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Figure AL.7: The steering angle of the MAM’s thrust vector is shown versus the time
after launch.

We can see that at the initial time, the steering angle is 80.5 degrees. Close to vertical, this
steering angle allows for the MAM to get through the dense atmosphere lower to the surface of
Mars as fast as possible which ultimately reduces the amount of drag experienced by the vehicle
over the launch. Through time, however, the steering angle decreases until it becomes negative
at 233 seconds. A negative steering angle points the vertical component of the thrust vector
towards the surface of Mars. This non-intuitive steering angle acts to reduce the vertical
velocity of the MAM to zero at the time of insertion. Because the MAM has zero vertical
velocity at the end of the launch, a tangential insertion into periapsis of the orbit is achieved.

Emily Zimovan | 604

Appendix AL

Project Aldrin-Purdue

References
[1] Longuski, J. M., Guzman, J. J., and Prussing, J. E., Optimal Control with Aerospace
Applications, Springer Science+Business Media, New York, NY, 2014.
[2] Bellman, R., Breakwell, J., et al., Optimization Techniques with Applications to
Aerospace Systems, edited by G. Leitmann, Vol. 5, Mathematics in Science and
Engineering, Academic Press, New York, NY, 1962.
[3] Berkovitz, L. D., Optimal Control Theory, Vol. 12, Applied Mathematical Sciences,
Springer-Verlag, New York, NY, 1974.
[4] Bryson Jr., A. E., Ho, Y. C., Applied Optimal Control, Hemisphere Publishing,
Washington, D.C., 1975.
[5] Burghes, D., Graham, A., Introduction to Control Theory Including Optimal Control,
Ellis Horwood Limited, West Sussex, England, 1980.
[6] Citron, S. J., Elements of Optimal Control, Holt, Rinehart and Winston, Inc. 1969.

Emily Zimovan | 605

Appendix AM

Project Aldrin-Purdue

Appendix AM| Cyclers as Communication Arrays
I. Introduction
The possibility to use the cycler vehicles as communication relays during Earth-Mars solar
conjunction is considered to provide continuous communication between Earth and the colonies
on Mars and Phobos. The analysis that verified that the cyclers can provide an alternative
communication link during Earth-Mars solar conjunction is now discussed in detail.
II. Cyclers as Communication Arrays
The analysis is first performed in a circular coplanar model, and then the results are verified in
an ephemeris model (for the positions of Earth and Mars) and results from STOUR for the
propagation of the position of the cyclers.
A. Main Assumptions

The circular-coplanar analysis is performed under the following assumptions:

1) Earth and Mars perform circular orbits around the Sun.
2) Cyclers perform the ballistic S1L1 cycler trajectory (previously described).
3) Orbits of Earth, Mars and cycler vehicle lie in the ecliptic plane.
1

3) One synodic period is approximated and assumed to be equal to 2 7 years.
4) The distance from the Earth to the Sun, 𝑟⊕ = 1 𝐴𝑈.
5) The distance from Mars to the Sun, 𝑟♂ = 1.5206 𝐴𝑈.
The following diagram is provided to illustrate the reasoning followed to determine whether
communication between two bodies is possible:
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Figure AM.5: Communication Link before Solar Conjunction
Assume two bodies (in this case, Earth and Mars) whose distances with respect to the Sun are
known (𝑟𝐸 and 𝑟𝑀 , respectively). Earth will be able to communicate with another body (in this
case, Mars) only if the angle between the lines 𝑟𝐸 (from Earth to the Sun) and 𝑟𝐸−𝑀 (from Earth
to the other body, in this case, Mars) is larger than the angle 𝛼 here illustrated. The same applies
to Mars, which will be able to communicate with Earth only if the angle between the lines 𝑟𝑀
and 𝑟𝐸−𝑀 is larger than the angle 𝛽.
The limiting angles 𝛼 and 𝛽 for two arbitrary bodies can be computed if the distances from
those two bodies and the Sun are known (in this case, 𝑟𝐸 and 𝑟𝑀 ) as 𝛼 = 𝑠𝑖𝑛−1 (𝑟𝑆 /𝑟𝐸 ) and 𝛽 =
𝑠𝑖𝑛−1 (𝑟𝑆 /𝑟𝑀 ).
The radius 𝑟𝑆 that describes the sphere around the Sun inside which communication is not
possible is determined based on [1], which determines this angle to be 2.4°-2.7° for the Earth.
6) The limiting angle 𝛼 for the Earth is assumed to be 𝛼 = 3°.
In this way, 𝑟𝑆 is then computed as 𝑟𝑆 = 𝑠𝑖𝑛(𝛼) ∙ 𝑟𝐸 , with 𝑟𝐸 = 1 𝐴𝑈.
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B. Visibility Analysis

1. Circular-Coplanar model

A visibility analysis between Earth and the cyclers and between Mars and the cyclers along
time is performed, both, in a circular-coplanar model and in an ephemeris model. In order for the
cyclers to be able to provide an alternative communication link during Earth-Mars solar
conjunction, at least one of the cyclers should be visible from Earth and Mars at the same time
when Earth, Mars and the Sun are aligned.

Figure AM.2 is a representation of the availability of the communication links between Earth,
Cycler 1 and Cycler 2, and between Mars, Cycler 1 and Cycler 2, starting when Cycler 1 is
launched:
E≡EARTH
M≡MARS
C1≡CYCLER 1
C2≡CYCLER 2

Figure AM.2: Communication Link Availability, Circular-Coplanar Model

Each horizontal line represents the availability of the direct communication link between two
bodies. The gaps represent a solar conjunction between those two bodies, so that the direct
communication link is not available due to the alignment of those two bodies and the Sun.
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The solid black line represents the direct communication link between Mars and Earth. Solar
conjunction occurs once every synodic period (~21 days, gaps in the solid black line at times
around 1, 3+1/4 and 5+1/2 years). An alternative communication link should be provided by the
cyclers at these times in order to maintain a continuous communication link between the Earth
and the colonies on Mars and Phobos.

With only one cycler in orbit, an alternative communication link is not provided during the
2

first Earth-Mars solar conjunction of a cycle (4 7 years), as the Earth-Cycler 1 communication
link is not available during the first Earth-Mars solar conjunction either (gap in the solid blue line
at the same time there is a gap in the solid black line, at time around 1 year). The same happens
with Cycler 2 during the first Earth-Mars solar conjunction after its launch, at time 3+1/4 years
1

(Cycler 2 is launched 2 7 years after Cycler 1).
1

Once both cyclers are in orbit (both cyclers describe the same trajectory shifted 2 7 years), an
alternative communication link during Earth-Mars solar conjunction is alternatively provided by
the cyclers as they provide an alternative link during the second Earth-Mars solar conjunction of
each cycle.

Figure AM.3 represents the availability of the communication links between Earth, Cycler 1
and Cycler 2, and between Mars, Cycler 1 and Cycler 2, as Fig. AM.2 previously did. Now, the
chosen communication link is also represented with a dashed green line:
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E≡EARTH
M≡MARS
C1≡CYCLER 1
C2≡CYCLER 2

Figure AM.3: Continuous Earth-Mars Communication Link, Circular-Coplanar Model
The chosen communication link is the direct Earth-Mars communication link if available, and
the alternative Earth-Cycler 1/Cycler 2-Mars communication link during Earth-Mars solar
conjunctions.

The gap in the dashed green line (time around 1 year) represents the fact that only one cycler
is not enough for continuous communication. Once both cyclers are in orbit (after Cycler 2 is
launched), the cyclers alternatively provide an alternative communication link during Earth-Mars
solar conjunction as the Earth-cycler and cycler-Mars communication links are both available
(blue and red lines do not present any gap during the second Earth-Mars solar conjunction of
each cycle).

The main conclusion of this study is that, in a circular-coplanar model, two cyclers can
provide an alternative communication link during every Earth-Mars solar conjunction, and so
continuous communication between Earth and the colonies on Mars and Phobos is achieved
without the need of a heliocentric satellite communication network.
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2. Ephemeris Model

Project Aldrin-Purdue will establish the orbits of the two cyclers in 2031 (Cycler A) and 2034
(Cycler B). Check-outs of hyperbolic rendezvous with the cyclers will be performed by cargo in
2033 (with Cycler 1) and 2035 (with Cycler 2). The first crew will be sent to Mars in 2037 (on
Cycler A); therefore, both cyclers will be already in orbit (since 2034) when humans arrive to
Mars in 2038, and so continuous communication can be provided via the cyclers, based on the
results obtained in the circular-coplanar model.

The results obtained in a circular-coplanar model are also verified in a more realistic model:
ephemeris data is used for the positions of Earth and Mars, and STOUR is used for the
propagation of the positions of the cyclers.

Figure AM .4 represents the availability of the communication links between Earth, Cycler A
and Cycler B, and between Mars, Cycler A and Cycler B, starting in 2037, at the first human
rendezvous with Cycler 1, for a complete cycle (two synodic periods). Data for Cycler B is only
propagated until 2039 (dashed blue and red lines do not continue in time after 2039) as data until
this year is sufficient for the purpose of this study, and due to the complexity of obtaining results
from STOUR:
E≡EARTH
M≡MARS
CA≡CYCLER A
CB≡CYCLER B

Figure AM.4: Communication Link Availability, Ephemeris Model
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It is observed, in Fig. AM.4, that Cycler B provides an alternative communication link during
the first Earth-Mars solar conjunction after humans are sent to Mars (at the end of 2038), as it is
already in orbit. During the second Earth-Mars solar conjunction (year 2041), Cycler A provides
an alternative link.

Figure AM .5 represents the chosen communication link that will provide continuous EarthMars communication (dashed green line):
E≡EARTH
M≡MARS
CA≡CYCLER A
CB≡CYCLER B

Figure AM.5: Continuous Earth-Mars Communication Link, Ephemeris Model
Therefore, it is proven, in an ephemeris model, that the cyclers are able to provide and
alternative communication link during Earth-Mars solar conjunctions for continuous
communication between Earth and the colonies on Mars and Phobos, during the first two synodic
periods after the first humans arrive to Mars.

In these particular dates, it is also observed that Cycler A can provide an alternative
communication link during the first Earth-Mars solar conjunction too, as the Earth-Cycler A
(solid blue line) and Mars-Cycler A (solid red line) links are both available during the first EarthMars solar conjunction. One cycler was only able to provide and alternative link during the
second solar conjunction of the cycle in a circular-coplanar model; in these particular two
synodic periods, Cycler A can provide and alternative link during both Earth-Mars solar
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conjunctions, however, this is a special case, and it cannot be assumed that a single cycler is
enough to provide continuous communication, as, on a regular basis, each cycler will not be able
to provide an alternative link during the first Earth-Mars solar conjunction of each cycle.

Continuous communication is expected and assumed to be possible for all times based on the
resultats obtained in the circular-coplanar model, and the analysis performed in an ephemeris
model for the first complete cycle of Cycler A after the first humans arrive to Mars.

.
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Appendix AN| Communications Satellite Constellation
around Mars
I. Introduction
The procedure we follow to design the Mars-centered communications satellite constellation
is now described in detail, in a circular-coplanar model.
II. Communications Satellite Constellation around Mars
A. Introduction to the Problem

The Mars-centered satellite communication network required to maintain continuous
communication between the colony on Mars, the colony on Phobos, and the Earth (or one of the
cyclers) is now under study.

The colony on Phobos is placed inside Stickney Crater (it is tidally locked to Mars). The
visibility from inside the crater will be limited (maximum angular visibility, 𝛽), and determined
by the geometry of the crater itself [1].

Figure AN.1 represents the problem under study, where we need to provide communication
between the colony on Phobos (orbiting around Mars), the colony on Mars (rotating around its
spin axis) and the Earth (or a cycler) for all times by means of a Mars-centered communications
satellite constellation. Direct Phobos-Mars communication is prefered. If not available, the
satellites should be able to relay the signal from Phobos to the colony on Mars. At the same
time, the satellites should be able to communicate with Earth/cycler, both, the signals from
Phobos and from Mars:
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Figure AN 1: Communication Satellites around Mars for Continuous Communication
III. Main Assumptions

Our main assumptions for the analysis are:

1) Colony on Mars is at 15° North Latitude.
2) Colony on Phobos is inside Stickney crater. Maximum visibility (angle 𝛽) is determined
based on the geometry of the crater [-]. This angle is found to be 𝛽 = 152°.
3) Phobos is in a circular orbit with zero inclination (actual values of eccentricity and
inclination are 0.0151 and 1.093°, respectively).
4) Communication between satellites and Phobos, or between satellites and the Earth, is not
possible if the signal has to travel through the atmosphere of Mars (120 km altitude).
5) Communication between the colony on Mars and the satellites, or Phobos, is not possible
unless they are visible above the horizon (equivalent maximum visibility angle 𝛽 of 180° for
colony on Mars).

Pablo Machuca | 615

Appendiz AN

Project Aldrin-Purdue

IV. Analysis
We propose and compare two possible solutions for the problem under study. The most
convenient solution is chosen as the final design for the mission.
1. Two communication satellites in Phobos’ orbit

Figure AN .2 represents the geometry of a satellite constellation composed of two satellites
placed in Phobos’ orbit (altitude ℎ𝑃 = 5980 𝑘𝑚), spread 120° apart from Phobos and from each
other:

Figure AN.2: Communication Satellites in Phobos’ Orbit, Geometry
This configuration is convenient as Phobos will always be able to communicate with the
satellites, as their relative positions are conserved. Also, the colony will be able to communicate
with at least one of out Phobos, Satellite 1 or Satellite 2, at all times. At least one of the satellites
will be able to communicate with Earth as well.
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Figure AN.3 represents the communication links between Phobos and the satellites (dashed
blue and red lines), and the communication link between one of the satellites (Satellite 2) and the
colony on Mars (solid blue line). The communication link between one of the satellites (Satellite
1) and the Earth is represented with a solid black line:

Figure AN.3: Communication Satellites in Phobos’ Orbit, Communication Links
In Fig. AN.3, we can see how the signal from Phobos to Mars is relayed by Satellite 2, so that
communication is possible between Phobos and Mars. At the same time, Phobos can
communicate information from Phobos and from Mars with Satellite 1, and Satellite 1
communicates this information with the Earth.

Figure AN.4 is a representation of the availability of the communication link between the
satellites around Mars (solid red line for Satellite 1 and solid blue line for Satellite 2) and the
Earth (or one of the cyclers), during two Martian days (24 hours and 37 minutes per day). The
communication link between a satellite and Earth will be available unless the Earth, the satellite
and Mars are aligned.
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The dashed green line represents which satellite is used to communicate with Earth over time.
This sequence is determined by the study described next: it is determined by the availability of
the communication links between Phobos and Mars, between the satellites and Mars, and
between the satellites and Phobos:

Figure AN.4: Availability of Communication Links from Satellites, Satellites in Phobos’ Orbit
For all times, there is at least one satellite that can communicate with the Earth: when Satellite
2 cannot communicate with Earth (gap in the solid blue line), Satellite 1 can (no gaps in the solid
red line at that time), and vice versa.

Figure AN.5 is a representation of the availability of the communication link of the satellites
and Phobos with the colony on Mars, during two Martian days:
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Figure AN.5: Availability of Communication Links from Mars, Satellites in Phobos’ Orbit
The communication link between the satellites and Phobos is periodic (every half a Martian
day) and available for 1/3 of the time. The availability of the communication link of the colony
on Mars with the satellites and Phobos follows the same behavior, but as the satellites and
Phobos are spread 120° apart from each other in the same orbit, their availabilities are shifted in
time. In this way, the colony on Mars, for all times, will be able to communicate with at least one
out of these three bodies (satellites and Phobos).

The dashed green line represents the communication sequence followed by the colony on
Mars: The colony on Mars will communicate only with one out of the three bodies (satellites and
Phobos) at a time. If direct communication with Phobos is available, Mars will communicate
with Phobos and Phobos will communicate with one satellite (this satellite should be able to
communicate with Earth). The colony on Mars will communicate with a satellite instead if
Phobos is not visible, this satellite will communicate with Phobos and Earth if the Earth is visible
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from that satellite, or with Phobos and the other satellite if Earth is not visible from the same
satellite.

Figure AN.6 is a representation of the availability of the communication link of the satellites
and Mars with Phobos, during two Martian days. It is observed below that the communication
between the satellites and Phobos is always available (no gaps in the solid blue and red lines) as
the relative positions between the three are conserved along time, due to the fact that the
satellites are in the same orbit. Communication between Phobos and the colony on Mars is
periodically lost (every half a Martian day) for about 1/3 of the time, due to the fact that Phobos
orbits around Mars, and therefore, Phobos and the colony on Mars will eventually be on opposite
sides:

Figure AN.6: Availability of Communication Links from Phobos, Satellites in Phobos’
Orbit
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The dashed green line represents the communication sequence followed by Phobos: Phobos
will communicate directly with the colony on Mars when possible, and, at the same time, with
the satellite that can communicate with Earth. If direct Phobos-Mars communication is not
available, Phobos will communicate with one satellite and that satellite will relay the signal to
Mars. Phobos will commmunicate only with one satellite if that same satellite can communicate
at the same time with Earth and with the colony on Mars. Phobos will communicate at the same
time with both satellites if the satellite that relays the signal to Mars cannot communicate with
Earth (the other satellite will be able to communicate with Earth).

The main conclusion of this analysis is that continuous communication between the colonies
on Phobos and Mars, and the Earth, can be provided with only two satellites around Mars, if
placed in the same orbit than Phobos.

Table AN.1 summarizes the minimum number of antennas required on Mars, Phobos,
Satellite 1 and Satellite 2, for the communications satellite constellation under study:

Table AN.1: Antennas Required for Two Satellites in Phobos’ Orbit

Colony on Mars

Min. number of antennas

Type

2

Short-range antennas. Only one antenna is
used at a time.
Short-range antennas. Only two antennas are

Colony on Phobos

3

used at a time, during 1/3 of the time.
Two short-range antenas. The three antenas

Satellites 1/2

3

are used at the same time during 6-7 hours per
Martian day.

V. Two communication satellites in
an areostationary orbit
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We provide a second possible solution for the problem under study.

Figure AN.7 represents a satellite constellation composed of two satellites placed in an
areostationary orbit (stationary orbit around Mars, altitude ℎ𝑆 = 17032 𝑘𝑚), separated by an
angular distance α, and centered about the vertical that passes through the colony on Mars:

Figure AN.7: Communication Satellites in Areostationary Orbit, Geometry
This configuration is convenient as the colony on Mars will always be able to communicate
with the satellites (their relative positions are conserved). At the same time, at least one of the
satellites will be able to communicate with Earth due to the angular separation between them. In
the same way, due to the angular separation between the satellites, Phobos will be able to
communicate with at least one of them at all times.

Figure AN.8 represents the communication links between Phobos and one of the satellites
(Satellite 2, dashed blue line), between the colony on Mars and the satellites (solid red line for
Satellite 1 and solid blue line for Satellite 2). The communication link between one of the
satellites (Satellite 1) and the Earth is represented with a solid black line:
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Figure AN.8: Communication Satellites in Areostationary Orbit, Communication Links
In Fig. AN.9, we can see how the signal from Phobos to Mars is relayed by Satellite 2, so that
communication is possible between Phobos and Mars. At the same time, Mars can communicate
information from Phobos and from Mars with Satellite 1, and Satellite 1 communicates this
information with the Earth.
We determine the angle 𝛼 between the two areostationary satellites based on the following
limiting cases (from left to right, the limiting cases are numbered as 1., 2. and 3., respectively):

Figure AN.9: Communication Satellites in Areostationary Orbit, Limiting Cases
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In 1, Phobos can communicate directly with Mars. Communication between Phobos and Mars
is possible until Phobos sets below the horizon at the colony on Mars. Before this happens,
Phobos should be able to communicate with Satellite 2 in order not to lose communication (2).
This will determine the minimum angular separation between the vertical through the colony on
Mars, and Satellite 2, as Satellite 2 should be visible from inside the crater before Phobos is not
visible from the colony on Mars. The same minimum separation applies for Satellite 1.

In 2., Phobos can communicate with Satellite 2. Communication between Phobos and Satellite
2 is possible until Satellite 2 is hidden behind Mars. Before this happens (3), Phobos should be
able to communicate with Satellite 1 in order not to lose communication. This will determine the
maximum angular separation between the vertical through the colony on Mars, and Satellite 1, as
Satellite 1 should be visible from inside the crater before Satellite 2 is not visible from the colony
on Phobos. The same maximum separation applies for Satellite 2.
The angular separation between the satellites, 𝛼, should remain within the range: 63.9° < 𝛼 <
70.5°.

Figure AN.10 is a representation of the availability of the communication link between the
satellites around Mars (solid red line for Satellite 1 and solid blue line for Satellite 2) and the
Earth (or one of the cyclers), during two Martian days:
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Figure AN.10: Availability of Communication Links from Satellites, Areostationary Satellites
The communication link between a satellite and Earth will be available unless the Earth, the
satellite and Mars are aligned.

We observe in Fig. AN.10 that, for all times, there is at least one satellite that can
communicate with the Earth: when Satellite 2 cannot communicate with Earth (gap in the solid
blue line), Satellite 1 can (no gaps in the solid red line at that time), and vice versa. This is
achieved by means of the angular separation between the satellites.

The dashed green line represents which satellite is used to communicate with Earth over time:
this sequence is determined by the availability of the communication links between Phobos and
Mars, and between the satellites and Phobos.
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Figure AN.11 is a representation of the availability of the communication link between the
satellites and Phobos with the colony on Mars, during two Martian days. The satellites orbit
around Mars at the same angular velocity than the colony on Mars spins around Mars itself (by
the definition of a stationary orbit), therefore, the satellites and the colony on Mars will always
be able to communicate. Phobos, however, orbits around Mars faster than the colony on Mars
spins around Mars, and so Phobos will only be visible from the colony on Mars for about 1/3 of
the time, with a period of about half a Martian day:

Figure AN.11: Availability of Communication Links from Mars, Areostationary Satellites
The dashed green line represents the communication sequence followed by the colony on
Mars: the colony on Mars will always commmunicate with at least one of the satellites, so that
information can be transmitted to Earth. If direct communication with Phobos is available, Mars
will communicate directly with Phobos and with the satellite the communicates with Earth. The
colony on Mars will communicate with both satellites at the same time when the signal needs to
be relayed to Phobos (when Phobos is not visible), as one satellite will relay the signal to Phobos
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and the other satellite will communicate with Earth. If Phobos is not visible, the colony on Mars
will communicate with one satellite to relay the signal to Phobos; if the other satellite cannot
communicate with Earth at that particular time, the same satellite that relays the signal to Phobos
will also communicate with Earth.

Figure AN.12 is a representation of the availability of the communication link of the satellites
and Mars with Phobos, during two Martian days. It is observed that Phobos can communicate
with at least one of the satellites or with Mars at all times. In this way, continuous
communication between the colony on Phobos and the colony on Mars is possible:

Figure AN.12: Availability of Communication Links from Phobos, Areostationary
Satellites
The dashed green line represents the communication sequence followed by Phobos: Phobos
will directly communicate with Mars when possible (if direct Mars-Phobos communication link
is available−solid black line). If direct communication between Phobos and Mars is not
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available, Phobos will communicate only with one of the satellites and this satellite will relay the
signal to the colony on Mars.

The main conclusion of this analysis is that continuous communication between the colonies
on Phobos and Mars, and the Earth, can be provided with only two satellites around Mars, in an
areostationary orbit.

Table AN.2 summarizes the minimum number of antennas required on Mars, Phobos,
Satellite 1 and Satellite 2, for the communications satellite constellation under study:

Table AN.2: Antennas Required for Two Areostationary Satellites
Min. number of antennas

Type

Colony on Mars

3

Short-range antennas. Only two antennas are used at a time.

Colony on Phobos

2

Short-range antennas. Only one antenna is used at a time.

Satellites 1/2

3

Two short-range and one long-range antenna. The three
antenas are used at the same time, during 1-2 hours per
Martian day.

VI.

Comparison of the Proposed Solutions

Both solutions for the problem under study (two satellites in Phobos’ orbit and two
areostationary satellites) are now compared based on the number of antennas required on Mars,
Phobos and the satellites, and the amount of time these antennas are used (Tables C.1 and C.2):
1) Two satellites in Phobos’ orbit are more convenient in terms of number of antennas used
on Mars, as only one antenna is used at a time (instead of two), and only two antennas in total
are required (instead of 3).
2) Two areostationary satellites are more convenient in terms of number of antennas used on
Phobos, as only one antenna is used at a time (instead of two during 1/3 of the time) and only
two antennas in total are required (instead of 3).
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3) Two areostationary satellites are more convenient in terms of number of antennas used on
the satellites, as the amount of time the three antennas on the satellites are used at a time (1-2
hours per day) is considerably shorter than for the first solution (6-7 hours).

We choose two areostationary satellites to be the most convenient solution for the Marscentered communications satellite constellation as the power consumption on Phobos and the
satellites is minimized. Power required on Mars is larger, but it is reasonable to assume that the
availability of energy on Mars will be considerably larger than on Phobos and the satellites.

References
[1] A.T. Basilevsky, C.A. Lorenz, T.V. Shingareva et al.. The surface geology and
geomorphology of Phobos [J], Planetary and Space Science, 2014
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Appendix AO| Aerocapture and Aerobraking

I. Introduction
When we approach a planet we are traveling at a hyperbolic velocity relative to that planet. In
order to reach an orbit about the planet or to land on the planet we must depart from the
hyperbolic trajectory and obtain an orbit about the planet. Within this project when we must
consider an atmosphere, we are landing on Mars, Phobos, and Earth. In this Appendix, we
would like to further explore the options for departing from a hyperbolic trajectory and
entering into an elliptical orbit and provide the process that leads us to the options we picked
for AEDL (Aerocapture, Entry, Descent, and Landing) in Project Aldrin-Purdue.

The

equations of motion and details of how we obtain the trajectories in the atmosphere are listed in
Appendix AS: EDL Simulation Design and Appendix AT Ballistic Coefficient Analysis.

A. Definition of variables
a – semi-major axis [km]
adesired - desired semi-major axis [km]
β - Ballistic Coefficient, [kg/m2]
Δva – velocity change at apoapsis [km/s]
e – Eccentricity of the orbit
Ga - G load in aerocapture [Earth G]
GEDL - G load in EDL [Earth G]
γatm – flight path angle entering the atmosphere [˚]
γin - entry flight path angle at 120 km altitude [˚]
γin_ac - entry flight path angle at 120 km altitude for aerocapture [˚]
γin_ab - entry flight path angle at 120 km altitude for aerobraking [˚]
γout - exit flight path angle at 120 km altitude [˚]
γout_ac - exit flight path angle at 120 km altitude for aerocapture [˚]
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γout_ab - exit flight path angle at 120 km altitude for aerobraking [˚]
h - Altitude [m]
hreference - reference scale height [m]
L/D - lift to drag ratio
m - Mass of entry vehicle [kg]
µ - gravitational parameter [km3/s2]
𝜌𝑟𝑒𝑓𝑒𝑟𝑒𝑛𝑐𝑒 - Reference density [kg/m3]
𝜌 - Density at an altitude [kg/m3]
r - Radial distance from the center of the planet to the spacecraft [km]
rMars – radius of Mars [km]
ra - radius of apoapsis [km]
rp - radius of periapsis [km]
rp,desired - desired periapsis radius [km]
torbit – time between atmospheric encounter [hr]
θ*atm – true anomaly at atmosphere encounter [˚]
θ* - true anomaly [˚]
v - Velocity in orbit [km/s]
va - velocity at apoapsis [km/s]
va,desired - desired velocity at apoapsis [km/s]
Vatm – velocity entering the planetary atmosphere [km/s]
Vin – velocity on entering an atmosphere at 120 km above planet surface [km/s]
Vin_ac – velocity on entering an atmosphere at 120 km above planet surface for aerocapture
[km/s]
Vin_ab – velocity on entering an atmosphere at 120 km above planet surface for aerobraking
[km/s]
Vout - velocity on exiting an atmosphere at 120 km above planet surface [km/s]
Vout_ac - velocity on exiting an atmosphere at 120 km above planet surface from aerocapture
[km/s]
Vout_bc - velocity on exiting an atmosphere at 120 km above planet surface from
aerobraking[km/s]
Vinfinity – velocity at a radius of infinity with respect to a given planet [km/s]
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II. Assumptions
For aerocapture and aerobraking, the assumptions include Phobos is in a circular orbit, the
exit velocity of Mars is taken to be 4.9 km/s, there will be continuous lift control, and humans
can tolerate up to six Earth G’s at a given time. From the Mission Design Team the orbit of
Phobos is considered to be circular for the purpose of this feasibility study due to its low
eccentricity. The exit velocity of Mars at 120 km is taken to be at 4.9 km/s, this comes from an
advisor and the calculation was not performed, however it is relatively close to the actual value
at 5.03 km/s. [1] Lift control throughout AEDL will allow for uncertainties in the atmosphere
to be accounted for and decrease the downrange error, this is explained in more detail in
Appendix Z. The maximum G load for humans is taken to be six Earth G’s and we are
designing to have the lowest G load possible whenever humans are involved (HuLa, Human
Lander, and Return Option), the CarLa (Cargo Lander) and Resupply Missions G Load limits
come from the loads the structures may withstand.

III. Aerocapture

If we want to get to the surface of Mars or Phobos then HuLa must bleed portion of it velocity
for it to exit the atmosphere under the hyperbolic velocity.

This may be accomplished

propulsively, with a significant increase in propellant mass, or through aerocapture. Aerocapture
is an orbital maneuver that decelerates a spacecraft due to the drag force on the vehicle in a
planetary atmosphere. By successfully completing this maneuver the vehicle transitions from a
hyperbolic trajectory to an ellipsoidal orbit. [2] Upon reaching the desired orbit a burn may be
implemented at apoapsis to raise the periapsis, adjusting the orbit. [3]

A. Mars Atmosphere
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1. Uncertainty in the Atmosphere
The density of Mars atmosphere is less than Earth’s and fluctuates. The fluctuations may be
as much as a 60% increase or decrease in the density. These fluctuations require the ability to
actively control the lift vector of the HuLa or CarLa vehicle going through the atmosphere.
To account for variations in density on Mars, we run the atmosphere density profiles at
different percentages from the nominal case for a fixed set of flight conditions. The range we
consider for different density profiles is between 40 percent and 160 percent or the nominal
case. We define the nominal atmosphere of Mars with the density profile shown in comparison
with Earth’s in Fig AO.1. These density profiles come from an exponential model with a
reference altitude and density, shown in Equation AO.1. The reference values are placed in Eq.
AO.1 are displayed in Table AO.1 [4]

𝜌 = 𝜌𝑟𝑒𝑓𝑒𝑟𝑒𝑛𝑐𝑒 ∗ 𝑒

ℎ⁄
ℎ𝑟𝑒𝑓𝑒𝑟𝑒𝑛𝑐𝑒

(AO.1)

Table AO.1: Reference density and altitude values for Earth and Mars atmosphere
calculations.
hreference

𝝆𝒓𝒆𝒇𝒆𝒓𝒆𝒏𝒄𝒆

[km]

[kg/m3]

Earth

8.5

1.217

Mars

11.2

0.02

Planet

Cynthia Rose | 633

Appendix AO

Project Aldrin-Purdue

Figure AO.1: Comparison of nominal density profiles between Earth and Mars.

When we look at Earth AEDL, we do not need to run variations on the density because it is
well modeled and does not fluctuate as much as Mars’ atmosphere. The range of Mars’ density
that is considered is displayed in Fig AO.2. Figure AO.2 does not display all the possibilities; it
contains the nominal case and the bounding cases of +/- 60%.
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Figure AO.2: Boundary cases and nominal case of Mars density profile.

When we look at the range of possible outcomes for a given set of flight conditions this
creates a large band of possible trajectories coming out of aerocapture. Because we use
aerocapture to get an elliptical orbit, the two most relevant output conditions are the exit velocity
at 120 km and the flight path angle at 120 km. The flight path angle and velocity define the orbit
that the spacecraft will be in and gives the entry conditions for when the spacecraft reaches 120
km above the surface of Mars.

For the uncertainty in the density at Mars, the plots of possible exit velocities and flight path
angles are displayed in Fig AO.3 and Fig AO.4 respectively, the corresponding CarLa plots are
Fig AO.5 and AO.6. These figures are for HuLa going directly to Mars, the resulting orbit from
aerocapture is a relatively small ellipse compared to the orbit of Phobos. For HuLa with entry
conditions targeting Phobos, Fig AO.7 and AO.8 display the plots for exit velocity and exit flight
path angle with the atmospheric uncertainty. The flight conditions for HuLa when looking at the
atmospheric uncertainty are displayed in Table AO.2.
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Table AO.2: HuLa flight conditions going into Mars aerocapture to look at the effects of
the atmospheric uncertainty.
m

β

V120km,in

γin,120km

[kg]

[kg/m2]

[km/s]

[˚]

Mars

25

20

8.2574

-8.5229

HuLa

Phobos

25

20

8.2574

-8.223

CarLa

Mars

72.3

30

5.65006

-7.29

CarLa

Phobos

72.3

30

5.65006

-6.78

Vehicle

Destination

HuLa

Figure AO.3: HuLa Mars aerocapture exit velocities for a direct flight to the Martian
surface with uncertainties in the atmosphere.
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Figure AO.4: HuLa Mars aerocapture exit flight path angles for a direct flight to the
Martian surface with uncertainties in the atmosphere.

Figure AO.5: CarLa Mars aerocapture exit velocities for a direct flight to the Martian
surface with uncertainties in the atmosphere.
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Figure AO.6: CarLa Mars aerocapture exit flight path angles for a direct flight to the
Martian surface with uncertainties in the atmosphere.

From Fig AO.3, we can see that for a given incoming flight path angle and velocity we have
to account for skip out, making it to an elliptical orbit, and an undesired form of landing. Skip
out happens when a spacecraft exits the atmosphere too early at velocity greater than the escape
speed of the planet, in his case Mars. We assume the escape speed to be 4.9 km/s at 120 km
above the Martian surface. If we exit the atmosphere at a velocity higher than the escape
velocity our humans will not see Mars again, this is unacceptable and a mission failure.
Reaching an elliptical orbit is what we want coming out of aerocapture. We would like to be
able to get a specific orbit to decrease the time our humans spend traveling to their new homes
on Mars. By decreasing the time in transit this helps decrease our IMLEO, Initial Mass in Low
Earth Orbit, by reducing the consumables required for each HuLa. An undesired form of
landing occurs when we do not exit the atmosphere soon enough and have too low of a velocity
to reach orbit. In this case, we reach the ground but the terminal descent systems are not
designed for this case and may not be able to control HuLa in the desired manner. If there is an
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undesired landing this may result in the destruction of the HuLa vehicle and/or the death of the
crew, both cases are mission failures with variable severity.

Figure AO.7: HuLa Mars aerocapture exit velocities, initially targeting Phobos with
uncertainties in the atmosphere.

Figure AO.8: HuLa Mars aerocapture exit flight path angles initially targeting Phobos
with uncertainties in the atmosphere.
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Figure AO.9: CarLa Mars aerocapture exit velocities, initially targeting Phobos with
uncertainties in the atmosphere.

Figure AO.10: HuLa Mars aerocapture exit flight path angles initially targeting Phobos
with uncertainties in the atmosphere.

Between Fig AO.3 and AO.7, we see that when we target Phobos there is a higher chance of
skipping out of the atmosphere. This is due to the shallower flight path angle used to reach
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Phobos on a ballistic trajectory with the nominal Martian atmosphere. To account for skip out,
control of the elliptical orbit reached and undesired landing cases we use variable lift throughout
AEDL to adjust the path of the spacecraft. By controlling the lift vector, the path of the
spacecraft adjusts by shifting the center of mass or through thrusters; this is expanded upon in
Appendix AX Ballast Masses for EDL Control and Appendix AY Thruster PlacementHIAD/ADEPT.

IV. The Lift Effect
Active lift control in AEDL accounts for the majority of the uncertainty in the atmosphere at
Mars. By creating L/D between -0.2 and 0.2, the control system onboard the spacecraft (HuLa,
CarLa and Resupply, and the Return Option) will monitor the deceleration and adjust the
orientation as necessary.

To view the effect of the lift, we consider the nominal atmosphere case with a ballistic
trajectory, the less dense atmosphere with +/- 0.2 L/D, and denser atmosphere with +/- 0.2 L/D.
When we view the plot, we see the flight conditions of our spacecraft target trajectory for a
nominal atmosphere with ballistic entry. We know it is possible to obtain the target trajectory if
both the less dense and more dense atmosphere have their maximum and minimum lift lines on
either side of the nominal ballistic case. This is in Fig AO.11 for the HuLa direct flight to Mars
and Fig AO.13 for CarLa going to Phobos, the flight conditions are in Table AO.2. Fig AO.12
and Fig AO.14 display the variation in the exiting flight path angle.
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Figure AO.11: HuLa Mars aerocapture lift vectoring for a direct flight to the Martian
surface for the nominal ballistic case with uncertainties in the atmosphere.

Figure AO.12: HuLa Mars aerocapture exit flight path angles targeting Phobos for the
nominal ballistic case with uncertainties in the atmosphere.
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Figure AO.13: CarLa Mars aerocapture lift vectoring for a direct flight to the Martian
surface for the nominal ballistic case with uncertainties in the atmosphere.

Figure AO.14: CarLa Mars aerocapture exit flight path angles targeting Phobos for the
nominal ballistic case with uncertainties in the atmosphere.
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From Fig AO.11 and A.13, we can see that having lift control does not allow us to reach
our desired trajectory when there is a 40 percent less dense atmosphere. With this conclusion,
we see we cannot use the combination of velocity and flight path angles that are in Table AO.2.
For HuLa, the velocity in the table is an initial velocity for the Cycler that decreased as analysis
in this study became more detailed and information became available. The range of velocities
possible for HuLa are discussed in the next section. CarLa will have more trouble getting to
Phobos when it uses aerocapture if the atmosphere is lower. This is something that needs
further investigation and analysis.

V. HuLa
The HuLa vehicle is required to transport humans from the Cycler to Phobos and the surface
of Mars, as well as from Phobos to the surface of Mars. To do this, we aerocapture into an
elliptical orbit about Mars. This orbit either has the HuLa vehicle in an elliptical orbit with an
apoapsis radius as close to the radius of Phobos or one that has a smaller semi-major axis. By
placing HuLa in an orbit as close to Phobos’ as possible it becomes easier to rendezvous with
Phobos. The other possibility is to have HuLa in a smaller elliptical orbit. This smaller
elliptical orbit comes from HuLa leaving the Martian atmosphere with the lowest possible
velocity to help eliminate the downrange error for EDL, or Entry, Descent, and Landing.

1. Possible Cycler Vinfinity
From Dr. Troy McConaghy’s Design and Optimization of Interplanetary Spacecraft
Trajectories a range of cycler velocities for Mars aerocapture are available to analyze. This
range of velocities was verified and continued over a larger timespan into the future by the
Mission Design Team and is available in Chapter 7: Cycler. From the range of velocities, a
range of flight path angles may be obtained that the HuLa vehicle and systems need to account
for over time. Table AO.3 displays the range of flight conditions for a ballistic coefficient of 20
kg/m2 and a mass of 38 Mg

Cynthia Rose | 644

Appendix AO

Project Aldrin-Purdue

Table AO.3: HuLa’s range of flight conditions going into and coming out of aerocapture to
reach the surface of Mars.
Vinfinity

V120km,in

γin,120km

V120km,out

γout,120km

[km/s]

[km/s]

[˚]

[km/s]

[˚]

2.77

5.66

-7.05

3.575

3.089

3.02

5.78

-7.2

3.582

3.18

4.31

6.55

-7.973

3.422

2.377

5.27

7.22

-8.439

3.41

2.469

5.87

7.67

-8.68

3.467

3.02

6.47

8.14

-8.91

3.416

2.731

7.14

8.68

-9.126

3.426

2.917

7.85

9.27

-9.31

3.54

3.722

VI. CarLa
For CarLa Missions, we also must reach both Phobos and Mars. Aerocapture is only being
used to reach Phobos. This decision comes from finding the incoming velocity at the top of
Mars atmosphere to be low enough to complete EDL when we do not need to reach Phobos.
This decision increases the G load on the vehicle but there are no humans on board and the
structure should withstand the designated loading. The uncertainty in the atmosphere increases
the risk of losing the CarLa Mission with each pass through the atmosphere. We consider it safer
to decrease the amount of passes through Mars’ atmosphere whenever possible.
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It is notable that the incoming velocity for CarLa is a fixed value because of the orbit transfer.
If a different velocity were required, we would need to request Mission Design to change the
trajectory. This means that over time we can use the same landing system and will know what to
expect for each CarLa Mission.

VII. Return Option
1. Aerocapture, Earth

When we return to Earth from Phobos as described in the Section 13 Return Option, we must
reenter Earth’s atmosphere. We have a G load limit at six Earth G’s for humans during space
flight. On the 6.7 month journey back to Earth, the humans will not experience any artificial
gravity, for this reason we want the incoming trajectory with the lowest possible G loading.

From Chapter 13 in the discussion about EDL, we see the peak Earth G Load is under seven
Earth G’s on direct entry. Though this is not under the desired six G’s it is the best trajectory we
can find. As displayed in Fig AO.15, the G load aerocapture is lower six G’s and we are in an
elliptical orbit about Earth for are departure date from Phobos of January 22, 2038. To reach the
surface of Earth we must pass through the atmosphere a second time and that is when the G
loading goes over seven G’s. For this case, we do not make any orbital maneuvers to adjust the
periapsis radius of the orbit. Table AO.4 provides the flight conditions for Fig AO.15. The
Mission Design Team selected the return dates for returning from Phobos to minimize the time it
took to reach Earth.

Cynthia Rose | 646

Appendix AO

Project Aldrin-Purdue

Figure AO.15: Return Option G Load for aerocapture (blue line) and then for entry after
aerocapture (green line). The desired maximum G load is less than or equal to six G’s.
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Table AO.4: Return Option flight conditions going into Earth’s atmosphere at times
calculated by Mission Design.
Return

Vinfinity

Vin

γin

Vout

γout

ra

torbit

Ga

GEDL

Date

[km/s]

[km/s]

[˚]

[km/s]

[˚]

[km]

[hr]

[Earth G]

[Earth G]

1/22/2038 4.3234

11.89

-3.8

8.0806

1.8326

7445.9

1.37

4.24

7.36

8/6/2039

12.318

-3.98

8.0154

1.8096

7210.2

1.27

5.02

7.45

5.3896

We decided not to use aerocapture because of the increased G load over a direct entry
trajectory. We do not adjust the orbit of the Return Option vehicle because that would increase
the amount of propellant we need to carry, increasing our IMLEO.

VIII. Future HuLa Aerocapture Work
The future work for aerocapture includes characterizing the impact of mass fluctuations on
the flight conditions. We found that as the mass numbers increased and decreased by only a
few tons the exit flight conditions remained approximately the same. This is likely due to the
equations of motion being based off the ballistic coefficient and remains a point of curiosity.
Another point of interest is running Monte Carlo simulations on the atmosphere profiles for
more detailed simulations in the atmosphere. This option was considered but it is beyond the
scope of our feasibility study and would take more time to analyze than what we have available
in this study. Additionally, more analysis would be required to determine the range of velocities
that are acceptable for HuLa and CarLa aerocapture with the given atmospheric error. As the
human missions start, communications satellites will be in place about Mars and we could
investigate including some atmosphere sensors for better atmosphere models.
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IX. Aerobraking

Aerocapture is a series of Holman Transfers to decrease the eccentricity of an elliptical orbit to
reach a circular orbit. In order to decrease the eccentricity of the orbit multiple passes through
the upper layers of an atmosphere are necessary to bleed the velocity of the spacecraft. In order
to complete the required Holman Transfers, we must carry additional propellant and consider
the human factors requirements for the additional time in a spacecraft.

We did not select aerobraking for HuLa because of the increase in IMLEO and the uncertainty
in the atmosphere. The increase in IMLEO comes from the required propellant necessary to
complete Holman Transfers. Human factors requirements for HuLa include consumables for
the time in the spacecraft as well as how long the humans can be in a confined space. The
uncertainty in the atmosphere means every time we add an atmospheric pass we are increasing
the risk of mission failure due to skip out or an undesired landing. Though the human factors
requirements do not apply to CarLa, we are not using aerobraking for CarLa missions because
of the atmospheric uncertainty. Additionally, it may be noted that both ADEPT, Adaptable
Deployable Entry Placement Technology, and HIAD, Hypersonic Inflatable Aerodynamic
Decelerator, are still in development and how many atmospheric passes the TPS, Thermal
Protection System, material may withstand is uncertain at this time.
A. Explanation of Aerobraking

Aerobraking in the process of making successive passes through the upper layers of an
atmosphere to circularize an elliptical orbit. Often this requires completing an apoapsis burn to
raise the periapsis of the orbit. Figure AO.16 depicts the general process of aerobraking about
Mars for after aerocapture and before direct entry.
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Figure AO.16: Aerocapture to decrease orbit completing apoapsis burns to raise the
periapsis such that it remains just inside the atmosphere of Mars.

Aerobraking would increase the time of flight to get from the Cycler to the surface of Mars
for but how long depends on the initial elliptical orbit gained after aerocapture. The benefits to
aerobraking include a lower velocity entering the Martian atmosphere for EDL and the time in
orbit allows for system and instrumentation checks. The disadvantages include an increase in
time to reach the surface of Mars or Phobos and an increase in IMLEO.
B. The Math behind Aerobraking

To complete aerobraking, we use Holman Transfer calculations. We take the radius of
apoapsis, the gravitational parameter for Mars and semi-major axis and calculate the velocity at
apoapsis as shown in Eq. AO.2. The desired periapsis radius comes from the lowest point we
want the orbit to pass through the atmosphere at and we calculate the desired semi-major axis in
Eq. AO.3. The desired periapsis radius is the lowest we want out spacecraft to go in the
atmosphere, assuming we follow orbit trajectory, this will be a constant value within the
atmosphere. Though we set up the orbit to have the desired periapsis radius be the lowest point
the spacecraft reaches, the trajectory of the spacecraft is impacted by lift and drag forces as we
pass through the atmosphere.
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2µ µ
𝑣𝑎 = √ −
𝑟𝑎 𝑎

𝑎𝑑𝑒𝑠𝑖𝑟𝑒𝑑 =

𝑟𝑎 − 𝑟𝑝,𝑑𝑒𝑠𝑖𝑟𝑒𝑑
2

(AO.2)

(AO.3)

The required change in velocity needed to adjust the periapsis determines how much
propellant we need to complete a periapsis raise maneuver. Equation AO.4 calculates the
velocity for the elliptical orbit with the desired periapsis radius. With the desired semi-major
axis, the change in the velocity of the orbit is calculated. If successive atmospheric passes are
completed the change in velocity is summed for a total change in velocity that the Propulsion
Team needs.
Δ𝑣𝑎 = 𝑣𝑎,𝑑𝑒𝑠𝑖𝑟𝑒𝑑 − 𝑣𝑎

(AO.4)

To determine the velocity at flight path angle the spacecraft enters the atmosphere with, we
first determine the velocity at 120km altitude, the value assumed the top of the atmosphere. We
calculate the velocity at the top of the atmosphere using Eq. AO.5. The mean anomaly is
calculated in Eq. AO.6 when the spacecraft is at 120km above the surface of Mars and the flight
path angle is calculated in Eq. AO.7.

2µ
µ
𝑣𝑎𝑡𝑚 = √
−
120 + 𝑟𝑀𝑎𝑟𝑠 𝑎

(AO.5)

1
𝑎
∗
(1 − 𝑒 2 ) − 1)]
𝜃𝑎𝑡𝑚
= cos −1 [ (
𝑒 120 + 𝑟𝑎𝑡𝑚

(AO.6)

∗ )
𝑒 sin(𝜃𝑎𝑡𝑚
𝛾𝑎𝑡𝑚 = tan−1 [
∗ )]
1 + 𝑒 cos(𝜃𝑎𝑡𝑚

(AO.7)
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From calculating the velocity and flight path angle at 120km altitude we are able to the run
the atmospheric equations of motion and determine the behavior of the spacecraft in the
atmosphere. With this behavior, we can analyze the impact of aerobraking and if it is beneficial.

C. Aerobraking without Raising the Periapsis

For a sanity check, we check if we could complete aerobraking without a burn at apoapsis to
raise the periapsis radius. If we are able to complete aerobraking without changing the orbit this
option would be further investigated. We find that we cannot use the flight path angle coming
out of aerocapture for aerobraking because it is too large and we cannot leave the atmosphere
again. This is shown in Fig AO.17 with the plot of velocity over altitude and the flight
conditions for this case are given in Table AO.5. The values in the table come from running a
nominal atmosphere and ballistic trajectory case.

Table AO.5: Flight conditions for testing aerobraking without making an apoapsis
burn to raise the periapsis radius.
HULA

CARLA

m (Mg)

25

70

β (kg/m2)

20

30

7.38

5.600626

γin_ac (degrees)

-8.223

-8.5229

Vout_ac (km/s)

3.4696

3.7226

γout_ac (degrees)

2.973

3.9311

Vin_ab (km/s)

3.4696

3.7226

γin_ab (degrees)

-2.973

-3.9311

Vout_ab (km/s)

(undesired landing)

(undesired landing)

-

-

Vin_ac (km/s)

γout_ab (degrees)
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Figure AO.17: Aerobraking not working because both HuLa and CarLa are unable to
exit the atmosphere the second time through. HuLa aerocapture, dark blue line, and
reentering the atmosphere at the same conditions, the green line. CarLa aerocapture, red
line, and reentering the atmosphere at the same conditions, light blue line.

From this we can see that we can reenter the atmosphere and reach the ground on the second
time through. This is the basis for how we are designing our EDL systems. By taking the exit
conditions from aerocapture we analyze how the spacecraft enters the atmosphere on a ballistic
trajectory and in lift modulation and geometry adjustments. The lift modulation may come
from shifting the center of mass within the payload or by using ballast mass. Geometry
adjustments come from using ballutes and when ADEPT, HIAD or the ballutes are released.
Other options that have been considered in this process include Mid L/D in Appendix AQ, a
fairing like structure designed to be a lifting body for aerocapture, and SRP (Supersonic Retro
Propullsion) in Appendix AR.
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Since aerobraking requires an apoapsis burn we did not look into this option because it
would increase our IMLEO. Aerobraking may be a good option for decelerating over time but it
does not fit with the requirements in this study. Further analysis outside of this study may
further prove its viability and limitations for other exploration missions.
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Appendix AP| Human Lander Trajectory Design to Mars
and to Phobos
I. Introduction
The Human Lander vehicle (known as HuLa) is designed to carry up to six people for short
periods of time relative to the timescale of the overall mission. For the majority of the trip from
Earth to the Mars system, the astronauts will live aboard the Cycler vehicle. When the Cycler
approaches the Mars system, the astronauts will then board the Human Lander vehicle, undock
from the Cycler vehicle, and then perform a maneuver to correct the trajectory of the Human
Lander vehicle such that it will be able to successfully perform an aerocapture maneuver and
remain in the Mars system rather than depart this system as the Cycler trajectory, the Human
Lander vehicle’s original trajectory, does. Each final destination must be considered separately
as the trajectory to Mars will reenter the Martian atmosphere after the original aerocapture,
whereas the trajectory to Phobos should be designed such that the orbit after aerocapture allows
for the vehicle to rendezvous with Phobos in Mars orbit.

II. Traditional Propulsion System Mass

To support the use of the high risk aerocapture maneuver, we consider the mass savings that
the aerocapture maneuver allows versus if a traditional propulsion system were used to slow the
vehicle. Equation AP.1 allows us to calculate the propellant mass necessary to slow the vehicle
based on the change in velocity required and the dry mass of the vehicle [1].
𝑚

∆𝑉 = 𝐼𝑠𝑝 ∗ 𝑔𝑜 ∗ ln(𝑚𝑓 )
𝑒

(AP.1)

Where ∆𝑉 is the change in velocity required, Isp is the specific impulse of the fuel, go is the
gravitational acceleration at the surface of Earth, mf is the full mass, and me is the empty mass.
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As an example the ∆𝑉 required to slow the vehicle to capture into Mars orbit is on the order of 2
km/s at the worst case. A reasonable Isp to assume is 300 s, and go = 9.81 m/s2. Finally if we
assume a dry vehicle mass of approximately 16 Mg yields a fuel mass of approximately 15.57
Mg, which is much to large of an additional mass to add to the system for the propsed mission
to be feasible.

III. Design Environment

To design the trajectory for the Human Lander vehicles from the Cycler to Mars and to
Phobos it is necessary to understand what constraints must be satisfied for a given trajectory to
allow the mission to be successful.

A. Specification of Terminal Conditions

One of the most critical components of the trajectory of the Human Lander vehicle from the
Cycler to Mars and to Phobos is the ability of the Human Lander vehicle to successfully
perform an aerocapture maneuver. An aerocapture maneuver is a high risk maneuver that makes
use of a planetary atmosphere to sufficiently slow down a spacecraft on hyperbolic approach
such that the spacecraft will be captured into the system of the planet, in this case the Mars
system. Due to the extremely high speeds and thus drag force encountered by the vehicle during
aerocapture, the success of the maneuver is very sensitive to any perturbations in the state of the
vehicle at atmospheric entry (the initial conditions for the aerocapture maneuver) which
represents the terminal condition of the Human Lander trajectory from the Cycler to
aerocapture. If the Human Lander vehicle enters the atmosphere on too steep of an approach it
will either crash into the surface of Mars or burn up before it gets the chance, too shallow of an
approach and the Human Lander vehicle will skip out of the atmosphere and depart the Mars
system and the crew will starve.

To quantify this constraint, we use the flight path angle which measures the direction of a
vehicle’s velocity relative to the local horizon (or relative to the surface of the planet). The
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target flight path angle at atmospheric entry is defined by the aerodynamics team that is
providing a detailed analysis on the aerobraking maneuver. This provides a constraint on the
trajectory design such that at the terminal point (atmospheric interface) the appropriate flight
path angle must be provided.

The other trajectory parameter that has a major impact on the ability of the Human Lander
vehicle to successfully aerocapture is the velocity at atmospheric interface. We note that the
velocity is fixed for any trajectory with the same initial conditions due to the conservation of
orbital energy demonstrated by Equation AP.2.

𝜀=

𝑣2
2

𝜇

−𝑟

(AP.2)

Where ε is the orbital energy, 𝑣 is the velocity of the spacecraft, μ is the gravitational
parameter of the central body, and 𝑟 is the radius or position of the spacecraft relative to the
central body.
To determine the possible velocities at atmospheric interface we can evaluate Equation AP.2
at the terminal point (atmospheric interface). The orbital energy is determined by the trajectory
initial conditions (as discussed in the next section) and is conserved, the gravitational parameter
of Mars is a constant, and the radius at atmospheric interface is a constant, thus we find that the
velocity at atmospheric interface must also be fixed for any number of trajectories with the same
initial conditions. This analysis implicitly assumes that there are no impulsive maneuvers used
to reduce the velocity of the spacecraft. This is a reasonable approach since the primary benefit
of aerocapture is to eliminate the need for the huge mass associated with the capability to
perform a large propulsive burn to insert the spacecraft into an elliptical orbit in the Mars
system.

IV. Range of Initial Conditions

One of the most significant challenges in designing the correction trajectory for the Human
Lander vehicle to get from the Cycler vehicle’s trajectory to the aerocapture maneuver is the
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hugely varying range of initial conditions that the Human Lander vehicle is subjected to over
the course of the mission timeline. The two major parameters at the initial time that influence
the mission are the velocity at infinity relative to Mars (V∞), and the closest approach distance
of the Cycler trajectory to Mars (the Human Lander trajectory at the initial time). The varying
V∞ directly influences the velocity at atmospheric interface and thus impacts the ability of the
Human Lander vehicle to successfully aerocapture. This relationship is illustrated by Equation
AP.3 which relates the orbital energy to V∞ which we have already related to the velocity at
atmospheric interface in Equation AP.2.

𝜀=

2
𝑣∞

2

=

𝑣2
2

𝜇

−𝑟

(AP.3)

Thus from this relationship we can easily find that any increase in V∞ will result in an
increased velocity at atmospheric interface. Additionally we note that the V∞ over the course of
the mission timeline varies by several kilometers per second, so we can expect a similarly
massive range of velocities at atmospheric interface.

The variation in closest approach distance of the Cycler trajectory to Mars changes how
much we must correct the trajectory of the Human Lander vehicles to enter the Martian
atmosphere. This directly impact the ΔV necessary to put the Human Landers on the appropriate
trajectory to allow for the aerocapture maneuver. While the ΔV is important to know in terms of
the trajectory design, it is much more important to understand in terms of its impact on the total
system mass. As the ΔV required increases, the total system mass grows exponentially as the
increased ΔV requires additional fuel which increases the payload mass for propulsion system
that already has to provide a larger acceleration. Thus the worst case from a total system mass
perspective is the set of initial conditions with the largest closest approach distance between the
Cycler trajectory and Mars.

V. Cycler Trajectory Conditions at Mars Flyby
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Table AP.1 provides the range of possible initial conditions from the Cycler flyby conditions
over a 33-year history.

Table AP.1: The variation of initial conditions provides a wide range of cases that the
trajectory design must satisfy [2].
Date
mm/dd/yyyy

Cycler

V∞ Relative to
Mars, km/s

Flyby Distance, km

02/27/2006

1

3.02

4,816

06/06/2010

1

4.31

17,710

07/03/2014

1

7.14

12,190

09/15/2018

1

6.47

11,580

05/01/2023

1

2.77

7,601

06/14/2027

1

5.27

13,840

07/15/2031

1

7.85

8,802

11/12/2035

1

5.87

1,770

05/19/2008

2

3.00

6,601

06/17/2012

2

5.89

9,791

07/25/2016

2

7.87

9,621

12/18/2020

2

4.36

5,149

06/01/2025

2

3.71

16,070

06/27/2029

2

6.62

16,700

08/18/2033

2

7.58

7,070

01/22/2038

2

5.66

1,454

VI. Final Trajectory Design
A. Design Methodology

As noted previously the initial conditions for the trajectory design are fixed by the orbital
parameters of the Cycler vehicle’s trajectory and the terminal condition is constrained by the
γatm provided by the aerodynamics team. Because we know that the Cycler vehicle is on a
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hyperbolic trajectory with respect to Mars, the problem is to change the aim point of the
trajectory of the Human Lander vehicles such that they deliver the appropriate γatm at the
defined atmospheric interface altitude of 120 km.
To determine possible approach trajectories to deliver the desired γatm, we compute a range
of hyperbolic approaches by varying the radius of periapsis (rp) and the determining the γatm
delivered by each rp. The range was the refined within the closest two results to the desired γatm
and the process was repeated until the error in γatm delivered versus γatm specified by the
aerodynamics team was within an acceptable tolerance. We note that the sensitivity of
aerocapture maneuver success is very high with respect to γatm. To accommodate this the
tolerance for the error in γatm was set to one ten-thousandth of a degree.
To compute the change in velocity (ΔV) required to correct the trajectory of the Human
Lander vehicles from that of the Cycler vehicle to the trajectory that will allow for a successful
aerocapture maneuver, it is necessary to change the aim point of the trajectory at infinity
relative to Mars. The ΔV required to correct the trajectory of the Human Lander vehicles
depends both on time of flight (TOF) and the magnitude of the change of the aim point. We
employ the following method to approximate the ΔV necessary to correct the aim point of the
Human Lander vehicles to deliver the specified γatm according to the method described in [3].
We compute the ΔV’s for a range of TOF to determine a range of possible trajectories that
satisfy the γatm constraint given the fixed initial conditions at infinity relative to Mars. Because
the initial conditions described by the Cycler vehicle orbital parameters vary significantly for
each flyby, we identify the best and worst case in terms of ΔV which correspond to the smallest
and largest change in the aim point (or more explicitly the smallest and largest flyby altitude for
the Cycler vehicle) to bound the possible trajectories within the 33-year itinerary provided in
Table AP.1 above.

The overall mission objective as defined by the mission specifications is to minimize the
inert mass in low Earth orbit (IMLEO). To meet this objective we want to obtain the trajectory
that corresponds to the minimum Human Lander vehicle system mass. By obtaining information
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from the structures, human factors, and propulsion teams in addition the ΔV’s already
computed, we can compute the total Human Lander system mass as a function TOF. This
allows us to identify the TOF and then select the corresponding trajectory that requires the
minimum total system mass. However, as demonstrated by Figure AP.1 the TOF that yields the
minimum total system mass is unbounded.

Figure AP.1: The minimum total system mass as a function of TOF for the Human
Lander vehicle is unbounded.

B. Criteria for Trajectory Selection

As the trajectory that minimizes the total system mass of the Human Lander vehicle is
unbounded, a new set of criteria must be developed by which to select the trajectory of the
Human Lander vehicle from the Cycler vehicle to aerocapture. One of the secondary concerns
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associated with longer TOFs on the Human Lander vehicle is human health and hygiene. The
vehicle has been designed to minimize mass while maintaining an acceptable level of safety. As
such the humans onboard will benefit significantly from shorter TOFs. However, it is also not
possible to minimize TOF as this would require an infinite ΔV (and infinite mass). Thus a
balance must be found between minimizing time of flight while only imposing an acceptable
mass penalty. By inspection of the total system mass curve (worst case) Figure AP.1, we note
that the mass penalty per reduction of unit TOF starts to increase dramatically at approximately
1.3 days (marked red in Figure AP.1). Thus the trajectory with a TOF of 1.3 days that delivers
the appropriate flight path angle at atmospheric interface (satisfies the terminal conditions) was
selected for the mission.

C. Trajectory to Phobos

The trajectory to Phobos is designed by similar approach however there is the additional
constraint that after the Human Lander vehicle performs the aerocapture maneuver and exit the
atmosphere, it must be on a trajectory that allows the orbit to reach the orbit of Phobos. An
example trajectory is shown in Figure AP.2.
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Figure AP.2: The trajectory is designed to match Phobos’ orbit after aerocapture.
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Appendix AQ| Mid L/D
I. Introduction
We also consider Mid L/D as a possible system for Aerocapture, Entry, Descent, and
Landing. Mid L/D is an aeroshell shroud that covers the payload. In addition, Mid L/D comes
in a variety of shapes and shrouds, and will not be discussed in depth in this report. The
purpose and general advantage to using Mid L/D is to provide extra lift during Aerocapture and
Entry. This added lift increases the entry corridor and will be touched on later in this section.

Another advantage of Mid L/D is that it can potentially use the payload shroud from the
rocket that lifted the vehicle from Earth. However, Mid L/Ds generally have too high of a
ballistic coefficient to land on Mars safely and slowly enough and will need an additional
system to slow it down.
II. Mid L/D
To have an idea of what Mid L/D can look like, Fig AQ.1 shows a CATIA model. This
particular design was taken from Hollis B.R. and Hollingsworth. K.E. [1]. The payload is
housed inside of the Mid L/D and after its use, whether for aerocapture or entry, it can be
jettisoned. In addition to the outer structure, there are additional systems needed, such as an
acoustic blanket, separation system, flaps, avionics, and TPS [2].

Figure AQ.1: A rendered picture of a potential Mid L/D
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A. Mars Aerocapture

We can see in Fig AQ.2 how Mid L/D can be used for Aerocapture. The Mid L/D
aeroshell can be used for Aerocapture and can be jettisoned after leaving the atmosphere, where
the payload inside can continue on its trajectory and eventually land on Mars..

Figure AQ.2: Possible architecture for Mid L/D aerocapture

As previously stated, Mid L/D produces more lift than a general lifting body, which can be
beneficial in aerocapture. In Fig AQ.3, we can see how having a range of potential lifts can
increase the chances of reaching a certain exit velocity. The vertical dotted line represents the
ballistic case, where L/D is zero. For these calculations, the following assumptions are used: no
atmospheric error, the ballistic coefficient is 20 kg/m2, at an altitude of 120 km, the entry
velocity is 7.51 km/s (the entry velocity for the first human mission) and the exit velocity is held
at a constant 4.5 km/s as a reference target. The calculations are done by changing the entry
angle and then changing the lift-to-drag so that an exit velocity of 4.5 km/s is achieved.
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Figure AQ.3: L/D needed for a particular entry angle to achieve an exit velocity of 4.5
km/s

We can see from Fig AQ.3 that as the entry angle becomes steeper or shallower, more
positive or negative lift is required, respectively, to reach the target exit velocity. In addition,
we can note, that as the entry angle becomes increasingly shallower, the magnitude of the
negative lift needed to correct it increases rapidly. This is due to the fact that as the angle
becomes shallower, the vehicle does not penetrate the atmosphere as much, meaning less air to
produce negative lift, which in turn means a lower L/D ratio is needed. Figure AQ.4 shows data
from the same calculations and shows how peak G load (Earth Gs) correlates to entry angle.
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Figure AQ.4: Peak Earth G loads correlation to Entry Angle

From Fig AQ.4 we can see that the peak G load is fairly linearly and that it increases as entry
angle becomes steeper. We can also see from this figure, that at a certain point, the determining
factor is not the lift that can be generated, but by the peak G load. Depending on the human or
cargo that the Mid L/D is housing, full lift may not be possible, since the peak G load will
become too high.
III. Mars Direct Entry

Mid L/D can also be used for direct entry. Since it has a wider range of L/D it can better
correct its trajectory and reduce landing error. However, as stated before, Mid L/D has a higher
ballistic coefficient, which means that it is not in the air for as long for correction manuevers.
Figure AQ.5 and Fig AQ.6 show the upper, lower, and ballistic bounds for the downrange
trajectory of the Mid L/D system. Figure AQ.6 is the corresponding graph for a lifting body.
For these analysis, the entry velocity is 4.5 km/s and the entry angle is -9.1o at 120 km altitude.
In addition, Mid L/D was assumed to have a constant ballistic coefficient of 87.5 kg/m 2, while
the lifting body was assumed to have a ballistic coefficient of 30 kg/m2.

Rohan Dudaney | 668

Appendix AQ

Project Aldrin-Purdue

Figure AQ.5: Downrange trajectory of Mid L/D

Figure AQ.6 Downrange trajectory of lifting body

We can see from Fig AQ.5 and AQ.6 that Mid L/D has a far greater range of downrange
distances that it can achieve. However, for this trajectory, Mid L/D skips out of the atmosphere
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and then back in, potentially making it more difficult to guide. This may cause some problems
within the horizontal range as some distances may be difficult to achieve.

Figure AQ.7: Earth G load for Mid L/D

Table AQ.1: Mid L/D analysis
Final
Velocity
(m/s)

Peak

G

(Earth)

Maximum

Total Heat

Heat Flux

Load

(W/cm2)

(J/cm2)

L/D = -0.6

626

10.54

15.76

1127

L/D = 0.0

213

3.608

12.645

1376

L/D = 0.6

177

1.314

10.327

2541

Figure AQ.7 and Table AQ.1 shows the Earth Gs produced by Mid L/D for its lift bounds.
We can see from both of these that Mid L/D won’t be able to use the full range of L/D as going
too far negative increases the G load to the point where humans would not be able to survive for
very long.

IV. Mass Calculations
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One of the main differences about Mid L/D when it comes to mass calculations is that mass
is driven mostly by volume. However, as previously stated, Mid L/D has additional necessary
subsystems. An acoustic blanket is needed to dampen vibrations. This acoustic blanket is
assumed to have an areal density of 6.82 kg/m2 [2]. In addition, there needs to be a separation
system to jettison Mid L/D before direct entry or landing, avionics for guidance, flaps for
control, and TPS for thermal protection for aerocapture and direct entry. In this analysis, we
only consider the areal density and structure of Mid L/D. The analysis that was looked at was
using Mid L/D in combination with HIAD, since Mid L/D’s weight is based on volume, and
HIAD takes a small amount of space when stored.
The HuLa structure has a diamtere of 5.842 meters and a height of 2.395 meteres. Using
these dimesions would make the Mid L/D structure wider than it is long, so Mid L/D is assumed
to have a length of 12 meters and a diameter of 6 meters. Using these parameters, it was found
that Mid L/D would be approximately 4.70 Mg, while the ADEPT system being used is 2.76
Mg.
V. Conclusion

The primary objective of this project is to reduce IMLEO. Because Mid L/D is an additional
system and adds additional mass to the overall vehicle, Mid L/D is not chosen for the final
AEDL architecture as it is heavier for both Aerocapture and Direct Entry. Also, additional
analysis would have to be done on its subsystem masses and trajectory analysis based on its
changing ballistic coefficient.
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Appendix AR| Supersonic Retropropulsion
I. Introduction
We consider Supersonic Retropropulsion (SRP) as another system for Entry, Descent, and
Landing to help slow down the vehicle before landing. As the name suggests, this system is a
propulsive system used in the supersonic regime to reduce the vehicle’s velocity before the
terminal descent stage. In addition, the same engines could be used for the terminal descent
system. The SRP system includes the nozzles, engine, fuel and oxidizer tanks, and additional
structure, such as rails to deploy the engines.

The vehicle is considered to be in the terminal descent stage when the downward velocity is
below 100 m/s.

The terminal descent regime includes the hovering capability that the

specifications require. As a reminder, HuLa is required to hover for 60 seconds, and CarLa is
required to hover for 30 seconds. The purpose of the terminal descent system is not to mitigate
landing error, but to survey the surrounding land for a safe and ideal spot for landing the
vehicle.

The SRP system is assumed to be partnered with either ADEPT or HIAD and would be
located behind the solid nose cone. When the vehicle neared the supersonic regime during its
descent, the nose cone is jettisoned and rails guide the SRP system out past the heat shield
(ADEPT/HIAD). The SRP system is then initiated and continues to be used throughout the
terminal descent and hover stage until landing.

Supersonic Retropropulsion is still being developed; however, the current Technology
Readiness Level (TRL) is relatively low, with the concept at around TRL 2. Issues still need to
be solved, such as deep throttling, fuel boil-off, and engine startup [1].
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Nomenclature
𝐷 = Drag

𝑇 = Thrust

𝑔 = Mars gravitational acceleration

𝑉𝑥 = horizontal velocity

𝑔0 = Earth gravitational constant

𝑉𝑦 = vertical velocity

𝐼𝑠𝑝 = specific impulse

𝑥 = horizontal distance

𝑚 = mass

𝑦 = vertical distance

𝑚̇ = mass flow rate

𝛾 = relative flight path angle

𝑟 = radius

II. Maximum Thrust and Mass Calculations
A. Initial Thrust and Mass calculations

Initial calculations for the thrust and mass needed for SRP used a simplistic model with a
variety of assumptions. The assumptions are as follows: there is no change in mass of the
vehicle, there is no drag affecting the vehicle, no thrust throttling or vectoring, and the flight
angle remains constant.

In addition, a ballistic coefficient of 50 was chosen for initial

calculations and initial total masses were estimated to be 15 Mg for HuLa and 70 Mg for
CarLa.

In addition, the supersonic regime was assumed to begin below Mach 5 or

approximately 1100 m/s. The final conditions are at an altitude of 2 km at a velocity of 100
m/s, which are based on MSL initial terminal descent values [2]. The start up altitude and
entry angle was then found to be 30.6 km and -9.69o, respectively, using the AEDL simulation
code. Finally, the equations of motion used for this analysis are Equations AR.1-4 [3] and the
values calculated are in Table AR.1.

To calculate the propellant mass needed to complete the burn, the Ideal Rocket Equation
was used and can be seen in Equation AR.5 with the results also in Table AR.1.
𝑥̇ = 𝑉𝑥

(AR.1)
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𝑦̇ = 𝑉𝑦

(AR.2)

𝑉𝑥̇ =

(𝑇 − 𝐷)
cos 𝛾
𝑚𝑡𝑜𝑡𝑎𝑙

(AR.3)

𝑉𝑦̇ =

(𝑇 − 𝐷)
sin 𝛾
𝑚𝑡𝑜𝑡𝑎𝑙

(AR.4)

∆𝑉
𝑚𝑝𝑟𝑜𝑝 + 𝑚𝑝𝑎𝑦𝑙𝑜𝑎𝑑
= 𝑒 𝑔0 𝐼𝑠𝑝
𝑚𝑝𝑎𝑦𝑙𝑜𝑎𝑑

(AR.5)

Table AR.1: Initial Calculations for the SRP system
HuLa

CarLa

Payload Mass [Mg]

12

55.8

Propellant Mass [Mg]

3.0

14.1

Total Mass [Mg]

15

70

Thrust Required [kN]

372

1730

We can see from Fig AR.1 that the payload mass directly impacts the propellant mass
needed for the SRP. In addition, we can see from this figure, that the relationship between
them is almost linear for this range of payload masses and that increasing payload masses
results in increasing propellant masses which is expected.

Figure AR.1: Propellant Mass needed for a variety of payload masses
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III. In-depth Thrust and Mass Calculations

For the second iteration of analysis, the change in mass due to the propellant is accounted
for, as well as drag and the change in flight angle. The only assumptions that are used for this
analysis is that there is no gimbaling and throttling of the engine, and no atmospheric error.
Finally, the start up velocity and end altitude for the SRP is reduced to 670 m/s and 500 m,
respectively [4]. Two possible architectures for these conditions can be seen in Fig AR.2.

Figure AR.2: Two possible architectures using SRP to descend onto Mars

For this calculation, different equations of motion are used, which we can see in Equations
AR.6-10 [5]. The thrust and propellant mass are coupled through these equations, and so both
were changed until the desired end altitude and velocity were met. In addition, the calculations
were done so that three percent of the initial SRP propellant mass would remain after the SRP
shutdown to account for any error or unknowns. Finally, the Isp was assumed to be 365
seconds, which is explained later in this section.
𝑑𝑉
−(𝑇 + 𝐷)
=
− 𝑔 sin 𝛾
𝑑𝑡
𝑚
𝑉

𝑑𝛾
𝑉2
= −𝑔 sin 𝛾 +
cos 𝛾
𝑑𝑡
𝑟

(AR.6)
(AR.7)
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𝑑𝑟
= 𝑉 sin 𝛾
𝑑𝑡
𝑇
𝑚̇ =
𝐼𝑠𝑝 𝑔0
𝑚 = 𝑚0 − 𝑚̇𝑡

(AR.8)
(AR.9)
(AR.10)

Equations AR.11-13 shows how the masses are defined for the vehicle. Using these mass
definitions, Fig AR.3 shows how the total SRP system masses correlate to the combined
payload and heat shield (ADEPT/HIAD) masses. In addition, we can see the break down
between the mass needed for the supersonic regime and the mass needed for the terminal
descent regime. For this calculation, the hovering time was assumed to be 45 seconds, which
is the average burn time between the requirements for HuLa and CarLa, since this calculation
is done for both of these vehicles.

In addition, the equation used to calculate the mass of the engines can be seen in
Equation AR.14. This equation was taken from Korzun A.M and Braun. R.D [4]. The method
used to solve for this equation was an empirical best fit using conceptual LOX/LCH4 engines.
We can see from this equation that the mass of each engine is based on the maximum thrust
that can be produced. We can note that even though having multiple engines reduces the
maximum thrust needed for each engine, it increases the overall mass of the system, because of
the constant in the equation.

This is expected as having multiple engines will require

additional systems and structure.

mtotal = mpayload + mADEPT/HIAD + mpropellant,SRP + mengines +mpropellant,terminal descent (AR.11)
𝑚𝑆𝑅𝑃 = 𝑚𝑝𝑟𝑜𝑝𝑒𝑙𝑙𝑎𝑛𝑡,𝑆𝑅𝑃 + 𝑚𝑒𝑛𝑔𝑖𝑛𝑒𝑠

(AR.12)

𝑚𝑠𝑦𝑠𝑡𝑒𝑚 = 𝑚𝑆𝑅𝑃 + 𝑚𝑝𝑟𝑜𝑝𝑒𝑙𝑙𝑎𝑛𝑡,𝑡𝑒𝑟𝑚𝑖𝑛𝑎𝑙 𝐷𝑒𝑠𝑐𝑒𝑛𝑡

(AR.13)

𝑚𝑒𝑛𝑔𝑖𝑛𝑒 = 0.00144𝑇 + 49.6

(AR.14)
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Figure AR.3: The mass needed for the SRP system increases faster than the mass needed
for terminal descent

The calculated thrust and mass values are found by inputting a mass for the payload and
heat shield and changing the thrust and propellant mass until the desired final conditions were
met. From this method, in Fig AR.3, we can see that both the SRP and terminal descent
masses increase linearly, resulting in the total system mass to also increase linearly. A line of
best fit is applied to these results and Equation AR.15 was found and has an R-squared value
of 99.99%. The masses in Equation AR.15 are in kilograms.

𝑚𝑠𝑦𝑠𝑡𝑒𝑚 = 0.2549 ∗ (𝑚𝐴𝑑𝑒𝑝𝑡/𝐻𝐼𝐴𝐷 + 𝑚𝑃𝑎𝑦𝑙𝑜𝑎𝑑 ) + 462.4

(AR.1
5)

We can see in Table AR.2 the thrust and mass calculations for the second iteration of
analysis for the SRP. This in-depth analysis greatly reduced the necessary thrust, but the
propellant mass dedicated to the SRP remains similar. This calculation did, however, result in
a more accurate overall mass estimate as it factored in more variables. We can also see that
the percent of the total mass dedicated to the SRP increases slightly as the payload mass
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increases. However, we can also be note from Fig AR.4 that the percent of total mass of the
SRP system generally stays in the low 20s using this calculation. For all cases, the burn time
for the SRP is around 80 seconds with an initial Mars thrust-to-weight ratio of approximately
1.84.

Table AR.2: Second Iteration values for SRP system
HuLa

CarLa

Payload and shield mass [Mg]

25

70

Thrust [kN]

219

606

SRP Propellant mass [Mg]

5.0

13.8

Engine mass [Mg]

0.613

1.170

1.217

3.325

System mass [Mg]

6.831

18.30

% of total mass

21.46

20.72

Terminal Descent Propellant
mass [Mg]

Figure AR.4: Percent of total mass needed for SRP stays around 20%
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IV. Engine Design

Preliminary design of the engine was created based on data from other sources. Six
engines would be used in a radial configuration as shown in Fig AR.5. All six engines will be
identical. This configuration has the benefit of increased control, redundancy, and deeper
throttling as larger engines can’t throttle as low as smaller engines.

Having a multiple of three engines aids in control and having more than one engine
ensures that if one engine fails, the others will be able to account for the loss in thrust. Deep
throttling is necessary because the engine has to go from high thrust when initiated, to a lower
thrust to hover, and finally shutdown when the vehicle touches down on the ground. Not only
does having multiple engines allow for smaller engines, which in turn can throttle to lower
percentages, having multiple engines has the capability to shut down some of the engines.
Having the ability to shut down some engines while having others still on allows the entire
propulsion system to reach lower thrust values.

Using multiple engines, however, does

increase the complexity and mass of the SRP system. According to NASA’s Phase 1 Report,
at this time, there are no engines larger than 300 kN that have the required throttle ability [6].
This is consistent with our calculations, as the largest engines needed for our system would
have to produce 101 kN of thrust.

The engines use LOX as the oxidizer, and LCH4 for the fuel so that the boil off during the
trip to Mars is mitigated. Boil off is still a problem that will need to be solved for the SRP, as
there needs to be a significant amount of Multi-Layer Insulation (MLI) to mitigate it [1]. The
Isp of these engines is assumed to be 365 seconds. A higher Isp is estimated to be possible with
LOX/LCH4 but would require a longer nozzle length which is inconvenient to land, according
to NASA’s Phase 1 report [6].
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Figure AR.5: Proposed radial six engine configuration for the SRP
V. Conclusion

Supersonic Retropropulsion was not chosen for the final design of the vehicle because it
was found that increasing the size of ADEPT/HIAD could reduce the vehicle’s terminal
velocity to approximately 150 m/s at an altitude above 1 km. The mass increase from the
increased size of ADEPT/HIAD is found to be less than the mass needed for the Supersonic
Retropropulsion system. In addition, the TRL level of SRP is lower than both ADEPT and
HIAD, and has no real life testing yet.
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Appendix AS| EDL Trajectory Simulation Design
I. Simulation Design

A. Equations of Motion

In order to model a simulation of AEDL over a spherical planet, a set of equations of motion
must be defined in the reference frame used for the simulation. The basic set of EOMs for flight
over a spherical planet are shown in Equation AS.1 and AS.2 which use the planet-fixed axes as
the reference frame.[1] The variable r represents the distance from the planets center to the craft
in flight and V represents the velocity of the craft with respect to the planet.
𝑑𝑟⃗
𝛿𝑟⃗
=
+ 𝜔
⃑⃗ × 𝑟⃗
𝑑𝑡
𝛿𝑡
⃑⃗
𝑑𝑉
𝛿 𝛿𝑟⃗
𝛿𝑟⃗
=
[ + 𝜔
⃑⃗ × 𝑟⃗ ] + 𝜔
⃑⃗ × [ + 𝜔
⃑⃗ × 𝑟⃗ ]
𝑑𝑡
𝛿𝑡 𝛿𝑡
𝛿𝑡

(AS.1)

(AS.2)

These equations can then be transformed and reduced to Equations AS.3, AS.4 and AS.5
shown below which use drag and lift coefficients, vehicle properties, planetary properties,
atmospheric parameters, flight path angle, bank angle and gravity to define the equations of
motion.
𝑑𝑟
= 𝑉sin𝛾
𝑑𝑡

(AS.3)

𝑑𝑉
𝜌𝑆𝐶𝐷 𝑉 2
=−
− 𝑔sin𝛾
𝑑𝑡
2𝑚

(AS.4)

𝑑𝛾 𝜌𝑆𝐶𝐿 𝑉 2
𝑉2
𝑉
=
cos𝜎 − (𝑔 − ) cos𝛾
𝑑𝑡
2𝑚
𝑟

(AS.5)
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The resulting EOMs describe the motion of the craft during AEDL, but there is another
parameter which s commonly used in AEDL which allows for surthe simplification of these
EOMs. This parameter is called the Ballistic Coefficient and it is defined a measure of a body’s
ability to overcome air resistance in flight. By transforming the EOMs of motion such that they
are based on the Ballistic Coefficient allows us to easily see the effects of different entry
systems on the flight of the craft. The Ballistic Coefficient is defined in Equation AS.6 and the
resulting EOMs are defined in Equations AS.7, AS.8 and AS.9.
𝑚
𝑘𝑔
( 2)
𝑆𝐶𝐷 𝑚

(AS.6)

𝑑𝑟
= 𝑉sin𝛾
𝑑𝑡

(AS.7)

𝑑𝑉
𝜌𝑉 2
=−
− 𝑔sin𝛾
𝑑𝑡
2𝛽

(AS.8)

𝑑𝛾 𝜌𝑉 2 CL
𝑉2
𝑉
=
( ) cos𝜎 − (𝑔 − ) cos𝛾
𝑑𝑡
2𝛽 CD
𝑟

(AS.9)

𝛽=

These equations of motion can then be used to create a simulation which would demonstrate
the flight path and flight performance information throughout AEDL.

II. Simulation Design

In order to create a simulation for the EOMs described above, a numerical integrator is
employed to define the variables of interest throughout the simulation. It is also important to
note that while integrating the EOMs to find the variables of interest, the integrator can also be
used to integrate the heat flux during flight to find the heat load, both of which are used to
determine the TPS material used for the heat shield. The integrator is also used to calculate the
downrange trajectory as a function of the velocity and the flight path angle as well as the
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deceleration on the craft. Both of these values are necessary for mission success because the
downrange trajectory will tell us the approximate landing location and the deceleration will
determine whether or not a human can survive the AEDL phase of the mission.

III. Ballistic Coefficient Analysis
A. Acceptable Conditions

In order to land a craft on Mars, it was determined that an entry system would be used to
slow the craft down to an acceptable velocity and then a propulsion system would decrease the
velocity until the craft lands on the surface. The terminal descent propulsion system is limited
by the terminal velocity of the craft because as the terminal velocity increases, the propellant
mass required for descent increases sharply because of the mass at entry is quite large. So, we
can see that it is more efficient to slow down using a larger heat shield rather than purely
propulsion.

Based on the definition of the ballistic coefficient, a lower ballistic coefficient results in a
lower terminal velocity. In order to achieve a lower ballistic coefficient, the surface area of the
entry craft with respect to the freestream must be increased. It is also important to note that the
resulting deceleration, heat flux and heat load are important mission parameters as well. Thus,
the acceptable ballistic coefficients are defined by the terminal velocity, the peak deceleration,
the heat flux and the heat load. If any of these values are too large, there is a chance of
catastrophic failure during AEDL. The acceptable terminal velocity is defined by less than 150
m/s and the peak deceleration must be lower than six Earth G’s. Also, the craft must not skip
out of the atmosphere during descent.

B. Analysis

We can determine the acceptable entry system parameters by running the AEDL simulation
for a range of ballistic coefficients. The acceptable ballistic coefficients can be used to
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determine the size of the heat shield based on the entry mass of the craft. The acceptable
ballistic coefficients are defined by the terminal velocity and the deceleration. If either of these
values are too large, there is a chance of failure during AEDL. The heat flux and and heat load
will be used elsewhere to determine TPS material and sizing which will further narrow the
acceptable range of ballistic coefficients. We can see the results of the simulation in Fig B.1
below for five ballistic coefficients based on Apollo, then MSL and decreasing down to one
kg/m2.

Figure B.1: Simulation results for multiple ballistic coefficients.

We can see in the analysis above that all of the configurations result in an acceptable peak
deceleration below six Earth G’s. We can also see that ballistic coefficients larger than 50 kg/m 2
result in terminal velocities ooutised of the acceptable range. Based on this analysis, we can
conclude that a ballistic coefficient below 50 is needed to decrease both the velocity and the
peak deceleration to satisfactory values. Further analysis can be performed to show that ballistic
coefficients below 1 kg/m2 result in atmospheric skips or larger peak decelerations. More
investigation is done to narrow this range of ballistic coefficients and discover a single solution
which will satisfy all of the necessary entry conditions and decrease the entry system mass.

Benjamin Tackett | 686

Appendix AS

Project Aldrin-Purdue

References
[1] Vinh, Nguyen X., Adolf Busemann, and Robert D. Culp. "Equations for Flight Over a
Spherical Planet." Hypersonic and Planetary Entry Flight Mechanics (1980): 19-28. Web. 18
Jan. 2015.
[2] Braun, Robert D., and Manning, Robert M. "Mars Exploration Entry, Descent, and Landing
Challenges." Journal of Spacecraft and Rockets (2007): 310-323. Web. 20 Jan. 2015.

Benjamin Tackett | 687

Appendix AT

Project Aldrin-Purdue

Appendix AT| Target Ballistic Coefficient
I. Target Ballistic Coefficient Selection
When choosing the target ballistic coefficient we want during descent into the Martian
atmosphere, we look at our constraints. Since ADEPT needs to fit inside a payload fairing, we
can’t design the system to have a base radius larger than the fairing itself. Different payload
fairings, such as the Delta IV Heavy and the different variations of SLS, are considered to pick
our constraint dimensions. Figure AT.1 shows the limits of the base radius with current payload
fairing dimensions.

Figure AT.1: Plot of base radius versus ADEPT side length with fairing limits for an
entry system of 15 Mg

Using these base radius constraints, analysis is done to determine the minimum ballistic
coefficient that can be achieved. Using Fig. AT.2 as reference, the minimum ballistic coefficient
for a low and high mass entry system can be estimated. Table AT.1 shows the computed values.
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Figure AT.2: Plot of the base radius needed for each ballistic coefficient for a low mass
and high mass entry system

Table AT.1: Minimum ballistic coefficient for both entry systems.

Entry Vehicle

Entry Mass [Mg]

Min. β [kg/m2]

Human

15

5.7

Cargo

70

26.8

Now that we know the smallest ballistic coefficient, a trade study is done to find the best
ballistic coefficient to choose with respect to the TPS mass percentage. Figure AT.3 shows a
scatter plot of the TPS mass percentage versus the desired range of ballistic coefficients. The
small spikes in TPS mass percentage throughout the plot is due to the increase in the number of
layers of carbon cloth needed as the heat load and heat rate varies with the change in ballistic
coefficient.
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Figure AT.3: Plot of TPS mass percentages for various ballistic coefficients for a low
mass entry system

The ballistic coefficient range is decided to be between about five and 22. This is because we
had determined in Table AT.1 that the lowest ballistic coefficient is about six, and the team
decided that a ballistic coefficient less than 25 would keep ADEPT structural weight low, as
well as maintain a low heat rate and a high time of descent. Inside the range, it is clear that a
ballistic coefficient of 15 or 20 will give the best results in terms of TPS mass percentage. We
choose a ballistic coefficient of 20 as the optimal value because a higher ballistic coefficient
means a smaller base radius, which results in a smaller structural mass and more clearance in
the payload fairing.
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Appendix AU| Atmospheric Variance Risk Reduction
I. Atmospheric Variation
There are multiple systems engineering problems with entry, descent, and landing when
going to Mars. One such concern is that there is not enough information about the atmosphere
on Mars in order to account for seasonal changes, dust content in the lower atmosphere, and
density variations due to temperature changes. Atmospheric variance across Mars limits the
development of a common EDL system. These differences in the atmospheric conditions lead to
problems with entry, descent, and landing like increasing the terminal velocity and changing the
touchdown point. These two things can lead to major difficulties for mission planning and
systems engineering by significantly increasing the risk associated with EDL. An increase in the
terminal velocity can lead to a crash, which is catastrophic for the mission and can also lead to
the deaths of the astronauts onboard. On the otherhand, variance in the downrange trajectory
due to atmospheric error can also lead to mission failure because the craft will land outside of
the retrievable range on Mars or near hazardous surface conditions like rocks and steep slopes.[1]
It should also be noted that by changing the downrange point of landing, the elevation of the
landing site may be different by up to four kilometers Fig AU.1 on the following page shows
the results of a Monte Carlo analysis on this phenomenon.
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Figure AU.1: (left) Velocity Profiles with Atmospheric Variation, (right) Zoomed in to
show Terminal Velocity Variation

II. Terminal Velocity Correction

In order to overcome the risks associated with atmospheric error on Mars, many options for
trajectory correction are available. By running the trajectory simulations with the variations in
the Martian atmosphere, it is concluded that the only ways to reduce the terminal velocity of a
high mass system are adding extra propellant or decreasing the ballistic coefficient. A quick
trade study reveals that the added propellant would weigh too much when considering that the
goal of the mission is to decrease the IMLEO. However, increasing the ballistic coefficient of
the EDL system is also very mass intensive. So another option to decrease the ballistic
coefficient entails adding a ballute to the architecture as an emergency system. The ballute will
be deployed in the event of a thinner than average atmosphere in order to decrease the terminal
velocity within an acceptable range for the terminal descent propulsion system. Table AU.1
shows the affects of the atmospheric error on the terminal velocity and the resulting terminal
velocity with the added ballute for both the Human Lander and Cargo/Resupply Missions.
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mass ≈ 23 Mg

β = 20 kg/m2

Acceptable

Unacceptable

Atmospheric Error

Downrange Distance

Peak Decleration

Terminal Velocity

(% of average density)

(km)

(Earth g's)

(m/s)

L/D = 0.0, atme = 100%

1204.80

1.92

90.815

L/D = 0.0, atme = 160%

1110.70

1.91

70.24

L/D = 0.0, atme = 40%

1390.60

1.93

154.01

Added Ballute, atme = 40%

1090.30

3.22

102.97

CarLa & XM3 mass ≈ 69 Mg

β = 20 kg/m2

Atmospheric Error

Downrange Distance

Peak Decleration

Terminal Velocity

(% of average density)

(km)

(Earth g's)

(m/s)

L/D = 0.0, atme = 100%

1062.60

2.92

90.818

L/D = 0.0, atme = 160%

910.28

3.52

70.24

L/D = 0.0, atme = 40%

1813.50

1.71

154.34

Added Ballute, atme = 40%

803.58

6.05

103.06

Table AU.1: Touchdown Conditions for Atmospheric Variance and Correction

III. Touchdown Error Reduction

By researching how other missions, like MSL[2], minimized touchdown error, it became clear
that lift vectoring would be the most practicle way for a large system. It was determined that a
lift vectoring range of -0.2 to 0.2 for the lift to drag ratio would be achievable based on the entry
systems.[3] Knowing the limits for the atmospheric variance and the lifts of the lift vectoring, the
EDL simulation is run for each case and plotted together to show the results of adding lift.
Based on Table AU.1, when the atmosphere is too thin, the downrange trajectory must be
decreased and inversely, when the atmosphere is too thick, the downrange trajectory must be
increased. Figure AU.2 on the following page shows the results of adding lift for the
Cargo/Resupply Mission as an example of this analysis.
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Figure AU.2: Downrange Error Correction Using Lift
Based on initial observation, it may seem like the lift causes the lander to over or undershoot
the target based on the conditions; however this is not the case because the lift can be vectored.
For example, by vectoring the lift between 0.0 and 0.2, the downrange trajectory will land
between the solid red and black lines. Thus, vectoring the lift in the correct way will allow the
landing craft to hit the target touchdown point which is illustrated by the blue line.

In order to demonstrate this phenomenon, a simple optimization is run which would vector
the lift based on the atmospheric error in order to land at a target touchdown location. The
optimizer is set up in such a way that there is a certain amount of error associated with lift
vectoring and atmospheric change so that by setting multiple runs, the accuracy upon landing
increases. This assumption is made because it is implied that by landing more crafts on Mars,
the accuracy with which we can predict the atmosphere would increase as well. Based on the
initial run of the optimizer, the error for the Cargo/Resupply Mission is decreased from nearly
300 km down to a mere 2.7 km which is within the range of the mission requirements. The
results of the lift vectoring for a random atmospheric variation are shown in Fig AU.3 on the
following page.
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Figure AU.3: Lift Vectoring Optmization Example
A simple simulation which optimizes the lift based on a given atmospheric variation and
target downrange would not be acceptable for saying that lift eliminates downrange error
because there are two many unknown variable. However, this simulation is able to demonstrate
the basic principle and may even be accurate in the future when more is known of Mars’
atmospheric variance.
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Appendix AV| Hypersonic Inflatable Aerodynamic
Decelerator Sizing
A. Appendix of Variables and Acronyms

CarLa,
β,
m,
S,
CD,
ADEPT,
HIAD,
TPS,
IRVE,
HEART,
ra,
rb,
rt,
ξi ,
ξt
N
θ
AR
AHIAD
ATotal,
SA,
̅̅̅̅
𝑆𝐴,
(sa)i,
IMLEO

Cargo Lander
Ballistic Coefficient, [kg/m2]
total mass of the system, [kg]
Reference area, [m2]
Coefficient of drag
Adaptable Deployable Entry Placement Technology
Hypersonic Inflatable Aerodynamic Decelerator
Thermal Protection System
Inflatabl Reentry Vehicle Experiment
High Energy Atmospheric Reentry Test
Lander Radius, [m]
Base radius of HIAD system, [m]
torus radius on HIAD system, [m]
Nondimensional ratio of lander radius to oveall base radius
Nondimensional ratio of torus ring radius to overall base radius
Number of torus rings on HIAD system
Angle of deflection on vehicle architecture, [degrees]
Aspect Ratio between area of HIAD and area total of the system
Area of the HIAD, [m2]
Total area of the system, [m2]
Surface Area, [m2]
Nondimension surface aera parameter
surface area of an individual torus ring
Initial Mass entering Low Earth Orbit

I. Ballistic Coefficient and Atmospheric Entry
Entry into Mars’s atmosphere involves the assistance of an aerodynamic decelerator for the
cargo resupply vehicle (CarLa), as well as the delivery of the XM3 moduels. The driving factor
in achieving a successful entry, descent, and landing of any vehicle through an atmosphere is
the ballistic coefficient, β. The ballistic coefficient serves as a way to relate the mass of a
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vehicle to the amount of drag that the vehicle will produce to slow it down. This relation is
shown in Equation AV.1

𝛽=

𝑚
𝑆 ∗ 𝐶𝐷

(AV. 1)

Where m is the total mass upon entry, S is the reference area of the vehicle, and CD is the
coefficient of drag for the vehicle. The total vehicle mass is determined by everything that is
needed for the mission. The coefficient of drag is determined by the shape of the vehicle, and
will not be manipulated in our analysis. The reference area, S, is the driving factor of modifying
the ballistic coefficient for our mission. From the aerodynamic design team, it was determined
that a ballistic coefficient of 20 kg/m2 would be appropriate for Mars entry.

II. Aerodynamic Devices
We considered different aerodynamic devices to achieve our goal of β= 20 kg/m2, including
the Adaptable Deployable Entry Placement Technology (ADEPT), hypersonic inflatable
aerodynamic decelerators (HIADs), and ballutes. Due to the already large mass of the CarLa
missions, it was determined that HIAD would be the best system to deploy on the entry vehicle.
Due to thermal protection system (TPS) mass and sizing constraints, ADEPT would not reach
the desired size in order to reach our goal ballistic coefficient.A single ballute, no matter the
type, would not be able to successfully reach the goal ballistic coefficient either. In the end, a
HIAD would provide the largest reference area at the lightest mass on the system for direct
entry into the Martian atmosphere.
HIAD consists of several torus rings stacked on top of eachother, similar to the stacked toroid
HIAD used on the Inflatable Reentry Vehicle Experiment (IRVE) flights and the High Energy
Atmospheric Reentry Test (HEART) discussed in reference [1]. A system of rings will be
composed around the vehicle at a 70o deflection to the central axis of the lander, and will follow
along the 70o sphere-cone of the lander vehicle. A 70o sphere cone is an a type of architecture
used for entry vehicles. It allows for a blunt surface to deflect heat and pressure loads away
from the vehicle during entry. In the HIAD, eight torus rings will be used to construct this blunt
Zakary Sipich | 697

Appendix AV

Project Aldrin-Purdue

surface. This number is a compromise between structural integrity, minimizing mass of the
system, and achieving the desired ballistic coefficient.

III. Sizing of HIAD

HIAD sizing consists of two main dimensions that drive the overall size of the system. First,
the base radius of the system, rb, is defined as the overall maximum radius during entry. This
radius is measured from the center axis of the vehicle that is attached to the HIAD to the outer
most point of the HIAD. This dimension can be seen in Figure AV.1.

Figure AV.1: The maximum radius, r b, is defined as the distance from the center of the vehicle to the furthest
point away on the HIAD system.

The second driving factor of HIAD’s sizing is the size of the individual torus rings, as it is a
key element of how much mass will be used in the system. This dimension can be seen in
Figure AV.2. This radius measures the center of the torus ring to the outer edge of the torus
ring. It is assumed that for our HIAD design, all torus rings will have the same torus radius, rt.

Zakary Sipich | 698

Appendix AV

Project Aldrin-Purdue

Figure AV.2: The torus radius, rt, is defined as the distance from the center of an individual torus ring to the
outer edge of that torus ring.

2. Non Dimensional Analysis for Mass Reduction

A non-dimensional analysis was done to initially determine sizing of the HIAD due to the
ambiguity of the total system mass that was to be transported. The non-dimensional analysis
followed similar procedures of that in reference [2]. Initial constraints on the system were the
radius of the lander vehicle, ra, initial mass on the vehicle, mo,and the ballistic coefficient, β.
The nondimensional ratio ξi is equal to the ratio of the lander radius, ra,, to the overall base
radius. This can be seen in Equation (AV.2).

𝜉𝑖 =

𝑟𝑎
𝑟𝑏

(AV. 2)

As stated initially, we can find rb by solving for the reference area of the desired ballistic
coefficient. Our vehicle is constructed as a circle around the lander vehicle, so we know the
reference area can be solved for using the equation for area of a circle (i.e. S = π*rb2).
The ratio ξt is equal to the ratio of the torus radius to the major base radius. Assuming that our
HIAD is constructed at 70o to the normal and we are using eight torus rings, the ratio ξt can also
be expressed in terms of the overall geometry of the system. The relationship of ξt can be seen in
Equation (AV.3), where N = 8 (torus rings), and θ= 70o,

𝜉𝑡 =

𝑟𝑡
1 − 𝜉𝑖
=
(2𝑁 − 1) sin 𝜃 + 1 − cos 𝜃
𝑟𝑏

(AV. 3)
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With the relationship of ξt in Equation (AV.3), the radius that the torus rings should be, rt, can
be found.

The area ratio, AR, is a parameter that will be used later on to find the surface area of the
HIAD system. This ratio is found in Equation (AV.4).
𝐴𝐻𝐼𝐴𝐷
𝜋(𝑟𝑏2 − 𝑟𝑎2 )
𝐴𝑅 =
=
= 1 − 𝜉𝑖2
𝐴𝑇𝑜𝑡𝑎𝑙
𝜋𝑟𝑏2

(AV. 4)

Once the area ratio is known, we can find the non-dimensional surface area of the HIAD
system. This is a major factor of mass contribution, because almost all of the system mass is in
the flexible TPS that makes the torus rings of the HIAD system. By non-dimensionalizing the
surface area, we can compare different systems that may have major size differences on an
̅̅̅̅, and its relationship to the actual surface
appropriate scale. The nondimensional surface area, 𝑆𝐴
area, SA, is seen in Equation (AV.5). The actual surface area, SA, is calculated in Equation
(AV.6).

̅̅̅̅
𝑆𝐴 =

𝑆𝐴
𝐴𝐻𝐼𝐴𝐷

=

4𝜋𝜉𝑡
{𝑁[1 − 𝜉𝑡 − 𝜉𝑡 (𝑁 − 1) sin 𝜃]}
𝐴𝑅

(AV. 5)

𝑁

𝑆𝐴 = ∑(𝑠𝑎)𝑖

(AV. 6)

𝑖=1

Once the actual surface area for our mission is solved, we can multiply the surface area by the
areal density of our chosen flexible TPS to find the material mass of our HIAD and see how
much that will contribute to the overall mass of the system.
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IV. Flexible TPS Materials
The thermal protection system (TPS) on the HIAD differs from other aerodynamic devices
and TPS components currently used due to their flexibility. Because the HIAD will be folded
and packed together initially, rigid materials cannot be used. Once deployed, however, the TPS
needs to be able to withstand the intense thermal loading and aerodynamic forces of
atmospheric entry. Current designs for flexible TPS include an outer layer of fabric, usually of a
ceramic origin, that is woven together.
The outer layer is the main thermal shielding on the HIAD. Following the outer fabric layer, a
layer of insulation is provided. This keeps the lander from absorbing all of the heating that is
immediately captured in the outer fabric layer. Finally, a layer of laminated gas barrier is
provided between the insulator and inside of HIAD. This barrier prevents any hot gas that may
have permiated through the initial layers from penetrating the TPS. The laminated gas barrier is
attached to a woven Kevlar layer. This Kevlar layer not only provides a surface for the laminate
to be applied to, but also contribute to overall strength of the TPS [3]. An example of how the
layers are attached is presented in Figure AV.3.

Figure AV.3: The flexible TPS is constructed of three main layers: and outer fabric layer, a layer of
insulation, and a final layer of laminate attached to a Kevlar base.

Current developments of flexible TPS show that inflatable aerodynamic decelerators can
withstand a heat flux of 50 W/cm2. Advance testing is being conducted to observe how the
addition of other layers will affect the overall performance of a specified TPS layup. Materials
that are considered for the TPS layups are shown in Table AV.1, and the potential layups that
are being considered are shown in Table AV.2. [4] After considering all of the potential layups,
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our team decided that we would apply Layup 1 to our designed HIAD system due to the mission
requirement of reducing the initial mass to be sent into low-Earth orbit (reducing IMLEO). It
was determined that this layup would be able to withstand any thermal loading, heat flux, and
aerodynamic pressures that would be encountered during direct entry into the Martian
atmosphere

Table AV.1: Materials used for the various layups in flexible TPS material for inflatable aerodynamic
decelerators

Material
Nextel AF14 (312)
Nextel BF20 (440)
Nextel XN513 (720)
Refrasil C1554-48
Refrasil UC100-28
Hexcel 282 Carbon
Pyrogel 6650 (5223)
Pyrogel 5401
Refrasil 1800
Refrasil 2000
Pyrogel 3350
KFA5
Kapton
Unilex
Kevlar

Layer
Type
Outer
Outer
Outer
Outer
Outer
Outer
Insulato
r
Insulato
r
Insulato
r
Insulato
r
Insulato
r
Insulato
r
Barrier
Barrier
Kevlar

Thicknes
s [mil]
14
20
13
26
15
8.7

Areal Density
[kg/m2]
0.3051
0.6919
0.3801
0.6102
0.3391
0.1969

Conductivit
y [W/m-K]
0.15
0.146
0.148
0.865
0.865
0.5

Specific Heat
[J/kg-K]
1050
1130
1090
1172
1172
1000

250

0.6985

0.03

1046

62.5

0.2699

0.0248

1046

125

0.4953

0.085

1172

125

0.5715

0.095

1172

118

0.5095

236
1
1
5

0.5875
0.0373
0.0373
0.0153

0.25
0.12
0.29

1250
1022
1130

Emissivit
y
0.443
0.443
0.443
0.7
0.2
0.9

Table AV.2: Different material layup options for HIAD architecture. Due to the mission requirement of
reducting IMLEO, our design will use Layup 1.

Layup

Outer Layer

Insulator

Laminate

Kevlar

1
2
3
4

Nextel AF-14
Nextel BF-20
Nextel AF-14 (x2)
Nextel BF-20 (x2)

Pyrogel 6650
Pyrogel 6650
Pyrogel 6650
Pyrogel 6650

Kapton (x2)
Kapton (x2)
Kapton (x2)
Kapton (x2)

Kevlar
Kevlar
Kevlar
Kevlar

Areal Density
[kg/m2]
1.093
1.480
2.172
2.172
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Nextel XN513

6
7

RefrasilC1554-48
Refrasilc1554-48

8

Refrasil C1554-48

9

Refrasil UC100-28

10

T-300 Carbon 1K

Project Aldrin-Purdue
Refrasil 1800
Pyrogel 3350
Pyrogel 6650
Refrasil 1800
Pyrogel 3350 (x2)
Refrasil 2000
Pyrogel 6650
KFA5
Pyrogel 3350
KFA5
Pyrogel 3350

Kapton (x2)

Kevlar

1.475

Kapton (x2)
Kapton (x2)

Kevlar
Kevlar

1.399
2.214

Upilex (x2)

Kevlar

1.894

Upilex (x2)

Kevlar

1.526

Upilex (x2)

Kevlar

1.384

V. Final Sizing and Mass of HIAD
The greatest contributor to mass on the HIAD is the material that makes up the HIAD. This
mass value can be found by multiplying the total surface area, Equation 1.6, of the HIAD by
the areal density of the TPS material on the HIAD.
We selected the HIAD system to be deployed on CarLa for direct entry into the Martian
atmosphere. Also, due to similarities in mass at entry into the Martian atmosphere, HIAD will
be deployed on the XM3 delivery to Mars.The CarLa mission requires a ballistic coefficient of
20 kg/m2. Due to the high mass of the system, a large HIAD will be deployed. The HIAD for
CarLa deployment will have a base radius, rb, of 24m, and a toroidial radius, rt, of 1.36m. This
will produce a surface area of 5049 m2 for TPS materials to cover. The selected layout for TPS
material has an areal density of 1.093 kg/m2. Thus, the TPS material mass for the HIAD system
will be 5.52Mg. Mass for the inflation gas, pumps, and straps also must be accounted for.
Through simple calculations, we find that the HIAD system for CarLa missions will have a total
mass of 6.89Mg.
Due to similarities in mass, HIAD deployment will also assist the atmospheric entry of the
XM3 moduels. Again, the goal at entry is to achieve a ballistic coefficient of 20kg/m 2. The
HIAD for the XM3 delivery mission will have a base radius, rb, of 24.4m and a torus radius, rt,
of 1.4m. The HIAD will have a surface area of 6074m2. The TPS material mass for the system,
again using Layout 1, will be 6.64 Mg. After consideration of inflation systems, pumps, and any
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other minor components to the system, the HIAD system for XM3 delivery will have a total
mass of 7.14Mg.
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Appendix AW: Ballute Sizing for Human Lander Mission
A. Definition of Variables and Acronyms

HuLa,
EDL,
β,
mo,
mball,
S,
CD,
IMLEO,
rb ,
rt ,
Db,
Dc,
AR,
SATT,
SATS,
SACS,
θ,

Human Lander
Entry, Descent, and Landing
Ballistic coefficient, [kg/m2]
Mass of the entry vehicle, [kg]
Mass of the ballute system, [kg]
Reference Area, [kg]
Coefficient of Drag
Initial mass entering Low Earth Orbit
Base Radius of the Ballute, [m]
Torus radius, [m]
Base Diameter of Ballute System, [m]
Diameter of Entry Vehicle, [m]
Aspect Ratio between base radius of the ballute and torus radius
Surface area of the Trailing Torus ballute [m2]
Surface area of the Trailing Sphere ballute [m2]
Surface area of the Clamped Sphere ballute
Angle deflection of sphere cone architecture [degrees]

I. Ballutes and HuLa Mission Requirements
The human lander (HuLa) missions require, most importantly, that the humans aboard the
lander are able to land on Martian soils unharmed. The atmospheric composition of Mars
contains many inconsistencies, especially in regards to atmospheric density. Preliminary
designs for HuLa missions considered different forms of aerodynamic devices to assist in the
entry, descent, and landing (EDL) processes. It was determined that HuLa would deploy an
Adaptable Deployable Entry Placement Technology (ADEPT) type of device. Complete
analysis and simulation of entry conditions showed that other aerodynamic devices may be
needed to assist HuLa throughout the EDL process.
Ballutes are inflatable devices that deploy to create additional drag to slow down a vehicle
and to deter the heat loading associated with entry into a dense atmosphere when it is deployed
[1]. Ballutes provide a way to lower the ballistic coefficient while adding negligible mass to a
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system. Equation (AW.1) shows how the ballistic coefficient, β, is lowered on an entry system
with ballutes.
𝛽=

𝑚𝑜 + 𝑚𝑏𝑎𝑙𝑙
(𝑆 ∗ 𝐶𝐷 )𝑜 + (𝑆 ∗ 𝐶𝐷 )𝑏𝑎𝑙𝑙

(AW. 1)

The mass of the initial vehicle with no ballute addition is shown by mo. The initial system’s
drag and reference area at entry are represented in the term (S*CD)o. The addition of a ballute
will involve a mass contribution, mball. This mass contribution, however, will be low in
comparison to the mass of the initial vehicle. The drag and reference area that the ballute
contributes to the entry system are represented in the term (S*CD)ball. When the ballute is
deployed, it significantly increases the reference surface area of the entry vehicle which
provides a lower ballistic coefficient. Another benefit of the addition of ballutes to an entry
system is that once the proper deceleration of the vehicle has been reached, the ballute can be
released. This can allow the vehicle to enter at the proper velocity and reach the landing
destination with less error.
II. Ballutes Considered for HuLa Entry
Three types of ballutes were considered for HuLa entry missions: trailing torus, trailing
sphere, and clamped torus. These architectures can be seen in Figure AW.1. Calculations for
low ballistic coefficients with regard to the overall system mass increase were done to decide
which ballute would be optimal for the HuLa system. Due to the overall mission goal of
reducing initial mass in low-Earth orbit (reducing IMLEO), the ballute with the lowest mass
increase for a given ballistic coefficient would be the optimal device for HuLa. As with any
inflatable device, the driving factor of mass would be the flexible thermal protection system
(TPS) material [2].
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Figure AW.1: Different types of ballutes and connection to entry vehicle.
A: Trailing Torus Ballute
B: Trailing Sphere Ballute
C:Clamped Torus Ballute

1. Sizing Analysis of Ballute Options

The overall effective ballistic coefficient for HuLa entry was determined by the aerodynamic
design team. Knowing the ballistic coefficient, we solved for the required reference area for the
ballute in order to reach this low ballistic coefficient. Once the needed reference area is known,
we sized the ballutes while minimizing mass. The main contributor to mass is the ballute
material. For each ballute, we calculated the surface area that would need to be covered in TPS.
Fgure 3.3 shows the main dimensions of how the ballutes will be sized. An important constraint
on the trailing torus ballute is the aspect ratio, or ratio between the base radius, rb, and torus
radius, rt. This aspect ratio, Equation AW.2, must be greater than or equal to 4 to prevent
choked flow within the hypersonic and supersonic regimes [2].

𝐴𝑅 =

𝑅𝑏
≥4
𝑅𝑡

(AW. 2)
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Figure AW.2: Dimensions and measures for sizing ballutes. Although the diagram shows only the trailing
torus, these dimensions translate to all three styles of ballutes similarly.

With defined dimensins, it is important to note that the main diameter of the ballute, Db, is equal
to twice the base radius, Rb. (i.e. 𝐷𝑏 = 2 ∗ 𝑅𝑏 ) With these defined dimensions, we can solve for
the surface area of the ballutes. Equations AW.3– AW.5show how to calculate these surface
areas[2].

SA 𝑇𝑇 = 𝜋 2 𝐷𝑏2

𝐴𝑅
(𝐴𝑅 + 1)2

SA 𝑇𝑆 = 𝜋𝐷𝑏2

SA𝐶𝑆 = 𝜋

2

𝐷𝑏2

𝐴𝑅
𝜋(𝐷𝑏2 − 𝐷𝑐2 )
+
(𝐴𝑅 + 1)2
2 ∗ sin(𝜃)

(AW. 3)

(AW. 4)

(AW. 5)

It is important to note that in Equation 3.7, θ = 70o because HuLa is a 70o sphere-cone. Once
the surface areas are calculated, we multiply by an areal density of 0.15 kg/m 2 to find the
material mass of the system.
The tethered torus was determined to provide the greatest mass savings when reaching a low
ballistic coefficient. The tethered torus design had significantly less overall mass in the system
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in comparison to the tethered sphere. The clamped torus would not be a successful design due
to ADEPT that will exist on HuLa. Design of the ADEPT system places it in the same location
where the clamped torus design would attach to the vehicle.

III. Further Analysis on the Trailing Torus Ballute
Once the trailing torus ballute was determined to be most efficient in reducing mass while
also reducing ballistic coefficient, further analysis was done to view how heating affects the
ballute. Figure 3.8 Shows how a ballute can effectively reduce the ballistic coefficient in
relation to a system with no ballute. The minimum allowable radius of a ballute is at the
intersection between the dotted blue line and the solid black line [3]. If a ballute is smaller than
this radius, it would not be able to handle the heating or pressure loads during entry and the
device would fail. The sized dimension in the final design of the ballutes are larger than this
required dimension.

Figure AW.3: The relationship between ballistic coefficient and a trailing torus ballute of
base radius Rb compared to a system with no ballute. The location circled in red is the
minimum size a trailing torus ballute can be to withstand aerothermal heating.
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Appendix AX| Computing Ballast Masses to Generate Lift
I. Introduction
In order for CarLa to generate the lift required to fly its desired trajectory an angle of attack
must be created. Traditionally an angle of attak is achieved with some sort of control surface
however with atmospheric entry vehicles this option is rarely available. Previous missions to
Mars achieved this by moving the vehicles center of mass relative to its center of pressure. The
offset center of mass causes a torque to be generated by aerodynamic forces around the center
of mass resulting in the vehicle rotating by a certain angle to return to an equilibrium. The angle
by which the vehicle is rotated is the angle of attack.
II. Variable Definitions and Diagram
𝑀 = 𝑇𝑜𝑡𝑎𝑙 𝑀𝑎𝑠𝑠
𝑚 = 𝐵𝑎𝑙𝑙𝑎𝑠𝑡 𝑀𝑎𝑠𝑠
𝑟𝑐𝑚 = 𝐷𝑖𝑠𝑡𝑎𝑛𝑐𝑒 𝑓𝑟𝑜𝑚 𝑡ℎ𝑒 𝑣𝑒ℎ𝑖𝑐𝑙𝑒 𝑛𝑜𝑠𝑒 𝑡𝑜 𝑡ℎ𝑒 𝑐𝑒𝑛𝑡𝑒𝑟 𝑜𝑓 𝑚𝑎𝑠𝑠
𝑟𝑐𝑝 = 𝐷𝑖𝑠𝑡𝑎𝑛𝑐𝑒 𝑏𝑒𝑡𝑤𝑒𝑒𝑛 𝑐𝑒𝑛𝑡𝑒𝑟 𝑜𝑓 𝑝𝑟𝑒𝑠𝑠𝑢𝑟𝑒 𝑎𝑛𝑑 𝑐𝑒𝑛𝑡𝑒𝑟 𝑜𝑓 𝑚𝑎𝑠𝑠
𝑟𝑒𝑗𝑒𝑐𝑡 = 𝑉𝑒𝑐𝑡𝑜𝑟 𝑓𝑟𝑜𝑚 𝑐𝑒𝑛𝑡𝑒𝑟 𝑜𝑓 𝑚𝑎𝑠𝑠 𝑡𝑜 𝑙𝑜𝑐𝑎𝑡𝑖𝑜𝑛 𝑜𝑓 𝑏𝑎𝑙𝑙𝑎𝑠𝑡 𝑚𝑎𝑠𝑠
𝑦𝑠 = 𝐻𝑒𝑖𝑔ℎ𝑡 𝑜𝑓 𝑠ℎ𝑎𝑑𝑜𝑤 𝑐𝑎𝑠𝑡 𝑏𝑦 𝑎𝑒𝑟𝑜𝑑𝑦𝑛𝑎𝑚𝑖𝑐 𝑑𝑒𝑣𝑖𝑐𝑒
𝑟𝑝 = 𝑃𝑎𝑦𝑙𝑜𝑎𝑑 𝑟𝑎𝑑𝑖𝑢𝑠
𝛼 = 𝐴𝑛𝑔𝑙𝑒 𝑜𝑓 𝐴𝑡𝑡𝑎𝑐𝑘
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Figure AX.19: Diagram of vehicle with dimension definitions.

III. Derivation of Ballast Mass – Angle of Attack Relationship
To determine the relationship between the ejection of a ballast mass and the resulting angle
of attack, we start with the equation for locating the center of mass. The equation for the center
of mass is given by

𝑟̅ =

1
∑ 𝑚𝑖 𝑟̅𝑖
𝑀

𝐴𝑋. 1

Since the center of mass prior to ejecting a ballast mass is defined as the origin in this
derivation, equation AX.1 is equal to zero. We can then define the new center of mass, once a
ballast mass has been eject as
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′
𝑟̅𝑐𝑚
=−

𝑚𝑟̅𝑒𝑗𝑒𝑐𝑡
𝑀−𝑚

𝐴𝑋. 2

We can define a new variable, 𝜏, as
𝜏=

𝑚
𝑀

This allows us to determine the angle of attack generated by ejecting a given fraction of the
total mass of the vehicle, a much more general relationship. Rearranging equation 2 and
substituting in our definition of 𝜏 we arrive at

′
𝑟̅𝑐𝑚
=−

𝜏𝑟̅𝑒𝑗𝑒𝑐𝑡
1−𝜏

AX . 3

We will define the following variable to make future equations simpler

𝜖 ≡

𝜏
1−𝜏

The position of the ballast mass relative to the center of mass has two components. Since
the ballast mass cannot be ejected from the vehicle at a location where it would impact the
aerodynamic device, or in other words ejected in the shadow, the vector 𝑟̅𝑒𝑗𝑒𝑐𝑡 is defined as
𝑟̅𝑒𝑗𝑒𝑐𝑡 = (𝑦𝑠 − 𝑟𝑐𝑚 )𝑥̂ + 𝑟𝑝 𝑦̂

AX . 4

Note that the x component is the distance from the center of mass to the end of the shadow.

Now that we have the vector from the new center of mass from the old center of mass and we
also know the vector from the old center of mass to the center of pressure, we can define a new
vector as the one pointing from from the center of pressure to the new center of mass.
𝑟̅𝑐𝑚′ −𝑐𝑝 = [𝜖(𝑦𝑠 − 𝑟𝑐𝑚 ) + 𝑟𝑐𝑝 ]𝑥̂ + 𝜖𝑟𝑝 𝑦̂

AX . 5
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By simple geometric inspection, the mass fraction as a function of angle of attack can be
computed with the components of equation AX.5 and substituting back in the definition.

𝛼 = tan−1

𝜖𝑟𝑝
𝜖(𝑦𝑠 − 𝑟𝑐𝑚 ) + 𝑟𝑐𝑝

AX . 6

By inspection of equation 6, we can see that for the same mass fraction ejected, decreasing 𝑦𝑠
will increase the resulting angle of attack. For this reason, CarLa ejects its first ballast mass
prior to inflating HIAD, when 𝑦𝑠 is at its smallest. This sequence resulted in a significant
reduction in the mass required to generate the initial angle of attack.
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Appendix AY| Thruster Placement and Propellant
Requirements for HIAD and ADEPT
I. Introduction
One of the issues when dealing with deployable aerodynamic devices such as HIAD and
ADEPT is that they cast what is refered to as a shadow on their payload where control thrusters
are typically placed. The shadow causes issues when firing the thrusters. The exhaust plume
should not be allowed to impinge on the inside of the aerodynamic device. One way of avoiding
plume impingement is to move the thruster along the payload so the exhaust has a clear path. A
second way is to tilt the thruster so the exhaust plume does not impinge on the inside of the
aerodynamic device. Shifting or tilting the thrusters is only necessary for the thrusters placed
near the front of the vehicle. The objective of the optimization at hand is to minimize the
torques about the X and Z axis while simultaneously maximizing the torque about the Y axis
subject to various constraints. The reasoning for these objectives was layed out in IV.C. The
optimization algorithm was implemented in MATLAB and the code can be found on our
website.

II. Variable Definitions and Free Body Diagram
𝑟𝑏 = 𝐵𝑎𝑠𝑒 𝑟𝑎𝑑𝑖𝑢𝑠 𝑜𝑓 𝑎𝑒𝑟𝑜𝑑𝑦𝑛𝑎𝑚𝑖𝑐 𝑑𝑒𝑣𝑖𝑐𝑒
𝑦𝑠 = 𝐿𝑒𝑛𝑔𝑡ℎ 𝑜𝑓 𝑝𝑎𝑦𝑙𝑜𝑎𝑑 𝑖𝑛 𝑡ℎ𝑒 𝑠ℎ𝑎𝑑𝑜𝑤 𝑜𝑓 𝑎𝑒𝑟𝑜𝑑𝑦𝑛𝑎𝑚𝑖𝑐 𝑑𝑒𝑣𝑖𝑐𝑒
𝑦𝑡 = 𝑇ℎ𝑟𝑢𝑠𝑡𝑒𝑟 𝑙𝑜𝑐𝑎𝑡𝑖𝑜𝑛 𝑓𝑟𝑜𝑚 𝑐𝑒𝑛𝑡𝑒𝑟 𝑜𝑓 𝑚𝑎𝑠𝑠
𝑦𝑐𝑚 = 𝐿𝑜𝑐𝑎𝑡𝑖𝑜𝑛 𝑜𝑓 𝑐𝑒𝑛𝑡𝑒𝑟 𝑜𝑓 𝑚𝑎𝑠𝑠
𝛾 = 𝑇ℎ𝑟𝑢𝑠𝑡𝑒𝑟 𝑡𝑖𝑙𝑡 𝑎𝑛𝑔𝑙𝑒
𝑟𝑝 = 𝑃𝑎𝑦𝑙𝑜𝑎𝑑 𝑟𝑎𝑑𝑖𝑢𝑠
𝐿 = 𝐷𝑖𝑠𝑡𝑎𝑛𝑐𝑒 𝑓𝑟𝑜𝑚 𝑡ℎ𝑟𝑢𝑠𝑡𝑒𝑟 𝑙𝑜𝑐𝑎𝑡𝑖𝑜𝑛 𝑡𝑜 𝑡𝑜𝑝 𝑜𝑓 𝑎𝑒𝑟𝑜𝑑𝑦𝑛𝑎𝑚𝑖𝑐 𝑑𝑒𝑣𝑖𝑐𝑒
𝛽 = 𝐸𝑥ℎ𝑎𝑢𝑠𝑡 𝑝𝑙𝑢𝑚𝑒 ℎ𝑎𝑙𝑓 𝑎𝑛𝑔𝑙𝑒
𝑀𝑖 = 𝑇𝑜𝑟𝑞𝑢𝑒 𝑎𝑏𝑜𝑢𝑡 𝑎𝑥𝑖𝑠 𝑖
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Figure AY.20: Diagram of thruster placement.

III. Optimal Thruster Locations
To be begin, we should define equations used to compute various parameters used in the
algorithm. These parameters can be computed by the following set of equations

𝐿 = √(𝑦𝑠 − 𝑦𝑡 )2 + 𝑟𝑏2
𝑟𝑏 − 𝑟𝑝
tan(70°)
𝑦𝑠 − 𝑦𝑡
𝛾 = 𝛽 + sin−1
𝐿
𝑦𝑠 =

𝐴𝑌. 1
𝐴𝑌. 2
𝐴𝑌. 3
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𝑀𝑥 = 𝑟𝑝 𝑠𝑖𝑛𝛾

𝐴𝑌. 4

𝑀𝑦 = 𝑟𝑝 cos 𝛾

𝐴𝑌. 5

𝑀𝑧 = (𝑦𝑡 − 𝑦𝑐𝑚 )𝑐𝑜𝑠𝛾

𝐴𝑌. 6

In Equation 2, the 70° angle to determine the shadow height is the cone half angle of the
sphere-cone shaped aerodynamic device. The 70° sphere-cone is used for almost every mission
sent to Mars and so our Aerodynamics team decided we would use it as well since it has stood
the test of time.
For a given thruster location, the angle at which the thruster is tilted, 𝛾, is the minimum angle
for which the exhaust plume just misses the aerodynamic device. The angle 𝛾 is computed by
the constraint length determined by Equation 1. The angle 𝛾 is also subject to the following
lower and upper bounds
0 ≤ 𝛾 ≤ 90°

AY.7

Pertubations in the exhaust plume due to the separated wake produced by the aerodynamic
device were not considered in this optimization but would likely increase the minimum angle
for a given thruster location. Using this minimum angle for each thruster location simplified the
optimization geatly as it eliminated a parameter that would have needed to be iterated on.
To start the algorithm, 𝑦𝑠 is determined as this is a constant the thruster is initially located
directly on the center of mass. The distance between this location and the top of the
aerodynamic device, 𝐿, is then computed. The distance 𝐿 along with the exhaust plume half
angle 𝛽 are used to compute the minimum 𝛾 for current thruster location. Using 𝛾, the payload
radius, 𝑟𝑝 , the location of the center of mass along the axis of symmetry, 𝑟𝑐𝑚 , and the current
thruster location, the torques 𝑀𝑥 , 𝑀𝑦 , and 𝑀𝑧 are computed and stored. Since we are only
interested in the configuration of the thrusters and their effects on each torque, we can assume
the force exerted by each thruster has unit magnitude. Once the torques about all axes are
determined the current thruster location, the above process is repeated for the next thruster
location and terminates when 𝛾 becomes negative.
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Now that the torques corresponding to each thruster location have been computed and stored,
it helps to visualize where an optimum location might be if we plot the torques against thruster
location as seen in Figure 2.

Figure AY.21: A diagram showing the relationships between thruster position and the
corresponding unit torques.

Figure AY.2 above clearly shows that there is a point where the the torques 𝑀𝑥 and 𝑀𝑧 we
want to minimize intersect. The algorithm then searches through 𝑀𝑥 and 𝑀𝑧 and finds the index
where they are equal and then grabs the thruster location at this index which corresponds to the
optimal placement. Once we have the optimal thruster location we can then compute the
optimal

𝛾.

At

this

point

the

algorithm

has

finished

its

optimization.
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Appendix AZ| HuLa Rendezvous Propulsion Appendix
I. Ideal Rocket Equation Theory
The ideal rocket equation is used to compute the propellant mass required for a specified
change in velocity. For the mission to Mars calculations, the ideal rocket equation can be used
since both gravity and drag losses will be neglected on the vehicles once in orbit. For the ideal
case, the flight and thrust vectors will be assumed to be collinear and that the thrust and flow
rate are constant for the entire burning.

When deriving the ideal rocket equation, start with conservation of momentum.
(𝑚 − 𝑑𝑚)𝑑𝑉 = −𝑑𝑚 ∗ 𝑐

(AZ.1)

Second order terms will also be neglected due to minimal impact on final result.
𝑚𝑑𝑉 = −𝑑𝑚 ∗ 𝑐

𝑑𝑉 = −𝑐 ∗

𝑑𝑚

(AZ.2)

(AZ.3)

𝑚

Now integrate the above expression from an initial time to some final time.
𝑓

𝑓 𝑑𝑚

∫𝑜 𝑑𝑉 = −𝑐 ∫𝑜

𝑚

(AZ.4)

After performing the integration shown above, the following will be the result.
𝑚

Δ𝑉 = −𝑐 ln (𝑚𝑓 )
0

(AZ.5)
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The above expression can then be rewritten to include the specific impulse of the
propulsion system to provide the desired burn. The following is the final form of the ideal
rocket equation that will be used for the propulsion analysis.
𝑚

Δ𝑉 = 𝑔𝐼𝑠𝑝 ln (𝑚0 )

(AZ.6)

𝑓

When performing the analysis of the necessary propulsion system, the mass ratio (MR)
will be defined as shown below.
𝑚

𝑀𝑅 = 𝑚0 =
𝑓

𝑚𝑝 +𝑚𝑖𝑛 +𝑚𝑃𝐿
𝑚𝑖𝑛 +𝑚𝑃𝐿

𝜆𝑚𝑃𝐿 +𝑚𝑝

= 𝜆𝑚

𝑃𝐿 +𝑚𝑝 (1−𝜆)

(AZ.7)

Another useful expression is shown below for the mass ratio.
𝑀𝑅 = 𝑒 Δ𝑉/𝑔𝐼𝑠𝑝

(AZ.8)

Lastly, the propellant mass fraction relates the mass of the propellant to the total mass of a
particular stage. The propellant mass fraction expression is shown below.

𝜆=𝑚

𝑚𝑝

𝑝 +𝑚𝑖𝑛

(AZ.9)

When sizing the propulsion system, the propellant mass must be determined. Once this
value has been established, the inert mass can also be determined for a given propellant mass
fraction value. The payload mass will include food, water, vehicle dry mass, consumables, and
any other equipment needed for the expedition. The inert mass will include structure, pumps,
engine mass, and any other structural mass for the propulsion system.
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The propellant mass fraction equation can be rewritten in order to solve for the inert mass
as a function of the propellant mass fraction value. This expression is shown below.

𝑚𝑝 =

−𝜆∗𝑚𝑖𝑛

(AZ.10)

𝜆−1

The above expression can also be written in order to solve for the inert mass for the stage.
This expression is a function of the propellant mass of the propulsion system, as well as the
propellant mass fraction of the stage.

𝑚𝑖𝑛 =

𝑚𝑝 (1−𝜆)

(AZ.11)

𝜆

For most propulsion system analyses, a typical value for 𝜆 is between 0.85 and 0.95. This
value characterizes the amount of inert mass required for a propulsion system.

II. HuLa Boost Vehicle Propulsion
The human landers will be placed into the hyperbolic rendezvous by a propulsive boost
vehicle. The boost vehicle contains the necessary chemical propulsion to provide the required
Δ𝑉 into the hyperbolic rendezvous.

For the propulsion system, three different propellant

combinations were considered before finally selecting the option of liquid hydrogen and liquid
oxygen. The results from this analysis are presented here in the appendix.

A. Propulsion Analysis
The chemical propulsion analysis first considered several different propellant combinations
in order to select the best combination for the boost vehicle. The goal was to achieve high
performance and reduce the amount of propellant mass necessary to send the human landers
into the hyperbolic rendezvous with the cycler vehicle.

Ultimately, after performing the

analysis a single propellant combination was selected for use with the boost vehicle for the
human lander.
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Table AZ.1: Propulsion options for cycler vehicle using three different propellant
combinations.
Design Parameter

LH2/LOX

RP-1/LOX

LCH4/LOX

ΔV (km/s)

4.21

4.21

4.21

Propellant Mass Fraction

0.90

0.90

0.90

O/F Ratio

3.5

2.5

3.0

Isp (sec)

450

345

355

Fuel Mass (Mg)

49.97

112.7

92.1

Oxidizer Mass (Mg)

174.8

281.7

276.4

Propellant Mass (Mg)

224.7

394.4

368.6

Inert Mass (Mg)

28.0

46.0

44.0

Fuel Tank Volume (m3)

703.6

139.1

217.3

Oxidizer Tank Volume (m3)

153.2

246.9

242.3

Total Tankage Volume (m3)

856.8

386.0

459.6

Table AZ.1 above summarizes the propulsion mass values for three different fuel and
oxidizer combinations. We chose to look at these three propellant choices for various reasons.
The liquid Hydrogen and liquid Oxygen option is the highest performing and ultimately reduces
the overall mass of the propulsion system. However, there are problems with long term storage
of liquid Hydrogen due to the ever present boil off problem. Next the combination of RP-1 and
liquid Oxygen was analyzed due to easier storage and increased fuel density. This option
greatly reduced the tank volumes needed for the fuel, but dramatically increased the total
propellant mass. Lastly, we looked at liquid methane and oxygen. This option was considered
due to the possibility of being able to produce methane on Mars, which would augment the
amount of fuel needed to be launched from Earth. This is lower performing than the liquid
Hydrogen and liquid Oxygen, but has potential due to resources available on Mars.
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Figure AZ.1 below shows the variation of the total required propellant mass for a range of
Δ𝑉 values. We can see that for relatively low changes in velocity, there is very little difference
between the three propulsion system options outlined in Table 1 above. However, as the change
in velocity becomes larger, such as beyond 4 km/s, the liquid Hydrogen and liquid Oxygen
system greatly reduces the necessary propellant mass.

Figure AZ.1: Propellant mass values for a range of changes in velocity for three different
propellant combinations.
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Figure AZ.2 below shows the change in inert propulsion mass for a range of Δ𝑉 values.
As the change in velocity increases, the inert mass begins to increase exponentially. As a result,
for large changes in velocity, we can see that the liquid Hydrogen and liquid oxygen appears to
be the best option in terms of reducing the required propellant mass. The other two propellant
options grow rapidly and become too large to be of practical use.

Figure AZ.2: Inert mass change as a function of the change in velocity for the three
propellant options.
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Figures AZ.3 and AZ.4 show the variation of the fuel and oxidizer tank volumes for each
of the propellant options analyzed. From these plots we can see the exponential increase in tank
size as the change in velocity increases. One important feature is the ability for the propellants
with higher density to dramatically reduce the fuel tankage volumes. However, in terms of the
oxidizer, the liquid hydrogen and liquid oxygen option appears to be the best.

Figure AZ.3: Fuel tank volume variation with velocity change.
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Figure AZ.4: Oxidizer tank volumes for a range of 𝚫𝑽 values for the human lander
hyperbolic rendezvous.
III. Propulsion Sizing Data
The chemical propulsion system contains the appropriate dimensions as shown in Table
AZ.2. These values illustrate the approximate size of the engine, along with the expected thrust
performance.

Table AZ.2: The table shows the key propulsion design parameters used for the liquid
chemical propulsion stage for HuLa hyperbolic rendezvous.
Design Parameter
Specific Impulse (s)
Throat Diameter (m)
Exit Diameter (m)
Propellant Flow Rate (kg/s)
Thrust Coefficient
Expansion Ratio
Chamber Pressure (MPa)
Thrust (kN)

Value
450
0.26
1.64
393.7
1.82
40
18
1739
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Appendix BA | HuLa Boost Vehicle Appendix
I. Ideal Rocket Equation Theory
The ideal rocket equation is used to compute the propellant mass required for a specified
change in velocity. For the mission to Mars calculations, the ideal rocket equation can be used
since both gravity and drag losses will be neglected on the vehicles once in orbit. For the ideal
case, the flight and thrust vectors will be assumed to be collinear and that the thrust and flow
rate are constant for the entire burning.

When deriving the ideal rocket equation, start with conservation of momentum.
(𝑚 − 𝑑𝑚)𝑑𝑉 = −𝑑𝑚 ∗ 𝑐

(BA.1)

Second order terms will also be neglected due to minimal impact on final result.
𝑚𝑑𝑉 = −𝑑𝑚 ∗ 𝑐

𝑑𝑉 = −𝑐 ∗

𝑑𝑚

(BA.2)

(BA.3)

𝑚

Now integrate the above expression from an initial time to some final time.
𝑓

𝑓 𝑑𝑚

∫𝑜 𝑑𝑉 = −𝑐 ∫𝑜

𝑚

(BA.4)

After performing the integration shown above, the following will be the result.
𝑚

Δ𝑉 = −𝑐 ln (𝑚𝑓 )
0

(BA.5)
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The above expression can then be rewritten to include the specific impulse of the
propulsion system to provide the desired burn. The following is the final form of the ideal
rocket equation that will be used for the propulsion analysis.
𝑚

Δ𝑉 = 𝑔𝐼𝑠𝑝 ln (𝑚0 )

(BA.6)

𝑓

When performing the analysis of the necessary propulsion system, the mass ratio (MR)
will be defined as shown below.
𝑚

𝑀𝑅 = 𝑚0 =
𝑓

𝑚𝑝 +𝑚𝑖𝑛 +𝑚𝑃𝐿
𝑚𝑖𝑛 +𝑚𝑃𝐿

𝜆𝑚𝑃𝐿 +𝑚𝑝

= 𝜆𝑚

𝑃𝐿 +𝑚𝑝 (1−𝜆)

(BA.7)

Another useful expression is shown below for the mass ratio.
𝑀𝑅 = 𝑒 Δ𝑉/𝑔𝐼𝑠𝑝

(BA.8)

Lastly, the propellant mass fraction relates the mass of the propellant to the total mass of a
particular stage. The propellant mass fraction expression is shown below.

𝜆=𝑚

𝑚𝑝

𝑝 +𝑚𝑖𝑛

(BA.9)

When sizing the propulsion system, the propellant mass must be determined. Once this
value has been established, the inert mass can also be determined for a given propellant mass
fraction value. The payload mass will include food, water, vehicle dry mass, consumables, and
any other equipment needed for the expedition. The inert mass will include structure, pumps,
engine mass, and any other structural mass for the propulsion system.
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The propellant mass fraction equation can be rewritten in order to solve for the inert mass
as a function of the propellant mass fraction value. This expression is shown below.

𝑚𝑝 =

−𝜆∗𝑚𝑖𝑛

(BA.10)

𝜆−1

The above expression can also be written in order to solve for the inert mass for the stage.
This expression is a function of the propellant mass of the propulsion system, as well as the
propellant mass fraction of the stage.

𝑚𝑖𝑛 =

𝑚𝑝 (1−𝜆)

(BA.11)

𝜆

For most propulsion system analyses, a typical value for 𝜆 is between 0.85 and 0.95. This
value characterizes the amount of inert mass required for a propulsion system.

II. HuLa Boost Vehicle Propulsion
The human landers will be placed into the hyperbolic rendezvous by a propulsive boost
vehicle. The boost vehicle contains the necessary chemical propulsion to provide the required
Δ𝑉 into the hyperbolic rendezvous.

For the propulsion system, three different propellant

combinations were considered before finally selecting the option of liquid hydrogen and liquid
oxygen. The results from this analysis are presented here in the appendix.

A. Propulsion Analysis
The chemical propulsion analysis first considered several different propellant combinations
in order to select the best combination for the boost vehicle. The goal was to achieve high
performance and reduce the amount of propellant mass necessary to send the human landers
into the hyperbolic rendezvous with the cycler vehicle.

Ultimately, after performing the

analysis a single propellant combination was selected for use with the boost vehicle for the
human lander.

Cory Back | 731

Appendix BA

Project Aldrin-Purdue

Table BA.1: Propulsion options for cycler vehicle using three different propellant
combinations.
Design Parameter

LH2/LOX

RP-1/LOX

LCH4/LOX

ΔV (km/s)

4.21

4.21

4.21

Propellant Mass Fraction

0.90

0.90

0.90

O/F Ratio

3.5

2.5

3.0

Isp (sec)

450

345

355

Fuel Mass (Mg)

49.97

112.7

92.1

Oxidizer Mass (Mg)

174.8

281.7

276.4

Propellant Mass (Mg)

224.7

394.4

368.6

Inert Mass (Mg)

28.0

46.0

44.0

Fuel Tank Volume (m3)

703.6

139.1

217.3

Oxidizer Tank Volume (m3)

153.2

246.9

242.3

Total Tankage Volume (m3)

856.8

386.0

459.6

Table BA.1 above summarizes the propulsion mass values for three different fuel and
oxidizer combinations. We chose to look at these three propellant choices for various reasons.
The liquid Hydrogen and liquid Oxygen option is the highest performing and ultimately reduces
the overall mass of the propulsion system. However, there are problems with long term storage
of liquid Hydrogen due to the ever present boil off problem. Next the combination of RP-1 and
liquid Oxygen was analyzed due to easier storage and increased fuel density. This option
greatly reduced the tank volumes needed for the fuel, but dramatically increased the total
propellant mass. Lastly, we looked at liquid methane and oxygen. This option was considered
due to the possibility of being able to produce methane on Mars, which would augment the
amount of fuel needed to be launched from Earth. This is lower performing than the liquid
Hydrogen and liquid Oxygen, but has potential due to resources available on Mars.
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Figure BA.1 below shows the variation of the total required propellant mass for a range of
Δ𝑉 values. We can see that for relatively low changes in velocity, there is very little difference
between the three propulsion system options outlined in Table 1 above. However, as the change
in velocity becomes larger, such as beyond 4 km/s, the liquid Hydrogen and liquid Oxygen
system greatly reduces the necessary propellant mass.

Figure BA.1: Propellant mass values for a range of changes in velocity for three different
propellant combinations.
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Figure BA.2 below shows the change in inert propulsion mass for a range of Δ𝑉 values.
As the change in velocity increases, the inert mass begins to increase exponentially. As a result,
for large changes in velocity, we can see that the liquid Hydrogen and liquid oxygen appears to
be the best option in terms of reducing the required propellant mass. The other two propellant
options grow rapidly and become too large to be of practical use.

Figure BA.2: Inert mass change as a function of the change in velocity for the three
propellant options.
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Figures BA.3 and BA.4 show the variation of the fuel and oxidizer tank volumes for each
of the propellant options analyzed. From these plots we can see the exponential increase in tank
size as the change in velocity increases. One important feature is the ability for the propellants
with higher density to dramatically reduce the fuel tankage volumes. However, in terms of the
oxidizer, the liquid hydrogen and liquid oxygen option appears to be the best.

Figure BA.3: Fuel tank volume variation with velocity change.
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Figure BA.4: Oxidizer tank volumes for a range of 𝚫𝑽 values for the human lander
hyperbolic rendezvous.
III. Propulsion Sizing Data
The chemical propulsion system contains the appropriate dimensions as shown in Table
BA.2. These values illustrate the approximate size of the engine, along with the expected thrust
performance.

Table BA.2: The table shows the key propulsion design parameters used for the liquid
chemical propulsion stage for HuLa hyperbolic rendezvous.
Design Parameter
Specific Impulse (s)
Throat Diameter (m)
Exit Diameter (m)
Propellant Flow Rate (kg/s)
Thrust Coefficient
Expansion Ratio
Chamber Pressure (MPa)
Thrust (kN)

Value
450
0.26
1.64
393.7
1.82
40
18
1739
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IV. Human Factor Considerations

One item of consideration when sizing the overall booster vehicle was the capability to house
human factor supplies. For this vehicle, these supplies ended up being food for the astronauts.
The requirements for the supply are to feed 18 astronauts for 180 days. These requirements
come from a scenario where each HuLa is filled with six astronauts. The 180 days is roughly the
total trip duration from LEO to leaving the Cycler. The calculations used do include a 30 day
buffer. To calculate the volume and mass of the food, a section of the human factors master
code was ran. In this code, number of days and number of astronauts were the inputs. Using the
average weight of a meal ready to eat, MRE, 0.625 Kg, we knew the total mass of the meals. [9]
This total mass is 7.086 Kg. The volume was then calculated by using the average bulk densities
of common food types. This bulk density is 795.3636 Kg/m3 (See Appendix V). With the mass
and the density known, volume was determined. The volume for all the food is 8.911 m3. One
more item considered with the supply of food is the location of the food inside the booster
vehicle. For easy access, the food is placed at the top of the booster vehicle close to where the
HuLas are attached and where the Booster Vehicle attaches to the XM3.

V. Final Sizing and Shape
With the volume of the propulsion systems and human factor requirements known, we have a
total volume to base our designs on. This volume is 865.7 m3. The other design parameter is to
have the booster vehicle be able to fit inside a commercial rocket. For this analysis we used the
Space Launch System, SLS. The payload size of the Space Launch System has a diameter of 8.4
m with a height of 19.1 m. [10] With these dimensions in mind, the Booster Vehicle has a
diameter of 8.2 m with a max height of 17.5 m. This sizing allows for 0.1 m on each side wall
and 1.6m of vertical room. To obtain the correct volume, the top of the Booster Vehicle is
slanted in to have more of a cone look. The height before the cone is 14.7m with a 2.8m cone.
The cone has an upper diameter of 4.6m. The summation of the volume can be seen below in
Table BA.3.
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Table BA.3: The table shows the summation of the volumes for sections of the Booster
Vehicle
Section

Base Cylinder

Top Cone

Height (m)

14.7

2.8

Top Diameter (m)

8.2

4.6

Bottom Diameter (m)

8.2

8.2

Volume (m3)

776.3

92.45

Total Volume (m3)

868.5

Using the table above and knowing the total volume needed, we can see that our design has
enough volume to fit all the required systems.
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Appendix BB | Artificial Gravity on Phobos
I. Concept
Due to the relatively small size of Phobos, the moon is assumed to have negligible gravity.
Therefore the six person crew stationed there will then be subjected to zero gravity condition
for extended periods of times. While the data on the effects of zero gravity on the human body
are not complete, negative effects are prevalent. To combat this we choose to design a short
range centrifuge for the crew to use for a couple hours a day. This centrifuge would be located
outside the module and would be secured to the ground in a similar manner as the modules.
The concept features a chamber for the crew to occupy and attaches to a counterweight as
shown below in Fig. BB.1. This system is also assumed to be completely constructed of Al
7075-T6.

Crew
Chamber
Counterweight

Figure BB.1: Artificial Gravity Centrifuge Concept
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II. Calculations and Sizing

According to the mission specifications the centrifuge employed on Phobos needs to
generate a centripetal acceleration of .38g. In Fig. BB.2 below the centripetal acceleration
generated by different radii of rotation depending on rotations per minute is shown.

Centripetal Acceleration vs. RPM for Different Radii of Rotation
1.4
R = 4m
R = 8m
R = 10m

Centripetal Acceleration (m/s2)

1.2

1

0.8

0.6

0.4

0.2

0
0

2

4

6

8

10

RPM
Figure BB.2: Centripetal Acceleration for Different Sized Centrifuges
As shown above in Fig. 2 the RPMs to generate .38g of acceleration decrease by increasing
the radius of rotation. This is also shown in Equation BB.1 [1].
𝐴𝑐𝑒𝑛𝑡 = Ω2 ∗ 𝑅

(BB.1)

In Eq. BB.1 𝐴𝑐𝑒𝑛𝑡 is the centripetal acceleration in 𝑚/𝑠 2 , Ω2 is the angular velocity in rads/s,
and R is the radius of rotation in meters.
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For the comfort of the crew we choose to employ a centrifuge with a radius of rotation of 8m to
reduce the RPMs needed to generate .38g. The high RPM needed by a centrifuge with a 4m
radius would likely have negative physical effects such as nausea on the crew. An 8m radius
centrifuge provides a higher comfort level and does not increase the overall mass of the system
by too much.
Table BB.1 below shows the mass and other useful information for the final centrifuge system
we opt to use.
Table BB.1: Centrifuge General Information
Radius of Rotation

Mass (Mg)

Volume (m^3)

(m)
8

RPM to Generate
.38g

3.911

3.268

6.517

References
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Appendix BC| XM3 Structural Analysis
I. Hoop Stress Analysis
Since we chose to model the XM3 as thin-walled cylindrical body a basic hoop stress analysis
is necessary to ensure the structure can support itself. Equation BC.1 below is used for the
calculation of this stress [1].
𝜎𝜃 = 𝑃𝐷𝑚 /2𝑡

(BC.1)

In Equation BC.1, 𝜎𝜃 is hoop stress (Pa), P is the internal pressure (Pa), Dm is the mean diameter
(m), and t is wall thickness (m). A MATLAB script calculates the hoop stress with Equation
BC.1. With thickness as the independent variable, the code determines the hoop stress for
thicknesses varying from 1 cm to 5 cm and outputs a graph with the information on it. Mean
diameter is calculated as the outer diameter of the cylinder minus the thickness. The internal
pressure used is standard Earth atmospheric pressure at sea-level; 101.324 kPa. Using the given
values and Equation BC.1, the MATLAB code produced graphs that show the effect of thickness
on both hoop stress. These graphs can be seen below in Fig. BC.1.
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Figure BC.1: The Effect of Thickness on Hoop Stress
II. Longitudinal Stress Analysis

A basic longitudinal stress analysis is also performed for the cylinder in the same MATLAB
code for hoop stress. The calculation for the longitudinal stress is performed using Equation
BC.2 given below [1].
𝜎≈ =

𝑃𝑑 2
(𝑑 + 2𝑡)2 − 𝑑 2

(BC.2)

Here, 𝜎≈ is longitudinal stress (Pa), P is internal pressure (Pa), d is diameter (m), and t is shell
thickness (m). Since it is written in the same script as the hoop stress analysis, Equation BC.2 is
used on a range of thicknesses from 1 cm to 5 cm. The results of the longitudinal stress
simulation can be viewed in graph form in Fig. BC.2 below.
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Figure BC.2: The Effect of Thickness on Longitudinal Stress
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III. Cylindrical Buckling Analysis

In order to find a wall thickness for the module that minimized weight and maintains the
structural integrity of the module; a buckling anlaysis simulation was conducted using
ABAQUS. This simulation was run for wall thicknesses from 1 cm to 5cm and used an
applied load of 250 kN to account for entry loading conditions. A plot of the Von Mises
stresses from this simulation as and an image of the model for a thickness of 2 cm is shown
below in Fig BC.3.

4.5

x 10

Von Mises Stress vs. Wall Thickness

6

4

Von Mises Stress (Pa)

3.5

3

2.5

2

1.5

1

0.5
0.01

0.015

0.02

0.025

0.03

0.035

0.04

0.045

Wall Thickness (m)

0.05

Figure BC.3: The Effect of Thickness

on Figure 3: Buckling Stress and ABAQUS Model for Cylindrical Section

IV. Interior Floor Loading Analysis
To further reduce the weight of the module, an ABAQUS loading simulation was also
preformed on the the interior floors.

During entry to Mars these floors are subjected to

gravitation acceleration of approximately 3.5 g. In this simulation the floors are approximated
as a thin plate with the outside edges fixed and a load of 250 kN is applied. For the chosen floor
thickness of 1.5 cm the Von Mises stress from the simulation is 22.15 MPa and the ABAQUS
model is shown on the next page in Fig. BC.4.
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Figure BC.4: ABAQUS Model for Interior Floors

V. Conclusion
During this analysis the primary goal is to minimize the weight of the module while at the
same time keeping it structurally sound. For the basic hoop and longitudinal stress analysis the
stresses were all well below the yield stress of Al 7075-T6 (503 MPa). From the ABAQUS
buckling analysis the Von Mises stress starts to sharply rise at thicknesses less than 2 cm. For
this reason, 2 cm is the final wall thickness we choose to use in the design of the XM3. For the
interior floors of the module, we choose 1.5 to be the final floor thickness since the simulation
shows stresses well below the yield stress of Al 7075-T6 as well. This chosen dimensions also
leave significant allowance in terms of stress to account for factors not addresses in the
simulations.
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Appendix BD| XM3 Variant Overview
I. Design Rationale
To achieve the multiple objectives for XM3 missions we opt to design variants for the
different aspects of the mission. The main variants for the mission include the three XM3-Cs
for the cycler, two XM3-Ps for the Phobos base, and the nine XM3-Ms for the Mars Colony.
The XM3-Ms are also divided into four sub variants as outlined below and on the next page.
Each habitat faces different challenges in their respective environments which demands
differences in design in a number of key systems.
II. XM3-M
A. XM3-M-C
In order to accommodate a maximum colony size of 54 individuals we design the XM3-M-C
or XM3-M (Core) as the primary housing units. These four modules contain three levels of crew
quarters in the arrangement outlined in Section 6.V and various utility systems in the lower level.
The floor arrangement is shown in Fig BD.1 below.

Figure BD.1: XM3-M-C Floor Assignments
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B. XM3-M-F
To help supply the colony with food we chose to design two of the nine modules solely for
farming.

These modules contain three floors reserved strictly for farming and have less

stringent life support systems since these modules are not designed for extended human
habitation. The individual floors are arranged as shown in Section 6.III and the overall layout is
shown in Fig BD.2 below.

Figure BD.2: XM3-M-F Floor Assignments
C. XM3-M-W
In order to help the colony more efficiently we also made a design for a sub-variant to serve
as a water storage and treatment center. The water variants also are tasked with supplying water
to the farming modules. These two XM3-M-Ws feature a top floor completely dedicated to
water systems and two crew quarters below as shown in Fig BD.3 on the next page.
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Figure BD.3: XM3-M-W Floor Assignments
D. XM3-M-M
The Mars colony has has a single module with a med bay located on the top floor. This
module also has two crew quarters identical to those in the XM3-M-W to supplement the core
living modules. The floor assingments are shown below in Fig BD.4.

Figure BD.4: XM3-M-M Floor Assignments
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III. XM3-C

The three identical XM3-Cs aboard the cycler vehicle feature less rigorous water systems
and crew quarters consideration when compared to the other modules. Since the XM3-C only
needs to sustain the crew for a shorter period time, these systems were reduced to decrease the
overall mass of the modules. However, XM3-C employs larger thermal control systems since
traveling in the cold of open space will require more heat generation and control compared to
the surface module.

The life support systems on the XM3-C are also slighty larger for

redundancy the layout of the floor designations for the XM3-C is outlined below in Fig BD.5.

Figure BD.5: XM3-C Floor Assignments.
IV. XM3-P

We then decided to model the XM3-P for the two modules on Phobos in a similar way as the
XM3-C and XM3-M-M. The Phobos base will at most have a crew of six and therefore
doesn’t need as many crew items in the crew quarters sections. The difference between the
XM3-P and XM3-M-M is that the Phobos variant has larger thermal control systems due to the
lack of atmosphere on Phobos. The floor layout for the XM3-P is shown on the next page in
Fig BD.6
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Figure BD.6: XM3-P floor assignments.
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Appendix BE| XM3-M Thermal Analysis

This section will describe how the heat transfer from inside of the XM3-M to the Martian
atmosphere was calculated.

I. Thermal Resistance
The concept of thermal resistance relates heat transfer to electricity. By thinking of each
section of heat transfer like a resistor, we can make a heat transfer problem involving several
different kinds of heat transfer much simpler. All we need to know about the problem are the
first and last temperatrues and all of the thermal properties of the materials in between them.

To find heat transfer using thermal resistance, we use Equation BE.1 below.
∆𝑇

𝑄=𝑅

(BE.1)

𝑇

There are two conditions that we need to consider to find RT. The first is heat transfer in series
and the second is heat transfer in parallel. Similar to electrical resistance, the equations for
these two cases are shown below in Equations BE.2 for seriese and BE.3 for parallel.
𝑅𝑇 = ∑ 𝑅𝑖
1
𝑅𝑇

(BE.2)

1

= ∑𝑅

(BE.3)

𝑖

We use Equations BE.4, BE.5, and BE.6 to find thermal resistance for convection, conduction
and randiation heat transfer respecitvly.
1

𝑅 = ℎ𝐴

(BE.4)

𝑡

𝑅 = 𝑘𝐴

(BE.5)

1

𝑅 = 𝐴𝜀𝜎(𝑇+𝑇 )(𝑇 2 +𝑇 2 )
𝑠

𝑠

(BE.6)

II. Application
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The method for finding h is in Appendix CI. All of the other variables are known and now we
can find the thermal resistance of the entire XM3-M passive thermal control system. We know
how much heat is generated inside of the module. Using this method, We can determine how
much heat the module will naturally reject based on the day. The difference in these heat
transfer rates will be the design point for the active thermal control system.

When we design the active thermal control system, we can use thermal resistance again to
help us do it. This time we are conducting heat from the ammonia, through the tube, to the
Martian atmosphere. The principle is the same, but we need a new equation. Equation BE.7
below is for the thermal resistance of conduction through a cylinder.
𝑅=
III.

𝐷
ln( 𝑜 )
𝐷𝑖

2𝜋𝑘𝐿

(BE.7)

Nomenclature

Q – Rate of heat transfer [W]
ΔT – Temperature drop across the system [K]
RT – Total system Thermal Resistance [K/W]
Ri – Individual Thermal Resistance [K/W]
h – Convectino heat transfer coefficient [W/m2K]
A – Surface Area [m2]
t – Material thickness [m]
k – Conduction heat transfer coefficient [W/mK]
ε – Material emissivity [-]
σ – Stefan-Boltzman constant [W/m2K4]
T – Surface Temperature [K]
Ts – Surrounding Temperature [K]
Do – Outer Diameter [m]
Di – Inner Diameter [m]
L – Tube Length [m]
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Appendix BF| CarLa Capsule Structural Analysis
I. Introduction
The Cargo Missions, as previously discussed, comprises of two separate missions: delivering
the XM3 habitation modules to the Martian surface prior to human arrival and delivering cargo
supplies. Since the XM3 habitation modules are designed for human living as a primary factor,
the structure of a capsule, whose purpose is to solely deliver supplies from Earth to Mars,
should be approached in a different manner.
II. Material Selection and Sizing
A. Mission Continuity

The Cargo Capsule and XM3 habitation module will both arrive at Mars using Cargo Lander
mission equipment. Therefore, for continuity, the base diameter for both structures are made
one and the same. Continuity between both structures allows for simplicity with respect to parts
used for both missions. This diameter initially started at 8 meters but decreased to a final
diameter of 7.6 meters.
III. Material Selection

The structures division, as a whole, have decided that the material to be used for a majority
of the vehicles within the Project Aldrin-Purdue Mission is Aluminum 7075-T6. The reasons for
the decision include its moderately high yield strength, its relatively low density, and the price
of the material per kg ($1.90). Other materials were considered, but the combination between
the three previously stated qualities makes the decision for Al 7075-T6 easy. The entire
structure of the Cargo Capsule, including shell walls and interior floors, comprises of Al 7075T6. The values for Al 7075-T6 can be seen in Table BF.1 below.
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Table BF.1: Aluminum 7075-T6 properties

Density (g/cc)

2.81

Tensile Yield

Modulus of Elasticity

Strength (MPa)

(Gpa)

503

71.7

Poisson’s Ratio

0.33

IV. Capsule Sizing
As stated above, the capsule’s diameter is the same as the XM3’s at 7.6 meters. To minimize
final mass but, at the same time, keep the structure condusive for use by astronauts within it, the
total height of the structure is 6 meters. With the final shell wall thickness being 2 cm, the floor
area, per floor, is 44.89 square meters. The empty volume available on the top two floors is
89.78 cubic meters, and the bottom floor having 86.19 cubic meters of space. Total, the Cargo
Capsule has 265.75 of empty volume that may be used.

The astronauts on the mission must be able to move somewhat comfortably though the Cargo
Capsule. Once the capsule is on Mars, it will be up to the astronauts to get inside of it and take
out the supplies and other cargo and to make room for the possibility of farming. Assuming that
most astronauts will not exceed six foot tall by too much, the two top level floors have a ceiling
that is two meters from the floor. This allows for semi-comfortable movement for emptying the
capsule and having to move about the structure for any farming needs that arise. The
bottommost floor will house any and all equipment that will be needed to maintain the internal
environment of the capsule. The bottom floor has a height of 1.92 meters.

The capsule has three legs in which to land and balance on once on Mars. Each leg is two
meters in length and has a hydraulic mechanism. The hydraulics allow the capsule to stay level,
even on the jagged and rough terrain of Mars’s surface. The legs also have to be longer than the
hover engine system that is housed beneath the capsule.

Also, from the outside, other aspects of the capsule can be seen. Each floor has a hatch that
allows access directly from the outside onto the floor. Next to the hatches are ladder rungs that
run up the side of the capsule. The rungs allow easy climbing and access to the hatches. The
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upper two hatches are each 1.6 meters tall and 1.5 meters wide. The bottom hatch, since the
height of the internal is smaller than the other two, is 1.4 meters in height, but has the same
width as the other two. These may have to be altered for specialized cargo missions that may
have supplies larger than the hatches.

If the Cargo Capsule is to maintain the ability of farming, it is best for them to be connected
and work off each other in case of malfunction with one or more of the units. For this purpose,
connecting hatches have been designed onto the top two floors of the capsules in order for them
to be connected with a separate connector part. Each connecting hatch is 1.8 meteres in
diameter, allowing for access and passage of astronauts from one capsule to another. The
connector hatches have their center points aligned vertically ninety degrees counter clockwise
from the entry hatches. The other pair of connector hatches is located 160 degrees clockwise
from the first set. The 160 degree offset allows for the Cargo Capsules, when connected to one
another, to encircle the main base that is ihabitated by humans on Mars.

V. Stress Analysis
A. Hoop Stress Analysis

The HIAD system is incorporated into the EDL portion of the mission, the outer structure of
the capsule was simply constructed in a cylindrical shell. In order to maintain structural integrity
during space travel and its duration on the surface of Mars as a possible farming module, a basic
hoop stress analysis simulation was conducted. Equation BF.1 was used in the hoop stress
calculation [2].
𝜎𝜃 = 𝑃𝐷𝑚 /2𝑡

(BF.1)

In Eq BF.1, 𝜎𝜃 is hoop stress (Pa), P is the internal pressure (Pa), Dm is the mean diameter (m),
and t is wall thickness (m). A MATLAB script calculates the hoop stress with Eq BF.1. With
thickness as the independent variable, the code deteremines the hoop stress for thicknesses
varying from 1 cm to 5 cm and outputs a graph with the information on it. Mean diameter is
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calculated as the outer diameter of the cylinder minus the thickness. The internal pressure used is
standard Earth atmospheric pressure at sea-level; 101.324 kPa. Also, the code has the ability to
calculate the mass of a cylinder of a certain height, density, and with two floors having the same
thickness as the shell walls. Using the given values and Eq BF.1, the MATLAB code produced
graphs that show the effect of thickness on both hoop stress and final mass. These graphs can be
seen in Fig BF.1.

Figure BF.1: The Effect of Thickness on Hoop Stress and Mass

As can be seen from the first graph, stress is exponentially inverse to thickness, while mass is
linearly proportional to thickness. The exponential graph shows the benefits of picking a
thickness between 1 cm and 3 cm. A thickness past 3 cm would yield less benefits for the
increased mass. At a specific test with thickness of 2 cm, values of 1.92e07 Pa and 1.81e4 kg are
found for the hoop stress and structural mass, respectively. The team decides to use these
numbers and a thickness of 2 cm for future use of the Cargo Capsule.
VI. Longitudinal Stress Analysis

A longitudinal stress analysis simulation was also performed. The same MATLAB code
written for the hoop stress is modified to also calculate the longitudinal stress of the cylindrical
shell as well. Eq BF.2, below, displays what was used in calculating longitudinal stress for the
Cargo Capsule [2].
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𝑃𝑑 2
𝜎≈ =
(𝑑 + 2𝑡)2 − 𝑑 2

(BF.2)

Here, 𝜎≈ is longitudinal stress (Pa), P is internal pressure (Pa), d is diameter (m), and t is shell
thickness (m). Since it is written in the same script as the hoop stress analysis, Equation BF.2 is
used on a range of thicknesses from 1 cm to 5 cm. The results of the longitudinal stress
simulation can be viewed in graph form in Fig BF.2.

Figure BF.2: The Effect of Thickness on Longitudinal Stress

The graph in Fig BF.2 shows that longitudinal stress are inversely proportional to thickness.
Since the relationship is linear, there is not a profound thickness that appears to be the optimal
choice. At the previously described 2 cm thickness, the longitudinal stress for the capsule is
1.153e05 Pa.
VII. Conclusion
The design for the Cargo Capsule may be a simple cylinder, but many tests and analyses
must still be accounted for to maintain structural integrity throughout the lifecycle of the
vehicle. The maximum allowable yield strength for Al 7075-T6 is 503 MPa [1]. According to
the data from the MATLAB script simulations, the worst case scenario for both hoop stress and
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longitudinal stress are lower than the yield strength of the material. This allows the team to
continue work with a defined cylinder radius and thickness.
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Appendix BG | Cycler Artificial Gravity Option
I. Introduction
As part of this mission, people occupy the cycler vehicle for long periods of time. The
duration of this occupation makes artificial gravity a desirable option. Artificial gravity allows
the passengers of the cycler to have a more hygienic environment and reduces the possibility of
muscular or bone deterioration while on their way to Phobos or Mars. For this mission, artificial
gravity is not an option that we are implementing. However, a spinning, tethered spacecraft is
considered here as an alternative option for providing artificial gravity.

In order to create artificial gravity for the passengers in the cycler vehicle, we use a tethered
spacecraft. This tethered system is comprised of two sections, one called the habitat section
which houses the passengers, and another section referred to as the counterweight section. This
counterweight section houses all of the equipment that is not required in the habitat section to
sustain human life. The two sections are connected by a tether, creating a dumbbell-like setup.
To get a better idea of how the tethered system looks, see Figure BG.1.

II. Spin-Up with Offset Thruster

While the cycler vehicle is spinning up, the thrusters that apply the spin-up force would
ideally be placed at the center of mass for each of the bodies. However, it is inevitable that over
the course of the burn, the center of mass of the body will move as the contents, such as fuel,
shift around inside the body. As such, it is necessary to look at the effects of an offset thruster
while the vehicle spins up
A. Nomenclature
𝑥𝑇 = 𝐷𝑖𝑠𝑡𝑎𝑛𝑐𝑒 𝑜𝑓 𝑡ℎ𝑒 𝑐𝑒𝑛𝑡𝑒𝑟 𝑜𝑓 𝑚𝑎𝑠𝑠 𝑓𝑟𝑜𝑚 𝑡ℎ𝑒 𝑡𝑒𝑡ℎ𝑒𝑟 𝑐𝑜𝑛𝑛𝑒𝑐𝑡𝑖𝑜𝑛 𝑝𝑜𝑖𝑛𝑡
𝑥𝐸 = 𝑇ℎ𝑟𝑢𝑠𝑡𝑒𝑟 𝑜𝑓𝑓𝑠𝑒𝑡 𝑓𝑟𝑜𝑚 𝑡ℎ𝑒 𝑐𝑒𝑛𝑡𝑒𝑟 𝑜𝑓 𝑚𝑎𝑠𝑠 𝑜𝑓 𝑡ℎ𝑒 𝑏𝑜𝑑𝑦
𝐹𝑇 = 𝑇𝑒𝑛𝑠𝑖𝑜𝑛 𝑓𝑜𝑟𝑐𝑒 𝑖𝑛 𝑡ℎ𝑒 𝑡𝑒𝑡ℎ𝑒𝑟
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𝐹𝐸 = 𝐹𝑜𝑟𝑐𝑒 𝑎𝑝𝑝𝑙𝑖𝑒𝑑 𝑏𝑦 𝑡ℎ𝑒 𝑡ℎ𝑟𝑢𝑠𝑡𝑒𝑟
𝑚 = 𝑀𝑎𝑠𝑠 𝑜𝑓 𝑡ℎ𝑒 𝑏𝑜𝑑𝑦
𝑟 = 𝐿𝑒𝑛𝑔𝑡ℎ 𝑜𝑓 𝑡ℎ𝑒 𝑡𝑒𝑡ℎ𝑒𝑟
𝐹𝑇 = 𝑇𝑒𝑛𝑠𝑖𝑜𝑛 𝑓𝑜𝑟𝑐𝑒 𝑖𝑛 𝑡ℎ𝑒 𝑡𝑒𝑡ℎ𝑒𝑟
𝜔 = 𝑅𝑎𝑡𝑒 𝑜𝑓 𝑠𝑝𝑖𝑛 𝑓𝑜𝑟 𝑡ℎ𝑒 𝑐𝑦𝑐𝑙𝑒𝑟
𝑀𝑐𝑚 = 𝑀𝑜𝑚𝑒𝑛𝑡 𝑎𝑏𝑜𝑢𝑡 𝑡ℎ𝑒 𝑐𝑒𝑛𝑡𝑒𝑟 𝑜𝑓 𝑚𝑎𝑠𝑠
𝐹𝑦 = 𝑇𝑜𝑡𝑎𝑙 𝑓𝑜𝑟𝑐𝑒 𝑖𝑛 𝑡ℎ𝑒 𝑦 𝑑𝑖𝑟𝑒𝑐𝑡𝑖𝑜𝑛 𝑜𝑓 𝑡ℎ𝑒 𝑟𝑒𝑓𝑒𝑟𝑒𝑛𝑐𝑒 𝑓𝑟𝑎𝑚𝑒
𝐹𝑥 = 𝑇𝑜𝑡𝑎𝑙 𝑓𝑜𝑟𝑐𝑒 𝑖𝑛 𝑡ℎ𝑒 𝑥 𝑑𝑖𝑟𝑒𝑐𝑡𝑖𝑜𝑛 𝑜𝑓 𝑡ℎ𝑒 𝑟𝑒𝑓𝑒𝑟𝑒𝑛𝑐𝑒 𝑓𝑟𝑎𝑚𝑒
III. Analysis
This analysis determines that maximum thrust that can be applied to one of the spinning
bodies if the thruster is offset. The maximum thrust is determined when the force exterted on the
body will cause either the tether to lose rigidity or the body to begin spinning about its own
center of mass and wind up the tether. Figure BG. 1 shows the free body diagram of the system

Figure BG.1: Free body diagram of the spin-up system for a single body. The system is
fixed in the rotating frame of reference of the entire spinning cycler vehicle.
As can be seen in the figure, there are only three significant forces in the system: the thruster
force, the tether force, and the centrifugal force of the spinning cycler. From this FBD, force
equations can be created for the system.
𝑀𝑐𝑚 = 0 = 𝐹𝑇 ∗ 𝑥𝑇,𝑥 − 𝐹𝐸 ∗ 𝑥𝐸

(BG.1)

𝐹𝑦 = 0 = 𝐹𝑇 + 𝐹𝐸 ∗ cos 𝜃 − 𝑚𝑟𝜔2

(BG.2)

𝐹𝑥 = 𝐹𝐸 ∗ sin 𝜃

(BG.3)
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From inspection of the system, the primary conditions that will lead to the failure of the
system are as follows. If the tension in the tether reaches zero, the tether will lose its rigidity and
go slack causing the body to move towards the cycler’s center of mass. Additionally, if the
moment about the center of mass of the body is no longer zero, the body will begin to spin and
wind up the tether much like a yoyo.
The analysis is performed by choosing a given offset and iterating over spin rates ranging
from 0 rad/s to 0.418 rad/s and determining the maximum thrust that can be applied before one
of the two conditions for failure are met. The results of this analysis for multiple offsets ranging
from 0 m to 1 m can be seen in Figure BG.2.

Figure BG.2: Maximum thrust allowed for the spin-up thruster before the tether loses
rigidity.
These reults are based on an object mass of 180 Mg and a tether length of 21 m from the
cycler center of mass. The maximum spin rate is determined based on the maximum spin rate
that humans can be subjected to without negative effects. The tether length was determined to
ensure that the gravity at this spin rate would be similar to Mars’ gravity.
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What can be drawn from the analysis is that minor offsets in the center of mass will not
significantly affect the spin-up of the cycler. Given these values, the force that can be applied
from the spin thrusters is relatively large compared to the force that the spin-up thrusters would
likely be able to produce. Depending on the propulsion design of the interior, the center of mass
will shift in very small amounts and the resulting offset will never become an issue. However, if
the thruster is significantly offset and the cycler is spinning at near 0 rad/s a lowered thrust may
be required or an alternative to a constant burn spin-up should be considered.

IV. Spin-Up Fuel Cost

A. Standard Spin-Up
For the spin-up of the tethered cycler, we place a thruster exactly at the habitat section’s
center of mass. As this thruster fires, the system will rotate about its center of mass and Mars’
gravity is artificially created through centrifugal force as the cycler rotates. The rotation rate is
restricted to 4 rpm and a rotaion rate of 3.6 rpm is used as a limit in our analysis to provide a
margin of error. Past this rotation rate, the crew members on board may experience motion
sickness.[1] Using the centripetal force equation, we find the minimum moment arm to simulate
Mars’ gravity. Equations BG.4-BG.6 show how the minimum moment arm is found.
𝐹 = 𝑚𝑟𝜔2

(BG.4)

𝐹 = 𝑚𝑔

(BG.5)

𝑔

𝑟 = 𝜔2

(BG.6)

With Equation BG.6, we find that the center of mass of the habitat section must be at least
21.25 meters from the system’s center of mass to safely simulate Martian gravity. Since the
habitat section is more massive than the counterweight section, the center of mass is located
along the tether closer to the habitat section than the counterweight. To reduce the cost of spinup, the center of mass is moved as close to the counterweight section as possible. To see how
the center of mass location impacts spin-up, we set the mass of the counterweight section as a
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ratio of the habitat section. Keeping the total mass the same, we increment the ratio of the
counterweight mass, and obtain Figure BG.3 and Figure BG.4.

Figure BG.3: The distance from the center of mass to the habitat section as the
counterweight is responsible for an increasing portion of the mass of the system. This
shows that as more mass is put into the counterweight, the distance to the center of mass
from the habitat section increases in a logarithmic trend.

Figure BG.4: Angular velocity of the system as a function of the changing mass ratio
between the counterweight and habitat sections. Each solution on this plot achieves Mars’
gravity. This shows that as the center of mass is shifted toward the counterweight, Mars’
gravity can be achieved at lower rotation rates. The red line shows the maximum 4 rpm
rotation limit.
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Both figures BG.3 and BG.4 show that it is desireable to have as much mass of the system in
the counterweight section as possible. Despite this design parameter, a significant amount of
mass is required to make the cycler habitable for human passengers and the mass ratio between
the counterweight and the habitat section is less than one. With these values, we calculate the
fuel cost for spinning up the tethered cycler with equation BG.7.
𝑚

Δ𝑣 = 𝑣𝑒𝑞 ∗ ln(𝑚0 ) (BG.7)
1

Equation BG.7 is the ideal rocket equation, with veq being Isp*g0. Since the cycler is not
spinning initially, Δ𝑣 is equal to the final tangential velocity of the craft. With these values,
Equation BG.7 rearranges to Equation BG.8

𝑚0
𝑚1

= 𝑒

𝑣𝑓
𝐼𝑠𝑝 ∗𝑔0

(BG.8)

We assume that after the spacecraft is spun up, all that is left is the dry mass of the vehicle.
This dry mass is known, and the solution from Equation BG.8 allows us to find the initial mass
before spin-up. The change in mass is the fuel cost.
𝑚

Δ𝑚 = 𝑚0 ∗ 𝑚1 − 𝑚1 (BG.9)
1

Assuming that the spin-up thruster acts perfectly through the center of mass of the habitat
section, the fuel cost to spin-up the tethered cycler is approximately 9.771 metric tons (Mg) of
fuel for a fuel with a specific impulse (Isp) of 280 seconds. This fuel cost is by far the largest
additional cost for the artificial gravity option. While this is a significant fuel cost, it is only a
one time cost and provides artificial gravity for the duration of the cycler’s use.

B. Retracting Tether Spin-Up

For the artificial gravity option, the fuel required to spin up the spacecraft is the primary cost
difference from the cycler vehicle presented in Section 7 of the report. In order to reduce this
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fuel cost, we analyze an alternative option to spin the vehicle. Rather than spinning all the way
up to Martian gravity, we spin it up to simulate a lower gravity field and then retract the tether,
increasing the rotation rate, until we reach the correct centripetal force to simulate the
acceleration of gravity on Mars. For the standard spin-up, shown in part A, the tether length
was a fixed 117.1 m and the fuel cost was 9.771 Mg of fuel. Alternatively, if the tether is
extended to 150 m, the vehicle is spun up to 39.47% Martian gravity (15% Earth gravity), and
the tether is then retracted to increase the rotation rate, the fuel cost reduces to 7.201 Mg of
fuel. This method would require some mechanical system capable of retracting the tether, and
structurally more would be required from the tether as well. However, this option is well worth
investigating as it saves us 2.57 Mg of fuel.
The primary concern with this method is the structural rigidity of the tether. The tension that
the tether sees throughout this spin-up method is provided in figure BG.5.

Figure BG.5: Tension force acting on the tether as it retracts. The x-axis is flipped so that
it starts at the initial, longer tether length and the tether length decreases as you move
down the axis. This plot shows the slightly exponential nature of the increasing force due
the tether retraction.

With such high tension in such a long tether, the structural integrity of the system is crucial.
For a single tether system, we analyze the structural abilities of the tether and determine what
material, radius, and corresponding mass we need.
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V. Tether Structural Analysis

The loads on the tether are in tension, therefore the primary failure mode is tensile yielding.
Space grade tethers are primarily made of aramids among other fibers and we consider Kevlar49, a commercially and commonly available fiber, due to its material properties such as tensile
yield stress. Using a factor of safety of 1.5, a force of 5.81e7 N is applied to a model of the
tether in ABAQUS CAE to run a FE Analysis of the tether under tension.
This simulated tether had a minimum radius of 25 cm and was composed of 18.92e8 Kevlar49 fibers. This fiber would weigh a total of 5423.78 kg and has a minimum lifespan of 20 years
which can be further increased with various finishing processes such as protective coat-painting.

Figure BG.6: ABAQUS model of Tether in Tension.

VI. Space Environmental Forces

B. Solar Radiation, Reflected Solar Radiation, Gravity Gradient
There is not a large difference between the space environmental perturbations of the
tethered cycler and the non-tethered cycler presented in the main body of this report. As
such, the solar radiation, reflected solar radiation, and gravity gradient effects are not restated
here. For more information about what these forces are and how they are calculated, see
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section seven. For the artificial gravity option, the perturbing forces are as given in Table
BG.1.
Table BG.1: Space environment perturbation forces acting on the tethered cycler. These forces are
all small in magnitude, and do not result in large perturbations.

Max.
Force (N)
Total
Force (N)

Solar

Reflected

Radiation

Solar Radiation

Gravity Gradient

Total

Earth

Mars

Earth

Mars

3.464e-5

3.039e-7

1.950e-13

4.414e-6

8.567e-15

3.936e-5

.4361

1.320e-6

1.897e-10

1.142e-5

4.708e-12

.4361

While these forces all appear to be insignificant, they are constantly acting on the
spacecraft. Due to the indefinite length that the cycler vehicle is to remain in orbit, these
forces must be controlled or we lose control of the cycler. To control these forces, we cannot
use a control moment gyroscope or reaction control wheels as is done for the other cycler
design. The center of mass of the system lies inside of the tether, which gives us nowhere to
put either of these control options. If a control moment gyroscope or reaction control wheel
were placed inside of one of the sections, it serves to rotate the section instead of controlling
the system as a whole. Instead, we use control thrusters to offset the environmental
perturbations. With the thrusters, .04839 metric tons (Mg) of fuel is needed for each complete
orbit. This complete orbit lasts two synodic periods, or 4.2857 years. This is also a significant
cost difference between the standard and artificial gravity options, as the standard cycler can
use electricity to power its control systems.
VII. Conclusion

The artificial gravity option poses numerous challenges to the design of the cycler vehicle.
As the spacecraft spins, we need to decouple the communications arrays from this motion so
that their pointing tolerance is met. Furthermore, we need to make pulsed, small force orbital
correction maneuvers to keep rigidity in the tether and make sure that we are changing our
course in the desired direction. There are also additional costs to the artificial gravity option.
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The greatest cost is that of spinning up the cycler, which requires approximately 9.771 Mg of
fuel, or 7.201 Mg with a retracting tether. Along with this comes the fuel cost to offset the
environmental perturbations on the craft, which comes out to .04839 Mg of fuel per complete
orbit, or .01129 Mg of fuel per year. Lastly, in order to rendezvous with the cycler, another
system is required. Since every rendezvous with the cycler is a hyperbolic rendezvous, we want
docking with the cycler to be as safe as possible to reduce the risk of catastrophic failure for the
crew members. Rendezvousing with the spinning habitat modules is extremely difficult, but the
system center of mass is fixed in space. This makes the system center of mass the best place to
rendezvous, suggesting that some additional system that can move along the tether is desired to
dock with. This system allows us to dock with the system first, then transport the passengers
into the habitat modules.
Despite the costs and challenges, the tethered design option for the cycler vehicle provides
and sustains artificial Martian gravity for the people on board the cycler vehicle. This is a great
benefit for the human passengers, creating a more hygienic environment and reducing the
concern for muscle and bone deterioration which occurs in microgravity environments. While
the spin-up costly, this one-time cost provides great benefits for the human occupants of the
cycler over an indefinite vehicle lifespan. The artificial gravity option is by no means a trivial
design challenge, but it offers key benefits for a continuous mission to colonize Mars.
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Appendix BH| Structural Analysis of Cycler Vehicle
I. Introduction
This section discusses the structural integrity of different components of the Cycler Vehicle
along with dimensions of the Cycler Vehicle. This allows us to calculate the Dry Mass of the
Cycler Vehicle which when supplied to the Propulsion Sections give us the IMLEO.
Since the Inert Mass had to be optimized for Low Earth Orbit, it was integral to optimize the
cycler vehicle dimensions to account for structural integrity.

Given below is a figure of the cycler vehicle with its different components:

Figure BH.1: The Cycler Vehicle with different components

Communications Array

Solar Array

Electric Power Generator Module
Habitation Module
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II. Material Selection

As our primary objective was mass reduction while keeping structural integrity, the structural
team as a whole decided to use Aluminum 7075-T6 for the central core of all vehicle bodies.
This decision was made because of the economic nature of space grade Aluminum made it a
very suitable choice. In addition to this, it’s mechanical properties were deemed satisfactory to
mission requirements.
Table BH.1: Aluminum 7075-T6 properties
Density (g/cc)

Tensile Yield

Modulus of Elasticity

Strength (MPa)

(Gpa)

503

71.7

2.81

Poisson’s Ratio

0.33

III. Cycler Vehicle Sizing
The overall dimensions of the cycler vehicle are given below:
Table BH.2: General Dimensions of the Cycler Vehicle.
Sample Table

Estimated Volume (m3)

Mass, Mg

Habitation Module

274.76

128.7

Electric Power Generator

23.99

10.8

Communications Array

0.3653

5.1

Solar Panels

1.27

0.26

Propulsion System Mass

-

297.3

Connectors and Docking Structures

-

2.4

The sizes of the vehicle are determined by the mission requirements that are established by
human factors needs. The communications array is determined by mission requirements needing
two-way HD video.The Solar Panel sizing is determined by power requirements of the
Habitation Module and The Power Generating Unit was designed according to design needs of
all the vehicular power generator.
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IV. Stress Analysis

These content sections will be changed to whatever titles you need to describe the vehicles.
Vehicle groups will decide what content headings are needed.
A. Thermal Stress Analysis
Thermal Stress Analysis was performed on the cycler vehicle to show that in the cyclic
temperature loading that the cycle would undergo with a factor of safety 1.5, the maximum
stress that the cycler would undergo as a result of Thermal loading would be 78 Mpa and the
further Stress Analyses were done to calculate the minimum skin thickness of the bodies of the
cycler vehicle components (Electric Power Generation Unit) was found to be 12.5mm.

Figure BH.2: Thermal Stress as a function of Temperature
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V. Shock Stress Analysis

The Debris filled environment the cycler would traverse during its mission necessitated a shock
stress analysis on the body of the vehicle. This shock stress would result from ballistic impact
loading from the orbital debris in space and the vehicle was designed to absorb sever impact
loads calculated as a function of transfer of Kinetic Energy. This led to the cycler being
designed to absorb upto 85 MPa worth of small impact loading and with the introduction of a
MMOD (MicroMetroid Orbital Debris) Shield, this would not significantly risk the skin
thickness of the cycler vehicle. This analysis also provided a hard minimum of 1.2 mm as the
minimum hull thickness of any component that was to withstand severe shock loads from
orbital debris that exerted a maximum of 85 MPa in terms of shock stresses. The MMOD is
discusses in detail in Appendix CQ.

Figure BH.3: Shock Stresses as a fuction of Hull (skin) Thickness
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VI. Hoop Stress Analysis

The decision to pressurize the Electrical Power Generation Unit raised severe Human Factors
risks but also solved a whole variety of maintenance problems that would arise due to certain
sections of the vehicle being inhospitable to resident astronauts. The components of the cycler
that were to be pressurized (EPGUs) were treated as thin wall cylinders under pressure loading
and hoop stress analyses were done that would give us another limit on hull thickness. In
addition to code calculating theoretical hoop stress analysis, an FE Analysis was performed on
the pressurized EPGU to confirm that the calculations performed by hand (MATLAB) were
accurate. Both the analyses led us to a further minimum hull thickness of 1.5 mm. This analyses
was done with a safety factor of 1.5 as the presence of rivets would provide the general structure
of the EPGU with additional load paths that would decrease the risk of failure of structural
integrity.

Figure BH.4: Hoop Stress as a function of Hull Thickness
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Figure BH.5: Hoop Stress Analysis using Finite Element Method (ABAQUS)

The above model was designed as a riveted cylinder. However, in terms of applied loads, this
was a thin wall pressurized cylinder with a maximum loading applied along the internal rivets.
However with a minimum hull thickness of 1.5, the structure doesn’t fail due to rapid
decompression (explosive, depending on the nature of the atmosphere inside the container).

VII. Longitudinal Stress Analysis
A container that is treated as a pressurized thin wall cylinder exerts a longitudinal stress as a
result of pressurization, this longitudinal stress was calculated in the same way as the hoop
stress calculated above to once again confirm that the minimum hull thickness of 1.5 mm would
not cause structure failure due to tensile yielding. In addition to this hand (MATLAB)
calculation, an FEM Analysis was once again done to reconfirm these results.
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Figure BH.6: Longitudinal Stress Analysis as a function of Hull Thickness

Figure BH.7: Longitudinal Stress Analysis using Finite Element Method (ABAQUS)
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VIII. Connector Stress Analysis
In addition to the above analysis, a critical section of the cycler that undergoes inertial
loading as well as time dependent tensile and compressive loading are the connectors. Using
FEM Analyses to calculate critical stresses we found that for an exclusive space grade Al
connector would require a great amount of weight/thickness to avoid failure. However this
analysis showed that the nodes that were most likely to fail were the bolts and the joints of the
connectors, converting the connecting bolts to machined/milled Titanium parts would help us
conserve mass through conserving thickness. Thus, the connecting joint sections as well as the
bolt sections are Titanium in our cycler Vehicle. This stress analysis was done with a safety
factor of 2.0 as a result of the connectors being an integral part of the cycler vehicle. These
loads are continuous and not cyclic unlike some of the other loads on the cycler components. As
a result, fatigue and SCC(Stress Corrosion Cracking) were additional concerns. More FEM
Analyses show that with the usage of finished(Painting/Protectively coated) Ti, the connectors
lifespan should be increased significantly.
Figure BH.8: Critical Loads not present on main section of Connectors
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Figure BH.9:Connector Fails due to severe shear loads acting on joints
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Appendix BI| Propulsion Selection for TCM
I. Introduction
The cycler requires a trajectory correction maneuver (TCM) of 100 m/s for each synodic
period. The TCM is achieved by either chemical propulsion or electric propulsion. There are
both pros and cons of both propulsion systems. We perform a case study between different
propulsion systems in the following sections to choose the best propulsion system for the
cycler vehicle.
II. Case Study

A. Chemical Propulsion

The trajectory correction maneuver can be achieved by using chemical propulsion via liquid
rocket engines. The chemical propulsion can be performed in either single burn or multiple
burns. We will evaluate both options in the following sections.

1. Single Burn

LH2/LOX System

Initially, we look at liquid hydrogen and liquid oxygen as our fuel and propellant. We
assume that liquid hydrogen is available in the low earth orbit (LEO) for refueling purposes.
The availability of refueling capability in LEO makes liquid hydrogen an attractive fuel
option.

The design parameters selected for the LH2/LOX rocket engine are tabulated in the table
BI.1.
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Table BI.1: Design Parameters for LH2/LOX rocket engine.
Design Parameters

Values

Chamber Pressure

1 MPa

Expansion Ratio

80

O/F Ratio

5

Isp

466 sec

Since, the cycler vehicle requires TCM of only 100 m/s which is very low for a chemical
rocket engine. Therefore, small amount of thrust can achieve the trajectory correction. The
thrust provided by a rocket engine is directly proportional to the chamber pressure of the
engine; so we are selecting small chamber pressure of only one MPa as a design parameter.

After selecting the chamber pressure, we select a high expansion ratio of 80 for the nozzle
because higher expansion ratio yields higher Isp. The engine is operating in space environment
where the ambient pressure is near zero. Therefore the nozzle has under-expanded flow where
the exhaust gas expands out further after exiting the nozzle. That’s why, the existing nozzles
for the space application often have high expansion ratio. But, after a certain expansion ratio,
higher expansion ratio has a diminishing return and only adds up structural weight to the
engine. After researching on the nozzle geometry for the existing space chemical engines, we
select an expansion ratio of 80 for the nozzle. Nozzle design like expansion-deflection nozzle
design have high expansion ratio with lower structural weight. So, we select the expansiondeflection nozzle for the engine.

Figure BI.1 shows a sketch of expansion deflection nozzle.
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Figure BI.1: Expansion-Deflection Nozzle for the space application.

We run LH2/LOX propellant combination with chamber pressure of one MPa and
expansion ratio of 80 in CEA (Chemical Equilibrium with Application) provided by NASA. We
use different cases with a range of O/F ratio from three to nine at an interval of 0.5 in CEA to
optimize the O/F ratio to yield the highest Isp. The O/F ratio of five gives the highest Isp of 466
seconds in vacuum ambient conditions. We are aware that the Isp given by the system is on the
higher side of existing limitation on the liquid rocket engines. The optimal O/F ratio might not
be the best O/F ratio. The O/F ratio of five with given design parameters yields a temperature of
3122 K. The engine melts at such a high temperature so a cooling system is necessary. The
cooling system might drop the O/F ratio and eventually drop the Isp. The cooling system is
necessary if we plan to use chemical propulsion near optimal O/F ratio. Figure BI.2 shows the
graph of Isp at different O/F ratio.
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O/F optimization
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Figure BI.2: O/F ratio Optimization for LH2/LOX system.

We select the inert mass for the propulsion system as 0.5 Mg based on propellant mass
fraction of 0.9. The reason for selecting the propellant mass fraction of 0.9 is because most of
the existing chemical engines have a propellant mass fraction around 0.9. By using the ideal
rocket equation, we find the mass of the propellant to perform TCM as 4.27 Mg.

The table BI.2 shows the mass distribution of the propulsion system.

Table BI.2: Mass distribution for LH2/LOX propulsion system.
Masses

Values

Payload

192.5 Mg

Inert Mass

0.5 Mg

Propellant Mass

4.27 Mg

Total Mass

197.27 Mg
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We design fuel tanks and oxidizer tanks in a way that both fuel and oxidizer runs out at the
same time. Since we know the OF ratio for the rocket, we can find the mass ratio.
𝑂 𝑜𝑥𝑖𝑑𝑖𝑧𝑒𝑟 𝑚𝑎𝑠𝑠 𝑓𝑙𝑜𝑤 𝑜𝑥𝑖𝑑𝑖𝑧𝑒𝑟 𝑚𝑎𝑠𝑠
=
=
𝐹
𝑓𝑢𝑒𝑙 𝑚𝑎𝑠𝑠 𝑓𝑙𝑜𝑤
𝑓𝑢𝑒𝑙 𝑚𝑎𝑠𝑠

Then, we find the volume ratio by using the mass ratio and density ratio.
𝑜𝑥𝑖𝑑𝑖𝑧𝑒𝑟 𝑣𝑜𝑙
=
𝑓𝑢𝑒𝑙 𝑣𝑜𝑙

𝑜𝑥𝑖𝑑𝑖𝑧𝑒𝑟 𝑚𝑎𝑠𝑠⁄
𝑂
𝑓𝑢𝑒𝑙 𝑑𝑒𝑛𝑠𝑖𝑡𝑦
𝑜𝑥𝑖𝑑𝑖𝑧𝑒𝑟 𝑑𝑒𝑛𝑠𝑖𝑡𝑦
= ∗
𝑓𝑢𝑒𝑙 𝑚𝑎𝑠𝑠
𝐹 𝑜𝑥𝑖𝑑𝑖𝑧𝑒𝑟 𝑑𝑒𝑛𝑠𝑖𝑡𝑦
⁄𝑓𝑢𝑒𝑙 𝑑𝑒𝑛𝑠𝑖𝑡𝑦

The table BI.3 shows the volume distribution for LH2/LOX propulsion system.

Table BI.3: Volume distribution for LH2/LOX propulsion system.
Volume

Values

Fuel Volume

10.04 m3

Oxidizer Volume

3.12 m3

Total Volume

13.16 m3

However due to very low boiling temperature of liquid hydrogen, liquid hydrogen tends to
have boil-off problems in space. Therefore, liquid hydrogen cannot be stored easily for a long
period of time in the space. So, we start looking at other fuel options.

RP1/LOX System

Another popular fuel for liquid chemical propulsion is Rocket Propellant (RP-1). RP-1 has
higher boiling point therefore RP-1 doesn’t boil off easily in space. Furthermore, RP-1 has
higher density and it can be stored easily in space for a long period of time.

We repeat the same design process for RP1/LOX system. We select the chamber pressure as
one MPa and expansion ratio as 80. We run LH2/LOX propellant combination in CEA with a
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range of O/F ratio from 2.4 to 3 at an interval of 0.5 to optimize the O/F ratio to yield the
highest Isp. The O/F ratio of 2.6 gives the highest Isp of 349.3 seconds. Figure BI.3 shows the
graph of Isp at different O/F ratio.

O/F Optimization
350

Isp [sec]

349
348
347
346
345
344
2.3

2.5

2.7

2.9

3.1

O/F Ratio
Figure BI.3: O/F ratio Optimization

We select the inert mass of 0.5 Mg for the RP1/LOX propulsion system like we selected for
LH2/LOX propulsion system. By using the ideal rocket equation, we find the mass of the
propellant to perform TCM as 4.27 Mg.

The table BI.4 shows the mass distribution for the RP1/LOX propulsion system.
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Table BI.4: Mass distribution for RP1/LOX propulsion system.
Masses

Values

Payload

192.5 Mg

Inert Mass

0.5 Mg

Propellant Mass

5.72 Mg

Total Mass

198.72 Mg

Again, we calculate the volume distribution for RP1/LOX system by using O/F ratio and the
density ratio of fuel and oxidizer. The table BI.5 shows the volume distribution for RP1/LOX
propulsion system.

Table BI.5: Volume distribution for RP1/LOX propulsion system.
Volume

Values

Fuel Volume

1.87 m3

Oxidizer Volume

3.62 m3

Total Volume

5.49 m3

III. Multiple Burns
We can also perform trajectory correction maneuver by using multiple burns rather than one
burn. We achieve the same delta V whether we perform one time burn or multiple burns.
Multiple burns allow more accurate delta V correction than one time burn. Multiple burns allow
to perform TCM for extend period of time. Since we eject fuel and oxidizer for an extended
period of time, the multiple burns allow us to lower the chamber pressure. Lower chamber
pressure means thinner fuel and oxidizer tanks, lighter pumps, valves and regulators. Therefore,
lower chamber pressure helps us to reduce the inert mass of the system.
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IV. Electric Propulsion
Electric propulsion use heavy noble gases as the propellant. The most popular and efficient
propellant available in the current market is Xenon because Xenon is the heaviest nonradioactive noble gas. Therefore, we use Xenon as a propellant for our electric propulsion.

We select the design parameters of electric propulsion system based on the upper limit of
existing technology. We select the Isp as 3000 sec for the electric propulsion system. The
propulsion system corrects the trajectory within one synodic period i.e. 2.135 yrs. But, we advise
that the propulsion system should have a capability of correcting the trajectory in less time than
one synodic period. We select an operation time of half of the synodic period as a design
parameter. By using the ideal rocket equation, we find the mass of the propellant to perform
TCM. We find the density of liquid Xenon at one MPa and then calculate the volume for fuel
tank.

The table BI.6 shows the design parameters and the fuel mass and volume to perform TCM.

Table BI.6: Design Parameters and Fuel Mass and Volume for Electric Propulsion.
Parameters

Values

Isp

3000 sec

Operation time

1.067 yr.

Fuel mass

0.655 Mg

Fuel density

2960 kg/m3

Fuel volume

0.22 m3
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V. Comparison between Chemical and Electric Propulsion

We compare mass and volume for chemical and electric propulsion to perform TCM of 100
m/s under similar design conditions. The comparison will help us to see the advantages of one
propulsion system over another.

The table BI.7 shows the comparison between LH2/LOX chemical propulsion system, RP1/LOX
chemical propulsion system and Xenon electric propulsion system.

Table BI.7: Comparison between Chemical and Electric Propulsion.
Parameters

LH2/LOX

RP1/LOX

Electrical

Propellant mass

4.27 Mg

5.72 Mg

0.655 Mg

Propellant Volume

13.16 m3

5.49 m3

0.22 m3

VI. Conclusion

From the comparison between different propulsion systems, we find that the electric
propulsion is the best option to perform the trajectory correction maneuver. Electric propulsion
system reduces the propellant mass by around 88%, reduces the propellant volume by around
96%.

Saphal Adhikari | 788

Appendix BI

Project Aldrin-Purdue

References

[1]

Cassady, J., Purdue Electric Propulsion Fundamentals, W. Lafayette, IN,

December 9,

2014

[2] Goebel, D. M., Katz, I.,Fundamentals of Electric Propulsion: Ion and Hall
Thrusters,

JPL Space Science and Technology Series, California, March

2008
[3]

NASA, CEARUN, NASA Glenn Research Center, Cleveland, Ohio
Retrieved from https://cearun.grc.nasa.gov/

[4] National Institute of Standards and Technology, Thermophysical Properties
of Fluid Systems. Retrieved from http://webbook.nist.gov/chemistry/fluid/
[5] Sutton, G. P., Rocket Propulsion Elements, 8th ed., Wiley, New Jersey

Saphal Adhikari | 789

Appendix BJ

Project Aldrin-Purdue

Appendix BJ| Electric Propulsion Scaling
Nomenclature
b = channel width
B = magnetic field
d = channel mean diameter
e = electron charge
L= Channel length
Isp = Specific Impulse
J = Current
𝑚̇ = mass flow rate
n = Number density
P = Power
T = Temperature
T = Time
v = velocity
V = applied voltage
η = efficiency
ζ = scaling factor

I. Introduction
The cycler requires a trajectory correction maneuver (TCM) of 100 m/s for each synodic
period. We perform trajectory correction maneuver by using Hall thruster. After designing the
operating conditions of the Hall thruster, we need to design the geometry of the Hall thruster.
The physical dimension of the Hall thruster can be scaled to achieve a desired output. The
sections below present the scaling algorithm to find the suitable geometry for the Hall thruster
that can match the design operating conditions. The algorithm was developed at Alta, Italy and
presented in “The 30th International Electric Propulsion Conference, Florence, Italy.”
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II. Scaling Algorithm [1]

A. Select a reference Hall thruster

The scaling algorithm has a reference thruster as SPT-100. The reason behind choosing SPT100 is because SPT-100 has a large amount of data available, SPT-100 works at an intermediate
power level of around one kW which makes it a good reference thruster for both scaling up a to
higher power and scaling down to a lower power.

III. Select values for fundamental parameters

There are six fundamental parameters for the algorithm and they are channel mean diameter
(d), channel height (b), channel length (L), power (P), discharge voltage (V) and gas particle
density (n). For our Hall thruster, we already know the power, discharge voltage and gas
particle density. Therefore, we select design values for channel mean diameter, channel height
and channel length to test if the values can yield the desired operating conditions.

IV. Calculate unknown parameters

We calculate the log ratio of the fundamental parameters. First, we take the ratio of the
fundamental parameters of our Hall thruster and the reference Hall thruster. Then, we take the
logarithm of the ratio.
𝑑

𝑑

= ζd

ln (𝑑𝑟𝑒𝑓) = ln ζd

= ζb

ln (𝑏𝑟𝑒𝑓) = ln ζb

= ζL
𝐿𝑟𝑒𝑓

ln (𝐿𝑟𝑒𝑓) = ln ζL

𝑃

ln (𝑃𝑟𝑒𝑓) = lnζd+lnζb+lnζv+ln ζn

𝑑𝑟𝑒𝑓
𝑏
𝑏𝑟𝑒𝑓
𝐿

= ζd .ζb.ζv.ζn
𝑃𝑟𝑒𝑓
𝑉
𝑉𝑟𝑒𝑓

= ζv

𝑏

𝐿

𝑃

𝑉

ln (𝑉𝑟𝑒𝑓) = ln ζv
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We get a linear system of equations from the above presented equations. If we write the
system in the standard form B = Q*X, indicating with Q the matrix of coefficients, we have:

B

=

Q

*

X

𝑑

ln (𝑑𝑟𝑒𝑓)
𝑏

1
0
𝐿
ln (𝐿𝑟𝑒𝑓) = 0
1
𝑃
ln (𝑃𝑟𝑒𝑓)
[0
ln (𝑏𝑟𝑒𝑓)

0
1
0
1
0

0
0
1
0
0

0
0
0
1
1

0 ln ζd
0 ln ζb
0 . ln ζL
1 ln ζv
0] [ln ζn]

X = Q-1 B

𝑉

[ ln (𝑉𝑟𝑒𝑓) ]

Then, we calculate the unknown parameters by using the chart shown below in Fig BJ.1.

Figure BJ.1: Chart to calculate unknown parameters.

Saphal Adhikari | 792

Appendix BJ

Project Aldrin-Purdue

V. Calculate mass flow rate, Isp, Thrust and overall efficiency

We calculate the mass flow rate, Isp, thrust and overall efficiency by using the following
equations.
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VI. Iteration of values for Hull thruster geometry

We iterate the process by changing the geometry of Hall thruster until we obtain the desired
mass flow, Isp, thrust and overall efficiency.

Reference
[1] Misuri, T., Battista, F., High Power Hall Thrusters Design Options, IEPC-2007-311,
The 30th International Electric Propulsion Conference, Florence, Italy, September
2007
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Appendix BK| Insulation Sizing
I. Introduction
When designing the insulation, we realized that the insulation would have to handle both the
steady space environment and the transient entry environment. The two different environments
have drastically different conditions. For our feasibility study, we decided that we would design
the payload TPS to be able to handle the heat load of the entry condition, while the insulation
thickness was sized using steady state conditions. The transient condition was used in numerical
investigations to make sure that the insulation was thick enough to prevent the inside from
getting too warm. If the maximum temperature criteria was not met for the transient case, then
the insulation thickness would have increased.
II. Steady Analysis
While in transit, the landers must sustain habitable temperatures within the cabin, either for
the humans or the electronics. A steady-state analysis helps build the wall composition for this
situation.
B. Wall Composition
The general composition of the wall is shown in Fig. BK.1.

Figure BK.1: The general composition of the wall has an ablator, insulator, adhesive, SIP,
adhesive, and structure, going from space-side to inside.
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The aforementioned composition was selected by looking at other studies [1]. The ablative
layer serves as the primary protective layer against the aerothermal heating that occurs during
entry. Insulation retards the heat transfer that occurs between the inside and the outside of the
payload wall. The adhesive layers keep the insulation and structural layers intact, preventing
any sliding from occurring. The SIP handles any thermal elongation that may occur from the
insulation. The structural layer maintains the lander’s shape and handles most of the mechanical
loads that occur on the vehicle. For all three landers, the adhesive and SIP materials and
thicknesses were selected by looking at another study [1].

1. Ablator
The ablation material was the first layer to be calculated, as this would be required regardless
of the heat transfer that may occur.
First, we chose the material. The material we considered were phenolic impregnated carbon
ablators (PICA), avcoat, and superlight ablator (SLA)-561V. These three were looked at
specifically as there were historical examples of this [2,3,4]. The criteria we looked at were
maximum payload heat load, density, maximum allowable temperature, and application.

In determining maximum payload heat load, we used an ad-hoc method for this feasibility
study. We first assumed that the maximum payload heat load was a function of the stagnation
point heat load. Looking through historical examples [2,3], we found that the payload heat
fraction ηpayload was approximately between 0.05 and 0.3, depending on the geometry of the
payload and dimensions of the payload relative to the heat shield (Table BK.1).
Table BK.1: The heat fraction was determined by taking the local heat rate and dividing it
by the stagnation heat rate (which was 100 W/cm2 for Gemini, 44 W/cm2 for MSL).
Vehicle

Location

Heat Fraction

Gemini

Cabin Section

0.127

Upper RCS

0.354

Start of Afterbody

0.05

MSL
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Furthermore, we found that the payload heat fraction stays below 0.15 unless the local heat
rate is located on either a sharp edge or has a shear layer interacting with the area. The shear
layer in question is the boundary layer coming off the shoulder of the heat shield ends up hitting
the payload wall (Fig. BK.1). Sharp edges caused the fraction to increase to about 0.2, while
shear layer interaction caused the highest values.

Figure BK.1: The shear layer coming off the right side of the heat shield ends up
interacting with the top of the payload wall, increasing the local heat rate at that location.
Otherwise, the interaction comes only from recirculating air flow as seen on both sides of
the payload.

For all three landers, we found that the shear layer does not interact with the payload wall.
Furthermore, there are no sharp corners for all three landers. We decided that the payload heat
fraction should be a conservative 0.1 for this study.

Table BK.2 shows the relevant properties of the ablator materials. Historical data has shown
that the payload wall temperature didn’t exceed 700 K for Mars or Earth entry [3,5]. Since our
ballistic coefficient is lower than MSL or Apollo, it is safe to assume that our lander will not
experience anything above 700 K. Therefore, we used SLA-561V for the payload wall material,
as it is less dense than PICA or Avcoat.. SLA-220, which is a slightly denser version of SLAEiji Shibata | 797
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561V, is radio-frequency transparent, so -220 can be used for portions of the wall that require
communication housing.

Table BK.2: Materials considered for the ablative layer are shown.
Material

Heat Load, kJ/cm2

Density, kg/m3

Maximum Temperature, K

PICA

2.25

270

~1500

Avcoat

1.00

529

~2000

SLA-561V

11.67

224

~860

SLA-220

11.67

232

~860

III. Insulation
Insulation was calculated once we determined the ablator material and thickness. For
insulation, we considered Li-900, polyamide, and aerogel. Li-900 was previously used on the
space shuttle as part of its foam tiles [7]. Polyimide was used on Apollo for thermal insulation
[7]. Aerogel is being considered for use as a thermal protection material [7].

Table BK.3 shows the insulative materials considered.
Material

Density, kg/m3

Thermal Conductivity, W/m-K

Li-900

270

0.032

Polyimide

529

0.034

Aerogel

224

0.012

IV. Transient Analysis
Part of determining the thickness of insulation comes from looking at the steady-state space
environment. We then used numerical analyses to make sure that the insulation is thick enough
to handle the unsteady entry environment.
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A. Initial Conditions

We used the steady-state space temperatures as the initial conditions. The temperatures come
from the previously calculated steady conduction that was used to calculate the thickness.
Figure BK.2 shows the temperature profile of the HuLa in space.

Figure BK.2: The temperature profile of the wall goes from the outside on the rightmostside to the inside on the leftmost-side, going through all the layers.

V. Boundary Conditions

On the space-facing side, the spacecraft has a combination of radiative cooling and
aerothermal heating. The radiative cooling is dependent on the temperature of the surface and
altitude, while the aerothermal heating depends on the altitude and velocity of the spacecraft.
Equations (III.B.1) and (III.B.2) show these relations. F is the view factor and is shown in eq.
(III.B.3). C, n, a, and m are all constants that are part of the Fay and Riddell formulation for
heating [6].
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𝑞̇

𝑟𝑎𝑑

4
4
4
= 𝜀𝑠/𝑐 𝜎(𝑇𝑜𝑢𝑡
− 𝑇𝑠𝑝𝑎𝑐𝑒
) − 𝛼𝑠/𝑐 𝜀𝑝𝑙𝑎𝑛𝑒𝑡 𝐹𝑠/𝑐→𝑀𝑎𝑟𝑠 𝜎𝑇𝑀𝑎𝑟𝑠

(𝐵𝐾. 1)

1

𝜌∞ 2
𝑚
= 𝐶 ( ) 𝑉∞3 + 𝐶𝑅𝑛𝑎 𝜌∞
𝑓(𝑉∞ )
𝑅𝑛

(𝐵𝐾. 2)

1
√𝑟 2 + 2𝑟𝑟𝑀𝑎𝑟𝑠
𝐹𝑠/𝑐→𝑀𝑎𝑟𝑠 = (1 −
)
2
𝑟 + 𝑟𝑀𝑎𝑟𝑠

(𝐵𝐾. 3)

𝑞̇

𝑎𝑒𝑟𝑜

The aerothermal heating was determined via numerical integration in MATLAB. The values
were written to a .txt file, which was input to a Fortran 90 code. The radiative heat transfer was
determined during the numerical simulation due to its dependence on the surface temperature.
The aerothermal heating and view factor for the radiative heat transfer are shown in fig. BK.3
and BK.4 respectively. These graphs show the values from when the vehicle reaches 120 km
above the surface to landing.

Figure BK.3: The heat Rate from entry to landing peaks during aerocapture and landing.
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Figure BK.4: The View Factor from entry to landing generally stays pretty steady.
For the inside wall, the boundary condition was a mixed convection and heat generation. The
convective heat transfer comes from natural convection occurring from the wall. Having
convective heat transfer allows for consideration of any possible heating that may occur to the
cabin due to outside heating. The equation used to calculate the convection coefficient is seen in
eq. (BK.4), which is the Churchill and Chu correlation for natural convection from a vertical
wall [8].

ℎ=

1
0.387𝑅𝑎𝐿6

𝑘𝑤𝑎𝑙𝑙
0.825 +
𝐿
{

[1 +

4
9 9
(0.492/𝑃𝑟)16 ]

2

(𝐵𝐾. 4)
}

Ra is the Rayleigh number and Pr is the Prandtl number of the convecting fluid, which is
atmospheric air in our situation. Due to the Rayleigh number’s dependence on the temperature
of the surface of the wall, this is calculated in the Fortran code.
VI. Grid Generation
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We created a 1-D spatial grid for the analysis. One of the issues with the early grids was that
the spacing between cells ended up being too large to capture the temperatures for the adhesive
and SIP layers. The number of points was increased to resolve the issue, allowing for smaller
grid spacing. The spatial grid points are seen in eq. (BK.5).
𝑥𝑖 = 𝑖𝛥𝑥, 𝑖 = 0,1,2, … ,468

(𝐵𝐾. 5)

The temporal domain was created in MATLAB, alongside the numerical integration. Using
this method allowed us to make sure that the input files for heat flux and radius were had a
corresponding time level for each step. We selected the time step by using eq. (BK.6), where
amax was the highest thermal diffusivity value in the wall.

𝑐0 =

𝛼𝑚𝑎𝑥 𝛥𝑡 1
≤
𝛥𝑥
2

(BK. 6)

Therefore, the temporal step size is represented by eq. (BK.7).
𝑡 𝑛 = 𝑛𝛥𝑡, 𝑛 = 0,1,2, …

(𝐵𝐾. 7)

VII. Discretization of Governing Equations

The governing equation for 1-D heat conduction is seen in eq. (BK.8).
𝜕𝑇
𝜕 2𝑇
=𝛼 2
𝜕𝑡
𝜕𝑥

(𝐵𝐾. 8)

Equation (BK.1) was discretized in three ways for the analysis: explicit 1st-order temporal,
2nd-order spatial (eq. (BK.9)); implicit 1st-order temporal, 2nd-order spatial (eq. (BK.10)); and
implicit 2nd-order temporal, 2nd-order spatial (eq. (BK.11)). Each used a cell-centered finitevolume method for discretization.
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𝑛
𝑛
𝑇𝑖𝑛+1 − 𝑇𝑖𝑛
𝑇𝑖+1
− 2𝑇𝑖𝑛 + 𝑇𝑖−1
+ 𝑂(𝛥𝑡) = 𝛼
+ 𝑂(𝛥𝑥 2 )
𝛥𝑡
𝛥𝑥 2

(BK. 9)

𝑛+1
𝑛+1
𝑇𝑖𝑛+1 − 𝑇𝑖𝑛
𝑇𝑖+1
− 2𝑇𝑖𝑛+1 + 𝑇𝑖−1
+ 𝑂(𝛥𝑡) = 𝛼
+ 𝑂(𝛥𝑥 2 )
𝛥𝑡
𝛥𝑥 2

(BK. 10)

𝑛
𝑛
𝑇𝑖𝑛+1 − 𝑇𝑖𝑛
𝑇𝑖+1
− 2𝑇𝑖𝑛 + 𝑇𝑖−1
2)
+ 𝑂(𝛥𝑡 = (1 − 𝜃) [𝛼
]
𝛥𝑡
𝛥𝑥 2
𝑛+1
𝑛+1
𝑇𝑖+1
− 2𝑇𝑖𝑛+1 + 𝑇𝑖−1
+𝜃 [𝛼
] + 𝑂(𝛥𝑥 2 )
𝛥𝑥 2

(BK. 11)

Equation D.4 was used in the numerical investigation of the wall thicknesses for each
vehicle.
VIII. Conclusion
The insulation was sized using both a steady-state environment and an unsteady
environment. Steady-state determined an initial thickness, while the numerical simulation
affirmed that the thickness was satisfactory for the nomial entry conditions of all three landers.
Future work for this would involve creating a more in-depth analysis, using higher-order
methods, creating a more detailed model by involving things such as ablation rate, and possibly
do a limited run of Monte-Carlo situations to assess the temperature response for non-nominal
cases.
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Appendix BL| Mars Ascent Control System
I. Gravitational torque and orientation of the MAM
The orientation of the MAM is selected that the gravitational torque is the minimum in orbit.
Torques cause perturbations and thus should be reduced. The gravitational field of Mars can be
accurately assumed to be a central inverse square field [1]. See equation BL.1 for gravitational
field calculation.
𝑚𝑘
𝐹 = − 𝑅2 𝑅̇

(BL.1)

Where
F= vector force acting on a mass particle in the field, [N]
m= mass of particle, [kg]
k= gravitational constant of the attracting body, in this case, Mars
= 42828 𝑘𝑚3 𝑠 −2
R= distance from the particle to the center of mass of Mars [km]
𝑅̇ = unit vector pointing from the center of Mars to the center of mass of the MAM

When a central square field with gravitational constant k is assumed and the inertial dyadic I
is used described the mass properties of the spacecraft, the simplified equation for gravitational
torque, 𝐿𝑔 , can be written as equation BL.2 [1].
3𝑘

𝐿𝑔 = 𝑅3 (𝑅 × 𝐈 ∙ R) (BL.2)
Where
I = the inertial dyadic of MAM with respect to the mass center
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The inertial dyadic of the MAM with respect to the center of mass is shown below in
equation BL.3 [4].
5792.041
𝐼 = [ 18.54
0.418

18.54
5792.041
0.418

0.418
0.418 ] 𝑘𝑔𝑚2 (BL.3)
7094.287

When the coordinate frame is right handed, orthogomal, and fixed in the spaceraft with
origin at the center of mass[1] like in this case, the components of gravitational torque along the
x, y and z axes are:

𝐿𝑔𝑥 =

3𝑘
[(𝐼 − 𝐼𝑦𝑦 )𝑎𝑦 𝑎𝑧 + 𝐼𝑦𝑧 (𝑎𝑦2 − 𝑎𝑧2 ) + 𝐼𝑥𝑧 𝑎𝑥 𝑎𝑦 − 𝐼𝑥𝑦 𝑎𝑥 𝑎𝑧 ]
𝑅 3 𝑥𝑥

3𝑘

𝐿𝑔𝑦 = 𝑅3 [(𝐼𝑥𝑥 − 𝐼𝑧𝑧 )𝑎𝑧 𝑎𝑥 + 𝐼𝑧𝑥 (𝑎𝑧2 − 𝑎𝑥2 ) + 𝐼𝑦𝑥 𝑎𝑦 𝑎𝑧 − 𝐼𝑦𝑧 𝑎𝑦 𝑎𝑥 ]
𝐿𝑔𝑧 =

(BL.4)

3𝑘
[(𝐼 − 𝐼𝑥𝑥 )𝑎𝑥 𝑎𝑦 + 𝐼𝑥𝑦 (𝑎𝑥2 − 𝑎𝑦2 ) + 𝐼𝑧𝑦 𝑎𝑧 𝑎𝑥 − 𝐼𝑧𝑥 𝑎𝑧 𝑎𝑦 ]
𝑅 3 𝑦𝑦

Where
k= the gravitational constant
R= the distance from Mars mass center to the MAM mass center
𝐼𝑖𝑗 = the components of the inertial dyadic
𝑎𝑖 = the direction cosines of R with respect to the x, y, z coordinate frame
𝐿𝑖𝑗 = the gravitational torque on each body axis

When the control system maintains one of the body axes alined to center of the Mars, say the
y-axis, then equation BL.2 reduces to equation BL.5 below [1].

𝐿𝑔𝑥 =
𝐿𝑔𝑦 = 0
𝐿𝑔𝑧 =

3𝑘
(−𝐼𝑧𝑦 )
𝑅3
(BL.5)
3𝑘
(𝐼 )
𝑅 3 𝑥𝑦
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It can be observed that the torque on the y axis goes to zero and torques on the other two
axes are easy to compute. The MAM is essentially axisymmetric, which means the products of
inertia (𝐼𝑧𝑦 𝐼𝑥𝑦 ) are very small. That means the torque on each of the three body axes is small
enough that the vehicle does not require much input from its control system to maintain its Mars
oriented orientation.

Thus, in order to reduce the perturbations caused by the gravitational torque, the orientation
of the MAM is designed to be Mars oriented, which means its x-axis will always coincide with
the orbit radius and its z axis will always be tangential to the trajectory.

The designed orientation of the MAM is shown in figure BL.1 below.

Figure BL.1: Orientation of MAM in orbit

The maximum gravitational torque in each orbit is listed in table BL.1 below.
Table BL.1: the maximum gravitational torque at the designed orientation.
LMO [N-m]

Elliptical [N-m]

Final [N-m]

0.002

0.001

0.00011074
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Note that this orientation design is aimed to minimize the gravitational torque only, the
environmental torques have not been considered so far. Discussions about the environmental
torques and ways to counteract them are included in sections below.

II. Environmental torques
The MAM will also experience environmental torques while it is in orbit. Environmental
torques will change the attitude of the vehicle and cause perturbations. One of the functions of
the control system is to counteract the environmental torques and maintain the orientation of the
vehicle.

The main environmental torques that have been considered include the solar radiation
torques, the reflected solar radiation torque, the magnetic field torque, and the solar wind
torque.

The solar radiation force is usually the largest environmental force that causes torque. In
most of the cases, it is second only to that gravity [2]. The solar radiation force ais described by
equation BL.6 below [2].

𝐹𝑠 =

𝑘𝑒𝑙𝑚 𝐴𝑓𝑜
3𝑐
𝑟𝑠𝑠

(BL.6)

Where
𝑘𝑒𝑙𝑚 = dimensionless constant dependant on body material of spacecraft
𝐴 = surface area
𝑓𝑜 = solar constant
𝑟𝑠𝑠 = distance from the MAM to the Sun
c = speed of light
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In order to consider the worst scenario, the upper limit of the reflected radiation force is used
in the calculation of environmental torque. The maximum reflected solar radiation force is
described by equation BL.7 listed below [2].

𝐹𝑟𝑠 =

2𝑓
2𝑘𝑒𝑙𝑚 𝐴𝑎𝑅𝑝
𝑜
2
3𝑐𝑟 2 𝑟𝑝𝑠

(BL.7)

Where
a = the Bond albedo
𝑅𝑝 = radius of Mars
r = distance from the Sun to Mars
𝑟𝑝𝑠 = distance from Mars to the MAM

The magnetic field torque is computed using equation BL.8 below[2].

𝑇𝑚 =

2𝐷𝑀
3
𝑟𝑟𝑎

(BL.8)

Where
D = residual dipole of the MAM
M = magnetic moment of Mars
𝑟𝑟𝑎 = orbit radius
The momentum flux of the quiet solar wind is given by equation BL. 9 [2].

𝐹𝑠𝑤 =

𝜌𝑉 2
2
𝑟𝑠𝑠

(BL.9)

Where
𝜌 = density of the particle cloud
𝑉 = particle velocity
𝑟𝑠𝑠 = the distance between the sun and the MAM in AU
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Equation BL.10 is used to calculated the torque.
𝑇 =𝑟×𝐹

(BL.10)

Where
r= the torque arm, [m]
F= the environmental force, [N]

The total environmental torque is calculated using equation BL.11 below.
𝑇𝑡𝑜𝑡 = 𝑇𝑠 + 𝑇𝑟𝑠 + 𝑇𝑚 + 𝑇𝑠𝑤

(BL.11)

Where
𝑇𝑠 = torque caused by solar radiation
𝑇𝑟𝑠 = torque caused by reflected solar radiation
𝑇𝑚 = torque caused by magnetic field
𝑇𝑠𝑤 = torque caused by solar wind
During the mission from Mars to Phobos, even the final orbit has a radius that is small
enough to be negligible compared to the distance from Mars to the Sun (the final orbit radius is
9373 km, while the distance from Mars to the Sun is 227900000 km). That means the solar
radiation force, the reflection solar radiation force, and the solar wind force can be considered
constant throughout the mission. In order to prepare for the worst case scenario, the surface area
A is decided to be the entire surface area of the MAM, which is 119.109 𝑚2 .

The sketch below shows the dimensions of the MAM [5]. The value of the torque arm r is
2.03 m, which can be seen from figure BL.2 below.
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Figure BL.2: Dimensions of the MAM

The environmental torques in each orbit is listed in table 2.8 below.
Table BL.2: the maximum environmental torque at the designed orientation.
LMO [N-m]

Elliptical [N-m]

Final [N-m]

0.0103

0.0103

0.0103

III. Torque impulse
In order to estimate the total amount of propellant needed for the RCS thrusters, the torque
impulse is needed. The object of this section is to calculate the amount of propellant the RCS
thrusters need in order to counteract the gravitational and environmental torques in orbit. It has
yet to be decided the mission distribution between the thrusters and the reaction wheels. If the
propellant mass turns out to be very small, which means the accumulated angular deviation
from the desired orientation is also very small, the attitude maintainance will be assigned to the
four reaction wheels, which are designed to do accurate attitude control.
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When the torque components given by equations (BL.5) are transformed into an inertial
frame and integrated over an orbit, the torque impulse result is given by table 3.1 below [1].
Table BL.3: torque impulse resulted from the gravitational torque

∆𝐻𝑥 per orbit

Elliptical orbit

Circular orbit

3𝑘

3𝜋𝜔0 𝐼𝑦𝑧

𝜋 𝐼𝑦𝑧

𝑝ℎ

∆𝐻𝑦 per orbit

−3𝑘

∆𝐻𝑧 per orbit

0

𝑝ℎ

𝜋 𝐼𝑥𝑧

−3𝜋𝜔0 𝐼𝑥𝑧
0

Where
p= semilatus rectum of the orbit
h= magnitude of orbital angular momentum per unit spacecraft mass
e= eccentricity
𝜔𝑜 = orbital angular velocity
∆𝐻𝑖 = torque impulse about body axis
The eccentricity e is calculated using equation BL.12.
𝑟𝑎 −𝑟𝑝

𝑒=𝑟

𝑎 +𝑟𝑝

(BL.12)

Where
𝑟𝑎 = the radius at apoapsis [km]
𝑟𝑝 = theradius at periapsis [km]

The semilatus rectum of the orbit is calculated using equation BL.13 below.
𝑝 = 𝑎(1 − 𝑒 2 )

(BL.13)

Where
a= the semimajor axis
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The magnitude of orbital angular momentum per unit spacecraft mass h is calculated using
equation BL.14 below.
ℎ = √𝑝𝑘

(BL.14)

where
k= the gravitational constant
The orbital angular velocity 𝜔𝑜 is calculated using equation BL.15 below.

𝑘

𝜔𝑜 = √𝑟 3

(BL.15)

Where
r= the orbit radius

Values for all the parameters are listed in table BL.4 below.
Table BL.4: the parameters needed to calculate torque impulse
e

p

h

LMO 𝜔𝑜

Final 𝜔𝑜

0.4454

5198

14920

9.5962 × 10−4

2.2806 × 10−4

The total torque impulse is needed to calculate the propellant mass. The gravitational torques
impulse in each orbit are listed in table BL.5 below.
Table BL.5: torque impulse resulted from the gravitational torque
LMO [N-m-s]

Transfer [N-m-s]

Final [N-m-s]

0.0076

0.0236

0.0018

The total torque impulse caused by gravitational torque ∆𝐻𝑔𝑟𝑎𝑣 = 0.033 N-m-s.

Yue Guo | 813

Appendix BL

Project Aldrin-Purdue

As stated above, the environmental torques will be assumed as constant throughout the
mission from Mars to Phobos, the torque impulse caused by the environmental torques can thus
be computed using equation BL16. below.
∆𝐻𝑒𝑛𝑣𝑖𝑟 = 𝑇𝑡𝑜𝑡 × 𝑡

(BL.16)

Where
∆𝐻𝑒𝑛𝑣𝑖𝑟 = the total environmental torque impulse
t= the total amount of time it takes to go from Mars to Phobos
= 2.202 hours = 7927.2 sec
The environmtnal torque impulse ∆𝐻𝑒𝑛𝑣𝑖𝑟 = 81.6502 N-m-s. The total torque impulse during
the mission ∆𝐻 = 81.6832 N-m-s

IV. RCS thrusters propellant
In order to calculate the propellant mass needed to counteract the gravitational and
environmental torques during the mission, equation BL.15 is used [5].

𝑚=𝐼

∆𝐻

𝑠𝑝 𝑔0 𝑟

(BL.15)

Where
𝐼𝑠𝑝 = specific impulse of the RCS thruster
= 280 s
𝑚

𝑔0 = 9.8 𝑠2
r= the torque arm
= 2.03 m
m= propellant mass [kg]
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It turned out the the amount of propellant needed to counteract the torques and maintain
orientation is just 0.0146 kg.

Due to the fact that the amount of propellant needed to counteract the torques in orbit is too
small, the reaction wheels will be in charge of counteracting the torques and maintaining the
desired orientation in orbit. Calculations about the specifications of the reaction wheels are
included in section V.

Instead, the RCS thrusters will be in charge of adjusting the vehicle to the desired orientation
during orbit insertion into the LMO and landing on Phobos.
Using the MATLAB code named ‘aae450_yue_march4’, the mass of the propellant is
calculated to be 6.876 kg.

The specifications of the RCS thrusters are shown in table BL.6 below.

Table BL.6: Summary of the specifications of the RCS thrusters
Number

Thrust each [N]

Isp [s]

Total mass [Mg]

16

360

280

0.519

V. Reaction wheels
There are totally four reaction wheels installed in the MAM. The reaction wheels are in
charge of mainaining the desired orientation by counteracting the gravitational and
environmental torques in orbit. The reaction wheels used in MAM are sized using a model
manufactured by Rockwell Collins, the name of the model is RSI68-170/60.

Table BL.7 below shows the specifications of the Rockwell Collins model [3].
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Table BL.7: specifications of the Rockwell Collins model reaction wheel
Augular momentum
[N-m-s]
68

Diameter [m]

Height [m]

0.347

0.124

Mass
[kg]

Power [W]

Speed [rpm]

20

6000

9.50

A reaction wheel changes the angular momentum of the spacecraft by changing the angular
momentum itself. Equation BL.16 below describes the way it works [6].
ℎ𝑡𝑜𝑡𝑎𝑙 = 𝐼𝑀𝐴𝑀 𝜔𝑀𝐴𝑀 + ∑ 𝐼𝑤ℎ𝑒𝑒𝑙𝑖 𝜔𝑤ℎ𝑒𝑒𝑙𝑖

(BL.16)

Where
ℎ𝑡𝑜𝑡𝑎𝑙 = total angular momentum of the MAM plus the reaction wheels
𝐼𝑀𝐴𝑀 = inertia dyadic (1.3)
𝜔𝑀𝐴𝑀 = angular velocity of the MAM
𝐼𝑤ℎ𝑒𝑒𝑙𝑖 = inertia dyadic of a single wheel
𝜔𝑤ℎ𝑒𝑒𝑙𝑖 = angular velocity of a single wheel
When sizing a reaction wheel, assumptions are that the density, the height, and the speed of
ratation of the wheel do not change. The only changing parameter is its diameter, and by
changing that, the mass, angular momentum, and the power all change.
Using the MATLAB script ‘reactionwheel’, the specifications of the sized reaction wheels
are calculated and they are shown in table 5.3 below.

Table BL.6: Summary of the specifications of the reaction wheels
Number

Total mass [Mg]

Total power [W]

Total volume [𝑚3 ]

4

0.042

96.098

0.0512
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The four reaction wheels are shown in figure BL.3 below. They will be installed inside the
MAM near the center of mass.

Figure BL.3: four reaction wheels

To give an idea of the task the reaction wheels need to perform, plots showing the
accumulated angle change caused by the gravitational and environmental torques are provided.

figure BL.4 shows the accumulated angle change caused by the gravitational torque during
the 2.202 hours mission.
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Angle change caused by gravitational torque
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Figure BL.4: accumulated angle change caused by gravitational torque

In order to compare the effects of the gravitational and environmental torques, the
accumulated angle change caused by environmental torques during the mission is shown in
figure BL.5 below.
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Angle change caused by environmental torque
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Figure BL.5: accumulated angle change caused by gravitational torque

The angle change is over 2500 degrees, which is about ten revolutions. However, the
orientation of the MAM will be adjusted every time when it is 15 degrees off the desired
orientation. The accumulated angle change in ten minutes is shown in figure BL.6 below.
Angle deviation caused by environmental torque in 10 minutes
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Figure BL.6: accumulated angle change caused by environmental torque in 10 minutes
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According to the plot, the reaction wheels need to adjust the MAM orientation in every ten
minutes. Because it only takes the MAM 2.202 hours to go from Mars to Phobos, the reaction
wheels only need to do the adjustment 13 times.
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Appendix BM| Phobos to Earth Return Control Systems

A. Variable definition
𝑘𝑒𝑙𝑚 = dimensionless constant dependant on body material of spacecraft
𝑓𝑜 = solar constant [𝑊⁄𝑚3 ]
𝐴 = surface area [𝑚2 ]
𝑟𝑠𝑠 = distance of the spacecraft from the sun [AU]
c = speed of light [𝑚⁄𝑠]
a = the Bond albedo
𝑅𝑝 = radius of the planet [m]
r = distance from the sun to the planet [m]
𝑟𝑝𝑠 = distance from the planet to the spacecraft [m]
𝜌 = density of the particle cloud [

𝑘𝑔⁄
𝑚3 ]

𝑉 = particle velocity [𝑚⁄𝑠]
D = residual dipole of the spacecraft [𝐴 ∗ 𝑚2 ]
M = magnetic moment of the planet [tesla]
3

µ = gravity constant of the planet [𝑚 ⁄𝑠 2 ]
θ = maximum deviation of z – axis from local vertical [deg]
𝐼𝑧 = moments of inertia about z axis [𝑘𝑔 ∗ 𝑚2]
𝐼𝑥 = moments of inertia about x axis [𝑘𝑔 ∗ 𝑚2]
H = angular momentum of the reaction wheel disk [Nms]
𝑟𝑤 = radius of the wheel [m]
d = distance arm [m]
m = mass of the reaction wheel [kg]
ω = angular velocity of the disk wheel [rad/s]
I = impulse [Ns]
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Isp = specific impulse [s]
𝑔 𝑜 = standard gravity [𝑚⁄𝑠 2 ]
𝑃𝑟𝑤 = Reaction wheel power requirement [W]
L = moment arm [m]
𝑡𝑏 = time of burn [s]

I. Control System
1. Environmental Torques

Environmental torque analysis is based on Space Mission Analysis and Design and Survey of
Nongravitational Forces and Space Environmental Torques: Applied to the Galileo. There are
many types of environmental torques which include solar radiation, reflected solar radiation,
solar wind, magnetic field force, and gravity gradient. For this analysis aerodynamic force is
neglected because we assume that center of aerodynamic pressure and center of gravity coincide
with each other.

Radiant energy emmited by sun creates solar radiation torques. They are dependant on the
distance from the Sun, and affects based on surface area of the vehicle. Solar radiation torques
are computed using the Eq. BM.1 [2]

𝐹𝑠 =

𝑘𝑒𝑙𝑚 𝐴𝑓𝑜
3𝑐
𝑟𝑠𝑠

(BM.1)

We assume the return vehicle to have a translucent body and have 𝑘𝑒𝑙𝑚 = 0.6 [1].
Similar to solar radiation, reflected solar radiation affects the spacecraft based on the surface
area. Also, it changes with distance between spacecraft, planet, and sun. Reflected solar
radiation from a planet is described by Eq. BM.2 [3]
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2𝑘𝑒𝑙𝑚 𝐴𝑎𝑅𝑝2 𝑓𝑜
𝐹𝑟𝑠 =
2
3𝑐𝑟 2 𝑟𝑝𝑠

(BM.2)

During the return, spacecraft is continuously hit by particles from sun. Flux of this solar wind
is dependant on distance from spacecraft to sun and is given by Eq. BM.3 [3]

𝐹𝑠𝑤 =

𝜌𝑉 2
𝑟𝑠𝑠2

(BM.3)

Magnetic field torque are based on Lorentz Force, and is given by Eq. BM.4 [5]

𝑇𝑚 =

2𝐷𝑀
3
𝑟𝑝𝑠

(BM.4)

Due to the difference in center of gravity and center of mass of the return vehicle, spacecraft
is disturbed by gravity gradient. Gravity gradient is based on the distance between spacecraft
and the planet, and is given by Eq. BM.5 [5]

𝑇𝑔 =

3𝜇
|𝐼 − 𝐼𝑥 | sin(2𝜃)
2𝑟 3 𝑧

(BM.5)

For this analysis we assume that only influence comes from Earth and Mars, and we neglect
Phobos influence. Moment arm used in calculations starts from center of mass and ends at the
both ends of the spacecraft. For the safety purposes we add 3𝜎 uncertainties to the mean value
of the each toqrue.

Total environmental torque is simply a sum of all torques and given by Eq. BM.6
𝑇𝑡 = 𝑇𝑠 + 𝑇𝑟𝑠 + 𝑇𝑠𝑤 + 𝑇𝑚 + 𝑇𝑔

(BM.6)

Space environmental torque calculation is provided as a MATLAB script.
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In order to include uncertainties associated with environmental torques and forces, we
calculate total torque by summing mean values and 3𝜎 values of individual torques and forces.
Table BM.1 shows the mean and 3𝜎 values of individual torques.
Table BM.1: Mean and 𝟑𝝈 value of environemental torques

Source

Mean

3𝜎

Solar radiation

1.3 × 10−3

1.2 × 10−3

Reflected solar

9.33 × 10−5

1.8 × 10−3

1.13 × 10−6

1.04 × 10−6

7.26 × 10−5

1.9 × 10−3

6.73 × 10−2

1.75

radiation*
Solar wind
Magnetic field*
Gravity gradient

Table BM.2 provides information on the mean and 𝟑𝝈 values of individual forces.
Table BM.2: Mean and 𝟑𝝈 values of environemental forces

Source

Mean

3𝜎

Solar radiation

1.7 × 10−4

1.57 × 10−4

Reflected solar

1.2 × 10−5

2.31 × 10−4

1.45 × 10−8

1.34 × 10−5

9.3 × 10−6

2.43 × 10−4

8.6 × 10−3

2.25 × 10−1

radiation*
Solar wind
Magnetic field*
Gravity gradient*

Values shown with asterisk have high uncertainty values due to the distance to the earth.

1. Desaturation
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Reaction wheels need to be desaturated, and we are doing desaturation with RCS thrusters
every day during the trip. We find the number of acceleration pulses RCS thrusters will have to
dump the momentum for 3 wheels for 201 days. Total number of pulses are given by Eq. BM.7
[5]
𝑡𝑜𝑡𝑎𝑙 𝑝𝑢𝑙𝑠𝑒𝑠 = 1 𝑝𝑢𝑙𝑠𝑒 × 3 𝑤ℎ𝑒𝑒𝑙𝑠 × 201 𝑑𝑎𝑦𝑠

(BM.7)

Therefore, we find that total number of pulses throughout the trip is 4320.

2. Reaction Wheel Sizing

In order to size the reaction wheels we use the mathematical model of the reaction wheels
which is given by Eq. BM.8 [2]
1
𝐻 = 𝜔( 𝑚𝑟𝑤 2 + 𝑚𝑑 2 )
2

(BM.8)

Equation allows us to determine the mass of the reaction wheels. We assume the dimensions
of the reaction wheel to find the mass. Section C shows the calculation of the power
requirement and explains the mass value.

3. RCS Thruster Sizing

Thruster Isp and mass information are taken from commercially available RCS thrusters.
Propellant mass for the entire trip is found using Eq. BM.9 [5]

𝑀𝑝 =

𝐼
𝐼𝑠𝑝 𝑔𝑜

(BM.9)

Where 𝐼 = 𝐹 × (𝑡𝑜𝑡𝑎𝑙 𝑝𝑢𝑙𝑠𝑒) = total impulse. Total pulse values are given by Eq. BM. 7, and
force F is thrust applied by thrusters at the both ends of the spacecraft. Thrust is found using the
Eq. BM. 10 [5]
Alibek Yertay | 825

Appendix BM

Project Aldrin-Purdue

𝐹=

𝐻
𝐿 × 𝑡𝑏

(BM.10)

Moment arm is taken as a distance from center of mass to the edge. MATLAB script provides
calcualtions for thrust and propellant mass. Thrust is split between thrusters. We combine two
types of thrusters to reduce the overall mass of thrusters, and provide higher Isp.

II. Effects of changing parameters

While sizing the control system actuators, it was important to choose and decide values for
certain parameters. By changing parameters we noticed that they were influencing other values.
In sizing the reaction wheels, it was important to choose charactersitics for it such as RPM and
amount of storage. We found out that changing RPM of the reaction wheels infleuences its
mass. Also, it was found that momentum storage influences power requirement of the reaction
wheels.

1. Mass and rotation per minute (RPM) relationship

After careful study it was found that by increasing the amount of rotation per minute, we can
decrease the mass of the reaction wheels. By reordering the eq. BM.8, we get the Eq. BM. 9
which shows the relationship of the angular velocity to the mass [2].
𝑚
=

𝐻
1
𝜔(2 𝑟𝑤2 + 𝑑 2 )

(BM.9)

By varying the values of the angular velocity, we can obtain different results for mass of the
reaction wheels. Figure BM.1 shows the relationship between RPM and mass of the reaction
wheels.
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Figure BM.1. Mass of reaction wheel decreases as RPM increases.
Using the relationship above, and observing the amount of rpm in commercially available
reaction wheels, we decide to use 6000 rpm reaction wheels on the return vehicle.

2. Influence of momentum storage to power requirement

Power requirement of the reaction wheels can be manipulated by varying torque and
momentum storage of the reaction wheels. However, because torque is fixed, we can only
change momentum storage. Eq. BM. 9 describes the relationship of the power requirement for
reaction wheels with torque and momentum storage [4].
𝑃𝑟𝑤
= 1000 × 𝑇𝑡 + 4.51 × 𝐻 0.47

(BM.9)
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By fixing the value of the torque and giving different values to momentum storage, power
requirement changes in magnitude. Figure BM.2 shows the influence of the momentum storage
on the power requirement of the reaction wheels.

Figure BM.2. Momentum storage and power requirement relationship for reaction
wheels.
After analyzing the figure BM.2, we conclude that significant portion of the power
requirement comes from torque. Further analysis shows that changing values of momentum
storage does not affect propellant mass because decreasing momentum storage increases pulse
numbers. Therefore, mass of the propellant stays same.
III. Future Work

During the return to the earth, sensors will send the computer the orientation data. In order to
determine the size of the correction, we need to develop equations of motion for the spacecraft
for the whole trip. This will allow computer on board to calculate the error in angles and correct
it.
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Appendix BN| Power Storage Systems
I. Introduction
We require power storage systems to supply power at times when power production is not
available or is not sufficient to operate critical systems. Batteries are the most common
temporary energy storage device on Earth and on spacecraft. Batteries function by using
chemical reactions to create a flow of electrons. The chemicals in the reaction are contained
within the battery itself. Fuel cells also operate by converting chemical energy into electricity,
however fuel cells use external sources of fuel and oxidizer to supply electricity.

II. Lithium-Ion Battery
Lithium-ion batteries are a type of rechargeable battery that is common for portable
electronics. Lithium-ion batteries have been proven to be capable of operating in a range of
devices and have recently been integrated into various electric vehicles.

A. Performance

1. Properties

The properties of lithium-ion batteries are important in determining the mass and volume of
the power supply that is required for a vehicle or system. Table BN.1 presents the property
values that were used to calculate the size of the power supply.

Table BN.1: Relevant Properties of Lithium-Ion Batteries [1]
Property

Value

Specific Energy

950 kJ/kg

Energy Density

2.230 GJ/m3

Specific Power

340 W/kg
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III. Charging and Discharging
Lithium-ion batteries require charging and discharging processes to occur within a
temperature range of 5 to 45 °C. Charging or discharging the batteries outside of this temperature
range degrades the battery, reducing the minimum energy storage and reducing the life of the
battery [2].

Charging and discharging of the batteries is not 100% efficient, meaning that the energy that
is released by the battery will always be less than the energy used to charge the battery. The
charge/discharge efficiency for lithium-ion batteries that we used for sizing the power supply
system is 80% [3].

IV. Self-Discharge
Batteries undergo self-discharge when chemical reactions occur within the battery without a
connection between the electrodes. Self-discharge is important to account for since selfdischarge reduces the amount of energy that is stored. The rate of self-discharge is dependent
upon the type of battery and the temperature of the battery. High battery temperatures increase
the rate of self-discharge; therefore it is important to maintain the temperature of the batteries to
the range listed in the previous subsection Charging and Discharging. Self-discharge rates also
increase with the age of the battery [4].

V. Battery Life
The lifespan of a battery is typically defined as the number of complete charge-discharge
cycles. Storing also degrades the batteries and reduces the life, with temperature being a critical
factor in the rate of degradation as mentioned preciously in the subsection Self-Discharge.
Lithium-ion batteries are capable of achieving lifetimes up to 10,000 cycles with certain
materials used for the anodes [5].
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VI. Materials
The materials used in the components of the batteries determine the performance of the power
supply system. The material choices have varying costs and benefits: safety, power output,
energy density, durability, price, operating temperature, charging rate, etc.

Table BN.2: Relevant Properties of Lithium-Ion Batteries
Component
Cathode

Material

Benefit

Lithium Nickel Manganese Cobalt

Energy density, power output,

Oxide [6]

safety
Power output, charging time,

Anode

Lithium Titanate [7]

durability,

safety,

operating

stability,

moisture

temperature
Electrolyte

Lithium tetra fluoroborate in ethylene

Thermal

carbonate solvent [8]

tolerance

VII. Safety
1. Risks

The primary risks associated with lithium-ion batteries is combustion of the battery and cell
rupture. Overheating or overcharging may cause the battery to suffer from thermal runaway
which can cause cell rupture and combustion of the battery. The chemicals in lithium-ion
batteries are not typically toxic to human beings, but a cell rupture that is the product of thermal
runaway would produce a discharge of heated chemicals that could cause burns. Battery fires
can also cause burns and consumes oxygen if it is available.
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2. Safety Features

We design the lithium-ion battery power storage systems with the following safety features:
a shut-down separator to prevent overheating, a tear-away tab and vent to relieve internal
pressure, and a thermal interrupt to prevent overcharging.

VIII. Magnesium-Ion Battery
Magnesium-ion batteries are currently a developing technology that could provide higher
specific energy than lithium-ion batteries. We analyzed this technology as a potential power
supply system to compare to the systems designed using modern, commercially developed
technology.

A. Performance

1. Technology Readiness Level

As a developing technology, we find it difficult to perform an accurate analysis of
magnesium-ion batteries for the power storage system. There are different paths being explored
into developing magnesium-ion batteries for commercial use. Each of these development paths
are at different technology readiness levels (TLR), the highest of which could be classified as
five or six.

2. Properties

The properties of magnesium-ion batteries are important in determining the mass and volume
of the power supply that is required for a vehicle or system. Table BN.3 presents the property
values that were used to calculate the size of the power supply. We note that the value for the
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specific energy of magnesium-ion batteries is not based on the performance of a physical
battery, but is estimated from computer models.

Table BN.3: Relevant Properties of Magnesium-Ion Batteries [9] [10]
Property

Value

Specific Energy

1440 kJ/kg

Energy Density

3.60 GJ/m3

Specific Power

-

IX. Hydrogen Fuel Cell
Regenerative hydrogen fuel cells are a viable solution to short- and long-term energy storage
needs. A regenerative hydrogen fuel cell system is a closed cycle system. The water produced
by the fuel cell is stored and, using electrolysis, is broken down into hydrogen and oxygen gas.

A. Nomenclature
𝐷

= diameter, m

𝑑

= distance travelled by vehicle, m

𝐻

= enthalpy, kJ/mole

̅̅̅
ℎ𝑓𝑜

= standard formation enthalpy, kJ/mole

ℎ̅

= specific enthalpy, kJ/mole

∆𝐺 𝑜

= Gibbs free energy, kJ/mole

𝑚

= mass of tank, kg

𝑛𝑖

= number of moles of gas, mol

𝑃

= pressure, kPa

𝑅̅

= universal gas constant, kJ/mol-K

𝑆

= entropy, kJ/mole.K

̅̅̅
𝑠𝑜

= specific entropy, kJ/mol-K
Kyle Schwinn | 834

Appendix BN

Project Aldrin-Purdue

𝑇

= temperature, K

𝑡

= tank shell thickness, m

𝑉

= volume, m3

𝑉𝑙𝑖𝑓𝑡

= velocity of lifting payload, m/s

𝑊

= work produced, N

𝜂𝐹𝐶

= fuel cell efficiency

𝜎

= CFRP strength, GPa

𝜌

= CFRP density, kg/m3

B. Fuel Sizing

1. Ideal System

The reaction that occurs in the hydrogen fuel cell can be seen in the equation:
2(𝐻2 )(𝑔) + (𝑂2 )(𝑔) ⇒ 2(𝐻2 𝑂)(𝑙)

(𝐵𝑁. 1)

We calculate the energy released in Eq. (BN.1) using Eqs. (BN.2-BN.4)
∆𝐻𝑟𝑥𝑛 = 𝐻𝑝𝑟𝑜𝑑 − 𝐻𝑟𝑒𝑎𝑐𝑡

(𝐵𝑁. 2)

where
𝐻𝑟𝑒𝑎𝑐𝑡 = 2
+1

𝑚𝑜𝑙 𝐻2 𝑜
̅̅̅ + ℎ̅(𝑇𝑟𝑒𝑎𝑐𝑡 ) − ℎ̅(𝑇𝑟𝑒𝑓 ))
(ℎ
𝑚𝑜𝑙 𝑂2 𝑓
𝐻2

𝑚𝑜𝑙 𝑂2 𝑜
̅̅̅ + ℎ̅(𝑇𝑟𝑒𝑎𝑐𝑡 ) − ℎ̅(𝑇𝑟𝑒𝑓 ))
(ℎ
𝑚𝑜𝑙 𝑂2 𝑓
𝑂2

(𝐵𝑁. 3)

and
𝐻𝑝𝑟𝑜𝑑 = 2

𝑚𝑜𝑙 𝐻2 𝑂 𝑜
̅̅̅ + ℎ̅(𝑇𝑝𝑟𝑜𝑑 ) − ℎ̅(𝑇𝑟𝑒𝑓 ))
(ℎ
𝑓
𝑚𝑜𝑙 𝑂2
𝐻2 𝑂

(𝐵𝑁. 4)
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If we assume a perfectly designed fuel cell we still cannot recover all of the energy released as
electricity. The minimum amount of useful energy is known as the Gibbs free energy and is
calculated using the equation:
∆𝐺 𝑜 = ∆𝐻𝑟𝑥𝑛 − 𝑇∆𝑆𝑟𝑥𝑛

(𝐵𝑁. 5)

𝑇∆𝑆𝑟𝑥𝑛 = 𝑇𝑝𝑟𝑜𝑑 𝑆𝑝𝑟𝑜𝑑 − 𝑇𝑟𝑒𝑎𝑐𝑡 𝑆𝑟𝑒𝑎𝑐𝑡

(𝐵𝑁. 6)

where

and
𝑆𝑟𝑒𝑎𝑐𝑡 = 2

𝑚𝑜𝑙 𝐻2 𝑜
𝑃
(𝑠̅̅̅(𝑇𝑟𝑒𝑎𝑐𝑡 , 𝑃𝑟𝑒𝑎𝑐𝑡 ) − ̅̅̅
𝑠 𝑜 (𝑇𝑟𝑒𝑓 , 𝑃𝑟𝑒𝑓 ) − 𝑅̅ ∗ ln (
))
𝑚𝑜𝑙 𝑂2
𝑃𝑟𝑒𝑓

𝐻2

+1

𝑚𝑜𝑙 𝑂2 𝑜
𝑃
(𝑠̅̅̅(𝑇𝑟𝑒𝑎𝑐𝑡 , 𝑃𝑟𝑒𝑎𝑐𝑡 ) − ̅̅̅
𝑠 𝑜 (𝑇𝑟𝑒𝑓 , 𝑃𝑟𝑒𝑓 ) − 𝑅̅ ∗ ln (
))
𝑚𝑜𝑙 𝑂2
𝑃𝑟𝑒𝑓

(𝐵𝑁. 7)

𝑚𝑜𝑙 𝐻2 𝑂 𝑜
(𝑠̅̅̅(𝑇𝑝𝑟𝑜𝑑 , 𝑃𝑝𝑟𝑜𝑑 ) − ̅̅̅
𝑠 𝑜 (𝑇𝑟𝑒𝑓 , 𝑃𝑟𝑒𝑓 ))
𝑚𝑜𝑙 𝑂2
𝐻2 𝑂

(𝐵𝑁. 8)

𝑂2

𝑆𝑝𝑟𝑜𝑑 = 2

The change in the Gibbs free energy is assumed to be the electrical energy produced by the
fuel cell. We assume the hydrogen and oxygen gas used in the fuel cell has initial temperatures
equal to the atmospheric temperature on Mars. The surface temperature on Mars varies greatly,
but the summer high daytime temperature near the equator is 20 °C [11]. We will use 25 °C as
the initial temperature of the gases because it is the reference temperature of thermodynamic
properties, which simplifies the calculations in Eq. BN.3. We cannot accurately determine the
temperature of the product water; therefore we will assume the product temperature is equal to
the reactant temperature. We also assume the pressure of the reacting gases and the product
water are equal to the reference pressure of 1 atmosphere, or 101.325 kilopascals.

Table BN.4: Thermodynamic Properties of Reactants and Products [12][13]
Property

H2

O2

H2O

State

Ideal Gas

Ideal Gas

Liquid

0 kJ/mole

0 kJ/mole

-285.83 kJ/mole

ℎ̅(𝑇)

8.468 kJ/mole

8.682 kJ/mole

0.0066 kJ/mole

ℎ̅(𝑇𝑟𝑒𝑓 = 298 𝐾)

8.468 kJ/mole

8.682 kJ/mole

0.0066 kJ/mole

̅̅̅
ℎ𝑓𝑜
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̅̅̅
𝑠 𝑜 (𝑇)
̅̅̅
𝑠 𝑜 (𝑇𝑟𝑒𝑓 = 0 𝐾)

0.131 kJ/mol-K

0.205 kJ/mol-K

0.07 kJ/mol-K

0 kJ/mol-K

0 kJ/mol-K

0 kJ/mol-K

Using Eqs. BN.2-BN.8 and the values in Table BN.4 we calculate the heat of reaction and the
change in Gibbs free energy as:
∆𝐻𝑟𝑥𝑛 = −571.66

𝑘𝐽
𝑘𝐽
; ∆𝐺 𝑜 = −474.214
𝑚𝑜𝑙 𝑂2
𝑚𝑜𝑙 𝑂2

2. Real System

We know that the Gibbs free energy is the minimum amount of usable energy that can be
obtained from the ideal system, but this is does not mean the fuel cell has 100% efficiency. The
efficiency of the fuel cell can be calculated as:

𝜂𝐹𝐶 =

𝑊𝑒𝑙𝑒𝑐
∆𝐺 𝑜
=
= 83%
∆𝐻𝑟𝑥𝑛 ∆𝐻𝑟𝑥𝑛

(𝐵𝑁. 9)

We calculate the minimum efficiency of the ideal fuel cell to be 83%; however, for our real
system we will approximate the efficiency, based on existing fuel cell technologies, to be 50%
[14]. This efficiency gives us an energy density:

𝑊𝑒𝑙𝑒𝑐 = 𝜂𝐹𝐶 ∆𝐻𝑟𝑥𝑛 = −285.8

𝑘𝐽
𝑚𝑜𝑙𝑒 𝑂2

(𝐵𝑁. 10)

With an energy density for the power system, we can now calculate the mass of the hydrogen
and oxygen gas that is required to fuel the system. We know that, for every mole of oxygen, we
require two moles of hydrogen gas and we will produce two moles of water.

X. Tank Sizing and Optimization

1. Material Selection
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Since the power system would be on a moving vehicle, we desire the lightest possible tanks
without compromising the strength. Metals are a common material used in pressure vessels,
with aluminum being used because of its strength-to-weight ratio. Composite materials also
have high strength-to-weight ratios, with carbon fiber amongst the highest. High pressure tanks
are already manufactured using carbon fiber composites, with carbon-fiber-reinforced polymers
(CFRP) amongst the greatest strength-to-weight. The material properties used in the sizing
calculations are found in Table BN.5.
Table BN.5: Relevant Properties of Carbon-Fiber-Reinforced Polymer (Std. CF UD) [15]
Property

Value

Strength, 𝜎

1.5 GPa

Density, 𝜌

1600 kg/m3

When storing gaseous hydrogen in pressure vessels, the pressure vessels are categorized,
with Type IV being carbon-fiber tanks with polymer liner. Type IV tanks have an approximate
minimum pressure limit of 700 bars [16]. We choose this pressure for the hydrogen storage
tank. When storing gaseous oxygen in pressure vessels, the pressure rarely exceeds 200 bar due
to the risk of fire caused by adiabatic heating as the gas exits the tank [17]. Therefore, we
choose 200 bar to be the minimum pressure for the oxygen storage tank. The water produced in
the fuel cell is liquid, therefore the pressure inside the water storage tank will be 1 atm (1.01
bar) as was assumed in the ideal system. Knowing the pressure for a gas, we can calculate the
volume using the ideal gas equation:

𝑉𝑖 =

𝑛𝑖 𝑅̅ 𝑇𝑖
𝑃𝑖

(𝐵𝑁. 11)

We choose the general shape of the pressure vessels to be cylindrical with hemispherical
ends. This design is common amongst high pressure vessels and allows for changes in the
length and diameter without changing the volume, which allows us to optimize the length and
diameter of the tank for mass and strength considerations. Figure BN.1 shows the general tank
dimensions.
Kyle Schwinn | 838

Appendix BN

Project Aldrin-Purdue

Figure BN.1: A diagram of the dimensions of the internal tank volume.
We calculate the mass of the tank using the equation:

2
3
𝐷
𝐷 2
4
𝐷
𝐷 3
𝑚 = 𝜌 (𝜋(𝐿 − 𝐷) (( + 𝑡) − ( ) ) + 𝜋 (( + 𝑡) − ( ) ))
2
2
3
2
2

(𝐵𝑁. 12)

where the length is a function of the diameter and tank volume
𝐿=

1 12𝑉
(
+ 𝐷)
3 𝜋𝐷2

(𝐵𝑁. 13)

and the thickness of the shell is determined using the equation for hoop stress:
𝑡=

𝐷
𝑃 (2)
𝜎

(𝐵𝑁. 14)

We optimize the tank mass by varying the diameter of the tank up to the case where the
diameter and length are equal, which would be a spherical tank; we then calculate the mass of
each tank and determine which configuration has the lowest mass.

XI. Additional System Components

In addition to the gases and the tanks that contain them, the power supply system has many
other crucial components that add to the mass of the system. We have to consider the mass of
the proton exchange membrane (PEM) cell and the pipes, valves, and pressure regulators. Since
this system is regenerative, we require an electrolysis system that converts the product water
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back into hydrogen and oxygen gas. We also require compressors to compress the two gases
back into their tanks.

XII. Safety

1. Risks

The primary risks associated with hydrogen fuel cells are leaks of the volatile gases, or tank
explosions. Both risks pose the threat of causing ignition, which can damage other equipment
and has the potential to injure or kill any people nearby.

2. Safety Features

We design the tanks in the hydrogen fuel cell system with a factor of safety of 1.5 to reduce
the risk of a tank rupture. Also, we place the hydrogen fuel cell system on the chassis of the
rover to keep it as far away from the crew as possible. Check valves are integrated into the
system to prevent back-flow of the gases, which can damage the components in the system or
cause pressure spikes that initiate leaks or explosions.
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Appendix BO| Surface Vehicle Power Analysis
I. Power Requirement Analysis
A. Nomenclature
𝐴

= vehicle reference area, m2

𝑎𝑣𝑒ℎ𝑖𝑐𝑙𝑒

= acceleration of crane to reach cruising velocity, m/s2

𝑐𝐷

= drag coefficient

𝑐𝑟𝑓

= rolling friction coefficient

𝐷

= drag, N

𝑑

= distance travelled by vehicle, m

𝐸

= energy, J

𝐹

= force to move rover, N

𝑔

= local acceleration due to gravity, m/s2

𝑚𝑣𝑒ℎ𝑖𝑐𝑙𝑒

= mass of vehicle, kg

𝑚𝑝𝑎𝑦

= mass of payload, kg

𝑃𝑙𝑖𝑓𝑡

= lifting power requirement, W

𝑃𝑝𝑒𝑎𝑘

= peak power requirement, W

𝑃𝑠𝑡𝑒𝑎𝑑𝑦

= steady power requirement, W

𝑅𝐹

= rolling friction, N

𝑉

= velocity of vehicle, m/s

𝑉𝑙𝑖𝑓𝑡

= velocity of lifting payload, m/s

𝑊𝑣𝑒ℎ𝑖𝑐𝑙𝑒

= weight of vehicle in local gravity, N

𝜃

= inclination of surface, degrees

𝜌𝑎𝑡𝑚

= atmospheric density, kg/m3
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II. Theory

The force required to move the vehicle, F, is analyzed using the free-body diagram in (Fig.
BO.1).

Figure BO.1: Free body diagram of forces on vehicle
We calculate the force, F, using Eqs. (BO.1-BO.3):
𝐹 = (𝑊𝑣𝑒ℎ𝑖𝑐𝑙𝑒 + 𝑊𝑝𝑎𝑦 ) sin(𝜃) + 𝑅𝐹 + 𝐷 + (𝑚𝑣𝑒ℎ𝑖𝑐𝑙𝑒 + 𝑚𝑝𝑎𝑦 )𝑎𝑣𝑒ℎ𝑖𝑐𝑙𝑒

(𝐵𝑂. 1)

𝑅𝐹 = (𝑊𝑣𝑒ℎ𝑖𝑐𝑙𝑒 + 𝑊𝑝𝑎𝑦 ) cos(𝜃) 𝑐𝑟𝑓

(𝐵𝑂. 2)

where

and
𝐷=

1
𝜌 𝑉 2 𝑐𝐷 𝐴
2 𝑎𝑡𝑚

(𝐵𝑂. 3)

We calculate the energy required to move the vehicle using the equation:
𝐸 =𝐹∗𝑑

(𝐵𝑂. 4)

We calculate the peak and steady power requirements using the equations:
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𝑃𝑝𝑒𝑎𝑘 = 𝐹 ∗ 𝑉; 𝑎𝑣𝑒ℎ𝑖𝑐𝑙𝑒 > 0

(𝐵𝑂. 5)

𝑃𝑠𝑡𝑒𝑎𝑑𝑦 = 𝐹 ∗ 𝑉; 𝑎𝑣𝑒ℎ𝑖𝑐𝑙𝑒 = 0

(𝐵𝑂. 6)

The power required to lift a payload is calculated using the equations:
𝑊𝑝𝑎𝑦 = 𝑚𝑝𝑎𝑦 𝑔

(𝐵𝑂. 7)

𝑃𝑙𝑖𝑓𝑡 = 𝑊𝑝𝑎𝑦 𝑉𝑙𝑖𝑓𝑡

(𝐵𝑂. 8)

III. Rover Power Analysis

1. Analysis
To analyze the power requirements for the rover, we use the project specifications to define
the worst-case scenario. The rover travels up a 30° incline for half of its 200 kilometer journey
at a constant velocity of 20 km/hr (𝑎𝑟𝑜𝑣𝑒𝑟 = 0); the second half of the journey is on a 30°
decline, which is steep enough to move the rover using gravity alone. The total energy required
to move the rover is calculated over a range of half-journey inclinations from 0° to ±30°, with
±30° producing the highest required energy (Fig. BO.2). The required energy is used to size the
power supply system.
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Fig. BO.2 A comparison of the total required energy to the half-journey inclination.
We determine the peak and steady power requirements using the Eqs. (BO.5-BO.6). We use
the peak power requirement as a sizing criterion for the power supply system.

IV. Crane Power Analysis

1. Power Supply System Feasibility
The first mission of the crane is to retrieve the XM-3 modules and assemble the colony
before humans arrive. The duration of this mission is over two years, which makes energy
storage an impractical option for the crane. We require energy to be produced on site in order to
power the crane. Solar power, nuclear reactors, and radioisotope thermoelectric generators
(RTG) are the most viable options for the power supply system and our selection is determined
by the power requirement of the crane.

V. Energy and Power Requirement Analysis
We determine the maximum power required by the crane by comparing the power
requirements of the individual tasks performed by the crane. Lifting payloads is the primary
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task of the crane, but the crane must also carry the payload across terrains of varying
inclination.

We also require the crane to retrieve the HuLa capsule and put it on the rover chassis,
therefore we design the crane with the capability to move quickly. The power requirement for
this task is calculated using Eqs. (10.3-10.8) with no payload on the crane.
The largest mass the crane can lift is 65 Mg on Mars’ surface, therefore we use this mass as
our payload for the worst-case scenario. Since the lifting power is dependent upon the lifting
velocity as much as it is the weight of the payload, we use slow lifting speeds to keep the lifting
power low.

We add the mass of the payload to the mass of the crane to calculate the power requirements
of moving across the Martian surface. We choose a low travelling velocity for two reasons:
maintain a low power requirement and limit the risk of tipping the crane. Without the payload
on the crane, the vehicle is significantly lighter which allows for increased travelling velocity.
Table BO.1 presents the parameters used to calculate the peak power requirements for each
crane task.

Table BO.1: Power requirements on Mars
𝑉𝑙𝑖𝑓𝑡

𝑉

Crane Task

𝑚𝑝𝑎𝑦

𝑚𝑐𝑟𝑎𝑛𝑒

𝑎𝑐𝑟𝑎𝑛𝑒

𝜃

𝑃𝑝𝑒𝑎𝑘

Lifting

-

0.01 m/s

65 Mg

6 Mg

-

-

2.41 kW

Driving

10 km/h

-

-

6 Mg

0.75 m/s2

30°

48.8 kW

0.18 km/h

-

65 Mg

6 Mg

0.01 m/s2

30°

7.76 kW

Driving w/
payload

The results of the calculations, presented in Table BO.1, show that the highest power is
required when the crane is travelling without a payload at a velocity of 10 km/h. We use the
peak power of 48.8 kW to determine the size of the power supply system.
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VI. Power Supply System Selection
The power requirements of the crane eliminate the possibility of using an RTG as a power
source due to the low specific power of current RTG technology. RTG technology has existed
for several decades without significant advances in efficiency. Therefore, it is unreasonable to
assume the technology will be sufficient to provide the necessary power for the crane within the
next 15 to 25 years.

Solar power could be used to power the crane, but with high system complexity. The solar
power system could not be integrated into the crane structure due to the large area required to
collect the necessary energy. Energy would have to be collected remotely and stored. The stored
energy would then be transferred to the crane and stored onboard. The crane would have to
recharge frequently, which would delay the progress of the mission. This system would require
more infrastructure and, therefore, a greater launch mass.

Nuclear reactors can be scaled to provide the necessary power for the crane and can provide
the necessary power for many years without the need for new fuel or the removal of the reactor
waste. The reactor requires shielding to protect the electronics in the crane and to protect
humans living near the crane. Certain power generation cycles can be designed with throttling
capabilities, which allows varying levels of power production.
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Appendix BP| Nuclear Power Systems
I. Introduction
Due to the power requirements of a Mars mission of this magnitude, we must consider
nuclear power as a means of energy production. Several experimental systems are considered to
achieve the energy needs of the different vehicles. The untested nature of these systems provide
a major obstacle.

For each application we must consider cooling methods and energy

conversion devices, of which many are untested. To decide which system is feasible for the
appropriate vehicle, the goals of the mission along with their risks must be assessed.

II. Nuclear Power Options
Proven nuclear reactors are still too large or too small for our use, in the range of watts or
megawatts. These proven systems include the small scale nuclear devices such as radioisotope
thermal electric generators (RTG) used to power satellites or large scale nuclear power plants
used to power cities.

Devices in our kilowatt energy range are in production but still

experimental.

Conversion units differ dependent on the size of reactor and amount of thermal energy
production. A potassium heat pipe radiator expels excess heat from the reactor. All power
options use heat pipes to transfer thermal energy from a reactor to a power conversion unit. The
heat pipes use largely liquid metals or salts (lithium or sodium) as their working fluid because of
the high temperatures of running nuclear reactors. Table BP.1 shows various systems and their
properties. These properties include: thermal energy output from the reactor, electrical energy
produced by the conversion system, the working fluid of the conversion system, and the
technology readiness level (TRL). As shown in table BP.1, the TRL never exceeds 6 showing
that these systems are mainly experimental.
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Table BP.1: System parameters for experimental nuclear power units
System

Thermal Energy (kWt)

Electrical Energy (kWe)

Working Fluid

TRL

SP-100
HPCMR
HOMER-15
SAFE-400
SAIRS

600
1600
15
400
407

20
112
3
100
111

Lithium
Lithium
Sodium
Sodium
Sodium

5
5
6
5
3

III. Nuclear Risks
As with all power production systems, there are a multitude of risks involved. Nuclear
reactors have a unique set of risks.

A. Nuclear Meltdown
Nuclear meltdowns occur when a reactor is not properly cooled. In these relatively small
systems, this may be a prominent issue. Heat pipe failure could lead to nuclear meltdown in
certain scenarios. Components in the power conversion unit have an impact on the failure of a
reactor system as well. These components include, but are not limited to: turbines,
compressors, alternators, heat exchangers, and radiators. There must be preventative measures
to make sure these failures do not occur. Constant supervision of the nuclear reactors is
recommended as we do not know exactly how the reactor and its components react to Mars’
unpredictable atmosphere.

IV. Radiation Shielding
Another concern is shielding failure. Nuclear reactors produce a significant amount of
radiation that could harm or kill the astronauts. Although it is extremely uncommon for
radiation shields to fail during reactor use, this is still a possible scenario to consider. The best
option for Mars habitation module (habs) power production is to have a semi-isolated hab with
extensive emergency shutdown procedures to prevent any radiation from coming in contact with
the astronauts.
Lee Westropp | 850

Appendix BP

Project Aldrin-Purdue

V. Orbital Failure
If a spacecraft were to return to earth carrying an active nuclear reactor it could cause
massive damage. Thus, it is important that we do not start our cycler/cargo reactors until we are
certain that a return to earth trajectory is not possible. This is not as much of a concern when
moving reactors onto the Mars surface because it would not endanger as many lives.

VI. Reactor History
Fortunately, in all of nuclear reactor history, there have only been three catastrophic
failures. Comparing this to the cumulative 14,500 years of reactor lifetime shows that nuclear
power is a relatively safe power option when handled correctly. To put it in perspective there is
a mean failure rate of 0.002 failures per year of operation. Figure BP.1 below shows the deaths
per terawatt of four different power production methods, nuclear being the least by a large
margin.

Figure BP.1: Deaths related to various power production methods

VII. Vehicle Decisions
Because of the highly compact and versatile nature of nuclear reactor systems, many of
the vehicles for the Mars mission were considered.

After further analysis however, we

determined that many of the vehicles were not good candidates for nuclear power. The untested
nature of small scale nuclear power systems and accompanying risks drove the decision to use
alternate power systems in most vehicles.
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A. Satellites
Satellites require very small power production because of the lack of life support and
small size. In some proven systems, RTGs are used to produce power. In others, a simple solar
and battery combination was sufficient. For our purposes a solar and battery combination was
most feasible due to variable power requirements for satellite communication. Table BP.2
displays the recommended power system for satellites being used for our mission. We decided
to use lithium-ion batteries and deployable ATK circular solar panels.

Table BP.2: Satellite combined solar-battery power system
Parameter

Battery

Solar

Energy/Power
Mass

42.65 MJ
0.047 Mg

14.24 kW
0.275 Mg

Volume
Diameter

0.015 m^3
--

0.356 m^3 stowed
12.5 m

B. Short Burst Systems
Many vehicles used in our mission need power systems that can quickly provide energy for
a short period of time. The power systems in these vehicles must be started and stopped quickly
and often. Because nuclear reactors lose significant power on restart, we chose to use batteries
for these vehicles. Table BP.3 shows the systems that use solely lithium-ion battery systems.

Table BP.3: Lithium-Ion battery power systems
System

Total Power (MJ)

Total Mass (Mg)

Total Volume (m3)

MAM
PAM

70.57
61.2

0.040
0.046

0.014
0.016

Rover
HuLa

3558.7
2.39

3.262
0.003

1.507
0.001

C. Extended Travel Systems
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Vehicles that transport astronauts and cargo are subjected to solar rays for the entirety of
their mission. Extended travel systems also require continuous power for life support and
communication. Nuclear power in these scenarios at first seemed most viable because of high
power requirements, small stowage space, and continuous power regardless of sunlight
conditions. Solar panels lose power much more quickly than reactors over time but are much
safer. After analyzing the power production across all mission parameters, collapsible solar
rays were determined to be the most viable system. Table BP.4 shows systems using ATK
collapsible, circular solar panels.

Table BP.4: Solar panel power systems
System

Total Power

Total Mass (Mg)

Stowed Volume

Diameter (m)

3

(kW)

Deployed Area
(m2)

(m )

Cycler A
Cycler B

281.4
271.4

1.31
1.27

7.035
6.66

28
27

1059
1022

BA-330
CarLa
XM-3 Capsule

13.96
32.2
74.57

0.182
0.349
0.802

0.349
0.805
1.86

10.5
14.5
22

173
165
379.9

D. Nuclear Power
The drastically changing Mars atmosphere provides many problems for power production.
Dust storms and the large distance from the sun make solar panel use difficult. Extremely large
solar farms were considered for power production on the Mars and Phobos surfaces. In these
scenarios, nuclear power made the most sense. A nuclear reactor system can be placed outside
of the habitation modules to produce power for the Mars and Phobos bases. This leaves
valuable space inside the habs for other necessary components. The athlete crane consumes
massive amounts of power when lifting and transporting the XM modules. Battery systems are
not effective on this scale and transport is a long process. Similar reasons that make solar
ineffective for the Mars habs make them ineffective for the athlete crane. A nuclear reactor with
Brayton closed conversion cycle with regeneration was chosen for the habs and athlete crane.
Table BP.5 displays the size of power systems on the Mars and Phobos bases as well as the
athlete crane.

Table BP.5: Nuclear power for habs on Mars and Phobos
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Power Required

Thermal Power

Brayton Converter

Reactor Mass

Total Mass

(kWe)

(kWt)

Mass (Mg)

(Mg)

(Mg)

Phobos
Mars

67.32
196.896

274.44
802.67

1.43
3.04

0.71
2.07

2.14
5.01

Crane

75

305.75

1.53

0.788

2.32
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Appendix BQ| Nuclear Reactor Design
I. Nuclear Fuel
High energy production, compactness, reliability, and efficiency are required for a mission
of this magnitude. The reactors in our systems will use Uranium Nitrate (UN). Its properties
allow for a long lifetime with minimal loss of power over this lifetime. Table BQ.1 shows the
lifetime and power loss of these reactors.

Table BQ.1: Uranium Nitrate lifetime and power loss
Property

Value

Typical Lifetime
Conceptual Lifetime
Initial Power Loss
10 minute Loss
Monthly Loss
Lifetime Loss

5-7 years
10-15 years
3%
1%
0.1%
4.6% - 4.84%

Table BQ.1 shows the lifetime loss for UN reactors to be less than five percent. Power
loss percentages for a UN reactor are significantly less than other spacecraft systems such as
solar panels. It is important to note the initial and 10 minute power loss percentages here. The
high losses show that starting and stopping a reactor has significant effects on the degradation of
power. In just five restarts, there is a potential power loss of 20%.

II. Reactor Configuration
The reactor we will use for power production in our vehicles will consist of a honeycomb
structure of UN fuel rods and heat pipes. Figure BQ.1 shows the configuration of heat pipes
and UN fuel rods. The configuration is repeated radially outward, with the number of heat
pipes being dependent on the number of fuel rods. The number of fuel rods can be scaled
dependent on power needs of the system. The height of the reactor is dependent on the
evaporator section of the heat pipes, which must be long enough to allow for the working fluid
in the heat pipe to change phase from liquid to vapor.
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Heat transfer material
Heat pipes
UN fuel rods

Figure BQ.1: Reactor configuration

Figure BQ.1 shows how no fuel rods are in direct contact. Each fuel rod is in contact with
six heat pipes, allowing for ample heat transfer for all rods with redundancy. Adjacent heat pipe
failure effects at the least two fuel rods. In the case that failed heat pipes are adjacent, power
output must be reduced to prevent meltdown. Because of the reliability of heat pipes, minimal
failure is to be expected.

III. Heat Pipe Design
Effective heat pipes are essential to the survival of the nuclear reactor. These pipes must
carry the thermal energy produced by the reactor to our system for energy conversion and heat
dissipation. The working fluid needs to smoothly and continuously change phase in both the
condenser and evaporator sections, while effectively transferring the maximum amount of heat
to the power conversion system.

A. Heat Pipe Concepts
Heat pipes use the properties of a fluid changing phase from vapor to liquid in the
condenser section and liquid to vapor in the evaporator section. The evaporator section is
located at the heat source. Thermal energy from the heat source is transferred through a highly
conductive outer wall into the working fluid (currently in liquid form). The thermal energy
being transferred causes the working fluid to change phases from liquid to vapor. The newly
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converted vapor is absorbed inward through a wick and transported away from the heat source
in a section of insulated heat pipe. The insulation attempts to contain the thermal energy to be
discharged by a heat sink. The vaporized working fluid enters the condenser section that is
coupled with a heat sink. The relatively cold heat sink absorbs the thermal energy from the
working fluid. As the heat sink removes the thermal energy, the working fluid cools down. As
the fluid cools, it changes phase back into a liquid and recirculates toward the heat source.

IV. Working Fluid
For a heat pipe to run smoothly, it must be configured in a way that complements the fluid
being used in the pipe. For our purposes, there are two fluids (Sodium and Lithium) that run at
temperatures high enough to cool a nuclear reactor. Higher running temperatures of these heat
pipes allow for higher performance of our power production system. By evaluating some
important properties of heat pipes we can determine which fluid we will use. Figures BQ.2
through BQ.6 show the important parameters that effect heat pipe performance. More detailed
explanation of heat pipe performance along with equations for calculating these parameters can
be found in Reay, Kew, and McGlen’s book called Heat Pipes: Theory, Design and
Applications.

Figure BQ.2: Capillary pressure of fluids in a heat pipe.
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Figure BQ.2 shows the capillary pressure across certain temperatures of sodium and
lithium in a heat pipe. Higher capillary pressure allows for the fluid to be moved more quickly
throughout the heat pipe.

As shown, Lithium has higher capillary pressure across all

temperatures.

Figure BQ.3: Effectiveness of fluids in a heat pipe.

Figure BQ.3 shows the effectiveness across certain temperatures of sodium and lithium in
a heat pipe. The effectiveness of a heat pipe is a function of density, surface tension, and
viscosity of the fluid. For heat pipes, the effectiveness is an important tool for comparing fluids
for use in the pipes. As shown, Lithium has higher effectiveness across all temperatures.
However, we can see that sodium is much more consistent across all temperatures.
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Figure BQ.4: Priming factor for fluids in a heat pipe.

Figure BQ.4 shows the priming factor for sodium and lithium in a heat pipe. Priming
factor is a parameter that helps us compare how easy it is to restart a failed heat pipe. Higher
priming factors contribute to restarting heat pipes more easily. As shown, lithium has a higher
priming factor.

Figure BQ.5: Rate of phase change for fluids in a heat pipe.
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Figure BQ.5 shows the mass flow rate of fluids changing phase in the heat pipe. Higher
mass flow rate means that more of the fluid changes phase in a shorter period of time. This is
very important in a heat pipe because it dictates how long our evaporator and condenser
sections are. If these sections are too long, it could render the entire system ineffective.
Sodium has a higher rate of mass flow, so it would be preferred.

Figure BQ.6: Important limits for fluids in a heat pipe

Figure BQ.6 shows the sonic and entrainment limits for our heat pipe. Since the
entrainment data for both lithium and sodium are so far below the limit line, we can ignore this
parameter for now. The limit displayed is a function of our heat pipe design. To achieve
optimal performance of our power production system, we would prefer to run our heat pipes at
the highest temperature possible. As you can see, the sonic limit restricts the running
temperature of the pipes. We can see that sodium and lithium have similar trends but lithium
allows for a higher running temperature.
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Lithium can run at higher temperatures and in most of these plots outperforms sodium.
However, sodium allows for more phase change mass flow which helps the rest of our system.
There are other components of the power production system that we need to account for. We
are using helium in the power conversion system, and higher mass flow of sodium along with
the temperatures it run at allow for easier design of heat exchangers in the power conversion
system. After evaluating the performance of both lithium and sodium in our entire power
conversion system and taking note of important heat pipe performance data, we choose to use
sodium in our heat pipes.
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Appendix BR| Thermal Electric Conversion System
I.Introduction
Some kind of thermal electric conversion must be employed in all nuclear reactor power
systems to harness the thermal power of a radioactive decay. On typical large scale power
plants a water cooling system with large cooling towers is used. Typical power plants use water
cooling system because of the abundance of water on the earth. There are a few issues with
water cooling systems for use on Mars. Cooling towers are have a large volume and are highly
massive. We cannot transport a systems such as this all the way to Mars. Another issue is the
lack of water on Mars. The scarce water that is on Mars needs to be used for more important
purposes. Small nuclear power devices such as radioisotope thermoelectric generators (RTG)
have very low efficiency (~5%) and produce insufficient power for our use. Issues such as this
call for a more creative system.

II. System Options
Our size nuclear power system is relatively new. The experimental thermal electric power
systems include some well-known power systems used in other applications. By adding some
extra components we can repurpose these well tested, highly reliable systems. There are also
some highly experimental systems that require much less components.

A. Thermoelectric Generators (TEG)
To provide reduced size electric power generation, use of thermoelectric generators (TEG)
is ideal. TEGs use thermal gradients passing across conductors to produce an output voltage
that can be stored as electricity. Although they only provide an efficiency of 5-8%, on small
scale systems, TEGs are very useful. Since they do not require extra components that other
thermal electric generation devices require, these generators can be scaled very easily for any
desired application. Problems for TEGs come with high power production. Because TEGs
have low efficiency, when high thermal energy is produced, it requires a large heat rejection
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system to remove excess heat. As thermal power increases, heat rejection systems become too
large to be feasible.

III. Power Cycles
Unlike the TEG and AMTEC systems, power cycles are well tested and highly reliable.
By repurposing these systems, effective power conversion can be achieved. There are three
basic power cycles: Brayton, Stirling, and Rankine. Each cycle has a different application
based upon the working fluid and user needs.

All of these cycles are closed and use

regeneration to increase efficiency. The majority of each cycle is very similar to normal
applications. The only major addition is two heat exchangers and an alternator.

All of these cycles follow a similar progression. Heat from the reactor is passed through
heat pipes to a heat exchanger linked with the cycle’s working fluid, in this case Helium. The
hot Helium progresses through the cycle’s components (turbine, compressor, etc.).

An

alternator conjoined with the turbine in each cycle transfers power from the spinning turbine to
an energy storage unit. The excess heat is passed through a heat exchanger from the Helium to
the working fluid of the radiator. After the final heat exchanger, cold Helium circles back to
cool the heat pipes and regain heat for another pass through the system.

The advantage of using a power cycle in these applications is relatively high efficiency
(~20%). Power cycles are used in a variety of applications and can easily be repurposed for our
use. A major problem with power cycles is the amount of components used in the system. This
increases the possibility of failure. If one component fails, the whole system fails. Having a lot
of components also adds to the mass and volume of the system. In our mission, it is critical to
keep our power production systems compact and light weight.

IV. Alkali-Metal Thermal to Electric Converter (AMTEC)
Alkali-Metal Thermal to Electric Converter (AMTEC) systems are similar to TEGs in that
they are small and scale easily. The difference with AMTEC pipes is the use of vaporized
sodium. AMTEC pipes generate work by expanding vaporized sodium and converting it into
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electrical power. The AMTEC system experimentally reaches upwards of 20% efficiency.
Essentially AMTEC pipes retain the benefits of both TEGs and Cycle systems, high efficiency
without the addition of many other components. The AMTEC system allows for optimal
scalability while avoiding large mass increases.

Unfortunately, the AMTEC system is

extremely experimental and not even close to ready for our mission.

V. Comparison
The unique Mars mission confines our decision of which conversion system to use. We
must keep mass numbers low and efficiencies high without exceeding the bounds of tested
systems.

Table BR.1 shows a comparison of each system for an electrical power output

requirement of 100 kW.

Table BR.1 Thermal electric conversion system comparison
System

Efficiency

Mass (Mg)

TRL

Brayton
Rankine

22%
22%

2.8
2.1

8
6

Stirling
TEG
AMTEC

30%
5%
25-30%

3.2
5
1.1

5
5
3

Table BR.1 shows that the only systems eclipsing a TRL of 5 are the Rankine and Brayton
cycles. Beyond this, the Brayton cycle is the only thermal electric conversion system to be
almost completely ready. Unfortunately, the efficiencies of these systems are not as high as the
AMTEC or Stirling systems. Comparing the Brayton and Rankine cycles you can see that there
is a significant mass savings from using the Rankine cycle. Figure BR.1 displays the scalability
of various thermal electric conversion systems.
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Figure BR.1: Mass scaling of different conversion systems dependent on electrical
power needed.

Figure BR.1 shows how each thermal electric conversion system scales as more electric
power is needed. As shown, TEGs are the least scalable system followed by the Stirling,
Brayton, and Rankine. From before we witnessed that the Rankine cycle at 100 kW is has much
less mass. Figure BR.1 shows that this system scales effectively as well.

Even though many of these systems have more benefits to the Brayton cycle, none come
close enough to the required readiness. The Brayton cycle is effective for our power needs and
scales reasonably well in our range. It also provides a relatively compact, efficient system that is
of low enough mass to be transported to Mars.
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VI. Closed Brayton Cycle with Regeneration

A modified closed Brayton cycle with regeneration was chosen because of its readiness for
our mission. The modification includes two heat exchangers and an alternator. Figure BR.2
shows a diagram of the Brayton power cycle and its major components.

Figure BR.2: Modified closed Brayton power cycle diagram

Figure BR.2 shows how the working fluid (Helium) progresses through the Brayton cycle.
Values for the temperature of Helium are shown at each stage. Similar to the explanation
preceding this section, thermal energy produced by the reactor travels through Sodium heat pipes
to a heat sink heat exchanger linked with Helium. A turbine uses the energy in the hot helium to
power a compressor and transfer work to an alternator which converts the work into electrical
energy. Helium then passes through a recuperator (basically a heat exchanger used to increase
cycle efficiency) and then to the heat rejection heat exchanger. The heat from the Helium is
transferred to a Potassium heat pipe radiator which expels the excess heat to the surrounding
environment. Helium then progresses through a compressor, back through the recuperator and
finally returns to its starting position at the heat sink heat exchanger. Figure BR.2 shows the
temperature of Helium at each station, efficiency values for each component, and the compressor
pressure ratio (CPR) and turbine pressure ratio (TPR) for the compressor and turbine. In this
case, 222 kW of electrical power is produced by the system from 900 kW of thermal power
Lee Westropp | 866

Appendix BR

Project Aldrin-Purdue

produced by the reactor. A radiator must expel the excess 677 kW of thermal power from the
system. This particular Brayton power cycle has an overall efficiency of 24.7%.
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Appendix BS| Radioisoptic Power Generation Device Study
I. General Purpose Heat Supply Radioisotope Thermoelectric Generators
The GPHS-RTG produces electricity from thermocouples with the passive thermal output of a
Pu-238 element. Because thermocouples have an efficiency of around 7-8%, GPHS-RTG
produce a lot of thermal energy (Wt) with respect to electrical energy (We). Current GHPS-RTG
have a maximium Beginning of Mission (BOM) electrical output of 300 We and a thermal
output of 4410 Wt. With a mass of 55.9 kg, it also has a diameter of 0.422 m and length of 1.14
m [1]. The GPHS-RTG would also experience a thermal degradation rate of 0.8% per year [1].
The power degradation rate was modeled using the following graph which was created from
experimental GPHS-RTG data [1].

Figure BS.1 GPHS-RTG Interpolated Data Points

A equation for the rate of power ratio degradation for the GPHS-RTG was determined by
combining a linear and polynomial function determined from interpolated data points into a
piecewise function. While polynomial function can describe the early time history of the power
degradation really well, the polynomial function cannot describe the late time history of the
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power degradation with great accuracy. Meanwhile the linear function describes the power
degradation badly early on, but well later on.
Therefore by piecing the two equations together, a somewhat reliable equation can be
determined for power modeling. Viewing Figure BS.1, it can be inferred that the degradation rate
of GPHS is linear at year six. Therefore the polynomial equation used to describe the GPHSRTG was:
P
= −5.052 ∙ 10−5 ∙ yr3 + 1.683 ∙ 10−3 ∙ yr2 − 2.974 ∙ 10−2 ∙ yr + 0.9881 (BS. 1)
Po GPHS,poly

And the linear equation used to describe the GPHS-RTG was:
P
= −0.0123 ∙ yr + 0.9328
Po GPHS,linear

(BS. 2)

Since the degradation rate of GPHS is roughly linear starting at year six, the following
piecewise equation can be determined:
P
P
=
when yr ≤ 6,
Po GPHS Po GPHS,poly

P
P
=
when yr ≥ 6
Po GPHS Po GPHS,linear

The following plot below shows the result of these mathematical relations:
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Figure BS.2 GPHS-RTG Prediction Model vs Datapoints

II. Multi-Mission Radioisotope Thermoelectric Generators
The MMRTG is very similar in functionality with the GHPS-RTG. What it lacks in power
and thermal output, it makes it up for robustness. The MMRTG can endure a variety of mission
environments, from the bleakness of space and the wild temperament swings of Mars.

MMRTG used for the MSL mission had an electrical output of 110 We and a thermal output
of 2000 Wt. It also has a mass of 45 kg and with a diameter of 0.64 mets in diameter and 0.66
mets in length. MMRTG has a thermal degradation of 2.7% per year [2]. The power degradation
rate was modeled using the following graph created from experimental MMRTG data:
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Figure BS.3 GPHS-RTG Interpolated Data Points

In order to determine the degradation rate of the MMRTG, the method used to find the GPHSRTG was reused. Viewing Figure 2, it can be inferred that the degradation rate of GPHS is linear
at 23 khrs (2.626 yr). Therefore the polynomial equation used to describe the GPHS-RTG was:
P
= 3.334 ∙ 10−4 ∙ yr3 + 7 ∙ 10−5 ∙ yr2 − 3.503 ∙ 10−3 ∙ yr + 0.992 (BS. 3)
Po MMRTG,poly

And the linear equation used to describe the GPHS-RTG was
P
= −0.0235 ∙ yr + 0.9651
Po MMRTG,linear

(BS. 4)

Since the degradation rate of the MMRTG is roughly linear starting at year 3.653, the
following piecewise equation can be determined:
P
P
=
when yr ≤ 3.653,
Po MMRTG Po MMRTG,poly

P
P
=
when yr ≥ 3.653
Po MMRTG Po MMRTG,linear

The following plot below shows the result of these mathematical relations:
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Figure BS.4 MMRTG Prediction Model vs Datapoints

III. Dynamic Isotope Power System
DIPS is a brayton based cycle that uses the heat produced by a radioactive element (Pu-238)
in order to provide input energy into the working fluid. It was designed to power space systems
that require power greater than 1 KWe. The DIPS can be sized from range of electrical power
outputs from 1 KWe to 20KWe with current technology. The system below generates 2.5 KWe
of electrical power, with a mass of 357 kg (fueled) and a dimension of 0.406 mets by 3.05 m by
2.29 m.

Energy is added into the DIPS via several Heat Source Units (HSU). Each HSU was designed
to deliver enough thermal energy for the DIPS to produce 1 KWe. Therefore the DIPS can
theoretically be sized by adding more HSU units and increasing the pressure ratios of the
turbocompressors. Since the DIPS will also use Pu-238, it will also face a steady decline in
power production due to degradation of thermal energy output.
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Appendix BT| Solar panels theory, design and sizing
I. Solar flux available during the mission
The available solar power decreases as the square of the distance as shown in Figure BT.23.
Thus, the solar panel area necessary to provide the same power increases by the square of the
distance.
For the sizing of the solar panels, we use the farthest distance where every spacecraft will go.
Thus we use the values displayed in Table BT.3.

Table BT.3 – Maximum distances from the sun used for solar panels sizing
Spacecraft

Distance
(AU)
1.38

Mars perihelion
Return vehicle, Mars

Mars aphelion

1.67

communication satellites, Mars
solar farm, Mars farming capsule
Cycler’s farthest distance with crew

Cycler (crew travel), Cargo

1.52

Cycler (communication relay)

1.64

Cycler (orbit establishment)

1

on-board
Cycler’s farthest distance
Earth

With the aim of calculating the solar flux we use equation
𝑆=

𝑆𝑅𝑒𝑓𝑒𝑟𝑒𝑛𝑐𝑒 (𝐸𝑎𝑟𝑡ℎ)
1370
∗ 𝑘𝑎𝑡𝑚𝑜𝑠 =
∗ 1 = 491.2 𝑊 ⁄𝑚2
2
𝑅
1.672

(BT.2)

This equation allows us to plot the solar flux available depending on the distance to the sun.
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Sun flux versus the distance from the Sun
2000

Solar flux, W/m2

1500
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1 AU:
Earth

500

0
0

1.6 AU: Mars
aphelion

1
2
3
Distance from the Sun, UA

4

Figure BT.22 - Solar flux versus the distance from the sun. This plot shows that the solar
flux available decreases as the square of the distance. We can note that the solar flux available
around Mars orbit is only 40% of the solar flux available around the Earth. Thus, the solar
panels area of a satellite orbiting Mars will be 40% higher than the solar panels area of a
satellite orbiting the Earth.

Finally, we calculate the solar flux available at different distance in the solar system using
equation (BT.2) (Table BT.5), which will be useful for the sizing of the solar panels. The solar
flux available around Mars orbit is shown in Figure BT.23.
Table BT.4 – Solar flux available
Place
Earth,

Transmission factor
average

1370 𝑊 ⁄𝑚2

distance
Mars perihelion

720 𝑊 ⁄𝑚2

Mars

593 𝑊 ⁄𝑚2

semi-major

axis
Mars aphelion

491 𝑊 ⁄𝑚2
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Figure BT.23 - Solar flux on Mars orbit

In addition, for the spacecraft we consider that 100% of the solar flux reaches the solar panels.
For the colonies we consider the transmission factors displayed in Table BT.5.
Table BT.5 – Transmission factor used for solar flux calculation
Place

Transmission factor
(%)

Space,

Phobos,

100

Moon
80

Mars
dust

59

Mars strong dust

13

Mars
atmosphere

storm

II. Estimation of the solar panel efficiency of the solar panels expected at the
beginning of the mission
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ATK’s UltraFlex data allow us to extrapolate the value of the ATK’s Mega Flex solar panels
efficiency. Figure BT.24 is made using a Matlab code and shows the extrapolation of the solar
cell efficiency over the years.

Efficiency of solar cells over years

40

35

33 % in 2020
Efficiency, (%)

30

25

20
Efficiency over the years
Extrapolation of futur efficiency

15

10
1995

2000

2005

2010

2015 2020
Years

2025

2030

2035

2040

Figure BT.24. MegaFlex solar panels cells efficiency over years. This plot shows that solar
cells efficiency is improved every year. We can expect an efficiency of 33 % in 2020 (launch of
the first vehicles). The extrapolation use in this plot is pessimistic. An optimistic estimate would
have been a linear extrapolation.

III. Efficiency loss between a single cell in laboratory and a solar panel in
operational conditions
A single solar cell in laboratory has great efficiency (% of light power converted in
electricity). But, when the solar cell is mounted in series with hundred of other solar cells, the
efficiency is reduced by 𝜂𝑝𝑎𝑐𝑘𝑖𝑛𝑔 (assembly factor); when the solar cell is in orbit (operational
conditions), the temperature, the UV, the thermal cycle and others factors will reduce its
efficiency by 𝜂𝑜𝑝𝑒𝑟𝑎𝑡𝑖𝑜𝑛𝑎𝑙 . In this part, we calculates the 𝜂𝑜𝑝𝑒𝑟𝑎𝑡𝑖𝑜𝑛𝑎𝑙 factor and the 𝜂𝑝𝑎𝑐𝑘𝑖𝑛𝑔
factor. Theses factors are used in the sizing of the solar panels (determination of area).
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The determination of all the losses between a single cell in laboratory and solar panels in
operational conditions is:
𝑃𝑐 = 𝑃𝐿 ∗ 𝜂𝑢𝑣 ∗ 𝜂𝑐𝑦 ∗ 𝜂𝑚 ∗ 𝜂𝑙 ∗ 𝜂𝑐𝑜𝑚 ∗ 𝜂𝑠 ∗ 𝜂𝑟𝑎𝑑 ∗ 𝜂𝑡 ∗ 𝐻𝑙 ∗ 𝐿𝑝

(BT.3)

𝑃𝑐 = 𝑃𝑜𝑤𝑒𝑟 𝑓𝑟𝑜𝑚 𝑜𝑛𝑒 𝑐𝑒𝑙𝑙 𝑢𝑛𝑑𝑒𝑟 𝑜𝑝𝑒𝑟𝑎𝑡𝑖𝑜𝑛𝑎𝑙 𝑐𝑜𝑛𝑑𝑖𝑡𝑖𝑜𝑛𝑠 𝑖𝑛𝑠𝑡𝑎𝑙𝑙𝑒𝑑 𝑖𝑛 𝑡ℎ𝑒 𝑎𝑟𝑟𝑎𝑦, 𝑊
𝑃𝐿 = 𝑃𝑜𝑤𝑒𝑟 𝑑𝑒𝑙𝑖𝑣𝑒𝑟𝑒𝑑 𝑏𝑦 𝑜𝑛𝑒 𝑐𝑒𝑙𝑙 𝑢𝑛𝑑𝑒𝑟 𝑙𝑎𝑏𝑜𝑟𝑎𝑡𝑜𝑟𝑦 𝑐𝑜𝑛𝑑𝑖𝑡𝑖𝑜𝑛𝑠, 𝑊
𝜂𝑢𝑣 = 𝑃𝑜𝑤𝑒𝑟 𝑙𝑜𝑠𝑠 𝑐𝑎𝑢𝑠𝑒𝑑 𝑏𝑦 𝑈𝑉 𝑑𝑖𝑠𝑐𝑜𝑙𝑜𝑟𝑎𝑡𝑖𝑜𝑛 𝑜𝑓 𝑐𝑒𝑙𝑙𝑠 𝑚𝑎𝑡𝑒𝑟𝑖𝑎𝑙𝑠 = 0.98
𝜂𝑐𝑦 = 𝑃𝑜𝑤𝑒𝑟 𝑙𝑜𝑠𝑠 𝑐𝑎𝑢𝑠𝑒𝑑 𝑏𝑦 𝑡ℎ𝑒 𝑡ℎ𝑒𝑟𝑚𝑎𝑙 𝑐𝑦𝑐𝑙𝑖𝑛𝑔 = 0.99
𝜂𝑚 = 𝑃𝑜𝑤𝑒𝑟 𝑙𝑜𝑠𝑠 𝑐𝑎𝑢𝑠𝑒𝑑 𝑏𝑦 𝑐𝑒𝑙𝑙 𝑚𝑖𝑠𝑚𝑎𝑡𝑐ℎ = 0.975
𝜂𝑙 = 𝑃𝑜𝑤𝑒𝑟 𝑙𝑜𝑠𝑠 𝑐𝑎𝑢𝑠𝑒𝑑 𝑏𝑦 𝑟𝑒𝑠𝑖𝑠𝑡𝑎𝑛𝑐𝑒 𝑖𝑛 𝑐𝑒𝑙𝑙𝑠 𝑖𝑛𝑡𝑒𝑟𝑐𝑜𝑛𝑛𝑒𝑐𝑡𝑠 = 0.98
𝜂𝑐𝑜𝑚 = 𝑃𝑜𝑤𝑒𝑟 𝑙𝑜𝑠𝑠 𝑐𝑎𝑢𝑠𝑒𝑑 𝑏𝑦 𝑐𝑜𝑛𝑡𝑎𝑚𝑖𝑛𝑎𝑡𝑖𝑜𝑛𝑠 𝑓𝑟𝑜𝑚 𝑎𝑙𝑙 𝑠𝑜𝑢𝑟𝑐𝑒𝑠 = 0.99
𝜂𝑠 = 𝑃𝑜𝑤𝑒𝑟 𝑙𝑜𝑠𝑠 𝑐𝑎𝑢𝑠𝑒𝑑 𝑏𝑦 𝑠ℎ𝑎𝑑𝑜𝑤𝑖𝑛𝑔
𝜂𝑟𝑎𝑑 = 𝑃𝑜𝑤𝑒𝑟 𝑙𝑜𝑠𝑠 𝑐𝑎𝑢𝑠𝑒𝑑 𝑏𝑦 𝑟𝑎𝑑𝑖𝑎𝑡𝑖𝑜𝑛 𝑑𝑎𝑚𝑎𝑔𝑒
𝜂𝑡 = 𝑃𝑜𝑤𝑒𝑟 𝑎𝑑𝑗𝑢𝑠𝑡𝑚𝑒𝑛𝑡 𝑓𝑜𝑟 𝑜𝑝𝑒𝑟𝑎𝑡𝑖𝑜𝑛 𝑡𝑒𝑚𝑝𝑒𝑟𝑎𝑡𝑢𝑟𝑒
𝐿𝑝 = 𝐴𝑟𝑟𝑎𝑦 𝑝𝑜𝑖𝑛𝑡𝑖𝑛𝑔 𝑙𝑜𝑠𝑠 𝑓𝑎𝑐𝑡𝑜𝑟
⇔

𝑃𝑐 = 𝑃𝐿 ∗ 𝜂𝑢𝑣 ∗ 𝜂𝑐𝑦 ∗ 𝜂𝑐𝑜𝑚 ∗ 𝜂𝑡 ∗ 𝜂𝑠 ∗ 𝜂𝑟𝑎𝑑 ∗ (𝜂𝑚 ∗ 𝜂𝑙 ) ∗ 𝐿𝑝

(BT.4)

Considering that:
𝜂𝑝𝑎𝑐𝑘𝑖𝑛𝑔 = 𝜂𝑚 ∗ 𝜂𝑙 = 0.975 ∗ 0.980 = 0.9555

(BT.5)

𝜂𝑝𝑎𝑐𝑘𝑖𝑛𝑔 𝑖𝑠 𝑐𝑎𝑙𝑙𝑒𝑑 𝑎𝑠𝑠𝑒𝑏𝑙𝑦 𝑓𝑎𝑐𝑡𝑜𝑟
We have:
𝑃𝑐 = 𝑃𝐿 ∗ (𝜂𝑢𝑣 ∗ 𝜂𝑐𝑦 ∗ 𝜂𝑐𝑜𝑚 ∗ 𝜂𝑡 ) ∗ 𝜂𝑠 ∗ 𝜂𝑝𝑎𝑐𝑘𝑖𝑛𝑔 ∗ 𝜂𝑟𝑎𝑑 ∗ 𝐿𝑝

(BT.6)

𝜂𝑜𝑝𝑒𝑟𝑎𝑡𝑖𝑜𝑛𝑎𝑙 = 𝜂𝑢𝑣 ∗ 𝜂𝑐𝑦 ∗ 𝜂𝑐𝑜𝑚 ∗ 𝜂𝑡

(BT.7)

Considering that:
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𝜂𝑜𝑝𝑒𝑟𝑎𝑡𝑖𝑜𝑛𝑎𝑙 = 𝜂𝑢𝑣 ∗ 𝜂𝑐𝑦 ∗ 𝜂𝑐𝑜𝑚 ∗ 𝜂𝑡 = 0.98 ∗ 0.99 ∗ 0.99 ∗ 0.8390

(BT.8)

= 0.77
We can calculate:
𝜂𝑡 = 1 − 0.005(𝑇 − 𝑡) = 1 − 0.005(58.2 − 26) = 0.8390

(BT.9)

Where:
𝑇 = 𝑇𝑒𝑚𝑝𝑒𝑟𝑎𝑡𝑢𝑟𝑒 𝑜𝑓 𝑡ℎ𝑒 𝑐𝑒𝑙𝑙 𝑖𝑛 𝑜𝑟𝑏𝑖𝑡 = 58.2 °𝐶 (𝑔𝑖𝑣𝑒𝑛 𝑏𝑦 𝑡ℎ𝑒 𝑡ℎ𝑒𝑟𝑚𝑎𝑙 𝑎𝑛𝑎𝑙𝑦𝑠𝑖𝑠)
𝑡 = 𝑇𝑒𝑚𝑝𝑒𝑟𝑎𝑡𝑢𝑟𝑒 𝑎𝑡 𝑤ℎ𝑖𝑐ℎ 𝑐𝑒𝑙𝑙𝑠 𝑤𝑒𝑟𝑒 𝑟𝑒𝑠𝑡𝑒𝑑 (𝑢𝑠𝑢𝑎𝑙𝑙𝑦 25 − 28°𝐶)
Finally, for all the area and power calculations we use the relation:
𝑃𝑐 = 𝑃𝐿 ∗ 𝜂𝑜𝑝𝑒𝑟𝑎𝑡𝑖𝑜𝑛𝑎𝑙 ∗ 𝜂𝑝𝑎𝑐𝑘𝑖𝑛𝑔 ∗ 𝜂𝑠 ∗ 𝜂𝑟𝑎𝑑 ∗ 𝐿𝑝

(BT.10)

𝜂𝑜𝑝𝑒𝑟𝑎𝑡𝑖𝑜𝑛𝑎𝑙 = 𝐸𝑓𝑓𝑖𝑐𝑖𝑒𝑛𝑐𝑦 𝑏𝑒𝑡𝑤𝑒𝑒𝑛 𝑙𝑎𝑏𝑜𝑟𝑎𝑡𝑜𝑟𝑦 𝑐𝑒𝑙𝑙 𝑝𝑜𝑤𝑒𝑟 𝑝𝑟𝑜𝑣𝑖𝑑𝑒𝑑
𝑎𝑛𝑑 𝑝𝑎𝑛𝑒𝑙𝑠 𝑖𝑛 𝑜𝑝𝑒𝑟𝑎𝑡𝑖𝑜𝑛𝑎𝑙 𝑐𝑜𝑛𝑑𝑖𝑡𝑖𝑜𝑛𝑠

The operational efficiency is calculated [6] in equation 11:
𝜂𝑜𝑝𝑒𝑟𝑎𝑡𝑖𝑜𝑛𝑎𝑙 𝑠𝑜𝑙𝑎𝑟 𝑝𝑎𝑛𝑒𝑙 = 𝜂𝑐𝑒𝑙𝑙 ∗ 𝜂𝑜𝑝𝑒𝑟𝑎𝑡𝑖𝑜𝑛𝑎𝑙 ∗ 𝜂𝑝𝑎𝑐𝑘𝑖𝑛𝑔 ∗ 𝜂𝑟𝑎𝑑

(BT.12)

IV. ATK’s MegaFlex solar panels technology
ATK’s MegaFlex solar array is based on ATK’s UltraFlex solar array that powered NASA’s
Mars Phoenix Lander in 2008 and the UltraFlex panels to be used by the European Space
Agency for the MPCV (Service module of the Orion capsule). The change from UltraFlex to
Megaflex arrays is the way the folded arrays are packed during launch. The spar pivot reduces
the stowed length, which is required during the unfolding to achieve the required panel radius.
The Megaflex wings are considered feasible for power levels up to approximately 200 kW,
resulting in a total power of 400 kW for 2 wings.
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Advantages and disadvantages of the ATK’s Mega Flex solar panel

The circular architecture of the UltraFlex and MegaFlex systems enables very low mass and
small-stowed volume.
The UltraFlex solar array is ¼ of the total mass of a rigid panel solar array of the same power
as we can note in the Figure BT.25.

Figure BT.25. Solar array mass and area depending on the power produce. We can note
that the weight of the ATK’s MegaFlex solar panels is a quarter of the Boeings rigid solar
panels.

This panels have a high strength and are highly maneuverable. It can withstand a 3 g’s onorbit acceleration deployed (e.g. for landing, docking, or transfer orbit power). This is 10
time more than a rigid solar array of same power.
This panels also have a high deployed stiffness and are very compact: ¼ stowage volume
and footprint a rigid panel solar array of same power
Finally, the ATK MegaFlex uses simple kinematics. The deployment is powered by a
single (redundant) motor. Thus, this is a reliable technology.
However, the ATK panels have one disadvantage. We can estimate the TRL levels of this
technology as:
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o TRL 9 for UltraFlex 6m diameter wing
o TRL 6 for MegaFlex 10m diameter wing
o TRL 4 for MegaFlex 30m diameter wing

V. Boeing Spectrolab rigid panels
The Boeing’s spectralab solar panels are less costly than the ATK MegaFlex solar panels and
have a higher TRL level (9). However, as shown in Appendix VI, this panels are heavier, less
compact and can withstand a lower on-orbit acceleration (calculations based on available
datas).

VI. Comparison between Boeing’s rigid solar panels and ATK’s MegaFlex
solar panels:
Table BT.6 – Comparison between two solar panels technology
ATK MegaFlex

Boeing rigid solar
panels

Reliability

Single redubbed

Multiples motors

motor
Areal density
Efficiency
Strength (deploy)
Cost

1.2379 kg/m2

2.92 kg/m2

33 %

33 %

3g

0.3 g

Expensive

Cheaper than ATK
Mega Flex

Maxime W. L. Pinchaud | 881

Appendix BT

Project Aldrin-Purdue

VII. Sizing of the Cycler’s solar panels with ATK’s MegaFlex panels
Areal density: We know that a MegaFlex wing of 175 kW has a diameter of 30 m and a power
per kg of 200W/kg. Thus,
(175000/200)/(pi*15^2)=1.2379
So, UltraFlex areal density is: 1.2379 kg/m2
Specific power: Considering that one 12 m diameter ATK MegaFlex wing can provide 20kW
[7] we can calculate the specific power of the ATK’s MegaFlex’s wings.
Diameter of one solar array MegaFlex (considering that the total power is given by 2 MegaFlex
solar arrays of 𝐹𝑙𝑒𝑥𝑑𝑖𝑎𝑚𝑒𝑡𝑒𝑟 ). In addition, 1/3 of the wing diameter is not equipped with solar
cells. Thus:
𝑅
𝐴𝑟𝑒𝑎𝑎𝑟𝑟𝑎𝑦 = 𝜋 ∗ 𝑅 2 − 𝜋( )2
3

⇔

𝐹𝑙𝑒𝑥𝑑𝑖𝑎𝑚𝑒𝑡𝑒𝑟

(BT.13)

36 ∗ 𝐴𝑟𝑒𝑎𝑎𝑟𝑟𝑎𝑦
=√
𝜋 ∗ (9 − 1)

(BT.14)

We can calculate the mass of the solar panels using the equation (BT.15):
𝑀𝑎𝑠𝑠𝑎𝑟𝑟𝑎𝑦_𝑓𝑙𝑒𝑥 = 0.7297 ∗ 𝐴𝑟𝑒𝑎𝑎𝑟𝑟𝑎𝑦

(BT.15)

Then we can calculate the diameter of the wings. To get 281.4 kW around the Earth orbit we
need two 28 m diameter wings (Figure BT.26). However, such large wings raise several issues.
First, the shadow creating by the wings will be significant. Second, if one of the two panels
fails to deploy, half the power will be lost.
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Figure BT.26. MegaFlex diameter depending on power given by 2 MegaFlex (calculated at
1 AU).

VIII. Degradation over the solar panels lifetime
We took into account the loss of efficiency over the lifetime of the solar cells. This loss of
efficiency is caused by solar radiations that affect solar panels throughout their lifetime.
The code entitled « Degradation_solar_panels.m » computes the percentage of power loss every
year caused by the solar radiations given the fluence (e/cm2). This code is based on Boeing
experimental data [6].
The code also computes the End of life power using the following equations:
𝑃𝑜𝑤𝑒𝑟𝐵𝑂𝐿 = (𝑆 ∗ 𝐿𝑝 ∗ 𝐸𝑓𝑓𝑖𝑐𝑖𝑒𝑛𝑐𝑦𝑐𝑒𝑙𝑙 ∗ 𝐸𝑓𝑓𝑖𝑐𝑖𝑒𝑛𝑐𝑦𝑝𝑎𝑐𝑘𝑖𝑛𝑔

𝐷 = (1 −

𝑃𝑜𝑤𝑒𝑟𝑙𝑜𝑠𝑠
) ∗ 𝐿𝑖𝑓𝑒𝑡𝑖𝑚𝑒
100

𝑃𝑜𝑤𝑒𝑟𝐸𝑂𝐹 = 𝑃𝑜𝑤𝑒𝑟𝐵𝑂𝐹 ∗ 𝐷

(𝑊 ⁄𝑚2 )

(BT.16)

(BT.17)

(BT.18)
Maxime W. L. Pinchaud | 883

Appendix BT

Project Aldrin-Purdue
𝑃𝑒𝑟𝑐𝑒𝑛𝑡𝑙𝑜𝑠𝑠 = 100 − (

𝑃𝑜𝑤𝑒𝑟𝐸𝑂𝐿 ∗ 100
)
𝑃𝑜𝑤𝑒𝑟𝐵𝑂𝐿

(BT.19)

With:
𝑃𝑜𝑤𝑒𝑟𝐵𝑂𝐿 = 𝑃𝑜𝑤𝑒𝑟 𝐵𝑒𝑔𝑖𝑛𝑖𝑛𝑔 𝑂𝑓 𝐿𝑖𝑓𝑒
𝑃𝑜𝑤𝑒𝑟𝐸𝑂𝐿 = 𝑃𝑜𝑤𝑒𝑟 𝐸𝑛𝑑 𝑂𝑓 𝐿𝑖𝑓𝑒

(𝑊 ⁄𝑚2 )

(𝑊 ⁄𝑚2 )

𝐷 = 𝑟𝑎𝑑𝑖𝑎𝑡𝑖𝑜𝑛 𝑑𝑒𝑔𝑟𝑎𝑑𝑎𝑡𝑖𝑜𝑛 𝑓𝑎𝑐𝑡𝑜𝑟 𝑜𝑣𝑒𝑟 𝑙𝑖𝑓𝑒𝑡𝑖𝑚𝑒 (%)
𝑃𝑒𝑟𝑐𝑒𝑛𝑡𝑙𝑜𝑠𝑠 = 𝑃𝑒𝑟𝑐𝑒𝑛𝑡 𝑜𝑓 𝑝𝑜𝑤𝑒𝑟 𝑙𝑜𝑠𝑠 𝑜𝑣𝑒𝑟 𝑡ℎ𝑒 𝑙𝑖𝑓𝑒𝑡𝑖𝑚𝑒 (%)
The radiation received (Fluence) by the solar panels over their lifetime can be calculated and the
peak power loss over the lifetime is shown in Figure BT.27.
Peak power loss depending on solar radiation
45

Peak power loss from BOL, (%)

40
35
30
25
20
15
10
5
0

2

4
6
Fluence (e/cm2)

8

10
x 10

15

Figure BT.27. Peak power loss depending on solar radiation.
Thus, we can determined the power provided by the solar panel over its lifetime as shown in
Figure BT.28. We note that the power provided by the solar panel is almost reduced by 40%
after 20 years.
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Power provided by the ATK solar array over its lifetime

Power provided by the ATK solar panel, W/m2

140
130
120
110
100
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5
10
15
Lifetime of the spacecraft, years

20

Figure BT.28. Power provided by ATK solar arrays over its lifetime.
IX. Cycler’s solar panels specific power
Finally, taking into account the solar panels degradation due to the sun radiations and the
distance from the sun during an entire synodic period over the lifetime (estimated around 20
years) we calculated the specific power of the Cyclers’s solar panels (Figure BT.29).
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Distance from the sun, AU
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Figure BT.29. Specific power of the Cycler solar panels over its lifetime.

On this plot we can read the value of the Specific power at BOL and at EOL for the Cycler’s
solar panels (Table 7.13).
Table BT.7 – Specific power of Cycler’s solar panels

Beginning

of

life

Minimum

Maximum

107 W/m2

361.3 W/m2

(BOL)
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68 W/m2

End of life (EOL)

230 W/m2

X. Sizing of the solar panels for every vehicles
Determination of the area of solar panels needed:

Knowing the power requirement to operate, and different parameters we are able to calculate
the area of solar panels needed. The solar panels need deployment mechanisms and can be
oriented (cosine law for incidence means may need pointing mechanism). For all spacecraft we
consider impact of solar radiation perpendicular to the panels because our solar wings are all
able to track the sun.

𝐴𝑟𝑒𝑎𝑎𝑟𝑟𝑎𝑦 =

𝑃𝑜𝑤𝑒𝑟𝑎𝑟𝑟𝑎𝑦
𝑆 ∗ 𝐿𝑝 ∗ 𝜂𝑐𝑒𝑙𝑙 ∗ 𝜂𝑜𝑝𝑒𝑟𝑎𝑡𝑖𝑜𝑛𝑎𝑙 ∗ (1 − 𝐷)

(BT.20)

With:


𝜂𝑐𝑒𝑙𝑙 = 𝑐𝑒𝑙𝑙 𝑒𝑓𝑓𝑖𝑐𝑖𝑒𝑛𝑐𝑦



𝜂𝑝𝑎𝑐𝑘𝑖𝑛𝑔 = 𝑝𝑎𝑐𝑘𝑖𝑛𝑔 𝑒𝑓𝑓𝑖𝑐𝑖𝑒𝑛𝑐𝑦



𝛼 = 𝑎𝑛𝑔𝑙𝑒 𝑜𝑓 𝑖𝑛𝑐𝑖𝑑𝑒𝑛𝑡 𝑠𝑢𝑛 𝑓𝑟𝑜𝑚 𝑛𝑜𝑟𝑚𝑎𝑙



𝐷 = (1 − 𝜂𝑟𝑎𝑑 ) = 𝑟𝑎𝑑𝑖𝑎𝑡𝑖𝑜𝑛 𝑑𝑒𝑔𝑟𝑎𝑑𝑎𝑡𝑖𝑜𝑛 𝑓𝑎𝑐𝑡𝑜𝑟 𝑜𝑣𝑒𝑟 𝑠𝑝𝑎𝑐𝑒𝑐𝑟𝑎𝑓𝑡 𝑙𝑖𝑓𝑒𝑡𝑖𝑚𝑒



𝑃𝑜𝑤𝑒𝑟𝑎𝑟𝑟𝑎𝑦 = 𝑃𝑜𝑤𝑒𝑟 𝑝𝑟𝑜𝑣𝑖𝑑𝑒𝑑 𝑏𝑦 𝑡ℎ𝑒 𝑠𝑜𝑙𝑎𝑟 𝑝𝑎𝑛𝑒𝑙𝑠 (𝑊)



𝑆 = 𝑆𝑜𝑙𝑎𝑟 𝑓𝑙𝑢𝑥 𝑎𝑡 𝑎𝑟𝑟𝑎𝑦 (𝑊/𝑚2 )



𝐿 𝑝 coefficient depending on stabilising method
1
𝜋

o

𝐿𝑝 =

∶ 𝐹𝑜𝑟 𝑎 𝑏𝑜𝑑𝑦 − 𝑚𝑜𝑢𝑛𝑡𝑒𝑑 𝑠𝑝𝑖𝑛 𝑠𝑡𝑎𝑏𝑖𝑙𝑖𝑠𝑒𝑑 𝑠𝑝𝑎𝑐𝑒𝑐𝑟𝑎𝑓𝑡

o

𝐿𝑝 = cos(𝛼) ∶ 𝐹𝑜𝑟 𝑓𝑙𝑎𝑡 𝑎𝑟𝑟𝑎𝑦𝑠

The parameters we use for the spacecraft are:


cell efficiency is 33%



operational efficiency is 0.67



α = angle of incident sun from normal=0°
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D = radiation degradation factor over spacecraft lifetime= 0.5438



Areal density (ATK): 1.2379 kg/m2



Areal density (Boeing): 1.35 kg/m2

1. Cycler
Cycler’s optimization:

We considered the possibility of using batteries to store energy from solar panels when the
crew is not on board. These batteries would deliver energy when the crew is on board (because
the power requirement is more important at this moment). The presence of these batteries
amends the energy requirements for Human factors. The total power requirement and the mass
of solar panels needed to provide this power is show in Table BT.8 for the Cycler A and in
Table BT.9 for Cycler B.
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Table BT.8 – Cycler A solar panels mass optimization

(Kw)

Cycler A

Case

1

Crew/
C*

No crew
Com

2
No-

C

C*

3
No-

No-

C

C

4

C

C

NoC

7.96

19.6

4.79

19.6

7.96

24.8

4.79

24.8

4

2

1

2

4

4

1

4

Human
43.5

factors

6.55
5

43.5

6.55

6.55

43.5

5

5

43.5

6.55
5

Propulsio
190

n A*
Propulsio
6

n B*
TOTAL
A
TOTAL
B
Mass A
(Mg)
Mass B
(Mg)

241.5

216.2

238.3

216.2

241.5

221.4

238.3

221.4

57.5

32.2

54.3

32.2

57.5

37.4

54.3

37.4

1.13

1.01

1.11

1.01

1.13

1.03

1.11

1.03

1.10

0.60
2

1.01

0.60
2

1.10

0.70
0

1.01
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Table BT.9 – Cycler B solar panels mass optimization

(Kw)

Cycler B

Case
Crew/N
o crew

Com

Human
factors

1

C*

2
No-

C

C*

3
NoC

4.79

19.6

7.96

24.8

4.79

4

2

1

2

4

4

1

43.5

6.55
5

43.5

6.55

Mass A
(Mg)
Mass B
(Mg)

6.55
5

No-C

24.84

43.5

6.555

240

6

on B*

B

43.5

5

Propulsi

TOTAL

C

C

19.6

on A*

A

No-

7.96

Propulsi

TOTAL

C

4

291.5

266.2

288.3

266.2

291.5

271.4

288.3

271.4

57.5

32.2

54.3

32.2

57.5

37.4

54.3

37.4

1.36

1.24

1.35

1.24

1.36

1.27

1.35

1.27

1.01

0.700

1.10

0.60
2

1.01

0.60
2

1.10

0.70
0

By comparing the mass of the solar panels needed in these cases with the mass of batteries
needed in these cases, it appears that the use of batteries is not optimal. Thus, the design we
selected is the one presented in the Table BT.10.
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Table BT.10 – Cycler A & B power requirement and mass
(Kw)

Cyclers

Case
Crew/No
crew
Com
Human
factors
Propulsion
A*
Propulsion
B*
TOTAL
A
TOTLA
B

Cycler A

C

NoC

Cycler B

C

NoC
24.

7.964

24.84

7.964

43.5

6.555

43.5

250

250

240

12.04

12.04

12.04

301.5

281.4

291.5

271.4

63.50

43.44

63.50

43.44

84
6.5
55
240
12.
04

Phase A*: Calculated with lifetime=5 years, Distance from sun=1 AU
Cycler orbit establishment phase. During the779.76 first days of flight (Cycler b) and 800
first days of flight (cycler A).
Phase B*: Calculated with lifetime=20 years, Distance from sun=1.637 AU
Propulsion during the normal life. Solar panels sized for a lifetime of 20 years at the
maximum distance from the Cycler will go.
C*: Cycler with crew onboard
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No-C*: Cycler without crew onboard
Determination of the solar panels configuration for the Cycler:
Thus we get from the MATLAB CODE entitled “Sizing”, 1059 m2 (EOL=20 years) of solar
cells is needed for the Cycler A and 1022 m2 or solar cells area is needed for the Cycler B.
Different configurations are available. We employ a 2 wings configuration.
We could also employ DSS ROSA technology, but it would be necessary to employ 6 DSS
ROSA wing of 5.5x 16.5m. That’s why we did not choose this option.

XI. Cargo & Return Vehicle
The parameters employ to calculate the solar panels area for the cargo are:


cell efficiency is 33%



operational efficiency is 0.67



α = angle of incident sun from normal=0°



D = radiation degradation factor over spacecraft lifetime= 0.5438



Max distance: Mars semi-major axis



EOL: 5 years (Cargo are not reusable)

The parameters employ to calculate the solar panels area for the return vehicle are:


cell efficiency is 33%



operational efficiency is 0.67



α = angle of incident sun from normal=0°



D = radiation degradation factor over spacecraft lifetime= 0.5438



Max distance: Mars aphelion



EOL: 5 years

Cargo and Return vehicle solar panels optimization:
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We considered the possibility of using batteries to store energy from solar panels when the
cargo is close to the sun. These batteries then would deliver energy when the cargo is far away
from the sun. The presence of these batteries changes the value of the power, which must be
provided by the solar panels. The total power requirement for solar panels, the mass, the area
and the configuration of solar panels needed to provide this power is show in Table BT.11 for
the Cargo-Lander (CarLa) and for the BA-330 (Return Vehicle).

Table BT.11 – Optimization of the Cargo and Return Vehicle solar power plant
Cargo – Lander *

BA-330 - Return vehicle **

CarLa 1

CarLa 2

Case 1

Case 2

Case 3

32.2

74.57

19.8

12.302

13.959

Cells area (m2)

282

648

208

129

147

Diameter (m)

14.5

22

12.5

10

10.5

Configuration

2

2

2

2

2

0.805

1.86

0.495

0.308

0.349

330

760

245

157

173

0.349

0.802

0.257

0.160

0.182

Height (m)

4.83

7.33

4.17

3.33

3.50

Thickness (m)

0.166

0.252

0.142

0.114

0.120

Power
requirement
(kW)

Stowed
volume (m3)
Deployed area
(m2)
Total

Mass

(Mg)
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XII. Mars communication satellites
Two options have been considered for the Mars communication satellite. The first version
has a power requirement of 14.24 kW and batteries are used and the second have a power
requirement of 24.06 kW and no batteries are used. The configuration of the ATK solar panels
for the first version is shown in Table BT.12 and the configuration for the second version is
show in Table BT.13. The calculations are make at Mars aphelion for 20 years at End of Life
(EOL)

The parameters employ to calculate the solar panels area for the Mars communication
satellites are:


cell efficiency is 33%



operational efficiency is 0.67



α = angle of incident sun from normal=0°



D = radiation degradation factor over spacecraft lifetime= 0.5438



Max distance: Mars aphelion



EOL: 20 years

Table BT.12 – Sizing of solar panels for the 1st version of the Mars communication satellite
Mars communication satellite (14.24 kW)
Configuration

2 x 12.5 m

Weight

0.2748 Mg

Stowage volume

0.3560 m3

Stowed Height

4.1667 m
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Table BT.13 – Sizing of solar panels for the 2st version of the Mars communication satellite
Mars communication satellite (24.06 kW)
Configuration

2 x 16 m

Weight

0.4642 Mg

Stowage volume

0.6015 m3

Stowed Height

5.3333 m

The first case (14.24 kW) has been selected. This means that batteries will be used on the
Mars communication satellite.

XIII. Cargo farming capsule
Table BT.14 – Sizing of the Cargo farming capsule
Cargo farming capsule (13.2 kW)
Configuration
Weight
Stowage volume

2 x 12 m
> 0.26 Mg
0.33 m3
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XIV. Sizing of the solar panels for the Mars solar farm
1. Latitude of the landing site
We considered to power the Mars colony with a Mars solar farm, several parameters must be
taken into account in addition to the parameters already accounted for the vehicle’s solar panels.

First of all, dust is present on Mars. It can damage the mechanisms of the solar panels and
cover the cells, reducing their efficiency. Regular cleaning of the panels will be expected in
order to maintain a good efficiency of the solar panels.

Secondly, Mars has an atmosphere, thus a portion of the solar flux will not reach the
ground. The transmittance of the Martian atmosphere is usually 0.8.

Finally, the latitude of the landing site requires a guidance of the solar panels to track the
sun. Ideally, the panels follow the sun during the day and the seasons so that the incident solar
flux is perpendicular to the panels. If this is not the case, the efficiency of solar panels will be
dramatically reduced. The larger the angle of incidence, the higher the loss of efficiency.

Mars have an axial tilt of 25°.

According to the Human Factor data, there are two options for the landing site:



Casius: 35N 75E
Cebrenia: 43N 150E

If the solar panels don’t have any tracking system and are deployed horizontally on the
ground, thus, the solar Flux has an incident angle of (Figure BT.30):
𝛼 = 𝐿𝑎𝑡𝑖𝑡𝑢𝑑𝑒 + 𝑀𝑎𝑟𝑠 𝑡𝑖𝑙𝑡

(BT.21)
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Thus,
𝐹𝑜𝑟 𝐶𝑎𝑠𝑖𝑢𝑠 ∶ 𝛼 = 35° + 25° = 60°
𝐹𝑜𝑟 𝐶𝑒𝑏𝑟𝑒𝑛𝑖𝑎 ∶ 𝛼 = 43° + 25° = 68°

With,
𝛼 = 𝑎𝑛𝑔𝑙𝑒 𝑜𝑓 𝑖𝑛𝑐𝑖𝑑𝑒𝑛𝑡 𝑠𝑢𝑛 𝑓𝑟𝑜𝑚 𝑛𝑜𝑟𝑚𝑎𝑙

Figure BT.30. Calculation of the sun angle depending on the latitude of the landing site

Using the same formula than with the Cycler with these values of 𝛼, we get these specific
power shown in Figure BT.31 and Figure BT.32.
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Power provided over its lifetime

Power provided by the solar panel, W/m2
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Figure BT.31. Specific power over lifetime on Mars (average distance from the sun) at
Cebrenia landing site
Specific power provided over lifetime
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Figure BT.32. Specific power over lifetime at Casius and Cebrania landing site
considering ATK and Boeing have the same 33% efficiency
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XV. Dust on Mars
The Mars atmosphere can be dusty. At the Martian spring season dust storm can happens. In
that situation, the transmittance of the atmosphere can be dramatically reduced.
The following equations allow us to calculate the transmittance given the optical depth.
𝑇 = 𝑒 −𝜏 = 10−𝜏𝑑𝐵

(BT.22)

𝐼
𝜏 = − ln(𝑇) = − ln ( )
𝐼0

(BT.23)

Where:
𝑇 = 𝑇𝑟𝑎𝑛𝑠𝑚𝑖𝑡𝑡𝑎𝑛𝑐𝑒 (1 𝑖𝑛 𝑠𝑝𝑎𝑐𝑒, 0.8 𝑜𝑛 𝑚𝑎𝑟𝑠 (𝑎𝑣𝑒𝑟𝑎𝑔𝑒))
𝜏 = 𝑂𝑝𝑡𝑖𝑐𝑎𝑙 𝑑𝑒𝑝𝑡ℎ
𝐼 = 𝐼𝑛𝑡𝑒𝑛𝑠𝑖𝑡𝑦 𝑜𝑓 𝑡ℎ𝑒 𝑟𝑎𝑑𝑖𝑎𝑡𝑖𝑜𝑛 𝑐𝑜𝑚𝑖𝑛𝑔 𝑜𝑢𝑡 𝑜𝑓 𝑡ℎ𝑒 𝑠𝑎𝑚𝑝𝑙𝑒
𝐼0 = 𝐼𝑛𝑡𝑒𝑛𝑠𝑖𝑡𝑦 𝑜𝑓 𝑡ℎ𝑒 𝑖𝑛𝑐𝑖𝑑𝑒𝑛𝑡 𝑟𝑎𝑑𝑖𝑎𝑡𝑖𝑜𝑛
On a normal situation on mars, tau=0.2, according to the formula above, this is a
transmittance of 0.81 [16]
. This value is accurate most of the time excluding during a dust storm.
When a very important dust storm happen we have an average tau of 2, according to the
formula above this is a transmittance of 0.13 [15].
When a dust storm happens we have an average tau of 0.53, according opt the formula above
this is a transmittance of 0.59 [8]. We calculate the specific power show in Figure BT.33
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Figure BT.33. Specific power over lifetime on Mars (average distance from the sun) at
Casius landing site

Using this specific power, we can get the area of solar panels needed for the colony in four
cases show in Figure BT.34.
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Figure BT.34. Area of solar panels needed over lifetime providing 100 kW
The area of solar panels needed to power the Mars colony is too large and thus, the solar
farm would be to heavy. As an example, to provide 100 kW, the total weight of the solar farm
would be 2.7 Mg at Casius and 8.9 Mg at Cebrenia. In addition, the solar panels would need to
be renew after 20 years of lifetime and they would need to be cleaned by astronauts in case of
dust storm. We decided to powere the colony with a nuclear generator.

XVI. Sizing of the dynamic solar panels option for the Cycler
It is possible to produce electrical energy with thermal solar panels. This system is called
“Dynamic solar panels”. The Sun flux is concentrated by the reflector to the receiver. The
receiver uses the Brayton thermodynamic cycle. The concentrated solar flux raises the gas
temperature, and the turbine provides electric power. Radiators are designed to reject thermal
power to space. The gaseous working fluid is a mixture of helium and xenon. The configuration
of this system for the Cycler is show in Figure BT.35.
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To powered a Cycler (with crew) which require 51 kW:
•

2 Solar Dynamic Modules with 24.6 m diameter concentrator

•

8 radiator of 8.7 x 2.5 m

•

Weight: 13 Mg (19 times more than ATK wings)

•

Area: 952 m2

•

TRL level: 4
Reflector
24.6 m
diameter

Receiver

Radiator: 8 panels of 8.7 x 2.5m

Figure BT.35. Principle of operation of a dynamic solar panel to powered the Cycler
We can estimate the mass of the different system included in this system as shown in Table
BT.15.
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Table BT.15 – Mass calculation of the dynamic solar panels for the Cycler
System

Mass (Mg)

Concentrator

1.5

Receiver

1.76

Assemblies

0.8

HRA *

1.55

EEA **

0.26

Beta gimbal

0.28

Interface

0.37

TOTAL

6.52

The advantages of the dynamic solar panels comparatively to the photovoltaic arrays are:


longer lifetime



higher efficiency



Less costly than ATK or DSS ROSA wings

The disadvantages are:


The Reflector has to by assembled by astronaut on orbit.



The total weight of the system would be 19 times more than MegaFlex wings.



Finally this design has been made for the power requirement of the Cycler during the
different cycles. During the establishment of the Cycler’s orbit the power requirement is
240 kW and the scalability of this system is not possible until 240 kW.
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Because all of these reasons, we decided not to powered the cycler with this system. We will
use the MegaFlex solar wings.
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Appendix BU| Cycler Energy Balance and Thermal
Modelling
When a spacecraft is in orbit, it is affected by multiple fluxes from every direction which
contribute to its heating — these include albedo and infrared radiation from nearby planetary
bodies, direct solar input, power dissipation from electronics and heat dissipation from the
astronauts. NASA’s mission with Lunar Orbiter 1 experienced a temporary failure of its star
tracker due to overheating during cruise. For this reason, it is important to maintain the steadystate temperature of the Cycler within a certain range to ensure all systems work as needed.
Passive and active thermal control features can be used to maintain an adequate temperature
profile for the mission’s duration. Passive methods include materials that either conduct or
isolate heat, along with radiators that expel heat energy into deep space. The majority of the
spacecraft is covered in multi-layer insulation (MLI) with the external layer consisting of a firstsurface mirror comprising a polyimide substrate and Aluminized Kapton film metal coating.
Heaters inside the Cycler are controlled by computers. Through temperature sensors, feedback
can be delivered — this way the heating is turned on and off according to the settings defined
by the human factors team.
Understanding the energy balance of the spacecraft is key to guaranteeing the spacecraft will
be within the required temperature range throughout the mission. In this appendix, we provide
an initial investigation into the modelling of the Cycler in its heliocentric orbit and provide
preliminary estimates for the temperatures the Cycler will be subjected to during the mission.

Jocelino Rodrigues | 906

Appendix BU

Project Aldrin-Purdue

I. Energy balance analysis
A. Overview

As a first analysis, we perform an initial investigation on the energy balance of the Cycler. A
few estimates are made — these are mentioned in part B.
It is important for a spacecraft to be within a range of temperatures in which the systems and
electronics inside are fully functional. For this reason, an analysis is performed on what are
believed to be the two possible worst case scenarios for the Cycler — these are pointed out on
Fig BU.1.
The hottest case occurs right after the flyby of Earth where the Cycler is close to the Sun.
Here, it is affected by all inputs, namely albedo, planetary IR, solar input and power dissipated
from electronics. The coldest case, on the other hand, occurs during the flyby of Mars. In this
particular case, the sun is eclipsed by the planet — in this scenario, only Mars’ infrared
radiation and power dissipation are considered. This is found to be an accurate initial estimate to
locate the maximum and minimum values for the mission’s temperature profile.
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Figure BU.1: S1L1 Orbit (Circular/Coplanar) for the Cycler vehicle: red and blue stars
represent the hottest and coldest scenario as hypothesized by the first order analysis.3

B. Theory

2. Nomenclature
P is power dissipated by the Cycler’s systems (i.e. life support, electronics, etc)
αs/c is the absorptivity of the Cycler’s outer material
Aa is the cross-sectional area of the Cycler (as modelled by a sphere)
Gs is the solar flux S at a distance d (in AU), S/d2 = Gs (W/m2)
a is the albedo of the body
Fsc-p is the view factor (body to Cycler)
3

Figure by Emily Zimovan and Pablo Machuca.
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εplanet is the planet’s emissivity
σ is Boltzmann’s constant
Tplanet is the temperature of the planet
εs/c is the emissivity of the Cycler’s outer material
Ae is the area of emittance of the Cycler (all surface area)
Ts/c is the mean temperature of the Cycler’s outside surface

II. Assumptions
As a first order analysis, the Cycler is modelled as a sphere — this helps in view factor
approximations and area calculations. This also helped prove that the derivations below were
correct through analysis of the results obtained. Decision on the material for the outer surface of
the Cycler vehicle is also made through the use of this analysis. It was found that albedo
contributions are negligible (see Appendix BV) — for this reason, the accuracy of the view
factor model used does not affect the accuracy of the results as it only comes into play in the
albedo calculations. The Sphere-to-sphere view factor model applied can be described by the
following formula [1]:

𝐹𝑠𝑐−𝑝𝑙𝑎𝑛𝑒𝑡 = 0.5 [1 −

(ℎ2 + 2ℎ𝑅𝐸 )0.5
ℎ + 𝑅𝐸

]

(BU.1)

Other assumptions include:
 Thermal equilibrium (steady-state);
 Average temperatures of the planetary bodies and deep space [2];
 Power generated 18 kW per person [3];
 Sub-systems of Cycler assumed to be 50% efficient (i.e. 50% of power generated
contributes to the final power dissipation values);
 Full eclipse during Mars fly-by;
 Negligible albedo from Mars’ moons due to small size;
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 The structures team provided the total surface area for the Cycler’s initial design
(value which changed throughout the other analyses due to the continuous design
alterations).

III. Cycler energy balance
In this sub-section, all heat sources and sinks are calculated assuming thermal equilibrium,
such that heat loss is equal to heat gain.
At 1 Astronomical Unit (AU) from the Sun, the power incident on 1m2 normal to the radius
vector of the Sun is the solar constant, S, 1370 W/m2. At distance d AU, the incident power, Gs
is S/d2.

The total absorbed energy for a general case can be defined as:
4
𝑄𝑎𝑏𝑠𝑜𝑟𝑏𝑒𝑑 = 𝑃 + 𝛼𝑠/𝑐 𝐴𝑎 𝐺𝑠 + 𝛼𝑠/𝑐 𝐴𝑎 𝐺𝑠 𝑎𝑏𝑜𝑑𝑦 𝐹𝑠𝑐−𝑝 + 𝛼𝑠/𝑐 𝜀𝑝𝑙𝑎𝑛𝑒𝑡 𝜎𝑇𝑝𝑙𝑎𝑛𝑒𝑡
𝐴𝑎 𝐹𝑠𝑐−𝑝 (BU.2)

Solar input

Albedo

Planetary IR

Where the emitted energy:
4
𝑄𝑒𝑚𝑖𝑡𝑡𝑒𝑑 = 𝜀𝑠/𝑐 𝜎𝐴𝑒 𝑇𝑠/𝑐

(BU.3)

Assuming thermal equilibrium:
𝑄𝑒𝑚𝑖𝑡𝑡𝑒𝑑 = 𝑄𝑎𝑏𝑠𝑜𝑟𝑏𝑒𝑑

(BU.4)

Hence, the steady-state temperature of the Cycler’s outer surface is computed by combining
equations BU.2, BU.3 and BU.3:

4 𝑄𝑎𝑏𝑠𝑜𝑟𝑏𝑒𝑑
𝑇𝑠/𝑐 = √
𝜀𝑠/𝑐 𝜎𝐴𝑒

(BU.5)
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IV. Hot case: Earth flyby
For the flyby of Earth, all of the inputs from equation BU.2 are considered for the total
absorbed energy – hence, equation BU.2 and BU.3 are just re-written for this case.

Absorbed energy for the flyby of Earth:
4
𝑄𝑎𝑏𝑠𝑜𝑟𝑏𝑒𝑑 = 𝑃 + 𝛼𝑠/𝑐 𝐴𝑎 𝐺𝑠 + 𝛼𝑠/𝑐 𝐴𝑎 𝐺𝑠 𝑎𝑏𝑜𝑑𝑦 𝐹𝑠𝑐−𝑝 + 𝛼𝑠/𝑐 𝜀𝑝𝑙𝑎𝑛𝑒𝑡 𝜎𝑇𝑝𝑙𝑎𝑛𝑒𝑡
𝐴𝑎 𝐹𝑠𝑐−𝑝

Emitted energy:
4
4
𝑄𝑒𝑚𝑖𝑡𝑡𝑒𝑑 = 𝜀𝑠/𝑐 𝜎𝑇𝑝𝑙𝑎𝑛𝑒𝑡
𝐴𝑒 𝑇𝑠/𝑐

V. Cold case: Mars flyby
For the flyby of Mars, since the Cycler is fully eclipsed, only power dissipation and Mars’
planetary radiation are considered — hence, equation BU.2 is simplified for this case while
BU.3 can just be re-written.

Absorbed energy for the flyby of Mars during eclipse:
4
𝑄𝑎𝑏𝑠𝑜𝑟𝑏𝑒𝑑 = 𝑃 + 𝜀𝑝𝑙𝑎𝑛𝑒𝑡 𝜎𝑇𝑝𝑙𝑎𝑛𝑒𝑡
𝐴𝑎 𝐹𝑠𝑐−𝑝

(BU.6)

Emitted energy:
4
4
𝑄𝑒𝑚𝑖𝑡𝑡𝑒𝑑 = 𝜀𝑠/𝑐 𝜎𝑇𝑝𝑙𝑎𝑛𝑒𝑡
𝐴𝑒 𝑇𝑠/𝑐
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VI. Transient Temperature Response

During the cycler’s one-time-approach to Earth, it is hiding in the dark side of Earth and we
call it an eclipse. The cycler is very close to Earth for the use of a gravity assist, and this
approach causes potential thermal control problems because the solar radiation input is blocked
by Earth. The total eclipse time is 1.08 hours.

During the eclipse, the total amount of heat loss can be calculated by the following equation:
𝑄̇ = 𝜎𝜖𝑐𝑦𝑐𝑙𝑒𝑟 𝐴(𝑇 4 − 𝑇∞4 )

(BU.7)

Where 𝜎 = 5.670373 × 10−8 𝑊 𝑚−2 𝐾 −4 is the Stefan-Boltzmann constant, 𝜖𝑐𝑦𝑐𝑙𝑒𝑟 is the
emissivity of the cycler, 𝑇∞ = 3𝐾 is the background temperature in space and 𝐴 =
1428.6 𝑚2 is the surface area of the cycler.
The total amount of heat 𝑄 carried by the cycler can be estimated by:
𝑄 = 𝐶𝑐𝑦𝑐𝑙𝑒𝑟 × 𝑚𝑐𝑦𝑐𝑙𝑒𝑟 × 𝑇𝑐𝑦𝑐𝑙𝑒𝑟

(BU.8)

Where 𝐶𝑐𝑦𝑐𝑙𝑒𝑟 is the estimated heat capacity of the cycler vehicle, 𝑚𝑐𝑦𝑐𝑙𝑒𝑟 is the total mass of
the cycler vehicle and 𝑇𝑐𝑦𝑐𝑙𝑒𝑟 is the current temperature of the cycler vehicle. Their values and
some additional parameters are used and presented in Table BU..1
Table BU.1: Cycler Parameters in Transient Temperature Response
System
Cycler

Heat Capacity, 𝐽 𝑔−1 𝐾 −1
523

Mass, Mg
187.85

Surface Area, 𝑚2
1428.6

Emissivity
0.62
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We use MATLAB’s ODE45 function to numerically solve the transient response of the
cycler temperature by using the following equations set:
𝑑𝑄 = − 𝜎𝜖𝑐𝑦𝑐𝑙𝑒𝑟 𝐴(𝑇 4 − 𝑇∞4 ) + 𝑄̇𝑖𝑛

𝑇=

(BU.9)

𝑄
𝐶𝑐𝑦𝑐𝑙𝑒𝑟 × 𝑚𝑐𝑦𝑐𝑙𝑒𝑟

(BU.10)

̇ is the average heat generation inside the cycler vehicle due to electronics and crew
Where 𝑄𝑖𝑛
members.

A. Analysis of results

From the results in Tables BU.1 and BU.2, we conclude that during the flyby of Mars, the
most significant input of heat into the spacecraft comes from the power dissipation of
electronics. During the flyby of Earth, however, for Aluminized Kapton for instance, 63% is
generated due to the proximity to the Sun while the rest from power dissipation.

Table BU.1: Power calculations and resulting surface Cycler temperatures (i)
Surface material

OSR

α/ε

0.1

Epoxy skyspar
untinted white

Aluminized Kapton

0.2222

0.83333

Cases

Cold

Hot

Cold

Hot

Cold

Hot

Albedo4 (kW)

0

0.15

0

0.36

0

0.88

Planetary IR5 (kW)

0.042

0.15

0.1

0.38

0.262

0.95

Direct Solar Input (kW)

0

44.4

0

111

0

278

Dissipated power (kW)

165

165

165

165

165

165

4

Includes Earth, Mars and Moon albedo contributions.

5

Includes Earth and Mars infra-red radiation contributions.
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Total power absorbed

165.0

(kW)

4

Temperature (°C)

-14.2

210

165.1

277

165.26

444

1.81

-21.6

13.0

5.24

83.2

Table BU.2: Power calculations and resulting surface Cycler temperatures (ii)
Surface material

Fuller Aluminum silicone

Gold finish

paint

α/ε

1.15

5

Cases

Cold

Hot

Cold

Hot

Albedo6 (kW)

0

0.41

0

0.45

Planetary IR7 (kW)

0.120

0.441

0.131

0.476

Direct Solar Input (kW)

0

130

0

139

Dissipated power (kW)

165

165

165

165

Total power absorbed (kW)

165.12

294

165.13

305

Temperature (°C)

93.1

150

244.8

330

NASA’s mission with Lunar Orbiter 1 experienced a temporary failure of its star tracker due
to overheating during cruise – for this reason, it is important to maintain the steady-state
temperature of the Cycler within a certain range to ensure all systems work as needed. Passive
thermal control through surface materials is an important step in this direction. Five
materials/paints which have been used in the past are chosen for this investigation to provide a
visual representation of how material properties (absorptivity and emissivity) affect the
temperature profile of our mission. The temperatures at the two worst-case scenario points (red
line represents the hot case and the blue line represents the cold case) are plotted in Fig. BU.2
on the y-axis and the ratio of absorbed versus emitted temperature on the x-axis.

6

Includes Earth, Mars and Moon albedo contributions.

7

Includes Earth and Mars infra-red radiation contributions.
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Figure BU.2: Temperature vs. material properties plot – red and blue line (hot and cold
case, respectively) represent the maximum and minimum temperatures predicted by the
first order analysis for a specific material.

As described in the caption of Fig. BU.2, the red and blue lines (hot and cold cases,
respectively) represent the maximum and minimum temperatures predicted by the first order
analysis

for

five

specific

materials

—

refer

to

MATLAB

codes

‘Cycler_thermal_balancing_cold_case.m’ and ‘Cycler_thermal_balancing_hot_case.m’. Any
temperatures in between these two points are represented in the mission temperature profile in
Appendix BV.
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An analysis is also performed on the added mass due to surface material/paint addition.
Based on Qipotiq Optical Solar Reflector (OSR) values quoted online [4], we calculate the
mass for a 0.10mm thick CMX glass type with a density of 2.605 g/cm3. Assuming the OSR is
used on all XM-3s and Electric and Power Generation Modules, a total surface area of
3035.13m2 of OSR material is needed. The total OSR mass is 0.791 Mg. CMX cover glass with
an Ultraviolet Energy (UVE) filter coating is used for reflecting UV energy in the wavelength
region below 350 nm — it is used in the ISS solar arrays.
Epoxy skyspar white paint [5] has differing densities depending on chemical compositions.
Choosing ZrSiO4 due to its performance in the ultraviolet range (see section E: Factors
affecting material choice), we see it has a density of 4.56 g/cm3. Since it must be applied in
relatively thin coats (approximately 1 mil or 2.54 x 10-5 m), this results in a total paint mass of
0.352 Mg.
For the Aluminized Kapton, we assume a moderately conductive polyimide surface which
has a typical weight of 61g/m2 — the total addition of mass due to the surface material is 0.185
Mg.
For the fuller aluminum silicone paint [5], we assume the Al6Si12013 chemical composition
with a melting point of 2083 K and a density of 3.15 g/cm3. Similarly to the white paint, it is
applied in 1 mil thick coating, giving a total paint mass of 0.243 Mg.
For the gold coating option, we assume Class 4 thickness [6]. Class 4 thickness is defined as
0.0003 inch thick gold coating. With this we calculate a total mass of 0.446 Mg.
Knowing that the total Cycler mass is 502 Mg, we tabulated the percent mass of the thermal
control materials with respect to the total Cycler mass in Table BU.3.
Table BU.3: Table of materials’ masses and % of total Cycler mass
Material
Optical Solar Reflectors

Mass
(Mg)

% of total Cycler mass

0.791

0.16

0.352

0.07

Aluminized Kapton

0.185

0.037

Fuller Aluminum paint

0.243

0.048

Epoxy skyspar untinted white
paint
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Gold cover plating

0.446

0.089

For this reason we can conclude that the surface material does not have a significant
contribution to the total mass, however, it plays an important role in the passive thermal control
of the surface temperature of the Cycler vehicle.

In a combined analysis with what is done in Appendix BV, Fig. BU.3 shows the response of
cycler temperature when louvres are closed and opened during the eclipse.

Figure BU.3: Transient Cycler Temperature Response during Eclipse

When the louvres open, due to the high emissivity of the cycler vehicle, the heat loss to the
space is higher than the heat generation inside cycler vehicle — for this reason, the overall
temperature of the cycler vehicle drops by 10.7 K. This will cause addition problem to keep
high temperature inside the cycler to prevent any system failure. However, when louvres are
closed, due to the low emissivity, the heat loss to the space is lower than the heat generation
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inside cycler vehicle — for this reason the overall temperature of the cycler vehicle increases by
0.8 K.
VII. Factors affecting selection of passive thermal control material

A. First surface mirrors
A first surface mirror is comprised of a metallic coating on top of a substrate. For multilayer
insulation (MLI) blankets the substrate is typically polyimide film. Metallic coatings have very
low emissivity — this means films are characteristically employed in the inner layers of MLIs
in order to reduce heat transfer.
Aluminum is the most frequently chosen coating combining low absorptivity and emissivity
with low manufacturing and production costs. The heat transfer in the coating can be further
minimized by using gold coatings. These were first chosen in the early 1970s for the shuttle
blankets — designed to withstand multiple launch, mission, re-entry and mission preparation
cycles.
When the internal layers of the blanket do not rise significantly above room temperature,
PET (polyethylene terephthalate) films are used. These known for their chemical and
dimensional stability as well as transparency and reflectivity. They are known to be efficient,
cost-effective radiative transfer barrier layers reflecting up to 97% of radiated heat.
First surface mirrors tend to have high absorptivity values — hence, to reach lower
equilibrium temperatures, there are two viable options. Either devise another method of heat
rejection or employ a system with a lower absorptivity to emissivity ratio.
When high temperature operation or burn resistance is required, polyimide is the best option
— it is also resistant to the hostile space environment and can be employed across a large
temperature range. Moreover, it has low outgassing and is resistant to UV radiation. [7]
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Figure BU.4: First surface material representation [7]
B. Second surface mirrors
The surface heats up and reaches an equilibrium temperature when subjected to the sun’s
sunlight. The final equilibrium temperature is dependent on the amount of absorbed energy —
this is dictated by the solar absorptivity value, α. The amount of the heat energy emitted by the
surface, on the other hand, is a function of emissivity, ε — the lower the absorptivity to
emissivity ratio, α/ε, the lower the equilibrium temperature.
A second surface mirror uses a metallic coating to provide generally low absorptivity and
employs the majority of the substrate to provide relatively high emissivity. The absorptivity and
emissivity properties of the second surface mirror can be modified through the selection of
substrate material, substrate thickness, and coating.

Figure BU.5: Second surface material representation [7]

VIII. Factors affecting selection of passive thermal control materials

Radiation characteristics are of primary importance, however, they are not the only factor
involved in material choice for passive thermal control of spacecraft vehicles. Radiation
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characteristics need to be reproducible and stable not only during launch, orbit and re-entry, but
also during all the stages prior to the launch.
As investigated by Lockheed Missiles and Space Division’s (LMSD) ‘Materials Effects in
Spacecraft Thermal Control’ paper [5], prelaunch environmental factors which affect the
radiative properties of the material include:
 Corrosive atmospheric conditions which cause chemical reactions to take place;
 Air oxidation which causes a surface coating of oxide effectively altering the α / ε
ratio;
 High ambient temperatures;
 Mechanical wear and tear during handling;
 Contamination due to dirt and/or dust as well as fingerprints of workers handling the
thermal control materials.

LMSD also mention that both launch and re-entry stages are characterized by high
temperatures produced by aerodynamic heating and by shear stresses due to friction in the
atmosphere. Temperatures in the external control surfaces during those stages can go as high as
810 K. For our mission requirements however, it is more important to consider effects during
the orbital stage. The orbital stage subjects the Cycler to a number of important environmental
factors which may affect the radiation parameters of the materials. Ordered in terms of
importance with respect to their effect on the thermal control properties, these comprise [5]:
1. Micrometeorite erosion;
2. Sputtering of materials by atmospheric ions and protons;
3. High energy radiation and high-energy particles;
4. Temperature extremes and the mechanical and thermal stresses induced by orbit cycles in
between these extremes;
5. The high-vacuum environment and deterioration of volatile materials caused by those
high-vacuum conditions.
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As Fig. 2 shows, Aluminized Kapton shows the best range for Cycler surface temperatures.
Although the range is not optimal, it can be improved through the use of louvres. These help
control the amount heat absorbed and radiated — refer to analysis performed in Appendix BV.
Aluminized Kapton also provides the lowest contribution to the total Cycler mass. Reducing
IMLEO is one of the major requirements for the mission. Moreover, since this is a long duration
mission, Aluminized Kapton’s durability is an advantage.
Both the descent and ascent stages of the Apollo Lunar Module had blankets of aluminized
Kapton for thermal insulation. This demonstrates its effectiveness and resistance to
environmental, vacuum and thermal factors aforementioned and quoted by LMSD as important
to selection of thermal control materials.
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Appendix BV| Thermal Control Louvres: Design and
Analysis
Louvres are active thermal-control devices which have been used in various different
spacecraft vehicles throughout space exploration history. They are normally placed over
external radiators, however, they can also control heat transfer between internal spacecraft
surfaces

and deep space through openings in the walls of the spacecraft.

A louver has the capability of rejecting circa six times as much heat energy as it does in its
fully sealed position — this is achieved with no power requirement. The bimetallic, spring
actuated, rectangular blade venetian-blind type louver assembly is the most commonly used in
space vehicles [1].
After an initial analysis performed in Appendix BU, it was found that passive thermal control
alone was not enough to deal with this mission’s thermal demands. In this section, we
incorporate our own conceptual louvre design onto the Cycler’s Electric and Power Generating
Modules as inspired by that universally employed assembly known as “vane louvers”.

I. Design
A. Overview
Louvre assemblies, as described by the Spacecraft Thermal Control Handbook Volume I [1],
consist of five elements: baseplate, blades, actuators, sensing elements and structural elements.
The baseplate is a surface of low absorptance-to-emmitance ratio covering the critical systems.
The blades are actuator-driven and are what cause the variation in radiative properties. When
the louvers are closed, they act as a shield the baseplate from the surroundings; when open,
however, they allow for radiative heat exchange. The amount of energy transfer can be
controlled through the louver angle employed.
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The design depicted in Fig. BV.1 and Fig. BV.2 is conceptual — it is employed in the
analysis performed in the following section.

Figure BV.1: Conceptual louvre design (closed – configuration A)

Figure BV.2: Conceptual louvre design (open – configuration B)

For visual representation, the thermal control louvres are added to the Cycler’s CAD model
and presented in Fig. BV.3. The design is employed onto the Cycler’s Electric and Power
Generating Modules as inspired by the commonly used “vane louvers”. In this case, however,
they are applied to the outer surface of the modules instead of the radiator’s flat surface. 18
versions of this design surround the module’s perimeter so as to ensure the module’s
temperature is within the required temperature range at all times during the mission.
An alternative version of this design is also included on the bottom of the habitation modules
to control the heat loss and gain from the crew quarters.
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Louvre
s

.

Louvre
s

.
Figure BV.3: Section of Cycler with Louvres:

In Fig. BV.4 the louver assembly surrounding the power generation modules is displayed on
its own without the Cycler’s additional components included.
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Figure BV.4: Louvre assembly

II. Analysis

It is important for a spacecraft to be within a range of temperatures in which the systems and
electronics inside are all fully functional. After an initial analysis is performed in Appendix BU,
it was found that passive thermal control alone was not enough to deal with this mission’s
thermal demands. For this reason, louvres are selected to help reduce the range of temperature
the Cycler is subjected to. Understanding how louvres change the energy balance of the
spacecraft is key. For this reason we go through different analyses where we specify
assumptions, calculations and go through the equations and models used.
B. Overview
In order to understand how the louvres work and how effective they are, an analysis is
performed. Through this, we can calculate how much more heat is dissipated when the louvres
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are open than when they are closed. In our Matlab code, we use this to compute the temperature
profile for each case.
III.

Theory

1. Nomenclature
Eb is emissive power [W/m2]
J is radiosity [W/m2]
q’’ is radiative heat flux [W/m2]
F is view factor
ɛ is emissivity
σ is Boltzmann’s constant [W2/m2.K4]
Tw is temperature of cycler’s outer surface [K]
R’’tot = resistance [K/W]

Subscripts:
w is the cycler’s wall
p,1 is plate 1
p,2 is plate 2
tot is total
s is space

IV. Assumptions
 Rotateable panels;
 Constant surface temperature of 290K;
 Emissive power of empty space is negligible (Eb,space = Jspace = 0);
 Ap is the area of one segment of the panel and equals the spacing of the segments;
 Upper and lower panels (p1 and p2, respectively) in configuration B are in direct
contact with eachother and have the same temperature.
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V. Radiation resistance network calculations – first order analysis of louvres
For proof of concept, the following values are going to be assumed (wall material is
Aluminized Kapton as chosen after the analysis performed in Appendix BU):
ɛp = 0.20
ɛw = 0.62
Tw = 290 K
(a) Closed louvres (configuration A)

Below is the radiation resistance network for the closed configuration. Each node is labelled
as E or J and the equations for the space resistances are all given.

Total resistance:

′′
𝑅𝑡𝑜𝑡,
=
𝐴

1 − ɛ𝑝
1 − ɛ𝑤
+ 4(
)+3
ɛ𝑤
ɛ𝑝

(BV. 1)

Total heat flux:

′′
𝑞𝑤−𝑠𝑝𝑎𝑐𝑒,
=
𝐴

𝐸𝑏,𝑤 − 𝐸𝑏, 𝑠𝑝𝑎𝑐𝑒
′′
𝑅𝑡𝑜𝑡

(BV. 2)
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′′
𝑞𝑤−𝑠𝑝𝑎𝑐𝑒,
𝐴

𝑊
(5.67 × 10−8 2 4 ) (290𝐾)4
𝜎𝑇𝑤4
𝑚
𝐾
=
=
1
−
ɛ
1
−
0.62
1
− 0.25
1 − ɛ𝑤
𝑝
+
4
(
)+3
+
4
(
)
+
3
0.62
0.25
ɛ𝑤
ɛ𝑝

′′
𝑞𝑤−𝑠𝑝𝑎𝑐𝑒,
= 20.45
𝐴

𝑊
𝑚2

(b) Open louvres (configuration B)

Below is the radiation resistance network for the open configuration. Each node is labelled as
E or J and the equations for the space resistances are all given.

′′
𝑞𝑤−𝑠𝑝𝑎𝑐𝑒,
=
𝐴

𝐸𝑏,𝑤 − 𝐸𝑏, 𝑠𝑝𝑎𝑐𝑒
′′
𝑅𝑡𝑜𝑡

Where
−1
′′
𝑅𝑡𝑜𝑡
=

1 − ɛ𝑤
1
1
+(
+
)
1
1
1
ɛ𝑤
+
𝐹𝑤−𝑝 𝐹𝑠−𝑝 𝐹𝑤−𝑠
1

𝐹𝑤−1𝑝
2

(BV. 3)
1/2

2𝐴𝑝
2𝐴𝑝 2
𝑤𝑗
𝑤𝑗 2 2
1 + 𝐴 − [1 + ( 𝐴 ) ]
1 + 𝑤 − [1 + (𝑤 ) ]
𝑝
𝑝
𝑖
𝑖
=
=
2
2

= 0.382
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Fw-p = Fw- ½p + Fw- ½p = 0.764
Fs-p = Fw-p = 0.764 by symmetry
Fw-s = 1 – Fw-p = 0.236 by summation

′′
𝑞𝑤−𝑠𝑝𝑎𝑐𝑒,
𝐵

=

(5.67 × 10−8

𝑊
) (290𝐾)4
𝑚2 𝐾 4

−1

1 − 0.62
1
1
+
(
+
1
1
1 )
0.62
+
0.764 0.764 0.236

% 𝑖𝑛𝑐𝑟𝑒𝑎𝑠𝑒 𝑖𝑛 ℎ𝑒𝑎𝑡 𝑟𝑎𝑑𝑖𝑎𝑡𝑒𝑑 =

= 179.76

𝑊
𝑚2

179.76 − 20.45
× 100% = 779.1 %
20.45

This equates to an increase in heat transfer of circa 8 times less when louvers are closed —
refer to MATLAB code ‘Louvers_concept.m’

(c) Results

Through applying these values to our MATLAB code, we plotted our results using a vector of
relative distance, as provided by our mission design team. Figure 5 shows how the temperature
of the outer surface of the Cycler changes through-out the first 4 and 2/7 years of the mission.
Figure BV.5 shows the relative distance vectors for the selected Earth-Mars-Earth-Earth S1L1
Cycler Orbit model used in our mission specifications.
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Figure BV.5: Cycler temperature variation

In Fig. BV.6 the blue and black lines represent the temperature of the Cycler with closed and
open louvres respectively. The red line depicts one of the possible temperature profiles for the
Cycler using an initial algorithm to optimize the Cycler’s outer temperature.
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Figure BV.6: Relative distance plot – helps in understanding the temperature variations
seen in Fig. 5
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VI. Second-order louvre analysis
The emssivity of the cycler is dependant on both the material of the spacecraft and the angle
𝜃 which determines how the louvres are open — Fig. BV.7 shows the angle 𝜃.

Figure BV.7 — Louvres angle 𝜽
The emssivity 𝜖 and absorptivity 𝛼 can then be found by:
∗
𝜖𝑐𝑦𝑐𝑙𝑒𝑟
= cosθϵlouvres + (1 − cosθ)ϵcycler

(BV.4)

∗
αcycler
= cosθαlouvres + (1 − 𝑐𝑜𝑠𝜃)𝛼𝑐𝑦𝑐𝑙𝑒𝑟

(BV.5)

Where ϵlouvres is the emssivity of the lourvre coating and 𝜖𝑐𝑦𝑐𝑙𝑒𝑟 is the emssivity of the
cycler coating. Similiarly αlouvres is the absorptivity of the lourvre coating and 𝛼𝑐𝑦𝑐𝑙𝑒𝑟 is the
absorptivity of the cycler coating.

Figure 8 shows the change of overall emissivity and absorptivity of the cycler vehicle at
different louvres angle 𝜃.
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Figure BV.8 — Louvres angle 𝜽
As Fig. BV.8 shows, when the angle 𝜃 increases from 0 deg to 90 deg, the louvres changes
from closed to opened correspondingly. The overall absorptivity of the cycler vehicles decreases
from 0.92 to 0.5 and the overall emissivty of the cycler vehicles increases from 0.08 to 0.62.
This result shows the strong effect of louvres to change the radiational behavior of the cycler
vehicle.

References
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Technologies (2nd Edition), AIAA - American Institute of Aeronautics & Astronautics,
December, 2002
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Appendix BW| Active Thermal Control System Modelling
I. Introduction
We use an Active Thermal Control System (ATCS) to solve the additional heating
problems that passive thermal control system can not solve. This ATCS uses a combination of
a fluid loop, which uses ammonia as a working fluid to transfer excess heat from the vehicles to
the thermal sink; a louvre system, made from nickel oxide used to present heat loss of the
vehicles during periodic eclipse; and a radiator array, as the thermal sink of most the vehicles.
The total mass of the system is 4.0 Mg and the volume of the system is 22.15m3. The ATCS
consumes 8.0 kW of power to drive the mechanical arm, ammonia fluid pump and louvres.

This design of ATCS give a best combination of different subsystem after analyzing the
different possible heat source and different heat sinking conditions include the various material
with different radiation absorptivity and emissivity and environment temperature which
determined the background radiation level.

The capability of the ATCS is to reject up to 92.9 kWexcess heats from the vehicles and
adjust the overall heat rejection of the vehicle to achieve a steady state thermal balance at the
temperature of 293 K. This temperature is selected to satisfy both crews and avionics on board.

II. Active Thermal Control System

Active Thermal Control System (ATCS) uses three subsystems to maintain a constant
temperature for Cycler. These subsystems are fluid loops, radiator array and heat exchanger.
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A. Subsystems

1. Fluid Loops

We uses a fluid loops using liquid ammonia as working fluid to transfer heat between inside
vehicle and heat sink, radiator. The fluid loops use a bypass valve to control the amount of heat
transferred into radiator.

III. Radiator Array
We use a radiator array to reject the heat transferred by fluid loop into space. The radiator
can open up and retract back with motors on. The radiator array has different level of output. So
we can only reject the amount of heat we want and maintain a constant cabin temperature.

IV. Heat Exchanger
We use a heat exchanger to transfer heat from first and second fluid loop.
V. Theory and Analysis

The first fluid loop collects heat from the inside Cycler. Then these heat are transferred to the
radiator array via heat exchanger and second fluid loop. To achieve a steady state temperature
balance. We have:
𝑄̇𝑖𝑛 = 𝑄̇𝑜𝑢𝑡

BW.1

Where 𝑄̇𝑖𝑛 is the heat generated from inside Cycler and received from solar radiation, planet
infrared radiation and planet Albedo effect. 𝑄̇𝑜𝑢𝑡 is the heat rejected by radiator array.
Radiator array rejects heat by radiation follows by Stefan-Boltzmann equation:
𝑄̇ = 𝜖𝜎𝑇 4

BW.2
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Where 𝑄̇ is the heat rejection rate, 𝜖 is the emissivity of the radiator array, 𝜎 is the StefanBoltzmann constant and 𝑇 is the absolute temperature.

To obtain an accurate model, we need to take account the temperature drop at each piece of
radiator. For each local area 𝑑𝐴, the local heat rejection rate 𝑑𝑄̇ is calculated from:
𝑑𝑄̇ = 𝜖 𝜂 𝜎 𝑑𝐴(𝑇 4 − 𝑇∞4 )

BW.3

Where 𝜂 is the radiator efficiency, 𝑇∞ = 3𝐾 is the background of space.
We consider the radiator have uniform flow, so the temperature drop 𝑑𝑇̇ at each local area
can be expressed by:
̇

𝑑𝑄
𝑑𝑇̇ = 𝑚̇𝐶

𝑝

BW.4

Where 𝑚̇ is the mass flow rate of the second loop and 𝐶𝑝 is the thermal capacity of the
working fluid ammonia.

Since the radiator is connected with the second fluid loop, and the second fluid loop is evenly
distributed on the radiator array. We can consider the total area of radiator array 𝐴 by:
𝐴 =𝐿×𝑊

BW.5

Where L is the total length of fluid loop and W is the distance between two fluid loop lines.
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Figure BW.1 Demonstrate Fluid Loop Line

Substitute BW.4 and BW.5 into BW.3 then we have:
𝑑𝑇̇
𝑑𝐿

=

𝜖𝜂𝜎𝑊
𝑚̇𝐶𝑝

(𝑇 4 − 𝑇∞4 )

BW.6

For simplification seek, we nondimensionalize 𝐿 by 𝐿 = 𝐿
𝜖𝜂𝜎𝑊
𝑚̇𝑚𝑎𝑥 𝐶𝑝

and mass flow rate factor 𝑋𝑙𝑜𝑎𝑑 = 𝑚̇
𝑑𝑇̇
𝑑𝐿

=𝑋

𝐾
𝑙𝑜𝑎𝑑

𝑚̇
𝑚𝑎𝑥

𝑥
𝑙𝑜𝑜𝑝

, introduce constant 𝐾 =

. Then BW.6 further simplified into:

(𝑇 4 − 𝑇∞4 )

BW.7

Now we can control the change in temperature of the radiator array by control the mass flow
rate factor 𝑋𝑙𝑜𝑎𝑑 . However, to control the temperature of working fluid ammonia flowing into
the heat exchanger (𝑇2 ), we need to use a bypass valve to bypass a portion, 𝑋𝑙𝑜𝑎𝑑 , of ammonia
and then mix the bypassed flow (𝑚̇𝑓 )and core flow (𝑚̇𝑐 ) to obtain a desired temperature.
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Figure BW.2 Demonstrate Fluid Loop
We can calculate the temperature of fluid flowing out from the radiator array 𝑇𝑐 from BW.7
and 𝑇1 from:
𝑇1 = 𝑇2 + 𝑚̇

𝑄̇
𝑚𝑎𝑥 𝐶𝑝

BW.8

Where 𝑇2 = 293𝐾 is the desired temperature flow into the heat exchanger and it is always
set to be constant.
Figure BW.3 shows the temperature flowing out from the radiator array 𝑇𝑐 in different 𝑋𝑙𝑜𝑎𝑑
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Figure BW.3 Temperature of the flow out from radiator in different mass flow rate

The always constant 𝑇2 is obtained from:
𝑇2 = (1 − 𝑋𝑙𝑜𝑎𝑑 )𝑇𝑏 + 𝑋𝑙𝑜𝑎𝑑 𝑇𝑐 BW.9
By choosing the correct 𝑋𝑙𝑜𝑎𝑑 the temperature of 𝑇2 can be obtained from a wide range of
𝑄̇𝑖𝑛 Condition.
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Appendix BX| CarLa Main Propulsion Engine Design
Theory
I. Propulsion Theory
A. Nomenclature
ΔV

= delta V, the change in velocity required for the mission

Isp

= specific impulse

Mpl

= mass of the payload

Min

= mass of the inert structure

Mprop

= mass of the propellant

Mi

= initial mass

Mf

= final mass

g0

= gravitational constant

λ

= propellant mass fraction

O/F

= oxidizer to fuel ratio

Pc

= chamber pressure

ε

= expansion ratio

II. Introduction

This appendix is to address the theory used when designing the main propulsion engine
aboard the cargo vehicle and lander, referred to as the CarLa vehicle. The goal of the Carla
missions is to efficiently transport cargo and the XM3 habitation modules from Earth to both
Mars and Phobos. The engine aboard the CarLa vehicle must then be as efficient as possible at
delivering its payload. Thus, the driving factors behind the design process are to be as efficient
as possible while reducing the Initial Mass in Low Earth Orbit, or IMLEO, the main design
constraint of our study.
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III. Propulsion Theory

The start of any rocket design process is with the rocket equation, seen below as equation
BX.1.
𝑚

𝛥𝑉 = 𝑔0 ∗ 𝐼𝑠𝑝 ∗ ln 𝑚 𝑖 + 𝐷𝑔𝑟𝑎𝑣 + 𝐷𝑎𝑒𝑟𝑜 + 𝑉𝑖

(BX.1)

𝑓

Here, ΔV is equal to the change in velocity in meters per second needed to achieve the
desired trajectory as calculated and given to us by the mission design team, see section 11.II of
the main report. Isp is the specific impulse of the rocket which depends on both the type of
propellant used as well as characteristics of the rocket nozzle. The specific impulse of a rocket
is a correlation to the efficiency of the rocket; a higher specific impulse leads to a more efficient
rocket. The term g0 refers to the gravitational constant, in this case in terms of meters per
second squared. The final portion of the first term is the natural logarithm of the ratio between
the initial mass, mi, and the final mass after all the propellant is spent, mf. The final three terms
are the gravitational drag, aerodynamic drag, and the velocity of the vehicle in its orbit prior to
ignition. The last term has already been taken into account by the mission design team in the ΔV
they have given us. The other two terms can be neglected for our application. This leaves us
with a much smaller equation, which, when solved for the mass fraction, can be seen in
equation BX.2.
ΔV
𝑚𝑖
𝑔0 ∗𝐼𝑠𝑝
= 𝑒
𝑚𝑓

(BX.2)

We have the required ΔV from Alex Davis and the mission design team, g0 is a known
constant, and the rockets Isp can be calculated. From these numbers, the mass ratio, or ratio of
initial mass and final mass, can be calculated.
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The initial and final masses can be expressed as a sum of the part masses that make up the
rocket. The initial mass can be expressed as the sum of the payload mass, the propellant mass,
and the inert mass of the system. The inert mass of the system is any structural mass that is
neither payload nor propellant such as the propellant tanks, the plumbing, or the connecting
structure between the payload and the engine. Since the final mass is just the initial mass minus
the mass of the propellant since the propellant has burned away, we can express this value as
well. This means that the mass ratio can be expressed as a ratio of these mass parts, seen below
in equation BX.3.
𝑚𝑝𝑟𝑜𝑝 + 𝑚𝑝𝑙 + 𝑚𝑖𝑛
𝑚𝑖
=
𝑚𝑓
𝑚𝑝𝑙 + 𝑚𝑖𝑛

BX.3

Now that we have two equations that calculate the mass ratio, we can equate them and
solve for the mass of the propellant. We now have an equation for the mass of the propellant
required for a given mission, equation BX.4.

𝑚𝑝𝑟𝑜𝑝 = (𝑚𝑝𝑙 + 𝑚𝑖𝑛 ) ∗ 𝑒

ΔV
𝑔0 ∗𝐼𝑠𝑝

− 𝑚𝑖𝑛 − 𝑚𝑝𝑙

BX.4

We are given the required ΔV as well as the payload mass, mpl, for a given mission, g0 is
known, and specific impulse can be calculated for a given rocket. This just leaves the propellant
mass and inert mass as unknowns. There are two ways to settle these unknowns. One is to
estimate an inert mass and then we can solve for the propellant mass. The second is to estimate
a propellant mass fraction, equation BX.5, and then solve the system of equations of equations
BX.4 and BX.5 for out two unknowns. For liquid rockets, the propellant mass fraction is
somewhere between 0.7 and 0.85 [1].

λ=

𝑚𝑝𝑟𝑜𝑝
𝑚𝑖𝑛 + 𝑚𝑝𝑟𝑜𝑝

BX.5
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From here, if the oxidizer to fuel ratio, or O/F, is known, the mass of both our fuel and
oxidizer can be found. From this we can also find the volume the fuel and oxidizer tanks must
be to hold off of our propellant.

IV. Explanation of Methods Used

So now that we have better understanding of the theory of rocket science, we can take a
look at the methods that we employ for this particular mission. From the structures and human
factors teams, we know the mass of the payload of our missions. From the mission design team,
we know the required ΔV for our missions. This leaves the specific impulse and inert mass to be
determined. The inert mass can be estimated, leaving the specific impulse to be the variable we
work with. For this, we use NASA’s Chemical Equilibrium with Applications code, or CEA.
CEA uses an algorithm to calculate many different characteristics of a rocket given the chamber
pressure of the rocket, the expansion ratio of the nozzle or the pressure ratio between the
chamber and the exit, the oxidizer to fuel ratio, and what the fuel and oxidizer will be. This
CEA code sits at the core of a Matlab function that optimized the required propellant mass.
The inputs for this function are the required ΔV and payload mass. From here, the function
starts an iterative process to test combinations of chamber pressure, expansion ratio, and O/F
ratio. For each combination, these variables are called by the CEA call function, which sets the
variable and determines the outputs of CEA to be given. Then CEA runs and gives us a specific
impulse. From here, another function is called to calculate the propellant mass, which is
compared to the previous best propellant mass. If the new mass is better, it and all
accompanying values are saved as the new best mass. This iteration happens through a range of
each variable. When this iteration process finishes, a new one takes place that is within a
narrower range for each variable. For example, for the first iteration set, we look at an O/F ratio
between 1 and 10, increasing the value by 1 each iteration. This iteration will only get us to the
closest whole number for the optimum value, let’s say 3. The second iteration will start by
creating a range for the variables near the first iterations best value and iterating at a smaller
increment. For this example, the new range would become 2 to 4, and the step size would be
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0.1. This is repeated another time for more accuracy. This method also saves time by needing a
total number of iterations orders of magnitude smaller than if we were to iterate at the detail of
the last iteration for the range of the first. Thus the code can then calculate the other pieces of
data we want once the best combination is known.

References
[1] – Sutton, G.P., Biblarz, O., Rocket Propulsion Elements 8th ed., Wiley, Hoboken, N.J.,
2010
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Appendix BY| Cargo Lander Terminal Descent with Hover
I. Cargo Lander Terminal Descent with Hover
A. Requirements and Entry Conditions
The CarLa vehicle will be flying 1km above the Martian surface at a speed of 120m/s in an
angle of 80.59 degrees after the CarLa vehicle is decelerated by the HIAD heat shield.
Afterwards, the mass of 54.39Mg will touch down the surface. The requirement is that this
vehicle cannot land further than 6km away from the target location, and the vehicle has to hover
for 30 seconds before touching down on the surface. To clarify the order of terminal descent
maneuers, the vehicle first reduces the initial velocity of 120m/s down to zero, maneuvers
horizontally to remove the 6km error, and hovers vertically for 30seconds. During this process
the vehicle three different propulsive burns.
Table BY.10: Terminal Descent with Hover Requirements
Requirement Criteria

Values

Touchdown Mass

54.39 Mg

Terminal Descent Beginning Height

1km

Terminal Descent Beginning Speed

120m/s

Terminal Descent Beginning Angle

80.59 degrees

Allowed Offset from the target location

6km

Hover Duration

30 seconds

II. Performance Information and Inertial Properties
Performance parameters such as the specific impulse and thrust, or inertial properties
including mass, pressure, and volume are calculated based on the initial selection of the
expansion ratio and expansion ratio. The numbers were further derived by using both the rocket
equations and the Chemical Equilibrium with Applications (CEA) from NASA at the same
time. We are using the chamber pressure of 4MPa and the expansion ratio of 60, to ensure that
this propulsion system can be considered an enlarged version of Human Lander.
Dongju Lee | 946

Appendix BY

Project Aldrin-Purdue

Table BY.11: Selections of Expansion Ratio and Chamber Pressure
Initial Design Parameters

Values

Expansion Ratio

60

Chamber Pressure

4MPa

Isp distribution for different expansion ratios
360
350
X: 2.25
Y: 350.8

340

Isp (m/s)

330
320

 = 60
epsilon =
epsilon =
epsilon =
epsilon =

310
300

65
70
75
80

290
280
270

0

0.5

1

1.5
2
2.5
O/F Mixture Ratio

3

3.5

4

Figure BY.36: Specific Impulse Distribution in terms of O/F Mixture Ratio
The above Figure BY.1 illustrates the range of 𝐼𝑠𝑝 when the expansion ratio varies from 60 to
80. For the given expansion ratio and chamber pressure, the 𝐼𝑠𝑝 reaches the maximum value of
350.8seconds when O/F ratio is around 2.25.
To calculate the mass, we need to come up with an equation of motion which basically
assumes that there are three major forces acting on our vehicle: thrust, drag, and gravity. The
setting from which the equation of motion is derived can be illustrated as the Figure BY.2
below.
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Figure BY.37: Cargo Lander Vehicle in Martian Atmosphere
From this setting, we can come up with equations of motions as the following.
𝑽𝒙 = 𝒙̇

BY.1

𝑽𝒚 = 𝒚̇

BY.2

𝑭

𝑫

𝑽𝒙̇ = 𝒎 𝐜𝐨𝐬(𝜽) − 𝒎 𝐜𝐨𝐬(𝜸)
𝑭

𝑫

𝑽𝒚̇ = 𝒎 𝐬𝐢𝐧(𝜽) − 𝒎 𝐬𝐢𝐧(𝜸) − 𝒈

BY.3
BY.4

Here, F represents the thrust and m represents the mass, while 𝜃 and 𝛾 represent two different
flight path angles, and D represents the drag which is a function of the velocities as seen from
the following equations,
𝑭 = 𝒎̇𝑰𝒔𝒑 𝒈𝟎
𝟏

𝑫 = 𝟐 𝝆𝑪𝒅 𝑨(𝑽𝟐𝒙 + 𝑽𝟐𝒚 )

BY.5
BY.6

where Cd represents the coefficient of drag (acquired from the aerodynamics team), A is the
cross section area of the vehicle, and ρ is the density of the Martian atmosphere. To be thorough,
we simply made the exponential atmosphere assumption when sizing how the density of mars
will change during descent.
𝝆 = 𝝆𝒓𝒆𝒇 𝒆

𝒚
)
𝒉𝒔𝒄𝒂𝒍𝒆

−(

BY.7

Dongju Lee | 948

Appendix BY

Project Aldrin-Purdue

Above, 𝜌𝑟𝑒𝑓 is the reference atmospheric condition taken in our case at the surface of mars,
and ℎ𝑠𝑐𝑎𝑙𝑒 refers to the scale height.
From this point, we can use alternative forms of the ideal rocket equation to find the
breakdown of mass costs at each phase.
𝒎𝑻𝒆𝒓𝒎𝒊𝒏𝒂𝒍 𝑫𝒆𝒔𝒄𝒆𝒏𝒕 = 𝒎𝟎 (𝟏 −

𝒎𝒉𝒐𝒗𝒆𝒓 = 𝒎𝒕𝒐𝒖𝒄𝒉𝒅𝒐𝒘𝒏 𝒆

𝒕𝒃𝒖𝒓𝒏
𝑰𝒔𝒑

𝟏

)

BY.8

− 𝒎𝒕𝒐𝒖𝒄𝒉𝒅𝒐𝒘𝒏

BY.9

𝚫𝑽
𝒆𝒈𝑰𝒔𝒑

The usage of these equations and numbers give the breakdowns of mass, pressure, and volume,
as well as the properties from the chamber inlet to the nozzle exit. For the oxidizer and fuel,
N2O4 and MMH are used for long-term storage capabilities. Relevant propulsion parameters
are given in Table BY.3.
Table BY.12: Performance Parameters based on Optimization Calculation
Performance Parameters

Values

O/F Mixture Ratio (of N2O4 and MMH)

2.25

𝐼𝑠𝑝

350.8 sec

Required Thrust

247kN

The important mass numbers for the different phases of the terminal descent are given in
Table BY.4 below.
Table BY.13: Mass Breakdown
Mass breakdown

Values (Mg)

XM3 alone (touch down mass)

54.39

Propellant for Terminal Descent

4.659

Propellant for Hover

5.625

Propellant Total

10.27

Mass Total

64.66

N2O4 Mass Flow Rate

129.8

MMH Mass Flow Rate

57.69
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Table BY.14: Volume Breakdown

Volume Breakdown

Values

Tank Volume Total

10.2 𝑚3

N2O4 Volume Flow Rate

0.0900 𝑚3 /𝑠

MMh Volume Flow Rate

0.0656 𝑚3 /𝑠

Table BY.15: Pressure Breakdown
Pressure Breakdown

Values (MPa)

Chamber Pressure (Given)

4

Throat Pressure

2.31

Exit Pressure

0.005

N2O4 Head Pressure Rise

16.77 kPa

MMH Head Pressure Rise

12.21 kPa

Finally, the size and temperature properties from the chamber to the exit can be found. We
will be using a system with 6 redundant nozzles in order to get alternatives when some nozzles
do not function properly.
Table BY.16: Size and Temperature Properties from the Chamber to the Exit
Size and Temperature

Values

Throat Area (for each)

0.0136 𝑚2

Exit Area (for each)

0.8167 𝑚2

Chamber Temperuatre

3374.67 K

Throat Temperature

3199.67 K

Exit Temperature

1358.02 K
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III. System Overview

Using the values that we have from the previous sections, we can have a nozzle as illustrated
below.

Figure BY.38: Dimension of each nozzle

We will be using a system with 6 nozzles to ensure that we can successfully land. With the
six nozzle redundancy, the entire system is depicted in Fig. BY.4 below.

Figure BY.39: Six Nozzle Cargo Lander Propulsion System
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Appendix BZ| Gas Generator Cycle and Ablative Cooling
Considerations
I. Background Knowledge (from Appendix BY)
The Table BZ.1 from Appendix BY shows the distribution of temperature from the chamber
inlet to the nozzle exit of Cargo Lander propulsion system. It is helpful to review why some
design choices are suitable when there are alternative choices as well.
Table BZ.1: Size and Temperature Properties from the Chamber to the Exit
Size and Temperature

Values

Throat Area (for each)

0.0136 𝑚2

Exit Area (for each)

0.8167 𝑚2

Chamber Temperuatre

3374.67 K

Throat Temperature

3199.67 K

Exit Temperature

1358.02 K

The temperature values are generally high. On the other hand, we are burning the propellant
only for 30 seconds, and hence, we have come to the conlusion that the ablative cooling can be
good enough to keep the system from melting while we can keep it simple.
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II. System Overview

B. Schematics

Figure BZ.1: Gas Generator and Ablative Cooling System Schematics
Gas Generator is a design which combines the pump stage and turbine stage. The fuel flow goes
around the nozzle surface and cools it. The fact that we can put extra built-in caution to the
cooling is the reason why Gas Generator cycle can be a decent choice.
Ablative cooling chambers are fiber-reinforced resins, pyrolyzing endothermically within the
chamber wall, releasing a gas and leaving a carbon matrix or char. The pyrolysis gas under goes
further reaction or cracking as it flows through the charred material to the inner surface, where it
acts as a transpiration coolant.

References
[1]Sutton, G. P. (8th Ed). Rocket Propulsion Elements. WILEY.
[2]Wikimedia Commons. (2015, January 2). Gas Generator Rocket Cycle. Retrieved April 4th,
2015, from http://commons.wikimedia.org/wiki/File:Gas_generator_rocket_cycle.png
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Appendix CA| Terminal Descent Propulsion Analysis
Appendix
1. First Burn Maneuver Propellant Mass

In order to determine how much propellant we need for the initial entry velocity mitigation
(where we need to counteract the initial velocity at the beginning of the terminal descent phase)
the equations below were used.
𝑚0
∆𝑉 = 𝑔0 𝐼𝑠𝑝 ln ( )
𝑚𝑓

CA.1

−∆𝑉

𝑚𝑓 = 𝑚0 𝑒 𝑔0 𝐼𝑠𝑝

CA.2
−∆𝑉

𝑚𝑝1 = 𝑚0 − 𝑚𝑓 = 𝑚0 (1 − 𝑒 𝑔0 𝐼𝑠𝑝 )

CA.3

Above, ∆V refers to the velocity we need to kill from entry, mo refers to the initial vehicle
mass at the start of the terminal descent phase, mf refers to the final mass of the vehicle after the
burn maneuver, and 𝑚𝑝1 refers to the mass of the propellant used for the maneuver. As stated
previously for this analysis we make the assumption that the entry velocity kill maneuver is
distinct from the subsequent hover maneuver, which allows us to analyze them separately.
2. Thruster Configuration

We can now begin doing some basic sizing on the thrusters themselves. Typically, rocket
nozzles have properties (such as expansion ratio) chosen to perform optimally at very specific
atmospheric conditions. The extremely thin Martian atmosphere makes this kind of sizing
unfeasible, in order to compensate we took the design approach outlined in the main body of
this document where in effect we design backwards given our constraints such as thrust required
and flow rates.
We may also perform some basic optimizations by iterating though CEA and attempting to
find a relationship between the fuel ratio and the specific impulse that will maximize the
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performance of the thruster. Looking at figure CA.1 below it is evident that engine performance
is maximized at an O/F ratio of 2.28, which results in an Isp of 334 seconds.

Figure CA.1: Isp versus O/F Ratio for MMH and N2O4, We see that the optimal Isp
occurs at an O/F of around 2.3

3. Engine Sizing Analysis

After using CEA to gain some first order idea of the basic engine parameters, we needed to
perform some correction to take into account the effects of the Martian atmosphere. When CEA
performs it’s analysis the code computes the parameters for vacuum conditions. One correction
to be made is to the thrust coefficient as seen using the equation below

2

𝑘+1

𝑘−1
𝑘

2𝑘
2 𝑘−1
𝑝
𝐶𝑓 = √𝑘−1 (𝑘+1) [1 − (𝑝2 )
1

]+

𝑝2 −𝑝3
𝑝1

𝜀

CA. 4

Above k refers to the ratio of specific heats, p refers to the pressure at the respective nozzle
locations, and 𝜀 refers to the expansion ratio. Given a value of maximum thrust required
(discussed in a later section) for our engine we can come up a value for the size of the throat
area needed to satisfy the relationship outlined in equation CA.5 below
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𝐹 = 𝑐𝑓 𝑃1 𝐴𝑡
𝐴𝑡 =

𝐹
𝐶𝑓 𝑃1

CA.5

Above F refers to the engine thrust output and P1 refers to the internal chamber pressure.
Then, given our expansion ratio this allows us to calculate the required nozzle exit area. We
may then size the actual nozzle itself. For the purpose of this thruster we choose to use an 80%
bell nozzle configuration as opposed to a conical nozzle in order to maximize performance. The
bell nozzle design allows us to minimize divergence losses and delay flow separation in the
working fluid. Effectively, the supersonic bell nozzle has more efficient expansion than using a
straight cone of similar area ratio and length. The next parameter to be considered is the
combustion chamber itself. The sizing of the combustion chamber is less straightforward than
the sizing of the nozzle because many of the relationships required for optimal sizing must be
found empirically. One of these parameters is the length of the chamber itself. As a fairly decent
approximation we may assume that equation CA.6 below, is fairly close to the actual chamber
length we’ll need.
𝐿𝑐 = 𝑒 [0.029 ln(𝐷𝑡

2 )+0.47 ln(𝐷 )+1.94]
𝑡

CA.6

Choosing the current engine type is very important towards a successful overall design. For
an engine of this type we feel it’s most logical to use a pressure fed cycle as seen below in
figure CA.2
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Figure CA:2 Pressure Fed Cycle where propellants are fed pressurized helium to
eliminate the need for turbo machinery.
Above, we see that a gas supply of pressurized helium is kept in a separate external tank and
upon the start of the burn cycle is driven into the tanks with the propellant. This then drives the
fuel and oxidizer through control valves into the combustion chamber. The external helium tank
is kept at a pressure that exceeds the 3 MPa pressure of the combustion chamber to maintain
adequate flow throughout the duration of the engine burn cycle. The helium line is also warmed
by a heat exchanger running by the combustion chamber to minimize performance losses
associated with injecting near cryogenic helium into the flow. The advantage of using a pressure
fed cycle as opposed to other cycles is primarily simplicity and reliability since it doesn’t make
use of complicated turbomachinery.
4. Cooling Methods Analysis

An extremely important consideration for our engine is the cooling system that will be used
to reduce the detrimental effects of high heat fluxes to our walls. However before we discuss
cooling methods it will be useful to first discuss the thermal stresses that will be experienced by
our engines. This will help drive the selection of what material will be the most appropriate to
construct the engines themselves. If we treat the combustion chamber of our rocket engines as
approximately a cylinder (which is a fairly reasonable approximation) then we can use this
compute the thermal stresses experienced by the walls of the combustion chamber using the
equation below
𝜎=

2𝜆𝐸Δ𝑇
1−𝑣

CA.7

Above, lambda is a thermal constant, E is the modulus of elasticity (which describes the
tendency of a material to deform along an axis), v is Poisson’s constant, and delta T represents
the expected temperature gradient. If we use the results from CEA to then compute what the
expected adiabatic flame temperature of our chamber will be. We can then use the equation
above to compute the stress. After performing the calculation we see that the thermal stress per
engine is approximately 370 MPa per thruster. If we again make the assumption that the
combustion chamber will be a cylindrical shell, we can then compute the necessary wall
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thickness necessary to “survive” the thermal stress by using the equation below. It is of course
important to note that this without any applied cooling, and therefore represents a necessarily
worst-case scenario.
𝜎=

𝑃𝐷
2𝑡𝑤

𝑡𝑤 =

𝑃𝐷
2𝜎

CA.8

Above P represents the chamber pressure, D represents the Diameter of the chamber, and t w
represents the wall thickness. We find the required wall thickness to be about 0.4 cm .
Our next task is to find a material that will have a yield stress that is greater than this thermal
stress up to a safety factor of at least 2. Of course multiple materials will likely satisfy this
criterion, so the next order of business is to down-select a material that will not only fulfill our
stress requirement but will also minimize weight by having the lowest density. After a
consideration of readily available construction materials, we find that Titanium Ti-6A1-4V
satisfies the aforementioned requirements with yield strength of 869 MPa. In the table below we
list the properties of the chosen material.
Table CA.17: Selected Titanium Properties
Material
Titanium
(Ti-6A1-4V)

E (GPa)

V

𝝈𝒚 (MPa)

𝝆 g/m3

110

0.31

869

4.46

After the above tasks have been accomplished, we next need to come up with an adequate
method to cool the engine. For this we decided on a combination of ablative cooling with fuel
injection biasing.
We’ll first discuss the barrier flow created by fuel injection biasing. Effectively the idea here
is to be able to vary or bias the fuel ratio of fluid coming from injectors near the walls of the
chamber. The effect of this is that we can then decrease the oxygen to fuel ratio coming from
these select injectors to make the near wall mixture ratio more fuel rich and subsequently
decrease the temperature near the walls. This in essence creates two zones, one hot high
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performing core and one with a relatively cool barrier to mitigate the effects of extremely high
wall temperatures. A diagram of this is shown in figure CA.3 below.

Figure CA.3: Two Zone Injector diagram. This cooling method entails having a cool, low
O/F ratio near the chamber walls
We first start by selecting a maximum desired wall temperature of 2000 Kelvin. This
corresponds to just barely below the melting point of titanium. We can then run through CEA
and figure out what kind of O/F ratio we need to achieve those kinds of temperatures. We find
that the O/F ratio needs to be approximately 0.85 as shown in the figure below.
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Figure CA.4: Chamber Pressure as a function of O/F ratio. For a desired 2000 Kelvin
chamber pressure we require an O/F ratio of 0.85
If we then make the assumption that 10% of the propellant flow is near the chamber walls (which
from now on we’ll refer to as wall side) and the remaining 90 percent comes through the core
(core side), we can then easily compute the required core O/F ratio necessary to maintain the
optimal O/F ratio. We find the core needs an O/F ratio of 2.43 In order to compute how the
performance is changed by fuel injection biasing we need to compute the performance values for
both the wall and the core. In the table below we show these non-ideal mass averaged values.

Table CA.2 Mass Averaged Non-ideal Performance values for Engine
Properties Wall Side Core side Mass Averaged
Cf

0.696

1.95

C*

1428.5

1691.7

Isp

267

339

1.8246
1665.38
331.8

We may then compare these mass averaged values to the original values without fuel ratio
biasing and conclude there is a 2.1% performance loss associated with this method. It is
important to note that throughout the above analysis we made the assumption that the C* and the
Cf efficiencies were both 95%.
5. Hover Analysis

One of the most important characteristics for this engine is the hover capability. To compute the
mass of the propellant needed to perform this maneuver is very straightforward. Below we have
a basic equation describing the instantaneous mass flow rate required to achieve a certain level of
thrust.
𝑚̇ =

𝐹
𝐼𝑠𝑝 𝑔0

CA.9

Optimally, the level of thrust required by the vehicle during the hover maneuver will be equal to
the weight of the vehicle. This is because the thrust vector must equal in magnitude and opposite
in direction to the total force due to gravity. The only complicating factor is the fact that the
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mass of the vehicle is changing during descent since propellant is being ejected from the
thrusters. The mass of the vehicle as a function of time is described below in equation CA.10
𝑡

𝑀(𝑡) = 𝑀0 − ∫ 𝑚̇ 𝑑𝑡

CA.10

0

We can solve these equations in Matlab using a differential equation solver (these particular
equations may be solved analytically if mass flow rate is assumed to be constant, but as we will
see later the mass computation becomes more complicated when taking into account the lateral
burn maneuver). If we perform these calculations (done using the attached Matlab code) we find
that the required mass to hover given the vehicle structural mass is around 3.79 Mg. Combined
with the 1.33 Mg necessary to “kill” the entry velocity from the previous section we find that the
total propellant mass necessary to perform both maneuvers is 5.12 Mg.
6. Lateral Maneuver Modeling and Analysis

To reiterate what was stated in the primary body of this document, because the vehicle has a
targeting error of 6 km, we initially thought it would be a good idea to explore being able to use
a propulsive burn to correct this and move our vehicle laterally to the desired target location.
In order to begin this analysis we need to come up with the equations of motion for the human
lander vehicle. We start off with the assumptions that the only forces of consequence acting on
the vehicle during its lateral burn/ hover maneuver are the forces of gravity acting in the
downward direction, drag acting in a direction opposite the velocity vector, and the force
produced by the thrust of the engines which can be varied in direction. If we take a look at the
figure below (inspired by J.M Longuski’s Optimal Control text) we see a free body diagram of
the forces that are acting on the vehicle.
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Figure CA.5: Human Lander vehicle in Martian atmosphere subject to drag.
If we then also make the flat Earth (or in this case the “flat Mars”) assumption then we can
model the equations of motion as the following.
𝑉𝑥 = 𝑥̇

CA. 10

𝑉𝑦 = 𝑦̇

𝐶𝐴.11

𝐹
𝐷
cos(𝜃) − cos(𝛾)
𝑚
𝑚
𝐹
𝐷
𝑉𝑦̇ =
sin(𝜃) − sin(𝛾) − 𝑔
𝑚
𝑚
𝑉𝑥̇ =

CA.13
CA.14

Above, the thrust F and mass m are functions of time, and the angles 𝛾 (the flight path angle) and
𝜃 are illustrated in the diagram above. For drag we use the usual aerodynamics equation:
𝐷=

1
𝜌𝐶𝑑 𝐴(𝑉𝑥 2 + 𝑉𝑦 2 )
2

CA.15

where Cd represents the coefficient of drag (acquired from the aerodynamics team), A is the
cross section area of the vehicle, and 𝜌 is the density of the Martian atmosphere. To be thorough,
we simply made the exponential atmosphere assumption (modeled in equation number CA.16)
when sizing how the density of mars will change during descent.
𝜌 = 𝜌𝑟𝑒𝑓 𝑒

𝑦
−(
)
ℎ𝑠𝑐𝑎𝑙𝑒

CA. 16
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Above, 𝜌𝑟𝑒𝑓 is the reference atmospheric condition taken in our case at the surface of mars, and
ℎ𝑠𝑐𝑎𝑙𝑒 refers to the scale height.
We may then input the equations outlined above into a state matrix and use them as input for
an equations of motion file used in an ordinary differential equation solver (like Matlab’s
ODE45). If we then also constrain the vehicle to produce enough force to maintain a level and
steady altitude, then we gain bounds for the magnitude of the thrust the vehicle may produce per
unit time. We can then create a series of loops within our code to search the parameter space for
variations in the thrust gimbal angle that will allow the vehicle to traverse the 6 km distance
laterally, within the 60 second allotted time period and without changing altitude. In figure CA.6
on the next page we display the downrange time history of the vehicle to illustrate that indeed it
is able to travel the lateral error within the allotted time period.
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Figure CA.6: (Top) Downrange time history of the human lander using trajectory
computed by Matlab code. (Bottom) Vertical velocity of the vehicle remains virtually zero
throughout the duration of the burn.

In the figure below we illustrate the position history of the vehicle during the burn maneuver.
As expected the vehicle stays within the 1000 m altitude for the duration of the burn.
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Figure CA.7: Positional History for Vehicle during duration of Burn. It is evident that the
vehicle maintains vertical position and manages to move downrange a distance of 6 km.
7. Risk and Safety Analysis

One of the top considerations for any component for a mission of this type is the safety factors
and risk analysis that drive decision-making. Below we outline some of the failure risks, and the
relative consequences associated with each type of failure mode.
1.

Helium Pressure Tank leak after degradation from long term storage and destructive
vibrations– Likelihood: 1 (Unlikely, tanks are reinforced), Consequence: 4 (Propellants
fail to reach combustion chamber, Human Lander unable to fire retro-propulsive
rockets, Mission Failure.)

2.

Hydrazine leak into internal crew compartment through ventilation. Likelihood: 1
(Highly unlikely, compartment is sealed). Consequence: 4 (Crew exposure to highly
toxic compound, multiple deaths expected, Mission Failure.)
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Fuel Valve Malfunction. Likelihood: 2 (After long term storage, valves may become
faulty). Consequence: 3 (Dangerous, but unlikely to cause mission failure due to
redundancy and multiple ways to compensate)

4.

Loss of an engine. Likelihood: 1 (Unlikely, Engines designed for simplicity and lack
complicated advanced machinery). Consequence: 2 (Unfavorable would simply cause
flight computer to use remaining 5 engines to compensate)
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Appendix CB| Hydrogen Zero Boil Off Considerations
1. Hydrogen Zero Boil Off Considerations

With the advantageous uses of liquid hydrogen as a fuel source for the post cycler propulsion
engine, in depth research into a solution for hydrogen boil off is performed. The most promising
solution to hydrogen boil off is the NASA completed research on zero boil off for space
applications (Hastings 1). The system integrates a 5083 aluminum insulated tank pressurized to
114.8 kPa with a cryocooler heat removal system.
The heat removal system implements a Gifford-McMahon cycle refrigerator. The cryocooler
can expel 30 watts at 20 K. This wattage of cooling requires 350 watts of power per watt of
cooling. The overall power requirement for the cryocooler would be 10.5 kilowatts. The boiling
point of liquid hydrogen is 20.28K at one atmosphere (Landstreet). We use basic hydrogen
thermodynamic tables to interpolate that the boiling point of hydrogen at the tank pressure will
be 23K. This slight increase in boiling point allows the cryocooler to run regularly at a point
farther from the boiling point.
We find that this system is a viable option to solving the hydrogen boil off problem. The zero
boil off technology runs with minimal power transfer into the hydrogen fuel. What power is
transferred to the liquid hydrogen is rejected by the cryocooler. A total of 12.9 Watts of power
leak into the system from a combination of tank thermal penetration, non operative cooler, and
the operating pump. This combined power leak is within the range of what the cryocooler is
capable of expelling.
Ultimatly we decide that the hydrogen zero boil off consideration will not be implemented
due to its system complexity. This decision is made also on the consideration that the cryocooler
would need to be run non-stop for the entirety of the mission. Failure of the cryocooler would
cause an overall mission failure and ultimate loss of the crew due to the lack of fuel from boil
off. Possible future missions can implement Zero Boil Off Technology. This will be only after
additional ground testing is completed reducing the failure rate of this system component.
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Appendix CC| Propulsion Thermal Management
I. Radiation Cooling
With this method of thermal cooling heat is transferred through the nozzle wall by
conduction then is radiated away from the surface of the outer wall. Due to the limitation of
radiation cooling, we only implement radiation cooling in the nozzle section of the engine. The
chamber and throat sections of rocket engines require better thermal management systems due
to the high temperatures in those regions.
We implement TZM Molybdenum alloy for the nozzle section of the Post Cycler Propulsion
system. Table CC.1 below represents the alloy composition in terms of percentage.

Table CC.1: TZM Molydbenum alloy composition in terms of percentage.
Mo Alloy
%

Mo

𝑇𝑖

Zr

C

99.20

0.50

0.08

0.02

Molybdenum alloy has a thermal conductivity of 201
𝑊

𝑊
𝑚𝐾

. As a comparison, copper alloy has a

𝑊

thermal conductivity of 400𝑚𝐾 and Steel is 43𝑚𝐾. Molybdenum alloy provides a high thermal
conductivity while also being able to handle high temperatures and high stresses.

II. Film Cooling
In addition to radiative nozzle cooling, we implement a film cooled flow in the chamber and
the throat. Due to the high temperatures in the chmber, a fuel rich layer in injected near the wall
in the chamber. The high flow of the combustion products causes most of the heat transfer to the
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wall to be convective heat transfer. Equation CC.1 represents the basic convective heat transfer
equation.
𝑞 = ℎ𝑔 (𝑇𝑎𝑤 − 𝑇𝑤𝑔 )

(CC. 1)

𝑇𝑎𝑤 represents the adiabatic wall termperature of the product gasses and 𝑇𝑤𝑔 represents the hot
gas side local wall temperature. The problem with calculating heat transfer with this method is
that we do not know the thermal heat transfer coefficient ℎ𝑔 . In order to find the thermal heat
transfer coefficient we need to use Bartz equation with desired engine parameters. Equation
CC.2 is full Barz equation used for calculating the convective heat transfer coefficient.
0.026 µ0.2 𝐶𝑝 𝑝𝑐 𝑔0.8 𝐷𝑡 0.1 𝐴𝑡 0.9
]
𝜎
𝑅
𝐴
𝐷𝑡 0.2 𝑃𝑟 0.6 𝑐 ∗

ℎ𝑔 = [

(CC. 2)

In addition to this, equation CC.3 is also necessary to computing the convective heat transfer
coefficient.
𝜎=

1
1 𝑇𝑤𝑔
𝛾−1
1
𝛾−1
[2 𝑇 (1 + 2 𝑀2 ) + 2]0.68 [1 + 2 𝑀2 ]0.12
𝑐

(CC. 3)

By using these two equations we are able to compute the convective heat transfer coefficient.
While we have two equations that allow us to compute the convective heat transfer coefficient
we now must design the film cooling section of the chamber. These parameters are what affect
many of the inputs into the Barz equation. We ultimately want the chamber wall temperature to
be a manageable temperature in order to prevent combustion chamber damage. We desire a low
convective heat transfer coefficient. If we succeed at a low heat transfer coefficient then lower
amounts of heat flow pass through the chamber wall, preventing the temperature from reaching
damaging values.
The adiabetic film temperatures are the “free stream” temperatures that are considered in the
Bartz analysis. A lower temperature in the free stream flow will mean a lower heat transfer
coefficient.
The last consideration that we take into account is the overall changes oxidizer to fuel ratio.
This ratio is similar to that of the original freestream only that the film cooling layer at the wall
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reduces the overall ratio causing a reduction in efficiency. Using percentage flow of the normal
high temperature stream and the percentage flow of the lower temperature film cooling section
we compute the resultant O/F ratio for the engine. We then run the Chemical Equilibrium with
Applications for the resultant O/F ratio. This will provide us with new combustion information
which takes into account the lower efficiencies due to the film cooling layer.
After performing this analysis for the Post Cycler Propulsion System, we compute that the
resultant O/F ratio is 2.1. This means that for every kilogram of oxidizer burned in the flow, an
additional 0.18 kilograms of fuel is burned on top of the original amount. We find ultimately
that using the film cooling does not substantially change our efficiency and allows us to safely
burn the desired oxidizers and fuels for the current mission.
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Appendix CD| Oxidizer to Fuel Optimization
1. O/F Ratio Considerations

In an attempt to create as efficient of an engine, we exploit the natural relationship between
efficiency and the oxidizer to fuel ratio (O/F). Lower oxidizer to fuel ratios also known as fuel
rich burns have lower efficiency. We choose to optimize our engine by finding the peak O/F
ratio. We find based on the use of NASA’s Chemical Equilibrium with Applications (CEA) that
the maximum ratio is in the range of 2.6. Figure CD.1 shows a range of O/F ratios and their
respective Isp efficiency values in terms of seconds.

Fig CD.1: Plot which describes the relation of oxidizer to fuel ratio to efficiency. Note how
the efficiency peakes at around 2.6.
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While we know the point in which efficiency is the highest, we also need to have a better
understanding of what sort of burn scenario this is. We find the stoichiometric conditions of the
combustion of RP-1 and 𝑂2 (𝐿) by performing basic chemical analysis. After performing this
chemical balance we find the chemical equation to be the following:
𝐶𝐻 1.97 + 1.4925𝑂2 ⇐⇒ 𝐶𝑂2 + 0.985𝐻2 𝑂

(CD. 1)

This chemical balance makes the assumption that any dissociation reactions are minimal for the
stoichiometric condition. Using molar mass relations we compute the O/F for stoichiometric
conditions.
𝑀𝑜2 𝑛𝑜2
𝑂
=
= 3.19
𝐹 𝑠𝑡𝑜𝑖𝑐
𝑀𝑅𝑃−1 𝑛𝑅𝑃−1

(CD. 2)

The optimal O/F ratio found to be 2.6 is still a fuel rich burn scenario. We find this to be useful
due to the fact that as the reaction burns more completely the temperature in the chamber
continues to rise. If the optimal burn was closer to the stoichiometric burn condition, the engine
would need to have a more effective thermal heat transfer solution due to the higher chamber
temperatures.
While the optimal O/F ratio is found to be 2.6, we ultimately do not use this value alone as the
ratio between the oxidizer and fuel. This ratio leads to a chamber temperature of 3497 K. This
temperature proves to be too high for the engine to handle. We ultimately choose a lower value
of 2.21 in order to provide a chamber temperature more manageable for film cooling analysis.
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Appendix CE | Propulsion Mass Optimization
I. Theory
We begin our analysis with the ideal rocket equation and the assumption that our vehicle
can be described by three masses: payload mass mpl, propellant mass mp, and inert propulsion
system mass mi. The propulsion system has a propellant mass fraction λ that relates the mass
of propellant to the total mass of the propulsion system.
∆𝑉 = 𝑔0 𝐼𝑠𝑝 ln 𝑀𝑅
𝑀𝑅 =

𝑚𝑖 + 𝑚𝑝 + 𝑚𝑝𝑙
𝑚𝑖 + 𝑚 𝑝

𝜆=

𝑚𝑝
𝑚𝑝 + 𝑚 𝑖

(CE.1)
(CE.2)
(CE.3)

We immediately determine that propellant and inert propulsion masses can be directly
related by Equation CE.4, and that the mass ratio expression can be further simplified to
Equation CE.5.
1
𝑚𝑖 = 𝑚𝑝 ( − 1)
𝜆
𝑚𝑝
𝑀𝑅 − 1 =
𝑚𝑖 + 𝑚𝑝𝑙

(CE.4)
(CE.5)

Combining these equations leads to a direct relationship between the payload mass and the
necessary propellant mass. Equation CE.6 demonstrates this relationship.
(𝑀𝑅 − 1)𝜆
𝑚𝑝
=
𝑚𝑝𝑙 1 − (1 − 𝜆)𝑀𝑅

(CE.6)

Referring to Equation CE.1, a direct calculation of propellant mass for a required ΔV is
now available. An examination of Equation CE.3 suggests that a similar relationship may exist
for the stage as a whole. Exploiting the propellant mass fraction relationship, we find a scalar
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relationship for the total propulsion system mass simply by removing λ from the numerator of
Equation CE.6. To find the total mass of the stage, simply add one payload mass. Ultimately,
we see that Equation CE.7 expresses the total mass of a stage as a relationship between the
payload mass, ΔV, Isp, and propellant mass fraction, which may be estimated for a given
propellant combination from historical systems.

𝑚𝑠𝑡𝑎𝑔𝑒 = 𝑚𝑝𝑙 [

𝑀𝑅 − 1
+ 1]
1 − (1 − 𝜆)𝑀𝑅

(CE.7)

For a multi-stage propulsion vehicle, the upper stage is considered the payload for the next
lower stage. The Gross Liftoff Weight GLOW of an n-stage vehicle, therefore, is the product
of these scale factors for every stage. Equation 8 expresses the Gross Liftoff Weight of the
vehicle as related to the payload mass of the vehicle and the ΔV, Isp,and propellant mass
fraction of each stage.
𝑛

𝐺𝐿𝑂𝑊 = 𝑚𝑝𝑙 ∏ [
𝑖=1

(CE.8)

𝑀𝑅𝑖 − 1
+ 1]
1 − (1 − 𝜆𝑖 )𝑀𝑅𝑖

Assuming that the payload and propulsion system parameters are known, the independent
variable in this calculation is the ΔV that each stage provides. We therefore iterate over the
proportion of the total ΔV for the mission that each stage provides to determine what
configuration will result in the lowest vehicle mass.
Equation CE.8 also identifies the ΔV limiations of the propulsion system. Because so
much of the propulsion must stay in the form of inert mass, the quantity 1 − 𝜆 is the ultimate
limit of a propulsion system mass ratio. If the ΔV (and therefore mass ratio) of a stage is
exceedingly high, the denominator of the scale factor term becomes negative, and it is not
possible for this propulsion system to achieve that ΔV. Identification of these negative regions
is essential for determining the minimum Gross Liftoff Weight of the vehicle.
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II. Determining Optimal Gross Liftoff Weight

The script stageAnalysis2 and its descendents calculate the optimized GLOW for a given
payload, propulsion system(s), and total ΔV of the mission
A. Input

The script accepts a file stages.txt as input. This file contains the stage number, number of
engines or motors, Isp, and propellant mass fraction for each stage, as well as the total ΔV,
mission payload, and maximum allowable g-accelleration. An example of what stages.txt may
look like is shown below. The script stageAnalysis2 is written assuming that there are exactly
three stages entered.
stage N Isp lam deltaV payl maxG
1
1 282 0.91 8313 20000 4.5
2
1 330 0.80 8313
3
1 330 0.80
This file represents a solid first stage and two identical stages using UDMH/NTO as the
propellant combination and estimated values of Isp and λ.
III. Calculation

1. Preliminary calculation
The script partitions the total ΔV across the three stages by percentage for all combinations.
For each of these calculations, we use Equation CE.8 along with the given data to determine the
GLOW for the vehicle at those ΔV splits.

IV. Asymptotic detection
Section I explains how an impossibly excessive ΔV can result in negative GLOW values.
These negative regions would occur at the corners. This can be verified by visual inspection of
output plots from the preliminary calculations. By starting at the corners and advancing until
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positive (and therefore possible) solutions are reached, the script identifies the limiting ΔVsplits for the current case.

V. Final Calculation
The script recalculates GLOW but neglects the cases where a negative region occurs. The
result is a set of positive, possible results for a given mission and propulsion system. The
minimum GLOW value is determined and its corresponding ΔV-split identified.

VI. Output
The script then produces surface and contour plots of GLOW in terms of the total ΔV
percentages. The optimal ΔV-split is marked on the contour plot. Figures CE.1-2 show what
these plots look like for the example input shown above.

Figure CE.1: GLOW Surface Plot
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Figure CE.2: GLOW Contour Plot
The script proceeds to output the optimized ΔV-splits as well as the propellant and inert
masses for each stage.
VII. Interpretation

We let the limiting edges of the plot be five percent below the asymptotic points. The set of
all ΔV-splits is contained by the right triangle in the lower left-hand half of the plot. Any
solutions on the corners of the triangle indicate a single-stage solution. Any solutions on the
edge of a triangle indicate a two-stage solution. Solutions inside the triangle represent a threestage solution.
VIII. Derivative Scripts and Functions

The function massCalc performs this same analysis and allows the calculation to be
embedded in other functions and scripts. The script stageAnalysisRevised performs a similar
analysis assuming a two-stage vehicle. These methods can neglect one or more of the stages it
expects by setting the specific impulse of that stage to zero.
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Appendix CF | Return Trajectory Optimization
I. Rationale
Recognizing the general tradeoff between ΔV and flight duration, we must also take into
consideration that a longer flight duration increases the amount of consumables and life
support systems that must be brought. We therefore deduce that we may determine an optimal
flight duration for minimizing vehicle mass that may not coincide with the minimal ΔV.

II. Impulse Determination
The script EphemLambertDate determines the orbital information and ΔV values for orbits
from Phobos to Earth using a patched-conic Lambert algorithm for a given launch date and
time of flight. We choose a launch date for our immediate return case of January 22, 2038 and
flight durations ranging from 180 to 231 days. The departing ΔV is output as part of the output
file LambertOutput4.txt.

III. Payload Determination
The function Master_HumanFactors determines the mass, volume, and power for all
consumables and life support systems for a given vehicle, crew size, and flight duration. We
return 6 astronauts in the BA 330 inflatible hab for all cases and our independent variable is
flight duration. The total mass value output from the function is summed to the dry mass of the
BA 330 and human lander to determine the payload mass for a given flight duration.

IV. Vehicle Optimization
We may now determine the GLOW for all flight durations from these payload and ΔV
values. For all flight durations, we run the function massCalc, which implements the GLOW
optimization method from Appendix CB. The results are Figure CF.1 and a minimized vehicle
mass of 101Mg at a flight duration of 204 days.
Daniel Goldberg| 980

Appendix CF

Project Aldrin-Purdue

Figure CF.1: Determination of the optimal flight duration for immediate Phobos return
V. Future Return Date determination
We choose the immediate return to be the limiting case for all return options. Therefore,
we limit consumables and life support systems to a maximum 204 day trajectory and limit
propellant to the 1.7242km/s ΔV calculated from the immediate case optimization, taking into
account the ΔV provided by the remaining propellant on board the human lander.
The function acceptableDates runs the EphemLambertDate script from section II for a range
of dates and our 204 day flight duration. The goal of the function is to identify such dates where
the departing ΔV does not exceed the immediate return ΔV. By searching though these dates,
we see two available return date windows within the next four years, shown by Table CF.1.

Table CF.1: Future return option within four years of initial landing
2039

2041

August 06 – September 15

September 22 – September 30
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Appendix CG| Turbopump and Gas Generator Design
I. Gas Generator Cycle
The gas generator cycle is a method for driving the pumps in a high-pressure rocket
engine. Two pumps create a pressure rise for the propellants to reach the necessary chamber
pressure. A turbine drives these two pumps, powered from the exhaust of a gas generator from
the same propellants. The low-pressure gas generator exhaust is dumped overboard and
typically used for roll control of the vehicle. We therefore determine the necessary pump,
turbine, and gas generator characteristics and requirements for a given engine. We use the
properties of the Phobos return vehicle as the example in this appendix.

II. Turbopump Design
The gas generator cycle needs a turbopump in order to feed both fuel and oxidizer from the
tanks to the combustion chamber. Due to the fact that we have different flow rates for the fuels
and oxidizers we need different pumps for each propellant.
The design of the turbopump will require three numerical inputs besides the propellant and
cycle choice. The following in table CG.1 are the necessary inputs for all required turbopumps:

Table CG.1: A collection of necessary inputs for the computation of pump requirements.
Design Inputs

RP-1

𝑂2 (𝐿)

UDMH

NTO

𝑚̇ (kg/s)

91.09

191.3

172.9

246.7

𝛥𝑃𝑝 (kPa)

2571.9

2571.9

3000

3000

𝑃𝑖 (kPa)

101.3

101.3

1400

1400

We find the mass flow rates to be different for each propellant due to the O/F ratio for the
engine. If the O/F ratio of the engine was one then the mass flow rates for the engine would the
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be same. The 𝛥𝑃𝑝 term represents the pressure rise across the pump to have the desired chamber
pressure. We decide to pressurize both tanks to the same pressure. This then means that the
pressure rise across the pump is the same for each pump design. From this point the propellant
density and vapor pressure properties are required. The following properties are listed below in
Table CG.2:

Table CG.2: A collection of necessary liquid properties for the computation of pump
requirements.
Properties

RP-1

𝑂2 (𝐿)

UDMH

NTO

𝜌 (kg/𝑚3 )

810

1141

786.1

1380

𝑝𝑣 (kPa)

2.28

30.21

1213

765

We now compute the volume flow rate (Q, (m3 /s)) for the pump. This term is more
customary to use in turbopump design than mass flow rate.

𝑄=

𝑚̇
𝜌

(CG. 1)

In addition to the volume flow rate, we must also compute the pump head rise (𝐻𝑝 , (𝑚)). Head
rise is a term customarily used in place of the pressure rise that describes the rise in height a
portion of liquid would attain if under a certain pressure.

𝐻𝑝 =

𝛥𝑃𝑝
𝑔𝑜 𝜌

(CG. 2)

The last design requirement for the turbopump is the Net Positive Suction Head (𝐻𝑁𝑃𝑆 ), (m)).
The 𝐻𝑁𝑃𝑆 is the minimum margin that is necessary to prevent flow vaporization/caviation. We
solve this value using the following equation:

𝐻𝑁𝑃𝑆 =

𝑝𝑖 − 𝑝𝑣
𝑔𝑜 𝜌

(CG. 3)
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We now need to design and size the pump for the desired system. There are four steps
involved in order to properly find the power output required to drive the pump. First we must
determine the number of stages (n) in the turbopump where 𝑃𝑝𝑠 represents the allowable pressure
rise of an individual stage. A value of 47 MPa is used for all liquids other than hydrogen.

𝑛≥

𝛥𝑃𝑝
𝛥𝑃𝑝𝑠

(CG. 4)

We now need to determine the pump rotation speed (Nr (rad/s),N (RPM)). In doing this we
now need to define a new term 𝑢𝑠𝑠 which is the suction specific speed. For non-hydrogen
cryogenic liquids this value is 90 and for all other non-cryogenic liquids it is 70.

𝑁𝑟 =

𝑢𝑠𝑠 𝐻𝑁𝑃𝑆 0.75

𝑁=

√𝑄
30𝑁𝑟
𝜋

(CG. 5)

(CG. 6)

Using a stage specific speed (𝑁𝑠 ) for non-hydrogen liquids of three we can find the pump
efficiency (𝜂𝑝 ) to be 0.83. From this we can lastly solve for the power required to drive the pump
(𝑃𝑟𝑒𝑞 ). The following equation (CG.7) provides the final power required to pump at the desired
mass flow. Note that this power is the portion that the turbine is required to provide for a
particular pump.

𝑃𝑟𝑒𝑞 =

𝑔𝑜 𝑚̇𝐻𝑝
𝜂𝑝

(CG. 7)
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After we complete the following process for turbopump design we obtain the values in Table
CG.3.
Table CG.3: The finalized output values for the post cycler propulsion system.
Turbopump

RP-1 Pump

𝑂2 (𝐿) Pump

UDMH

NTO

𝑄 (m3/s)

0.1124

0.1676

0.22

0.1788

𝐻𝑝 (m)

323.7

229.8

389.4

221.8

𝐻𝑁𝑃𝑆 (m)

12.47

6.35

24.27

46.95

𝑛

1

1

1

1

𝑁𝑟 (rad/s)

1385

1074

622

368

𝑁 (RPM)

13220

10260

5940

3511

𝑃𝑟𝑒𝑞 (kW)

348.4

519.5

6.46

7.95

III. Turbine Analysis
A. Gas Generator Exhaust
We develop a gas generator whose exhaust shall serve as the working fluid of the turbine.
We will use the design of the return option turbine analysis as an example of this design.
Additional provided values are for the turbine on the human lander post cycler propulsion
system.
Determining 1100K as the temperature limit of our turbine, we seek to determine a fuel-rich
mixture ratio that achieves an equivalent exhaust temperature. By iterating NASA Chemical
Equilibrium with Applications (CEA), we find that, for the phobos return vehicle gas generator,
a mixture ratio of 0.11 satisfies this condition. Table 4 summarizes the gas generator exhaust
properties.Table 4: Gas Generator Exhaust Properties
P, MPa

T, K

O/F

Cp, J/kg-K

γ

UDMH/NTO

1.31

1100

0.11

2000

1.2

RP-1/O2(L)

2.06

966

0.85

2481

1.27
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IV. Turbine Characteristics
When determining turbine qualities, we begin with the calculation of the turbine’s isentropic
spouting velocity Co, whose calculation is shown by Equation CG.8, and the maximum turbine
pitch velocity um from experimental data[1]. We assume the pressure ratio across the turbine in
the Phobos return vehicle engine to be 5.

1

𝐶0 = √2𝐶𝑝 𝑇𝑖 [1 − (
)
𝑃𝑡𝑟𝑎𝑡

𝛾−1
𝛾

(CG.8)
]

For a single stage impulse turbine, we find a correlation based on the ratio of these two
velocities that gives us a turbine efficiency for the Phobos return vehicle engine turbine of 0.8.
This correlation assumes no additional losses, so we assume the overall efficiency of this
turbine be 85% of this, or 0.68.
V. Power Balance
We may now complete the power balance from the two pumps by Equation CG.9. The
turbine must supply the shaft power to the two pumps, which results in a mass flow rate through
the turbine of 4.09kg/s for the UDMH/NTO engine and 1.991kg/s for the RP-1/O2 engine. This
is 0.922% and 0.7% respectively of the flow through the chamber. Over the duration of the
burn, the Phobos return vehicle must carry an additional 388kg and to operate the gas generator,
349.5kg of fuel and 38.5kg of oxidizer.
1

𝛾−1
𝛾

𝑃𝑟𝑒𝑞 = 𝜂𝑇 𝑚̇ 𝑇 𝑐𝑝 𝑇𝑖 [1 − (
)
𝑃𝑡𝑟𝑎𝑡

(CG.9)
]
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Appendix CH| Auger Design
I. Introduction
The radiation shield that protects the Martian colony gains its functionality from the
regolith on Mars. In order to remotely fill the shield with regolith, we use an auger to move the
regolith vertically. The auger has to be tall enough to reach the top of the shield, but must be
light and easily shipped to to Mars. Therefore, we design the auger to be modular and easily
assembled by a robot.

II. Power Requirement
A. Nomenclature
𝑔

= local acceleration due to gravity, m/s2

𝑙

= length of the auger, m

𝑚

= mass of regolith, kg

𝑃

= auger power requirement, W

𝑝

= pitch, m

𝑟𝑎𝑢𝑔𝑒𝑟

= radius of the auger, m

𝑟𝑠ℎ𝑎𝑓𝑡

= radius of the auger shaft, m

𝑇

= torque exerted by auger, N.m

𝑣

= velocity of regolith, m/s

𝑊

= weight of the regolith, N

𝑥

= auger capacity ratio

𝜃

= inclination of auger relative to the surface, degrees

𝜌

= regolith density, kg/m3

𝜔

= angular velocity of the auger, rad/s
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III. Theory

1. Assumptions

We analyze the power requirement of the auger with the assumption that the auger is vertical
and that the friction between the regolith and auger is negligible.

IV. Derivation
We know that power can be calculated using the equation:
𝑃 =𝑇∗𝜔=𝑊∗𝑣

(CH.1)

𝑊 = 𝑚 ∗ 𝑔 ∗ sin(𝜃)

(CH.2)

where

and
𝑣 =𝑝∗𝜔

(CH.3)

The auger is never completely filled with regolith as it is operating; we define a capacity
ratio to relate the volume of the regolith in the auger to the total possible volume the regolith
could occupy. The mass of the regolith in the auger can be calculated using the equation:
2
2
𝑚 = 𝑥 ∗ 𝜌 ∗ 𝑙 ∗ 𝜋(𝑟𝑎𝑢𝑔𝑒𝑟
− 𝑟𝑠ℎ𝑎𝑓𝑡
)

(CH.4)

This gives us the equation for the power requirement of the auger:
2
2
𝑃 = 𝑥 ∗ 𝜌 ∗ 𝑙 ∗ 𝜋(𝑟𝑎𝑢𝑔𝑒𝑟
− 𝑟𝑠ℎ𝑎𝑓𝑡
) ∗ 𝑔 ∗ sin(𝜃) ∗ 𝑝 ∗ 𝜔

(CH.5)

V. Analysis
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We know the values for the acceleration due to gravity on Mars is 3.711 m/s2 [1]. We also
know the approximate density of Martian regolith is 1640 kg/m3 [2]. In order to calculate the
power required by the auger, we have to approximate the parameters in Eq. CH.5. Table CH.1
shows the values used for the parameters in the power analysis, and the required power that was
calculated for the auger.

Table CH.1: The design parameters used in the power analysis with the resulting required
power.
Parameter

Value

𝑙

18.4 m

𝑝

1m

𝑟𝑎𝑢𝑔𝑒𝑟

0.3 m

𝑟𝑠ℎ𝑎𝑓𝑡

0.15 m

𝑥

0.3

𝜃

90°

𝜔

2𝜋 rad/s

P

43.8 kW

References
[1] Lodders, K., Fegley, B., “The planetary scientist’s companion,” Oxford Univeristy Press US,
1998, p. 190 [Accessed 15 January 2015]
[2] Moore, H. J., et al, USGS, 1987, Prof. Paper 1389 [Accessed 24 February 2015]
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Appendix CI| Thermal Properties of the Martian
Atmosphere
This section will describe the Martian atmosphere and how it impacts the thermal management
system.

I. General Description
The Martian atmosphere is about one percent of the density of the Earth’s atmosphere. It is
95 percent Carbon Dioxide, three percent Nitrogen, and 1.6 percent Argon. The temperature
can cool down to -130 degrees Celsius and heat up to 25 degrees Celsius. The wind can blow
up to 30 meters per second.

II. Thermal Properties
We model the Martian atmosphere as a mixture of gases. The molecular weight is found by
summing the molecular weights of each compound multiplied by the mole fraction of that
compound. We find the specific heat of the mixture by summing the individual specific heats,
weighted by the mass fraction of the gas. The viscosity and thermal conductivity require more
complicated equations. Equation CH.1 shows Herning’s and Zipperer’s method [1] of solving
for the viscosity of a mixture of gases.
𝜇𝑚𝑖𝑥 =

∑(𝜇𝑖 𝑥𝑖 √𝑀𝑖 )
∑(𝜇𝑖 𝑥𝑖 )

(CH.1)

1. Lindsay and Bromley method
We can use the Lindsay and Bromley method [2] to find the thermal conductivity of a
mixture. First we need to find the Southerland constants for each gas as shown in Equation
CH.2.
𝑆 = 1.5𝑇𝐵

(CH.2)

Now we need to find the Southerland constants for unlike molecules in Equation CH.3.
𝑆12 = √𝑆1 𝑆2

(CH.3)
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With the Southerland constants we can now find the Lindsay Bromley Constants for each gas
combination in Equation CH.4.
𝐴12 =

2
𝑆1 1⁄2 (1+𝑆12 )
1
𝜇1 𝑀2 3⁄4 1+ 𝑇
𝑇
{1+[ ( ) ( 𝑆 )] }
𝑆
4
𝜇2 𝑀 1
(1+ 1 )
1+ 2
𝑇
𝑇

(CH.4)

We can use the Lindsay Bromley Constants to find the thermal conductivity of the mixture of
gases.
𝑘𝑚 = ∑𝑛𝑖=1 1

𝑥𝑖

𝑘𝑖

(CH.5)

∑𝑛
𝑗=1 𝐴𝑖𝑗 𝑥𝑗

III. Prandtl number
We can find Prandtl number from the previously calculated thermal properties. Equation
CH.6 is the definition of the Prandtl number.
𝑃𝑟 =

𝐶𝑝 𝜇

(CH.6)

𝑘

IV. Table of Thermal Properties
Table CH.1 shows the calculated thermal properties of the Martian atmosphere.

These

properties are used to find convection heat transfer coefficients both around the habitation
module and inside the heat exchanger.
Table CH.18: Thermal Properties of the Martian Atmosphere
Property

Symbol

Value

Unit

Molecular Weight

M

0.0434

kg/mol

Dynamic Viscosity

μ

1.097e-5

kg/m-sec

Specific Heat

Cp

765

J/kg-K

Thermal Conductivity

k

0.0149

W/m-K

Density

ρ

0.020

kg/m3

Prandtl Number

Pr

0.5635

-

V.

Convection Heat Transfer Coefficient
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Now that the thermal properties of the Martian Atmosphere are known, we can use them to
find the convection heat transfer coefficient at different wind speeds. The wind will be flowing
over the XM3-M, which is a cylinder. The Churchill Bernstein equation for convection heat
transfer coefficient for flow over a cylinder is shown below in Equation CH.7 [4].

𝑁𝑢 =

ℎ𝐷
𝑘

= 0.3 +

0.62𝑅𝑒 1⁄2 𝑃𝑟 1⁄3
1⁄4

[1+(0.4⁄𝑃𝑟 )2⁄3 ]

𝑅𝑒

[1 + (282000)

5⁄8 4⁄5

]

(CH.7)

The equation for Reynolds number is given in Equation CH.8 below.

𝑅𝑒 =

𝜌𝑣𝐷

(CH.8)

𝜇

The only variable that changes is the wind speed. Therefore, the largest wind speed will
produce the largest convection heat transfer coefficient. The diameter of the XM3-M is 7.6
meters. Table CH.2 below shows the Reynolds number and convection heat transfer coefficients
for the minimum, average, and maximum wind speeds.

Table CH.2: The low density atmosphere yields small convection heat transfer coefficients.
Condition

Wind Speed (m/s)

Reynolds
Number

h (W/m2 K)

Minimum

1

1.39 x 104

0.1043

Average

10

1.39 x 105

0.4314

Maximum

30

4.16 x 105

0.9628

References
[1] Davidson, Thomas A., “A Simple and Accurate Method for Calculating Viscosity of
Gaseous Mixtures” United States Department of the Interior, RI-9456, Apr. 1993
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Industrial and Engineering Chemistry, Vol. 42, No.81950, pp. 1508-1511
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Appendix CJ|. Modeling Inflatable Beams in Bending

This section will outline the analysis method used to size the inflated beams in the regolith
shielding Mars colony dome. The dome structure is made up of a truss of beams inflated with
Nitrogen similar to the airbags in a car.

I.

General Description

When a bag is inflated to a pressure, the bag begins to take on the characteristics of a
structural element. The strength of the element is determined mainly by the pressure in the bag.
In the case of the colony dome, the dome is made up of a truss structure of such elements. Each
truss section consists of a base with a one meter by one meter square, each square has elements
crossing through the middle, and four elements extending up from the base, one at each corner.
There is not a method of analysis available to model a truss of inflated elements. Figure A.1
depicts the design of the truss structure. There is an analysis to model an inflated element as a
beam in bending. We use the inflatable beam analysis described by Main, Paterson, and Strauss
[5] to make this model.

Figure CJ.1: Inflated element truss structure of the regolith shielding dome. The Martian
regolith is stored within the truss.
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II. Modeling the truss structure
1. Assumptions
We assume that each cross element will have to support a cubic meter of Martian regolith.
The other cross element will provide the factor of safety. We assume that the square elements,
the vertical elements, and to an extent the regolith itself will provide the structure to support the
overall dome structure. When we assume that the dome structure will be supported this way,
we can then treat the bending problem for the cross elements as a “fixed-fixed” bending
problem.

III. Inflatable Beams in Bending
Inflatable beams do not fail in a breakdown of the material that makes up the beam. They
fail when the internal pressure is no longer able to support the load applied to the beam. This
failure mode is evident when the section where the largest moment is applied begins to wrinkle.
Once the beam wrinkles, the structural integrity of the element is lost and the support collapses.
The point when wrinkling occurs is determined by the moment at that point. Equation CJ.1
below defines the moment required to wrinkle [1].

𝑀=

𝜋𝑃𝑟 3
2

(CJ.1)

IV. Fixed-Fixed Beam Bending
Equation B.1 will give a relationship between the maximum pressure and the radius of the
beam for a given moment. We still need find the moment. With the truss supporting the beam
on both ends, and the regolith weighing down evenly on the entire length of the beam, we use
the bending relation for a “fixed-fixed” beam, with constant force. This relation is shown in
Equation CJ.2 below.
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𝑀=

𝐹𝐿
12

(CJ.2)

Now that we have both relations for moment, we can solve for the pressure and radius. With
equations B.1 and B.2, we find that a beam pressure of 85 kilopascals will meet the design point.
V.

Nomenclature

M – Moment [Nm]
P – Pressure [Pa]
r – Tube radius [m]
F – Load on beam [N]
L – Length of beam [m]

References
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Appendix CK | ISRU Propellant Production Systems:
Design and Analysis
A crucial technology for enabling the human exploration of Mars is in situ resource utilization
– this includes manufacturing the propellant needed for the Mars Launch Vehicle (MLV) on
Mars’ surface. In situ propellant production is an important option to consider because it
substantially reduces IMMARS as well as IMLEO. This also brings mission cost and
complexity down.
Several propellants have been proposed for manufacture on the Martian surface — among
these, methane and liquid oxygen emerge as potential viable solutions. The Mars Direct
Architecture8 proposes to make methane fuel from the CO2 feedstock available in the Martian
atmosphere and H2 which is imported from Earth. Pioneer Astronautics developed a system
called Integrated Mars In Situ Propellant Production System (IMISPPS) which can be used on
Mars’ surface [1] — this is one of the two systems presented in this appendix. The second was
designed as a conceptual comparison — the Turbo-jet Style Engine unit for In Situ Propellant
Production (TSEISPP) resembles a small turbine engine. It is used to react the hydrogen with
the Martian atmosphere. The TSEISPP, however, needs further investigation before a full
comparative analysis can be performed.
The model operated independently for five consecutive days, during which it produced one
kilogram a day at a 100% continuous conversion rate. An analysis is done on the performance
of this system for different engine O/F ratios. The mass leverage concept is introduced and used
to assess what the best compromise would be for the case where H2 is imported from Earth.
Production of H2 on Martian soil is also considered in our analysis and compared to the case
where we import liquid hydrogen from Earth. For the former, mass leverage is infinite since no
H2 needs to be imported.

8

Zubrin 1992, 1996
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I. Integrated In Situ Propellant Production System
In order to produce a methane and liquid oxygen propellant combination, we use the
Sabatier/Reverse Water Gas Shift reaction [1]. This equation is a combination of equations
BO.2 and BO.3. The net reaction is exothermic and so needs very little heat to maintain after it
is instigated. This also means only one reactor and control system is required in order to yield
the oxidizer to fuel (O/F) ratio needed — this saves mass and reduces complexity.

The Sabatier/Reverse Water Gas Shift (S/RWGS) reaction is defined as:
3𝐶𝑂2 + 6𝐻2 → 𝐶𝐻4 + 4𝐻2 𝑂

(CK.1)

In order for the S/RWGS reaction to take place, carbon dioxide and hydrogen are needed.
CO2 is abundant on Mars and is easily accessible with a pump (see section 13.12 for an
overview of the sub-systems).
Below, the benefits of in situ propellant production are discussed and an analysis is
performed to compare importing hydrogen from Earth and producing the hydrogen on Mars.

A. Benefits of In Situ Propellant Production

1. Mass leverage
In order to investigate the advantages of in situ propellant production versus sending all of the
propellant needed from Earth, we use the mass leverage concept. The mass leverage compares
the amount of combined propellant produced (CH4 and O2) to the amount of hydrogen sent from
Earth. For instance: with a mass leverage of 20, for every ton of hydrogen transported to Mars,
20 Mg of total propellant are produced — this significantly reduces the propellant mass needed
to be lifted into Earth’s LEO and boosted to Mars.
Mass leverage is a function of the desired O/F ratio inside the combustion chamber of the
engine. To provide an example of a total mass leverage calculation, an O/F of 4 is used
(stoichiometric conditions).
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For the combined Sabatier and electrolysis:
𝐶𝑂2 + 2𝐻2 → 𝐶𝐻4 + 𝑂2

(CK.2)

Where the input mass from Earth = 4 and the product mass = 48. This gives a mass leverage of
12.

For the Reverse Water Gas Shift equation and electrolysis:
2𝐶𝑂2 → 2𝐶𝑂 + 𝑂2

(CK. 3)

Since there is no net H2 consumption, the input mass from Earth = 0 and the product mass = 32.
This yields a mass leverage of ∞.

To calculate the total mass leverage for the reaction:

𝛼=

(𝐶𝐻4 + 𝑂2 )𝑝𝑟𝑜𝑑𝑢𝑐𝑡𝑠
(𝐻2 )𝑟𝑒𝑎𝑐𝑡𝑎𝑛𝑡𝑠

(CK.4)

For this case,
𝛼=

48 + 32
= 20
4

As mentioned previously, this mass leverage value, α, is a function of the O/F ratio in the
combustion chamber — this relationship is plotted in blue in Fig.CK.1. The performance of the
engine also needs to be considered, so the specific impulse is plotted versus O/F ratio in the
same figure —this relationship is plotted in green in Fig. 1. In order to obtain the highest mass
leverage while still maintaining an efficient combustion process, an O/F ratio of 3.8 is chosen.
This value is used in the Mars Launch Vehicle propellant and tank sizing calculations — refer
to Chapter 13, section XIII.
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Figure CK.1: Mass leverage and Specific Impulse (Isp) vs. O/F ratio for the CH4/LOX Mars
Launch Vehicle engine

The system needs to have the propellant required ready before the manned landers arrive such
that the return option is ready for any emergency. Hence, the system would have circa 2 years to
produce the total amount of propellant needed. Assuming a constant production of one kilogram
a day, 41 units would be needed in total. To account for lack of full-length testing, a 1.5 safety
factor is applied, yielding a total of 63 units. Table CK.1 summarizes the power and mass
calculations for the system.
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Table CK.1: Power and mass numbers for IMISPPS

IMISPPS (Integrated Mars In Situ Propellant Production System) – Zubrin
Power/unit (kW)

Mass / unit (Mg)

# of Units

Total power (kW)

Total mass (Mg)

0.9

0.12

~ 63

56.7

7.12

II. Mass savings
In this sub-section, we compare two different propellant options for the Mars Launch
Vehicle. Initially, a two-stage combination of UMDH/N2O4 and solid propellant is considered.
Alongside this, a CH4/LOx option which is produced from the IMISSPS system is also
investigated. In Tables A.2 and A.3, the two options are put side by side to compare the mass
savings yielded.

Below we compare two further selections within the ISRU option: importing H2 from Earth
or producing H2 on Mars.

i. Case 1: H2 imported from Earth
This case is a supplementary investigation to the mass leverage calculations seen in subsection 1. Using an O/F ratio of 3.8, we obtain a mass leverage of about 19. This means that for
every ton of H2 imported from Earth, 19 Mg of propellant can be produced on Mars. Since 6.28
Mg of CH4 are needed, approximately 4.7 Mg of Hydrogen needs to be imported from Earth
(from the Sabatier/RWGS reaction). Assuming an extra 0.1 Mg is needed for storage of the
liquid H2, a total of 4.8 Mg is added to the IMISPPS total mass from Table CK.1 above. There
is an added mass of 0.2 Mg to the CH4/LOX option due to the small increase in volume;
however, it is not significant when compared to the mass saved due to propellant production on
Mars. This is also seen In Table CK.3 for Case 2.
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Table CK.2: Mass and volume considerations – H2 imported from Earth
No ISRU

ISRU

UMDH/N2O4 + solid

CH4/Lox

Propellant Mass (Mg)

51.4

30.8

- 40.1 %

Tank Volume (m3)

33.2

35.8

+ 7.8 %

IMMARS (Mg)

61.5

37.8

- 38.5 %

MLV9 as cargo in LEO (Mg)

61.5

19.6

- 68.1 %

∆

ii. Case 2: H2 produced on Mars

In this section, we assume H2 can be produced on Mars. This would be done through an
electrolysis process which extracts H2O from Martian regolith — refer to Chapter 6, section VI.
In this case, we save the added 4.8 Mg from the imported H2 in IMLEO.
Table CK.3: Mass and volume considerations – H2 produced on Mars

9

No ISRU

ISRU

UMDH/N2O4 + solid

CH4/Lox

Propellant Mass (Mg)

51.4

30.8

- 40.1 %

Tank Volume (m3)

33.2

35.8

+ 7.8 %

IMMARS (Mg)

61.5

37.8

- 38.5 %

MLV2 as cargo in LEO (Mg)

61.5

14.8

- 75.9 %

∆

Mars Launch Vehicle
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III. Turbo-jet Style Engine unit for In-Situ Propellant Production (TSEISPP)

Inspired by the “Flexible In-situ Propellant Manufacturing and Employment at Mars”
paper by Capt. Mitchell Burnside Clapp (1992) [6], we designed a turbo-jet style engine unit for
compactness which can be compared conceptually to the IMISPPS presented in section I of this
chapter.

A. Design

As can be seen in Fig. 2, the system consists of the engine unit plus added sub-systems to
obtain the desired propellant combination. The engine unit consists of a compressor, burner and
turbine section. The compressor sucks in the Martian atmosphere through an intake and
compresses the air using an axial flow compressor. As shown in Fig. 2, hydrogen is then fed
into the burner section where it reacts with the carbon dioxide. In the turbine, the gases expand
and provide work to power the compressor. The exhaust consists of water, methane and carbon
monoxide — the latter is a by-product caused by the non-stoichiometric combustion process in
the MLV combustion chamber. As can be evidenced in Fig CK.1, the engine performance peaks
at an O/F ratio below stoichiometric (where equivalence ratio, ϕ < 1 — fuel rich mixture). This
also helps reduce the inlet turbine temperature. The CO can either be exhausted into the
atmosphere (as depicted in Fig. 2) or recycled into the burner section. The methane is then
liquefied and stored. The water vapor is liquefied using a condenser and electrolyzed, giving out
gaseous oxygen. The resulting oxygen is then liquefied using a condenser and stored. Hydrogen
produced in the electrolysis process is then recycled into the burner section.
Similarly to the IMISPPS, the TSEISPP system uses the S/RWGS reaction. This results in a
system that is slightly different to the one proposed by Capt. Clapp due to this needing
additional H2O being inputted into the electrolysis process in order to produce the right amount
of additional H2 for the burner — this could be coupled to the system designed in Chapter 6,
section VI.
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Figure CK.2: TSEISPP engine unit cycle

B. Cycle Analysis

The inputs for the cycle analysis for the engine unit are given in Table CK.1.

Inputs

Values

Specific heat ratio on Mars, γ

1.29

Static temperature, Ta

210 K

Atmospheric pressure, Pa

0.8 kPa

Desired pressure for burner, P03

500 kPa

Mach number, M

010

From the inputs above, we calculate the total compression ratio, CPR, needed to perform the
reaction at the desired pressure to be 625 [6].

10

Stagnant air
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From the fuel requirements presented in Chapter 13, section XIII, 6.28 Mg of CH4 are needed.
Assuming a two year time frame, we calculate the mass flow rate of CO2 needed to produce the
total CH4 required.

Mass of CH4 needed:
𝑚𝐶𝐻4 = 6.28 𝑀𝑔
Time frame for propellant production:
𝑡 = 2 𝑦𝑒𝑎𝑟𝑠 = 2 × 365.25 × 24 × 3600 𝑠

Calculation of mass flow rate:
𝑀𝐶𝑂2
𝑀𝐶𝐻4 . 𝑚𝐶𝐻4
𝑚̇ =
𝑡

(CK.5)

𝑚̇ = 7.31 × 10−4 𝑘𝑔/𝑠

Assuming the following efficiencies:
Compressor, ηc = 0.9
Turbine, ηt = 0.95

We can perform the gas cycle analysis of the engine unit [7].
For the compressor inlet conditions, we calculate the stagnation temperature, T02, and stagnation
pressure, p02:

𝑇02 = 𝑇𝑎 (1 +

𝛾−1 2
𝑀 )
2

(CK.6)

𝑇02 = 210 𝐾
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𝛾

𝑝02

𝛾−1
𝑇02
= 𝑝𝑎 [1 + η𝑑 (
− 1)]
𝑇𝑎

(CK.7)

𝑝02 = 0.8 𝑘𝑃𝑎
Where diffuser efficiency is η𝑑 = 1.
For the compressor outlet conditions:
The stagnation pressure, p03:
𝑝03 = 𝐶𝑃𝑅. 𝑝02

(CK.8)
𝑝03 = 500 𝑘𝑃𝑎

The stagnation temperature, T03:
𝑇03 = 𝑇02 [1 +

𝛾−1
1
(𝐶𝑃𝑅 𝛾 − 1)]
η𝑐

(CK.9)

𝑇03 = 968.7 𝐾
After the burner section, we compute the conditions at the turbine inlet using adiabatic flame
temperature theory assuming constant pressure combustion process.
𝑝04 = 𝑝03
𝑝04 = 500 𝑘𝑃𝑎
From the first law of thermodynamics, for a process at constant pressure, under the adiabatic
condition and at equilibrium:
∆𝐻 = 0
𝐻𝑟𝑒𝑎𝑐𝑡𝑎𝑛𝑡𝑠 = 𝐻𝑝𝑟𝑜𝑑𝑢𝑐𝑡𝑠
Hence,
̅̅̅𝑜 + ∆ℎ̅)𝑖 = ∑ 𝑛𝑒 (ℎ
̅̅̅𝑜 + ̅̅̅̅̅̅̅̅̅̅̅̅̅̅
∑ 𝑛𝑖 (ℎ
∆ℎ𝑎𝑑𝑖𝑎𝑏𝑎𝑡𝑖𝑐 )𝑒
𝑓
𝑓
𝑅

(CK.10)

𝑃
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Where
∆ℎ̅ = 𝑐𝑝,𝑎𝑣𝑔 ∆𝑇 = 𝑐𝑝,𝑎𝑣𝑔 (𝑇𝑖 − 𝑇𝑟𝑒𝑓 )

(CK.11)

̅̅̅̅̅̅̅̅̅̅̅̅̅̅
∆ℎ𝑎𝑑𝑖𝑎𝑏𝑎𝑡𝑖𝑐 = 𝑐𝑝,𝑎𝑣𝑔 (𝑇𝑎𝑑𝑖𝑎𝑏𝑎𝑡𝑖𝑐 − 𝑇𝑟𝑒𝑓 )

(CK.12)

and
𝑇𝑟𝑒𝑓 = 298 𝐾

Cp,avg was calculated using the Shomate equation for each of the different species. The
Shomate equation is an established method to calculate thermochemical data using polynomial
equations [8].

T04 = Tadiabatic, so using the above formulations:
𝑇04 = 1538.7 𝐾
For the turbine outlet, we assume constant Cp. Since the turbine supplies the power to drive
the compressor, we assume steady adiabatic flow for both components where the mass flow
rates through each component are equal.
Hence,
𝑇05 = 𝑇04 − (𝑇03 − 𝑇02 )

(CK.13)
𝑇05 = 780.05 𝐾
𝛾

𝑝05

𝑇05 𝛾−1
= 𝑝04 [1 − η𝑡 (1 −
)]
𝑇04

(CK.14)

𝑝05 = 19.28 𝑘𝑃𝑎
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Table CK.5 below provides a summary of the gas cycle calculations.

Table CK.5: TSEISPP system engine unit gas cycle analysis summary

Station #

Temperature, T0 (K)

Pressure, P0 (kPa)

2

210.0

0.8

3

968.7

~ 500

4

1538.7

~ 490

5

780.1

19.3

To calculate the power requirements for this engine unit, we use the following formulation:
𝑃 = 𝑚̇𝐶𝑃𝐶𝑂2 (𝑇0𝑖+1 − 𝑇0𝑖 )

(CK.15)

Such that for the compressor:
𝑃1−2 = 𝑚̇𝐶𝑃𝐶𝑂2 (𝑇03 − 𝑇02 )
𝑃1−2 = 0.2823 𝑘𝑊
And for the turbine:
𝑃3−4 = 𝑚̇𝐶𝑃𝐶𝑂2 (𝑇05 − 𝑇04 )
𝑃3−4 = −1.4506 𝑘𝑊
Thus, the total power requirement for this section of the TSEISPP system is:
𝑷𝒕𝒐𝒕 = 𝟏. 𝟏𝟔𝟖𝟑 𝒌𝑾
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IV. Further considerations

It is not possible to compare this system’s power requirement to the IMISPPS due to lack of
values for the remaining TSEISPP system. Further investigation should be made on power
requirements for the condensers as well as for the electrolysis process. Nevertheless, from the
gas cycle analysis, some observations and conclusions can be made — the required compressor
pressure ratio is very high. In order for such a compression ratio to be feasible in an axial flow
compressor, many different compression stages are required which will lead to a large and
massive structure. Other compressors, such as centrifugal and sorption compressors should be
investigated and a comparative analysis should be performed to determine which one would be
best when considering the mission’s objective.
Another observation that can be made is that the estimated inlet turbine temperature is very
high — we know that adiabatic flame temperature calculations yield the highest possible
theoretical temperature. However, we should note that the turbine material needs to maintain
its structural properties when subjected to such high temperatures. On the other hand, it’s also
important to note that the Martian atmosphere is very cold. This leads to high heat transfer
rates which help cool the engine unit.
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Appendix CL| Mars Launch Propulsion System
I. Velocity Increment
In order for the return system to be a success, we first consider launch conditions on Mars and
Phobos. We focus our attention on the Mars launch vehicle in this segment and note that this
vehicle must compensate for the atmospheric conditions on Mars. Due to their similarities,
launches from the surface of Earth are used as a comparison. Just as a comparable launch from
Earth, a launch from Mars is subjected to gravity, steering and drag losses resulting in an
increase in the necessary velocity increment. The initial velocity increment calculated included
only the initial velocity change from Mars to an orbit at two-hundred kilometers, the Hohmann
transfer velocity increment, and the velocity increment needed for an inclination change at the
orbit apoapsis. This initial velocity increment provides a starting point for our calculations but
the losses during the launch need to also be considered for more accurate computations.
Equation (1) displays the relationship between the time history of the thrust, F, the time
history of the mass, m, and the time history of the drag, D. Additionally, the local flight path
angle, γ, the pitch angle of attack, α, and the thrust deflection angle, δ, were also necessary for
the computation as seen below.
𝑡𝑏

𝑡𝑏
𝑡𝑏
𝑡𝑏
𝐹
𝐹
𝐷
(1 − 𝑐𝑜𝑠(𝛼))𝑑𝑡 − ∫
𝛥𝑉 = ∫
𝑑𝑡 − ∫
𝑑𝑡 − ∫ 𝑔𝛿𝑠𝑖𝑛(𝛾)𝑑𝑡
0 𝑚
0 𝑚
0 𝑚
0

(𝐶𝐿. 1)

We can see that the velocity increment is dependent on the overall mass as a function of time
and the thrust at each point along the flight path.
II. Mass Estimates and Calculation
Before the mission is underway the propellant is selected which will provide the best
performance and lowest total amount needed. In order to find the propellant mass, we start eith
the ideal rocket equation. From the ideal rocket equation in equation (CL.2), the mass ratio, W, is
extracted and rearranged to obtain equation (CL.3)
𝛥𝑉 = 𝐼𝑠𝑝𝑔0 ln(𝑊)

𝑊=

𝛥𝑉
𝐼𝑠𝑝𝑔
0
𝑒

(𝐶𝐿. 2)

(𝐶𝐿. 3)
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From the mass ratio, we are able to find the propellant mass based on estimates of the inert
mass and the mass of the payload. Equation (CL.4) provides a breakdown of the mass ratio
which relates the inert mass, min, the propellant mass, mp, and the payload mass, mpl.
𝑊=

𝑚𝑝 + 𝑚𝑖𝑛 + 𝑚𝑝𝑙
𝑚𝑖𝑛 + 𝑚𝑝𝑙

(𝐶𝐿. 4)

By simply rearranging equation (CL.4), the propellant mass for the given system can be
obtained and takes the form of equation (CL.5) below.
𝑚𝑝 = 𝑊(𝑚𝑝𝑙 + 𝑚𝑖𝑛 ) − (𝑚𝑖𝑛 + 𝑚𝑝𝑙 )

(𝐶𝐿. .5)

Additionally, the propellant mass of the system can be obtained by estimating the propellant
mass fraction as seen in equation (CL.6) which relates the propellant mass to the inert mass
directly and is, on average, approximately the same for any given propellant.
𝑚𝑝
𝜆=
𝑚𝑝 + 𝑚𝑖𝑛

(𝐶𝐿. .6)

Once again, we estimate the inert mass of the system to obtain the mass of the propellant. If
the mass of the propellant is already known, the inert mass can be calculated analytically using
equation (CL.6) as well. Now we can see the relationship between the velocity increment and
the propellant mass of the system.
III. Liquid Propellant Thermochemistry
As we can see from the equation (CL.3), the Isp of the rocket is directly proportional to the
mass of propellant and is dependent on the propellant combination. As the propellant
combination changes, the Isp will vary but varying the oxidizer-to-fuel ratio (O/F) will also
allow the optimal Isp for a given propellant.

We start by reviewing the perfect gas law which provides a connection between the pressure,
temperature, volume, number of moles, and the mass of the gas present. The perfect gas law is
given in equation (CL.7).
𝑝𝑉 = 𝑛𝑅𝑢 𝑇 = 𝑚𝑅𝑇 𝑎𝑛𝑑 𝑝 = 𝜌𝑅𝑇, 𝑅 =

𝑅𝑢
𝑁𝑚
, 𝑅𝑢 = 8314
𝑀
𝑘𝑔𝑚𝑜𝑙𝐾

(𝐶𝐿. 7)

Since the gases are assumed to follow the perfect gas law, we can now define the specific heat
at constant pressure, Cp, and the specific heat at constant volume, Cv. Equation (CL.8) provides
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a connection between the internal energy of the gas and Cv and the enthalpy of the gas and Cp
while the temperature varies.
𝑑𝑢 = 𝐶𝑣 𝑑𝑇, 𝑑ℎ = 𝐶𝑝 𝑑𝑇

(𝐶𝐿. 8)

By combining equations (CL.7) and (CL.8), a connection between the specific heats and the
specific gas constant defined above. Equation (CL.9) can now be seen below to take the form of:
𝑅 = 𝐶𝑝 − 𝐶𝑣

(𝐶𝐿. 9)

Now that this connection is defined, we can set the ratio of specific heats, k, which will
support a multitude of characteristics during the design process. Equation (CL.10) defines the
ratio as seen below.
𝑘=

𝐶𝑝
𝐶𝑣

(𝐶𝐿. 10)

A. Combustion
Since the propellant will be mixing, the characteristics of the mixture must be found such as
the molecular weight, Mmix, the mass fraction of each component, yi, and the partial pressures of
each component, pi. As in the perfect gas law defined previously, the pressure of the mixture is
a combination of the partial pressures contributed by each component. Equation (CL.11)
connects the total pressure of the gas to the partial pressures and has the form:
𝑁

𝑝 = ∑ 𝑝𝑖

(𝐶𝐿. 11)

𝑖=1

We assume that there are N components and “i” refers to the individual gas component.
Additionally, the molecular weight of the mixture as seen in equation (CL.12) relates the mass
of the gas present to the mass of each gas component.
𝑀𝑚𝑖𝑥 =

𝑚

1
𝑚𝑖
=
, 𝑤ℎ𝑒𝑟𝑒 𝑦𝑖 =
𝑚
𝑦
𝑖
𝑖
𝑚
∑𝑁
∑𝑁
𝑖=1 𝑀
𝑖=1 𝑀
𝑖
𝑖

(𝐶𝐿. 12)

We can also find the specific heat pf the mixture by using the mass fraction of each
component and the specific heat of each component and summing them together as seen in
equation (CL.13).
𝑁

𝑁

𝐶𝑝𝑚𝑖𝑥 = ∑ 𝐶𝑝𝑖 𝑦𝑖 𝑎𝑛𝑑 𝐶𝑣𝑚𝑖𝑥 = ∑ 𝐶𝑣𝑖
𝑖=1

(𝐶𝐿. 13)

𝑖=1
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From here, we can substitute the specific heat at constant pressure and volume for the mixture
into equation (9) to find the ratio of specific heats if the mixture, Cpmix, which will now be used
for the remainder of the definitions and calculations. Now we can determined and define the
combustion process in order to determine the gas components that will propel the Mars Launch
Vehicle.
IV. Combustion Process and Chemical Analysis
Now that we know the relationship between the propellant and its associated values, we are
able to analyze the combustion reaction that occurs within the combustion chamber of the
nozzle which we will discuss later. We will consider a general case at this point and show that
for a within a combustion, the reactants and their associated products are fundamental to the
nozzle design. Equation (CL.14) displays a general case of a reaction within the combustion
chamber where x1 is the number of moles of reactant X1 and y1 is the number of moles of
product Y1, and so forth.
𝑥1 𝑋1 + 𝑥2 𝑋2 ↔ 𝑦1 𝑌1 + 𝑦2 𝑌2 + 𝑝𝑟𝑜𝑑𝑢𝑐𝑡𝑠

(𝐶𝐿. 14)

We revisit the concept of the oxidizer-to-fuel ratio as it directly relates to the combustion
process and how many moles of each reactant we want to place of each in the combustion
chamber. The oxidizer-to-fuel ratio defines the molecular weight of the oxidizer; say X2, to the
molecular weight of the fuel, say X1. The number of moles of the fuel is set to one while the
oxidizer varies. Equation (CL.15) provides a connection between the reactants and their
associated molecular weights and the number of moles of the oxidizer present to allow for the
optimal Isp as described above.
𝑂 𝑥2 𝑀𝑋2
=
𝐹
𝑀𝑋1

(𝐶𝐿. 15)

Since the combustion process is preset to the level we want, the combustion reactants may
deviate from a combustion that occurs at what is known as stoichiometric conditions. The
stoichiometric combustion occurs when there are no excess components in the products stream
and all of the oxidizer is used, namely, the molecular weight of the products is equal to the
molecular weight of the reactants. Equation (CL.16) defines what is known as the equivalence
ratio and states how far our combustion reaction deviates from stoichiometric conditions by the
measuring the mass of the oxidizer in both cases.
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𝜙=

𝑀𝑎𝑠𝑠𝑜𝑥𝑖𝑑𝑖𝑧𝑒𝑟 𝑎𝑡 𝑆𝑡𝑜𝑖𝑐ℎ𝑖𝑜𝑚𝑒𝑡𝑟𝑖𝑐 𝑐𝑜𝑛𝑑𝑖𝑡𝑖𝑜𝑛𝑠
𝑀𝑎𝑠𝑠𝑜𝑥𝑖𝑑𝑖𝑧𝑒𝑟 𝑖𝑛 𝑜𝑢𝑟 𝑐𝑜𝑚𝑏𝑢𝑠𝑡𝑖𝑜𝑛

(𝐶𝐿. 16)

As assumed, the equivalence ratio at stoichiometric conditions is equal to one and we are
also assuming an oxidizer-rich mixture which allows the equivalence ratio to be greater than
one at all times.
V. Chemical Equilibrium Considerations
In order to determine the composition of the product stream, we can relate the components
based on their partial pressures to determine the change in the free energy of formation, ΔF0.
The free energy of formation is based on the molecular structure of the component and is a
function of temperature. Equation (CL.17) defines the equilibrium constant, Kp, and is a
function of the partial pressure of the reaction.
𝐾𝑝 =

𝑦

𝑦

𝑥

𝑥

𝑝𝑌11 𝑃𝑌22
𝑝𝑋11 𝑝𝑋22

=

−𝛥𝐹0
𝑒 𝑅𝑢𝑇

(𝐶𝐿. .17)

By knowing the equilibrium constant, we can use this vale to solve for the unknown amount
of moles of a component when dissociation occurs in the product stream. If complete
combustion occurs, the value of the equilibrium constant is not as necessary. Since we now
have a relation between the equilibrium constant and the change of the free energy of formation,
we can also obtain the Gibbs free energy of each component, Fi.
We find the free energy of formation as described above as F0 for each component by
tabulated values at a pressure integration constant, p0. Below, in equation (CL18), we connect
the obtained free energy of formation to the Gibbs free energy of each component.
𝑝𝑖
𝐹𝑖 = 𝐹𝑖0 + 𝑛𝑖 𝑅𝑢 𝑇𝑙𝑛 ( )
𝑝0

(𝐶𝐿. 18)

Note the additional superscript above the free energy of formation which is not to be confused
with the Gibbs free energy.
Adiabatic Flame Temperature Calculation
Since we would like to know the temperature inside the combustion chamber when the
combustion reaction occurs to ensure the wall does not melt, we must consider each component
of the products and reactants.
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For each of the products and reactants, there is an associated heat of formation, Δh0f. The
heat of formation is the energy that is released when one mole of the component is formed
isothermally from its constituent atom in standard atmospheric conditions. For each of the
components, the heat of formation depends on the require energy when they are formed or give
off energy when they are formed.

We may now find the heat of the reaction by the difference of the heat of formation from the
products and the heat of formation of the reactants. Equation (CL.19) displays the heat of
reaction equation where the xi and yj are the number of moles of the reactants and products,
respectively.
𝑜
𝑜
𝑜
𝛥𝐻𝑟𝑥𝑛
= ∑ 𝑦𝑗 𝛥ℎ𝑓,𝑖
− ∑ 𝑥𝑖 𝛥ℎ𝑓,𝑗
𝑝𝑟𝑜𝑑

(𝐶𝐿. 19)

𝑟𝑒𝑎𝑐𝑡

Now that we have the heat of reaction, we can find the adiabatic flame temperature. We first
assume that the total enthalpy of products is the total enthalpy of the reactants. That is:
∑ 𝛥𝐻𝑟𝑒𝑎𝑐𝑡 = ∑ 𝛥𝐻𝑝𝑟𝑜𝑑
𝑖=1

𝑖=1

With this in mind, the sensible enthalpy of each of the components can be determined by the
using the specific heat at constant pressure and the change in temperature of the reactants.
Equation (CL.20) relates the sensible enthalpy of a component as the first term and the heat of
formation of a component as the second term to define the molar enthalpy of a certain species.
𝑇

ℎ𝑋𝑖 = ∫ 𝐶𝑝𝑋 𝑑𝑇 + ℎ𝑓0𝑋
𝑇0

𝑖

(𝐶𝐿. 20)

𝑖

The sensible enthalpy of the reactants is assumed to be zero since the initial reference
temperature is at standard conditions and the sensible enthalpy of the products is not zero
because the temperature is at the at the adiabatic temperature which we will find.

We can note that the sensible enthalpy is merely a function of the specific heat at constant
pressure over temperature and takes the form of equation (CL.21).
𝑇

ℎ𝑠𝑖 = ∫ 𝐶𝑝𝑋 𝑑𝑇, 𝑤ℎ𝑒𝑟𝑒 𝑇 0 = 298 𝐾
𝑇0

𝑖

(𝐶𝐿. 21)
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This relation will now allow us to determine the adiabatic temperature which we are
integrating towards in equation (CL.20). Finally, we arrive at equation (CL.22) which will allow
the connection between the heat of reaction and the adiabatic flame temperature calculation.
0
−𝛥𝐻𝑟𝑥𝑛
=

∑

∫

𝑇𝑎𝑑

0
𝑝𝑟𝑜𝑑𝑢𝑐𝑡𝑠 𝑇

𝑦𝑗 𝐶𝑝 𝑑𝑇

(𝐶𝐿. 22)

In this calculation we allow the pressure to remain constant and we assume an exothermic
reaction which will result in a positive temperature. We also assume that there is no heat
transfer at outside of the system, the combustion chamber. The adiabatic flame temperature
provides the most extreme situation when the propellant combusts and will directly impact the
design of the nozzle.
VI. Tank Sizing
Now that we have our desired O/F to give an optimal Isp, this ratio can then be used to
determine the volume we need to allocate for both the fuel and the oxidizer. We know that the
oxidizer-to-fuel ratio is important to understand the combustion processes but since we will
know the molecular weight of each component and the standard density of each, we can
coincidentally use this to determine the volume. We can also use the ratio to determine the
estimated flow rate within the pipes before entering the combustion chamber.
A. Tank Sizing
The molecular weight of the components is given and if we revisit equation (CL.23) we can
begin to see the additional ratios we can set.
𝑂 𝑥2 𝑀𝑋2
=
, 𝑓𝑟𝑜𝑚 𝑝𝑟𝑒𝑣𝑖𝑜𝑢𝑠
𝐹
𝑀𝑋1

(𝐶𝐿. 23)

In our case, once we find the optimal Isp for a given ratio we can use the given ratio to find
the percent of the total mixture contributes and size the tanks accordingly. Equation (CL.24)
provides a connection in order to calculate the percent of each component.
𝑀𝑚𝑖𝑥 = 𝑀𝑋1 + 𝑥2 𝑀𝑋2 ; %𝑀𝑋2 =

𝑥2 𝑀𝑋2
𝑀𝑋1
, %𝑀𝑋1 =
𝑀𝑚𝑖𝑥
𝑀𝑚𝑖𝑥

(𝐶𝐿. 24)

Once the ratio of each of the components is found, we can then determine the mass of each
of the components by multiplying the ratio by the total mass of the propellant found above.
Equation (CL.25) explains how to obtain the mass of the oxidizer.
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𝑥2 𝑀𝑋2
𝑚𝑋2 = %𝑀𝑋2 ∗ 𝑚𝑝 = (
) ∗ 𝑚𝑝
𝑀𝑚𝑖𝑥

(𝐶𝐿. 25)

The same analogy is used to determine the mass of the fuel. Furthermore, since the density is
assumed to be known, the volume can simply be obtained by dividing the mass of each
component by its density. Using this information equation (CL.25) takes the form:
𝑚𝑋2
𝑣𝑋2 =
𝜌𝑋2

(𝐶𝐿. 26)

We can also apply equation (CL.25) to determine our allocated fuel volume.

From equation (CL.26), we now have the volume of both fuel and oxidizer. The tank size can
now be determined depending on the pressure at which we want to maintain and hold each of
the components. While this may sound simple, the tank must be able to withstand the internal
pressure and not buckle under extreme stress. With this being said, the tank may need to be split
between several smaller tanks instead of a single cylindrical tank. Additionally, if we want to
split into several tanks, the layout must ensure that the center of gravity is not moved from the
central axis. This portion of the design allows us to choose how many tanks we want and the
size of each taking into consideration the additional inert mass that is derived from each
additional tank.
VII. Liquid Rocket Engine Design
Now that we have the chemical characteristics of the engine and the propellant type is
assumed to be selected, we can design our nozzle and some of the important fuel delivery
components. The engine we design relates to the chamber pressure we set and the amount of
thrust we want out of our engine. Each component of the engine is then scaled to meet the thrust
and chamber pressure requirements.
A. Multi-Stage Rocket
Before the engine is designed for the rocket we must consider staging our rocket. Rocket
staging is used to reduce the amount of inert mass discussed previously by essentially dropping
the mass that is not useful when all of the propellant is burned. Staging is used to acquire a
higher velocity increment and is useful for high velocity increments where the mass of the
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system grows exponentially with respect to the velocity increment. Figure (CL.1) is a display of
the behavior of the gross lift-off weight (GLOW) as a function of the velocity increment.

Figure CL.40: GLOW as a function of velocity increment while varying number of stages
As we can see, adding additional stages allows us to achieve a higher velocity increment and
reduces the mass. As the number of stages increase the tradeoff is not significant at above three
stages.
VIII. Thrust Required and Chamber Pressure
We begin by determining the amount of thrust we need our engine to deliver. We assume
that in our case we would like the amount of thrust at liftoff to be thirty percent more than the
total mass of our system. Equation (CL.27) connects the thrust to the total mas of the rocket.
𝐹 = 1.3 ∗ (𝑚𝑝 + 𝑚𝑖𝑛 + 𝑚𝑝𝑙 ) = 1.3 ∗ 𝑚𝑡𝑜𝑡

(CL. 27)

If staging is used, the mass of each stage including its propellant, inert, and the payload is
considered and summed. The total mass of the staged rocket would appear as follows:
𝑚𝑡𝑜𝑡 = 𝑚𝑡𝑜𝑡1 + 𝑚𝑡𝑜𝑡2 + 𝑚𝑡𝑜𝑡3 + ⋯
Where the subscript refers to the total mass in each stage and mtot is the overall mass of our
rocket.

We can now set the pressure at which we would like our rocket to operate. The chamber
pressure, p0, is inversely proportional to the nozzle where a higher chamber pressure requires a
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smaller nozzle and vice versa. To understand the connection between the pressure and the thrust
we must first introduce the thrust coefficient, CF, the area of the nozzle throat, At, the
characteristic velocity, c*, and the overall mass flow through the nozzle, mflowtot.

The overall mass flow through the nozzle, as seen in equation (CL.28), provides connection
between the thrust and the Isp.
𝑚𝑓𝑙𝑜𝑤𝑡𝑜𝑡 =

𝐹
𝐼𝑠𝑝𝑔0

𝑘𝑔

,[ 𝑠 ]

(CL. 28)

From here, we can define the characteristic velocity which is dependent on the chamber
temperature or adiabatic flame temperature, the ratio of specific heats and the specific molecular
weight. Equation (CL.29) defines the characteristic velocity which will later take additional
forms. We refer to the chamber temperature here as T0.
√𝑘𝑅𝑇0

𝑐∗ =

𝑘√

2
𝑘+1

, 𝑤ℎ𝑒𝑟𝑒 𝑘 =

𝑘+1
𝑘−1

𝐶𝑝
𝑅𝑢
𝑎𝑛𝑑 𝑅 =
𝐶𝑣
𝑀𝑊

(CL. 29)

After the characteristic velocity is determined for the propellant, we can then define the thrust
coefficient. We refer to the exit pressure as p2 and the ambient or atmospheric pressure as p3
while the exit area is referenced as A2. The expansion ratio is defined at the end as the exit area
over the throat area. Equation (CL.30) defines the thrust coefficient assuming we know the
required values.
𝑘+1

2𝑘 2
2 𝑘−1
𝑝2 𝑘−1
𝑝2 − 𝑝3 𝐴2
𝐴2
𝐶𝐹 = √
(
)
[(1 − ( ) 𝑘 )] +
, 𝑤ℎ𝑒𝑟𝑒
= 𝜖
𝑘−1 𝑘+1
𝑝0
𝑝0 𝐴𝑡
𝐴𝑡

(CL. 30)

Now that we defined the thrust coefficient and the characteristic velocity, we can relate the
pressure and the effective thrust by applying the values we obtained. At this point, we can see
that the thrust coefficient as seen in equation (CL.31) is a function the throat area. We now see
that the connection between the thrust and the chamber pressure also allows us to find the thrust
coefficient. Equation (CL.32) connects the chamber pressure to the thrust where we choose the
throat area. Simply by rearranging this equation, we find the thrust coefficient from the given
parameters in equation (CL.32).
𝐹 = 𝐶𝐹 𝑝0 𝐴𝑡

(CL. 31)
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𝐶𝐹 =

𝐹
𝑝0 𝐴𝑡

(CL. 32)

We can also connect the Isp of the rocket to the additional efficiencies we found which will
take the form of equation (CL.33).
𝑐 ∗ 𝐶𝐹
𝐼𝑠𝑝 =
𝑔0

(CL. 33)

IX. Nozzle Design Characteristics
In order to design a nozzle to fit our thrust requirements, we can choose the throat area to find
the thrust coefficient. Then using equation (29) we can find the exit area and coincidently the
expansion ratio that we will use which is also shown in equation (29) by the ratio between the
area of the exit and the area of the throat. The nozzle design itself is based upon criteria that we
choose. The divergent section of the nozzle is an important consideration as we would like to
expand our gas for efficient flow. We this in mind, we can first consider a nozzle that simply
appears as an open cone where the cone is set at a contour or expansion angle of fifteen degrees.
Our first consideration can be seen below in figure (CL.2).

Figure CL.2: Conical Nozzle at expansion angle of 15o
We can see that the nozzle will expand to our desired exit area but will require a longer nozzle
which, coincidentally, is a larger mass. Increasing the expansion angle so that we will obtain our
desired expansion ratio faster will, although seemingly desirable, increase the divergence losses
within the nozzle. This will result in poor performance throughout the nozzle and decreasing the
expansion angle will negatively impact the nozzle length and mass. With this in mind, we will
use the conical nozzle at fifteen degrees as a reference and design a more preferred nozzle.
The bell nozzle represents a practical approach to the design and allows us to reach our
desired exit area will being shorter and lass massive than a simple conical nozzle. Our first
approach to this solution is to find the length of the conical nozzle at our preset fifteen degrees
contour angle. Equation (CL.34) provides the connection between the throat and exit radius with
respect to the expansion angle, θ, which can be verified by simple geometry.
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𝐿𝑐𝑜𝑛𝑒 =

𝑟𝑒𝑥𝑖𝑡− 𝑟𝑡ℎ𝑟𝑜𝑎𝑡
tan(𝜃)

(CL. 34)

Now that we now the reference length of the conical nozzle, we can then approach the
selection of the relative length of our nozzle in comparison. The bell-shaped nozzle is, unlike the
conical nozzle, expands very rapidly immediately after the throat and is the followed by
reversing the nozzle contour to obtain an exit angle of less than the reference conical angle. We
can diverge rapidly in a bell nozzle because of the high pressure gradient and relative pressure
without the allowance of separation in the fluid.
We choose a bell nozzle that is 80% of the conical length and can begin to determine the
contour angle at the inflection point, θi, and the exit angle, θe. Since are expansion ratio and
relative nozzle length are known we can determine these angles from the chart seen in figure
(CL.3) from George Sutton’s Rocket Propulsion Elements.

Figure CL.3: Angles at inflection point and exit determined by expansion ratio and length
Now that we have the angle at the inflection point, we can locate the inflection point by
referencing the throat radius. Since the exit radius and throat radius are known, once we find the
inflection point we can then set a parabolic fit between the points to finish the diverging section
of the nozzle. An example of how to find the inflection point location is also given by Sutton in
figure (CL.4) below. The inflection point, I, is a result of point of tangency between a circle of
radius forty percent of the throat radius and the line of the contour angle.
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Figure CL.4: Breakdown of the different components of the nozzle design.
Now that we have an idea of the geometry of the divergent section of our nozzle, we can
begin to find the combustion chamber properties.
The combustion chamber is relevant to how the rocket operates as it must allow the mixing
process to occur. We first start be calculating the required length of the chamber by referencing
the throat area. Equation (CL.35) provides the connection between the throat diameter, Dt, and
the length of the combustor, Lc, from the injector to the throat.
2 +0.47 ln(𝐷 )+1.94)
𝑡

𝐿𝑐 = 𝑒 (0.029ln(𝐷𝑡)

(CL. 35)

Since we now know the length of the combustor, we can now find the diameter of the
chamber by setting the contraction ratio, ω. Just as the previous section discussed, the
contraction ratio relates the area of the combustion chamber to the area of the throat. We will set
our contraction ratio at three so that the combustion chamber area must be three times the area of
the throat area. We can see the connection between the throat and chamber areas below in
equation (CL.36).
𝜔=

𝐴𝑐
𝐴𝑡

(CL. 36)

After we obtain the length and the diameter of the chamber we can find the appropriate
volume that will be allocated for the combustion process. Equation (CL.37) connects our known
values together as we finalize the chamber volume. Here the contraction angle is computed from
figure (CL.4) above and is assumed to be the same angle as our contour we set.
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𝜋
𝐷𝑐3 − 𝐷𝑡3
2
𝑉𝑐 =
(6𝐿𝑐 𝐷𝑐 +
)
24
tan(𝜃𝑐 )

(CL. 37)

The inflection point for the combustion chamber is located similarly to the method we used
earlier to find the divergent inflection point. In the combustion case, the inflection point occurs at
the point of tangency between a circle fifty percent larger in radius than the throat radius and the
contour angle line.
X. Nozzle Flow Parameters
The expansion ratio can also be determined at each location including the exit by calculating
the Mach number that is present In order to determine the Mach number we can use expansion
ratio of nozzle at each location within the nozzle. We first set the Mach number at a small value
and then iterate towards a final Mach number. Here we can define the expansion ratio relation as
equation (CL.38) and has the form:
𝛾+1

𝐴𝑖
2 + (𝛾 − 1)𝑀𝑖2 2(𝛾−1)
𝜖=
=(
)
(𝛾 + 1)
𝐴𝑡

(CL. 38)

As discussed previously the expansion ratio can be found explicitly if the dimensions of the
nozzle are already known. In our case we will assume the expansion ratio at each of these points
is already known and that the local Mach number can be determined via MATLAB. We will
essentially set up a loop that will enable us to find the correct Mach number by comparing the
expansion ratio computed by our geometry and the expansion ratio computed by the Mach
number we guess. If the expansion ratio we compute from the Mach number guess is greater than
the actual expansion ratio, we increase the Mach number and recompute.
A code was written that allows us to determine the Mach number with filename
“nozzle_stage1.m.” Assuming we already know the geometry of the nozzle, the script asks to
load in the geometry and enter the desired parameters. The input of this file takes the form:
Input
Input
Input
Input

('Enter
('Enter
('Enter
('Enter

chamber pressure: ')
chamber temperature: ')
molecular weight: ');
gamma: ');

Since we know each of these parameters from the previous section, this allows us to calculate
a number of nozzle characteristics.
In order to begin working our way down the nozzle, we first assume that the isentropic flow
relations are valid. Isentropic flow will enable a calculation of the temperature, pressure, density,
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and velocity in the nozzle at any point. We set equations (CL.39)-( CL.41) to the isentropic flow
relations connect our chamber or stagnation conditions to the pressure, temperature, and density,
respectively.
𝛾
𝑝0
2 𝛾−1
(𝛾
= (1 + − 1)𝑀𝑖 )
𝑝𝑖

(CL. 39)

𝑇0
= (1 + (𝛾 − 1)𝑀𝑖2 )1
𝑇𝑖

(CL. 40)

1
𝜌0
= (1 + (𝛾 − 1)𝑀𝑖2 )𝛾−1
𝜌𝑖

(CL. 41)

Since we now have the temperature at each point in the nozzle, the velocity is represented as a
function of the temperature alone. Equation (CL.42) below represents the velocity at every point
in the nozzle. We note that as the Mach number increases the temperature drops while the
velocity increases.
𝑣𝑖 = √

2𝛾𝑅𝑢 𝑇𝑜
𝑇𝑖
(1 − )
𝑀𝑚𝑖𝑥 (𝛾 − 1)
𝑇0

(CL. 42)

As an example, we provide the relevant geometry of the first stage of the Mars Launch
Vehicle in figure (CL.5). Since we have our geometry set, we now show an example of the Mach
number, temperature, velocity, and pressure inside the first stage nozzle in figures (CL.6)-(
CL.9), respectively. The parameters were entered and computed from the file
“Louden_nozzle_stage1.m.”

Figure CL.5: Imported nozzle geometry along 2D plane
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From our previous discussion, we were able to generate the geometry at every location and
plot it on a 2D plane.

Figure CL.6: Mach number distribution along the nozzle given the radial coordinates
As equation (CL.38) suggest, the Mach number and expansion ratio are directly proportional.
As we increase the expansion ratio, or as the nozzle diverges, the Mach number increases and
we assume a choked flow at the throat (Mach = 1).

Figure CL.7: Temperature variation with Mach number
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From the isentropic relations, equation (CL.40), as the Mach number increases the local static
temperature decreases. Each local temperature can be computed by rearranging the equation to
represent a ratio between the chamber temperature and Mach number.

Figure CL.8: Velocity increase along the nozzle
We derive by visualizing the relationship between figure (CL.8), figure (CL.7), and equation
(CL.42). As the Mach number increases and the ratio of the local temperature to the chamber
temperature decreases, the velocity increases. We can also connect the velocity and the Mach
number by introducing the speed of sound, a, as seen in equation (CL.43). By simply
rearranging we can find the velocity at each location assuming we know the speed of sound and
obtain equation (CL.44)
𝑀𝑖 =

𝑣𝑖
, 𝑎 = √𝛾𝑅𝑇
𝑎

(CL. 43)

𝑣𝑖 = 𝑀𝑖 √𝛾𝑅𝑇

(CL. 44)

The velocity will tend to increase as the Mach number increases. For our application, we will
continue to use the isentropic relations and equation (CL.42) to determine the velocity.
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Figure CL.9: Locally determined static pressure at each nozzle location
Just as the temperature dropped, the local pressure will also decrease while the Mach number
increases. A ratio between the chamber pressure and local Mach number is derived in equation
(CL.39).
XI. Propellant Mass Flow and Engine Burn
Since we have a preliminary idea of the tank size and pressure, we can also use the oxidizerto-fuel ratio defined earlier to obtain the mass flow of the propellant delivery components. This
is derived from the overall mass flow through the nozzle as we seen in equation (CL.28). From
the total mass flow and the oxidizer-to-fuel ratio defined, we arrive at equation (CL.45) which
notes the oxidizer-to-fuel ratio as a ratio between the mass flows of each.
𝑚𝑓𝑙𝑜𝑤𝑜𝑥
𝑂
=
;𝑚
= 𝑚𝑓𝑙𝑜𝑤𝑜𝑥 + 𝑚𝑓𝑙𝑜𝑤𝑓𝑢𝑒𝑙
𝐹
𝑚𝑓𝑙𝑜𝑤𝑓𝑢𝑒𝑙 𝑓𝑙𝑜𝑤𝑡𝑜𝑡

(CL. 45)

By substitution and rearrangement of the known values, we can define a relationship between
the mass flow of the fuel, the total mass flow, and the oxidizer-to-fuel ratio taking the form of
equation (CL.46) below. Since we can find the mass flow of the fuel, we then substitute the
information back into equation (CL.47) to find the mass flow of the oxidizer.
𝑚𝑓𝑙𝑜𝑤𝑡𝑜𝑡
𝑚𝑓𝑙𝑜𝑤𝑓𝑢𝑒𝑙 =
𝑂
𝐹 +1

(CL. 46)
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Once the mass flow of each component is obtained, we can calculate the associated fluid
velocity in the injector. To do this, we must first relate the relative velocities from each end point
by using Bernoulli’s Equation shown in equation (CL.47). We denote the reference points by the
subscript where we will find the velocity at point two.
𝑣𝑖 2 𝜌
𝑣𝑖 2 𝜌
(
+ ) =(
+ )
2
𝑝 1
2
𝑝 2

(CL. 47)

For our case, we will assume that the density remains constant throughout the injector and the
pressure at point two is the chamber temperature while the pressure at point one is the manifold
pressure. We also assume that a pressure drop of twenty percent occurs through the injector
which defines our necessary pressure change. Equation (CL.48) displays the velocity calculation
which can be applied to each component and is further simplified by assuming the velocity at
point one is negligible.
2(𝑝2 − 𝑝1 )
𝑣𝑖 = √
, 𝑤ℎ𝑒𝑟𝑒 𝑝2 − 𝑝1 = 0.2𝑝2
𝜌

(CL. 48)

Since it is assumed that the propellant density is known and that the density of each of the
components is known (fuel and oxidizer), equation (47) can be applied to each to find the
relative velocity in the injection plate. For each component, we assume the pressure drop across
the injector is equal leaving the manifold pressure of each twenty percent greater than our
desired chamber pressure.
Now that the flow velocities can be found, we are now able to find the relative flow areas for
each of the components. We first set up a simple continuity equation which relates the flow area
directly to the velocity, density, and mass flow we calculated previously as seen in equation
(CL.49). By simply rearranging the equation to solve for the flow area we arrive at equation
(CL.50). The coefficient of discharge, Cd, denotes the ratio of the mass flow rate at the discharge
end to that of an ideal case operating at the same initial conditions.
𝑚𝑓𝑙𝑜𝑤𝑖 = 𝜌𝑖 𝑣𝑖 𝐶𝑑 𝐴𝑖
𝐴𝑖 =

𝑚𝑓𝑙𝑜𝑤𝑖
𝜌𝑖 𝑣𝑖 𝐶𝑑

(CL. 49)
(CL. 50)

Using the information above and our knowledge about the mixture ratio of the propellant, we
are now able to select an appropriate injector for our engine. In the case of the Mars Launch
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vehicle, the flow area of the oxidizer was about twice the size of that of the fuel which can
allows us to choose an OFO triplet which can be visualized as in figure (CL.10).

Figure CL.10: Unlike OFO Triplet configuration
The OFO triplet allows for a symmetric spray pattern and high performance when considering
overall mixing and atomization.
In order to compute the number of injector elements we need on our injector plate, we can
relate the mass flow to injector area as seen in equation (CL.51). This can apply to either
component and will allow us to visualize the injector plate.
𝑚𝑓𝑙𝑜𝑤𝑖
𝑁𝑖 =
𝜌𝑖 𝑣𝑖 𝐴𝑖

(CL. 51)

At this point, we now have a general idea of our engine from the injector plate to the nozzle
exit. In order to better understand the changing parameters throughout the nozzle we introduce a
simplified 1D internal flow method.
XII. 1D Internal Flow
In this case we assume that the nozzle and flow parameters are changing in the divergent
section of the nozzle. We introduce the heat transfer in this portion where we can assume that a
cold fuel mixture runs along this section of the wall. Additionally, we introduce the liquid and
gas mass flow as it may be seen as a byproduct of the turbine upstream.
We begin with the equation of state or the perfect gas law as described in equation (CL.52)
as defined previously.
𝑝𝑉 = 𝑛𝑅𝑢 𝑇 = 𝑚𝑅𝑇 𝑎𝑛𝑑 𝑝 = 𝜌𝑅𝑇, 𝑅 =

𝑅𝑢
𝑁𝑚
, 𝑅𝑢 = 8314
𝑀
𝑘𝑔𝑚𝑜𝑙𝐾

(CL. 52)

After logarithmic differentiation we arrive at equation (51) which takes the form:
ln 𝑃 = ln 𝜌 +ln 𝑅𝑢 + ln 𝑇 − ln 𝑀

(CL. 53)

Now we differentiate again to display the change in pressure with respect to the change in
the propellant characteristics. This relation can be seen in equation (CL.54).
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𝑑𝑝 𝑑𝜌 𝑑𝑇 𝑑𝑀
=
+
−
𝑝
𝜌
𝑇
𝑀

(CL. 54)

We now reintroduce the speed of sound in this portion as displayed in equation (CL.55) from
above.
𝑀𝑖 =

𝑣𝑖
, 𝑎 = √𝛾𝑅𝑇
𝑎

(CL. 55)

After logarithmic differentiation we arrive at equation (CL.56) of the form:
𝑑𝑎 1 𝑑𝛾 𝑑𝑇 𝑑𝑀
= ( +
−
)
𝑎
2 𝛾
𝑇 𝑑𝑀

(CL. 56)

As we can see in equation (CL.55), the Mach number and the speed of sound are directly
related; we use this relation and differentiate using logarithms to arrive at equation (CL.57).
𝑑𝑀2 𝑑𝑣 2 𝑑𝑀 𝑑𝛾 𝑑𝑇
= 2 +
−
−
𝑀2
𝑣
𝑀
𝛾
𝑇

(CL. 57)

From here we consider the continuity equation as discussed earlier. We assume that mass flow
of any liquid is the evaporated liquid entering into the control volume in consideration and any
non-evaporated liquid that enters the control volume is ignored. Perfect mixing is also assumed
in this consideration and the mass flow of the gas entering in the control volume is assumed to be
constant along the entirety of the divergent section. Using these assumptions, we arrive at
equation (CL.58) as a connection between the mass flow and propellant properties.
𝑚𝑓𝑙𝑜𝑤 = 𝜌𝑣𝐴, 𝑑𝑚𝑓𝑙𝑜𝑤 = 𝑑𝑚𝑓𝑙𝑜𝑤𝑙𝑖𝑞 + 𝑑𝑚𝑓𝑙𝑜𝑤𝑔𝑎𝑠

(CL. 58)

Using logarithmic differentiation on the previously defined equation, we now define equation
(CL.59) which is of the form:
𝑑𝑚𝑓𝑙𝑜𝑤 𝑑𝜌 𝑑𝑣 𝑑𝐴 𝑑𝑚𝑓𝑙𝑜𝑤𝑙𝑖𝑞 𝑑𝑚𝑓𝑙𝑜𝑤𝑔𝑎𝑠
=
+
+
=
+
𝑚𝑓𝑙𝑜𝑤
𝜌
𝑣
𝐴
𝑚𝑓𝑙𝑜𝑤𝑙𝑖𝑞
𝑚𝑓𝑙𝑜𝑤𝑔𝑎𝑠

(CL. 59)

Now we consider an energy balance between the wall inside the nozzle and the cold fuel
liquid. We assume only liquid crossing the control volume in this case and that complete mixing
occurs. With this assumption, we can say that any heat added will result in work done. Equation
(CL.60) provides a sample of the energy balance taking place.
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𝑚𝑓𝑙𝑜𝑤 (𝑑𝑞 − 𝑑𝑤) = (𝑚𝑓𝑙𝑜𝑤 (𝑚 + 𝑑ℎ) + ℎ𝑔,𝑇 𝑑𝑚𝑓𝑙𝑜𝑤𝑔𝑎𝑠 + ℎ𝑣 𝑑𝑚𝑓𝑙𝑜𝑤𝑙𝑖𝑞 ) − 𝑚𝑓𝑙𝑜𝑤 ℎ +
𝑣2

ℎ𝑔 𝑑𝑚𝑓𝑙𝑜𝑤𝑔 + ℎ𝐿 𝑑𝑚𝑓𝑙𝑜𝑤𝑙𝑖𝑞 + ((𝑚𝑓𝑙𝑜𝑤 + 𝑑𝑚𝑓𝑙𝑜𝑤𝑔𝑎𝑠 + 𝑑𝑚𝑓𝑙𝑜𝑤𝑙𝑖𝑞 ) ( 2 +
𝑣𝑔2
2

𝑑𝑚𝑓𝑙𝑜𝑤𝑔 +

𝑣𝑙2
2

𝑑𝑣𝑔2
2

)) − (𝑚𝑓𝑙𝑜𝑤

𝑑𝑚𝑓𝑙𝑜𝑤𝐿 )

𝑣2
2

+

(CL. 60)

Here we connect the enthalpy of the injected gas, hg, at the temperature of the gas, Tg, the
enthalpy of the injected liquid, hL, the enthalpy of the vapor, hv, and the enthalpy of the gas
injected at the mixture temperature, hg,T, as each enter the control volume in consideration.
Simplifying equation (57) by realizing our assumptions, we end with equation (CL.61) which
takes the form:
𝑣 2 − 𝑣𝑔2 𝑑𝑚𝑓𝑙𝑜𝑤𝑔𝑎𝑠
𝑣2
𝑑𝑞 − 𝑑𝑤 = 𝑑ℎ + 𝑑 ( ) + ((ℎ𝑔,𝑇 − ℎ𝑔 ) + (
))
2
2
𝑚𝑓𝑙𝑜𝑤
𝑣 2 − 𝑣𝐿2 𝑑𝑚𝑓𝑙𝑜𝑤𝑙𝑖𝑞
+ ((ℎ𝑣 − ℎ𝐿 ) + (
))
2
𝑚𝑓𝑙𝑜𝑤

(CL. 61)

As we discussed earlier, the heat of the reaction can be directly related to the specific heats of
the system. We define equation (CL.62) under the assumption that we operate under the perfect
gas law explained previously.
𝑑ℎ = 𝑑ℎ𝑟𝑥𝑛 + 𝐶𝑝 𝑑𝑇, 𝑤ℎ𝑒𝑟𝑒 𝑑ℎ𝑟𝑥𝑛 = 𝛥ℎ

(CL. 62)

The heat of reaction in this case will be negative if the reaction is exothermic (requires input),
and positive if the reaction is endothermic (gives of energy). Using equation (CL.62) and known
values from equations (CL.60) and (CL.61), we arrive at equation (CL.63).
ℎ𝑔,𝑇 = (ℎ𝑔 −

𝑣𝑔2
) − ℎ𝑔,𝑇 − ℎ0,𝑔 = 𝐶𝑝,𝑔 (𝑇 − 𝑇0,𝑔 )
2

(CL. 63)

Using dH as our total enthalpy change and substituting in values, we now have equation
(CL.64) as below. We define the total enthalpy in equation (CL.65).
𝑑𝑞 − 𝑑𝑤 + 𝑑𝐻 = 𝐶𝑝 𝑑𝑇 +
𝑑𝐻 = −𝑑ℎ𝑟𝑥𝑛 − (𝐶𝑝,𝑔 (𝑇 − 𝑇0,𝑔 ) +

𝑣 2 𝑑𝑚𝑓𝑙𝑜𝑤𝑔

)
2

𝑚𝑓𝑙𝑜𝑤

𝑑𝑣 2
2

− (ℎ𝑣 − ℎ𝐿 +

(CL. 64)
𝑣 2 −𝑣𝐿2 𝑑𝑚𝑓𝑙𝑜𝑤𝑔
2

)

𝑚𝑓𝑙𝑜𝑤

(CL. 65)

Dividing by the specific heat provides equation (CL.66).
𝑑𝑞 − 𝑑𝑤 + 𝑑𝐻 𝑑𝑇 𝛾 − 1 2 𝑑𝛾 2
=
+
𝑀 ( 2)
𝐶𝑝,𝑇
𝑇
𝛾
𝛾

(CL. 66)
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Now we have a connection between the total enthalpy change and the propellant
characteristics. We use this later to us better understand the change in Mach number along the
nozzle.
Continuing with our internal flow study, we will now use a momentum balance to finalize the
relationship. Here we consider that the sum of all forces on the control volume is equal to the net
mass flux. Using this relation, we define equation (CL.67) which takes the form:
𝑃(𝐴 + 𝑑𝐴) − (𝑃 + 𝑑𝑃)(𝐴 + 𝑑𝐴) − 𝜏𝑤 𝑑𝐴𝑤 − 𝑑𝑋 = (𝑚𝑓𝑙𝑜𝑤𝑜𝑢𝑡 + 𝑑𝑚𝑓𝑙𝑜𝑤𝑔𝑎𝑠 +
𝑑𝑚𝑓𝑙𝑜𝑤𝑙𝑖𝑞 )(𝑣 + 𝑑𝑣) − 𝑚𝑓𝑙𝑜𝑤 𝑣 − 𝑣𝑔𝑥 𝑚𝑓𝑙𝑜𝑤𝑔𝑎𝑠 − 𝑣𝐿𝑥 𝑚𝑓𝑙𝑜𝑤𝑙𝑖𝑞

(CL. 67)

Here, we relate the injected “x” velocity of the gas, vgx, the injected “x” velocity of the liquid,
vLx, the wall sheer stress, τw, and the drag of any internal bodies, dX. As a simplification of our
final result we define the “y” component of velocity as the ratio of the injected “x” component of
velocity to the overall velocity experienced in the nozzle. This relation can be seen in equation
(CL.68) for both the liquid and gas, respectively.
𝑣𝐿
𝑣𝑔
𝑦𝐿 = 𝑥 𝑦𝑔 = 𝑥
𝑣
𝑣

(CL. 68)

With this relation, we substitute and simplify to define the relation between the change in
pressure and area to give us equation (CL.69).
𝑑𝑝
𝑝

+

𝛾𝑀2 𝑑𝑣 2
2

( 𝑣2 + 4𝑓

𝑑𝑥
𝐷

+𝛾
2

𝑑𝑋
𝜌𝐴𝑀2

) + 𝛾𝑀2 ((1 − 𝑦𝑔 )

𝑑𝑚𝑓𝑙𝑜𝑤𝑔𝑎𝑠
𝑚𝑓𝑙𝑜𝑤

+ (1 − 𝑦𝐿 )

𝑑𝑚𝑓𝑙𝑜𝑤𝑙𝑖𝑞
𝑚𝑓𝑙𝑜𝑤

)

(CL. 69)

In this relation, f is the defined friction coefficient which is a function of the wall sheer stress
and can be found if the velocity, density, wall sheer stress are known. The variable, D, refers to
the hydraulic diameter at each point which is a ratio set up as four times the reference area
divided by the perimeter or circumference.
We finally arrive at our desired result where we define the governing equation as equations
(52), (54), (56), (63), and (66). Using these equations and relating the values, we can now write
the Mach number as a single function. Our change in Mach number at every location can be seen
in equation (CL.70) to take the form:
𝑑𝑀2
𝑀2

2𝑦𝐿

=

𝛾−1 2
𝑀 ) 𝑑𝐴
2
2
1−𝑀
𝐴

−2(1+

𝑑𝑚𝑓𝑙𝑜𝑤𝑙𝑖𝑞
𝑚𝑓𝑙𝑜𝑤

1+𝛾𝑀2

𝛾−1 2
𝑀 )
2

2(1+𝛾𝑀2 )(1+

)+(

𝑑𝑞−𝑑𝑤+𝑑𝐴

+ ( 1−𝑀2 ) (
1−𝑀2

)

𝐶𝑝,𝑇
𝑑𝑚𝑓;𝑜𝑤
𝑚𝑓𝑙𝑜𝑤

)+

−

𝛾−1 2
𝑀 )
2
2
1−𝑀

𝛾𝑀2 (1+

1+𝛾𝑀2 𝑑𝑚𝑓𝑙𝑜𝑤
1−𝑀2 𝑚𝑓𝑙𝑜𝑤

−

(4𝑓

𝑑𝛾
𝛾

𝑑𝑥
𝐷

𝑑𝑋

+𝛾
2

𝑀2

− 2𝑦𝑔

𝑑𝑚𝑓𝑙𝑜𝑤𝑔𝑎𝑠
𝑚𝑓𝑙𝑜𝑤

−

(CL. 70)
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We can see that the first expression on the right hand side of equation (67) drives the
remainder of the equation and helps us to understand if the flow is accelerating or decelerating.
We refer to the first expression as the influence coefficient as it provides the most essential
information in the equation. Additionally, we can see that the connection between this equation
and equation (37) where we are forced to solve for the Mach number by iterating to a final
solution. As we discussed earlier, once the Mach number is determined, the parameters inside the
nozzle can be found.
XIII. Solid Rocket Motor Design Characteristics
As we discussed in our final design comparison, a solid rocket motor was considered due to
its reliability and ease of storage. Here we will touch on some of the basic components of solid
rocket motor (SRM) design and compare it to the liquid rocket engine. An SRM is a viable
option for the Martian launch because it is essentially ready to launch immediately. While this
may sound promising, the SRM is proves to be less efficient and does not have the ability to
vary thrust.
We will assume a lumped parameter method and we can start by choosing our desired throat
area. From here we can define a relation between the throat and burn area, Ab, as seen in
equation (CL.71).
𝑝0 = 𝐾𝜌𝑝 𝑟𝑐 ∗ , 𝑤ℎ𝑒𝑟𝑒 𝐾 =

𝐴𝑏
𝐴𝑡

(CL. 71)

The burn rate, rb, defines a necessary characteristic of the a propellant and can vary between
a tenth of centimeter to one and a half centimeters per second. Equation (CL.72) provides this
connection between the burn rate, chamber pressure, burn rate coefficient, a, and the burn rate
exponent, n.
𝑟𝑏 = 𝑎𝑝𝑐𝑛

(CL. 72)

The burn rate coefficient and burn rate exponent are dependent on the propellant used and
vary usually between zero and one. Since we assume a lumped parameter approach and treat the
chamber as a single pressure even though the chamber pressure will change as the propellant
burns. We define the mass flow of the gas out of the nozzle as the chamber pressure,
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characteristic velocity, and the desired throat area. We assume that the mass flow out is equal to
the mass flow into the port of the chamber and can set up equation (CL.73).
𝑚𝑓𝑙𝑜𝑤,𝑜𝑢𝑡 =

𝑝0 𝐴𝑡
= 𝜌𝑝 𝑟𝑏 𝐴𝑏 = 𝑚𝑓𝑙𝑜𝑤,𝑖𝑛
𝑐∗

(CL. 73)

Here, the burn area is defined as Ab and is the area immediately available to burn which
changes with time as more propellant is exposed. Using equations (68) and (6), we can now set
up an equation to relate the chamber pressure to the burn surface area and burn rate as in
equation (CL.74).
1

𝑎𝜌𝑝 𝐴𝑏 𝑐 ∗ 1−𝑛
𝑝0 = (
)
𝑔𝐴𝑡

(CL. 74)

We define the web as the perpendicular distance from the outer face of the propellant to the
inner face of the motor case. In every case, the burn surface will be a function of the web
thickness. Figure (CL.11) below provides a simple solid rocket motor cross-section to visualize
the parameters described above.

Figure CL.11: SRM cross-section
Using the ideal rocket equation defined in the beginning, we are able to obtain a rough
estimate of the propellant mass. We note that the relative Isp of the SRM is relatively low when
compared to the liquid rocket which then increase the amount of propellant needed. After
calculating the thrust required and the propellant mass, we can find an estimated burn time by
using the burn rate, web thickness, and burn area of the propellant. We revisit the discussion
above on the selection of the nozzle we will use and note equation (CL.33) as the length of the
conical nozzle. Due to the nature of the solid rocket, a conical nozzle is preferred to decrease
possible damage to the nozzle as high-velocity particles are thrown out of the motor. A bell
nozzle will induce rapid expansion and has the greater possibility to throw particles against the
nozzle wall. Using this information and assuming we know the exit angle of the nozzle, we can
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find a relative mass of the nozzle which is a function of the propellant characteristics and exit
angle as seen in equation (CL.75).
(𝑚𝑝 𝑐 ∗ )

1.2 0.3
𝜀

𝑚𝑛𝑜𝑧 = 2.46 ∗ 10−4 (𝑝0.8 𝑡 0.6 (tan(𝜃
0

𝑏

𝑒

0.917

)
))0.4

(CL. 75)

We can see that although the thrust-to-weight of the solid propellant is preferable, the
performance lacks and adds more mass than the liquid rocket engine. The solid rocket motor is
a considerable option and would be ideal in an emergency launch case but since we have the
ability to produce the propellant before the first wave of colonists arrive, the liquid engine is
preferred.
XIV. Summary of Additional Parameters
Below in tables (CL.1) and (CL.2), we summarize the characteristics of each stage (2) and
stage (1) in our final design, respectively.
Table CL.19: Stage 2 Design characteristics
Stage Delta V [km/s]
Isp [s]
Propellant Mass Fraction [1]
MR [1]
Propellant Mass (Total) [Mg]
O2 Mass [Mg]
Methane Mass [Mg]
O2 Volume [m^3]
Methane Volume [m^3]
Chamber Diameter [m]
Throat Area [m^2]
Exit Diameter [m]
Expansion Ratio [1]
Nozzle Length [m]
Combustion Length [m]
Total Nozzle/Combustor Length [m]
Flow rate [kg/s]
Chamber Pressure [MPa]
Chamber Temperature [K]
c* [m/s]
cF [1]
Burn time [sec]
Nozzle Mass [Mg]
Overall Engine Mass [Mg]
Thrust [MN]

3.2976
353.53
0.84
2.5887
6.303947
4.990624
1313.322
4.3739
3.1075
0.24327
1.39E-02
0.66448
74
0.7935832
0.285
1.07858
31.8917
4.13685545
3493.19
1794.3
1.84224
197.1101
0.052896
0.1394806
0.1108067274
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Table CL.20: Stage 1 Design Characteristics
Stage Delta V [km/s]
Isp [s]
Propellant Mass Fraction [1]
MR [1]
Propellant Mass (Total) [Mg]
O2 Mass [Mg]
Methane Mass [Mg]
O2 Volume [m^3]
Methane Volume [m^3]
Chamber Diameter [m]
Throat Area [m^2]
Exit Diameter [m]
Expansion Ratio [1]
Nozzle Length [m]
Combustion Length [m]
Total Nozzle/Combustor Length [m]
Flow rate [kg/s]
Chamber Pressure [MPa]
Chamber Temperature [K]
c* [m/s]
cF [1]
Burn time [sec]
Nozzle Mass [Mg]
Engine Mass [Mg]
Thrust [MN]

3.451
353.3
0.8657
2.7076
23.85855231
18.8879973
4.9705309
16.55389
11.7612
0.40693
0.047295
2.03067
68.4784
2.665117
0.465
3.13017
139.20818
5.17106796
3523.74
1798.8
1.92608
171.3875
0.491215
0.7560094
0.45959576
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Appendix CM| Crane Designs
I. Introduction
Before we arrived at the Crane Rover design that involved a hooping crane and the
ATHLETE rover chassis, we considered a number of other options. The first design involved a
square flatbed rover with 6 wheels and the second design involved a folding gantry type crane.
These designs were considered unfeasible for a number reasons that will be explained in their
respective sections. In addition, this appendix shows the structural analysis performed on the
hooping crane.
II. Square Flatbed Crane
The square flatbed crane was our initial design for the crane requirement due to its similarity
to traditional crane and flatbed vehicles that are in use on earth. Though this design was
ultimately not chosen, it bears many similarities with the current ATHLETE crane design and
could be considered its precursor. Within this design, a number of aspects were also iterated
such as the crane and chassis systems which will be covered in their own sections.
A. Crane System

The initial design for the crane was based on existing tower cranes. The idea was that it would
directly winch up the XM-3 then swivel around to place it on the flatbed. Limitations of this
idea concept was the need for a rather significant counterweight to prevent the Crane rover from
tipping over due to the initially proposed XM-3 mass of around 60 Mg.

Though no thorough structural analysis was performed, the mass required to counteract 60
Mg was estimated to be around 6 times the mass of the Crane rover. This mass would either
need to be brought with the vehicle on a cargo mission or obtained on the surface of mars. If the
vehicle were to obtain the mass on mars, regolith was the obvious choice for a counterweight.
The easiest way to do this given the tower crane design would be to attach a scoop to the
opposite end of the crane to scoop up sufficient regolith to act as a counterweight. However,
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scooping up a sufficient counterweight leads to the problem of needing a counterweight for the
counterweight.

The solution that was proposed for this was a design similar to the existing hooping crane.
This new design (which will be referred to as the hooping crane for simplicity and similarity) no
longer swiveled and could directly load or offload the XM-3. The counterweight would still be
required but could be accounted for with a bulldozer scoop placed at the front of the rover.
Figure CM.1 shows this concept.

Figure CM.1: Initial Concept Sketch of the Flatbed Crane Rover showing an early stage
hooping crane and a bulldozer counterweight.

This design solves the primary issues with the crane system such as the need of a
counterweight as well as providing a simple method of moving regolith. Though the
counterweight was ultimately deemed unnecessary, the hooping crane concept can be seen in
the current design.
III. Chassis System
The initial design for the Crane rover was to have a flat square bed that would serve as a
place to hold both the XM-3 as well as other large payloads that may require moving. The first
design for this was simply to use a square flatbed with six omni-directional wheels. This design
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was held constant for the majority of the Crane rover’s design period until the ATHLETE rover
chassis was adapted for use with the Crane. The reason we switched designs was because the
flatbed crane we came up with made a suspension system very difficult to implement. In
addition, if the Crane rover were to ascend an incline of 30 degrees, the XM-3 would be able to
slide off the now 30 degree incline of the flatbed. These considerations forced us to look at
alternatives such as the ATHLETE chassis. This new design allowed the vehicle to ascend an
incline without the flatbed section losing perpendicularity to gravity. Additionally, it is able to
traverse rough terrain with ease compared to the need of a suspension system. The switch to the
ATHLETE chassis resulted in a far more stable and maneuverable vehicle that better met the
design specifications.
IV. Overhead Gantry Crane
A design we considered that did not branch from our flatbed crane iteration process was what
we call the Overhead Gantry Crane. The basis for this design was to minimize lateral movement
required in lifting the XM-3 and use only a vertical lift. Our first iteration of the design can be
seen in figure CM.2.

Figure CM.2: CAD model showing the concept design for the Overhead Gantry Crane.
The left image shows it deployed for use and the right image shows it folded for transport
in a CarLa.
This crane design would have greatly reduced power requirements for lifting and would also
negate the need for a counterweight. However, a basic inspection of the structure revealed that it
would be very heavy and extremely top heavy when not carrying an XM-3. In addition, the
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vehicle would not have a flatbed thus making the XM-3 dangle on the cable which could be
problematic during travel on the Martian surface.
V. Hoop Stress Analysis and Sizing
In order to minimize the mass of the crane, we must reduce the mass of the lifting hoops. To
find this the smallest mass, we made FEA models for several hoops with different cross
sectional areas, an example of which can be seen in Figure CM.3.

Figure CM.3: The highest stress on the hoop occurs where it is attached to the base of the crane.

The hoops are 14m tall in order to be able to lift an XM3. Because of their scale, if the hoops
are made of solid material, they will have more mass than the rest of the crane. To reduce this
mass, the hoop is hollowed out and the shell is given a five centimeter thickness. These hoops
are then loaded with a force that represents the weight of an XM3 and the maximum stress that
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they are subjected to is recorded. A comparison of the stresses for each different hoop versus its
cross sectional area can be seen in Figure CM.4.
Stress vs Cross Sectional Area for Hoop Crane
3000
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Figure CM.4: The 20x30 cm hoop is the only one that is subjected to stress below AL7075-T6’s yield
strength.

The chosen 20x30 cm hoop has a mass of 1.456 Mg, and as there are two hoops per crane, the
total mass is 2.912 Mg.
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Appendix CN| Rover Structural Analysis
I. Chassis Design
A. Chassis Frame

For the separate lander capsule and chassis design, our goal is to minimize the weight of the
chassis while maintaining the necessary strength needed to support the rover module. We went
through this design process by creating a finite element analysis (FEA) model for several
simple chassis, an example of which can be seen below in Figure CN.1

Figure CN.1: The lighter colors on the model represent higher stresses.

In the model, the highest stresses that the chassis is subjected to occur at the points where
the chassis connects to its wheel supports as well as in the center of the crossbars. Several
different models are made with different materials and varying amounts of crossbars for
structural support. These analyses found that there needs to be at least two crossbars for the
chassis to maintain structural integrity under the weight of the rover module. The maximum
stress that each model is subjected to compared against the yield stresses of aluminum and
titanium, as well as the mass of each model, can be seen in Figure CN.2
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Yield Analysis for Various Chassis
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Figure CN.2: The stresses on each model are compared to the yield stresses of different materials

As can be seen, the highest stress that each chassis experiences doesn’t even reach the yield
strength for aluminum, the weaker of the two materials. Therefore, the material for the chassis
is chosen to be aluminum so that the mass of the chassis is reduced. Even though the design with
two crossbars is lighter than the three crossbar design by about twenty kilograms, the three
crossbar chassis is chosen because the highest stress it is subjected to is almost half as much as
the two crossbar design. This leads to a higher safety factor for the whole rover system.

The base design for the chassis was changed from a square to a circle during the design
process, so the analysis was redone for this new shape. Again, the three crossbar design is well
underneath the yield stress for aluminum, so it is used for the circular design.
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B. Wheel Supports

Once the frame for the chassis is finalized, the supports that connect the frame and the wheels
have to be designed in order for them to resist buckling. The critical force that would cause
buckling is computed by equation CN.1.
𝜋 2 𝐸𝐼𝑆𝑢𝑝𝑝𝑜𝑟𝑡
𝐹=
(𝐾𝐿)2

CN.1

F is the critical load, E is the modulus of elasticity, I is the area moment of inertia, K is the
column effective length factor, and L is the length of the column.

The length of the supports is set at half a meter to give the rover sufficient clearance from the
ground to move over relatively large objects. The column factor is assumed to be 2, as that is the
worst case scenario, with one end free and the other fixed. The force that the rover exerts on an
individual support is assumed to be double the weight of the entire rover to give a higher safety
factor. The results for finding the critical load for varying thicknesses of supports can be seen in
Figure CN.3.
Force on Supports vs Critical Load
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Rover Force
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0.01
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Figure CN.3: The minimum radius of the wheel supports is 2cm.
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C. Motors

The rover has a specific set of movement requirements that were given to us in the mission
statement, and our power team has calculated the power that is needed for the rover to meet these
requirements, 107.6 kW. The rover needs six individual motors so that each wheel has its own
motor and is individually controllable. This means that each motor must be able to produce 17.93
kW of power. Using a power to weight ratio of 1.37 from a Toyota Brushless AC motor, which
produces similar power to what we need, the mass of the individual motors and the total mass is
calculated and can be seen in Table CN.1.[1]

Table CN.1: The motor mass is calculated by using a simple power to weight ratio.
Power

Motor Power

Required

(kW)

(kW)
107.6

Individual Motor

Total Motor

Weight (kg)

Weight(kg)

13.09

78.54

17.93

II. Final Chassis
By combining all of the designed parts, we can see the chassis’ final mass as broken down in
table CN.2.

Table CN.2: The total mass of the chassis is a little over half a ton.
Frame (Mg)

Supports & Wheels (Mg)

Motors (Mg)

Total (Mg)

0.261

0.207

0.079

0.547

The final design of the chassis is seen in Figure CN.4.
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Figure CN.4: The chassis is ready for the lander to be attached.
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Appendix CO| Human Lander Structural Specifications
A. Lander Wall
As previously stated, the Lander wall was subjected to two primary forces: the entry forces
and the pressure vessel forces. In the figure shown below, the internal pressure of the Lander,
living module, and propulsion housing are plotted to find the ideal thickness for each section.

Figure CO.1: As seen from the plot, the minimum thickness of the wall needed for the
Lander is about 3.25 mm. This proves that hoop stress not longitudinal stress will not be
the critical failure stress.

The equations used to calculate longitude and hoop stress, which was how the above thickness
was found, is shown below [6]:
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𝜎𝜃 =

𝑃𝐻𝑢𝐿𝑎 𝑟𝐻𝑢𝐿𝑎
(ℎ𝑜𝑜𝑝 𝑠𝑡𝑟𝑒𝑠𝑠 𝑓𝑜𝑟 𝑐𝑦𝑙𝑖𝑛𝑑𝑒𝑟)
𝑡𝐻𝑢𝐿𝑎

(CO.1)

𝜎𝑙 =

𝑃𝐻𝑢𝐿𝑎 𝑟𝐻𝑢𝐿𝑎
(𝐿𝑜𝑛𝑔. 𝑠𝑡𝑟𝑒𝑠𝑠 𝑓𝑜𝑟 𝑐𝑦𝑙𝑖𝑛𝑑𝑒𝑟)
2𝑡𝐻𝑢𝐿𝑎

(CO.2)

Where:
𝜎𝜃 : Hoop stress (Pa)
𝜎𝑙 : Longitudinal stress (Pa)
PHuLa: Pressure (Pa)
RHuLa: radius of base of HuLa (m)
tHuLa: Thickness of wall of HuLa (m)

With an ideal thickness calculated, our team ran a structural analysis of the internal pressure
forces. This was done to determine the disparities between the equations, which assumed the
pressure vessel was a cylinder, and the Human Lander, which is designed like a cone. The
qualitative results are shown in Figure CO.1 and Figure CO.2 and the quantitative results are
displayed in Table CO.1.

Figure CO.2: Results of pressure forces on the wall of the Lander are shown below. This is
performed with a Lander wall thickness of 3.4 mm.
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Table CO.1: Quantitative results of pressure forces are shown below.
Lander
Component

Wall
Thickness
[cm]

Desired yield
strength [MPa]

Longitudinal
Stress [MPa]

Hoop
Stress
[MPa]

Yield
Strength
[MPa]

Rover

0.34

<503MPa

248

496

496

The next possible failure method includes the buckling of the Lander wall due to the entry forces
when the Human Lander enters Martian Atmosphere. The buckling analysis was tested under the
Von Mises criterion. The Von Mises equation [7] is shown below in equation CO.3 and the
buckling stress is shown below in equation CO.4.
𝜎𝑐𝑟𝑖𝑡𝑖𝑐𝑎𝑙 ,𝐻𝑢𝑙𝑎 =

(CO.3)
2

2

2

2
√0.5 [(𝜎𝑥,𝐻𝑢𝐿𝑎 − 𝜎𝑧,𝐻𝑢𝐿𝑎 ) + (𝜎𝑦,𝐻𝑢𝐿𝑎 − 𝜎𝑧,𝐻𝑢𝐿𝑎 ) + (𝜎𝑥,𝐻𝑢𝐿𝑎 − 𝜎𝑦,𝐻𝑢𝐿𝑎 ) ] + 6(𝜏𝑥𝑦,𝐻𝑢𝐿𝑎 2 + 𝜏𝑥𝑧,𝐻𝑢𝐿𝑎
+ 𝜏𝑦𝑥,𝐻𝑢𝐿𝑎 2 )

Where:
𝜎𝑐𝑟𝑖𝑡𝑖𝑐𝑎𝑙 ,𝐻𝑢𝑙𝑎 : Critical stress on HuLa (Pa)
𝜎𝑥,𝐻𝑢𝐿𝑎 : x-direction stress on HuLa (Pa)
𝜎𝑦,𝐻𝑢𝐿𝑎 : y-direction stress on HuLa (Pa)
𝜎𝑧,𝐻𝑢𝐿𝑎 : z-direction stress on HuLa (Pa)

𝐹𝑐𝑟𝑖𝑡𝑖𝑐𝑎𝑙,𝐻𝑢𝐿𝑎

𝑘𝜋 2 𝐸𝐼𝐻𝑢𝐿𝑎
=
𝐿𝐻𝑢𝐿𝑎

(CO.4)

Where:
Fcritical, HuLa: Critical buckling force (N)
k: constant based on end conditions
E7075: Modulus of elasticity of Al7075-T6 (Pa)
LHuLa: Length of Hula (m)
IHuLa: Moment of Inertia of Hula (m4)
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In order to determine the critical force that could be applied to the Lander, the moment of
inertia was calculated for. The moment of inertia equation is provided below in Equation CO.5.
3
𝑏𝐻𝑢𝐿𝑎 𝑡ℎ𝑢𝑙𝑎
𝐼𝐻𝑢𝐿𝑎 =
12

(CO.5)

Where:
bHuLa: Base width of wall of HuLa

Through equations CO.4 and CO.5, the thickness of the walls of the Lander were found to be
2.87 cm. With this given thickness, the buckling stress of the Lander was analyzed of the Lander.
Figure CO.2 has the qualitative analysis of the buckling stress on the Lander whereas Table

Table CO.2: The maximum buckling stress that the Lander is subjected to is less than
yield stress of Al7075-T6.
CO.3 has the quantitative analysis of the Lander.

Vehicle

Buckling Stress
[MPa]

Ideal Thickness
[cm]

Human Lander

444.5

2.87 cm

Figure CO.3: As seen from the buckling stress analysis, the maximum buckling stress
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Appendix CP| Micrometeoroid Shielding

When designing a micrometeoroid shield, the velocity of the projectile impacting the Lander
greatly affects the needed thickness of the bumpers, rear walls, and thicknesses. Assuming the
worst case scenario, our team designed a shield so that the impact angle of the projectile is zero
degrees and the projectile is the largest possible object. Three equations[8], represented by
Equations CP.1, CP.2, and CP.3, calculate the critical particles diameter for particles traveling
faster than 7km/s, particles traveling between 3 and 7 km/s and particles traveling slower than 3
km/s, respectively. These equations are shown below:
Vn ≥ 7km/s
2

−

1

−

1

−

2 1

3
𝑑𝑐 = 3.918𝑡𝑤
𝜌𝑝 3 𝜌𝑏 9 (𝑉𝑝𝑟𝑜𝑗 𝑐𝑜𝑠𝜃𝑖𝑚𝑝𝑎𝑐𝑡 ) 3 𝑆 3 (𝜎𝑟𝑤 ⁄70)1/3

CP.1

7 km/s ≥ Vn ≥ 3 km/s
18
𝜎𝑟𝑤 0.5
𝑉𝑛
) + 𝑡𝑏 )/(1.248𝜌𝑝0.5 cos(𝜃𝑖𝑚𝑝𝑎𝑐𝑡 ))](19) ∗ [1.75 − ( )]
40
4

𝑑𝑐 = [(𝑡𝑤 (

+

2
1
1
− −
3
3
[1.071𝑡𝑤 𝜌𝑝 𝜌𝑏 9

1

1

𝑆 3 (𝜎 ⁄70)3 ] ∗ (

C.2

𝑉𝑛
− 0.75)
4

Vn ≤ 3 km/s
𝑑𝑐 = [

𝜎𝑟𝑤 0.5
𝑡𝑤 ( 40
) + 𝑡𝑏

18/19
5
2 ]
0.6(𝑐𝑜𝑠 3 𝜃𝑖𝑚𝑝𝑎𝑐𝑡 𝜌𝑝.5 𝑉 3 )

C.3

Where:
tw: thickness of the rear wall (cm)
ρp: Projectile density (g/cm3)
ρb: Bumper density (g/cm3)
Vproj: Projectile velocity (km/s)
θimpact: impact angle from target normal (deg)
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σrw: rear wall yield stress (ksi)
S: Standoff distance from back of bumper to front of rear wall (cm)

Using these equations, we tested three types of protection systems for MMOD objects. The
results are shown in Figure CP.1.

Figure CP.1 demonstrates that the multi-shock shield filled with Kevlar and Nextel
provide the best protection to the Human Lander.
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Using the Kevlar and Nextel multi-shock shield and a dimensioned Lander, the mass and
volume quantities for the MMOD shield is shown in Table CP.1
Table CP.1: MMOD shielding specifications.
Layer

Material

Thickness
[cm][9]

Volume [m ]

Mass[mg]

1st Bumper

Al 6065-T6

0.2

0.323

0.874

Intermediate
bumpers

Nextel
610/Kevlar

0.200

0.323

0.854

Wall

AL 2219-T87

0.320

0.5173

1.469

Spacing

N/A

6.880

23.09

0

TOTAL

N/A

7.600

24.25

3.197

3

TM
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Appendix CQ| Landing Gear

The critical load that the landing gear could be subjected to was determined using the Von
Mises criterion for load, which was described above in equation CQ.1. Below is the plot to find
the critical loads of the main strut, top strut, and secondary strut.

Figure CQ.1: The main strut requires a smaller radius than the rest from the critical
load that the struts will be subjected to.

After determining the radii of the struts, a structural analysis of the struts was performed.
The qualitative results are shown in Figure CQ.2 and the quantitative results are shown in Table
CQ.1.

Zach Jochum | 1055

Appendix CQ

Project Aldrin-Purdue

Figure CQ.2: The maximum amount of stress occurs at the top struts where they
connect to the Lander.

Table CQ.1 Strut Specifications

Lander
Component

Desired
yield
strength
[MPa]

Critical
Load
[MN]

Ideal
Radius
[met]

Main Strut

<503MPa

423

0.392

488

3

0.191

Top Struts

<503MPa

423

0.268

473

24

0.324

Secondary
Struts

<503MPa

423

0.235

489

12

0.244

Yield
Number of
Strength
components
[MPa]

Mass [Mg]

TOTAL MASS: 0.759 Mg
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