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Flight Test M easurement
Techniquesfor Laminar Flow

(RTO AG-300 Vol. 23/ SCI-040)

Executive Summary

The advantages of laminar flow technology have been well known for decades. Experiments in Germany,
the United Kingdom, and the United States date back to the 1930’s. One application of some of the early
research was the use of alaminar flow airfoil on the P-51 fighter aircraft.

Laminar flow can be abtained on an aircraft by shaping the airfoil and creating a favorable pressure
gradient resulting in “Natural Laminar Flow,” (NLF). Another method, “laminar flow control,” (LFC) isto
apply active suction through a porous surface, removing the local turbulence disturbances. A third method
is to combine the two, using LFC near the leading edge and NLF on the aft portion of the airfoil. Thisis
referred to as “Hybrid Laminar Flow Control.”

Laminar flow technology is one that requires flight testing to obtain the proper noise environment,
Reynolds number, scale, and environmental conditions. One of the most extensive laminar flow flight tests
was performed on the X-21A in the 1960's by Northrop and the U.S. Air Force. Those tests used LFC in
which small portions of the boundary layer near the surface were removed with suction through narrow
dlots in the skin. That technology was not adopted by the transport aircraft manufacturers because of the
added weight and complexity of manufacturing and operating the systems, the low cost and availability of
fuel at the time, and the lack of agood solution for the insect contamination problem.

However, the capability of manufacturing close tolerances today with computer-controlled milling
machines, materials such as perforated titanium, and insect contamination alleviation techniques makes a
laminar flow on atransport aircraft a closer reality.

This AGARDograph addresses proven flight test techniques that have been tested and applied over the last
several decades. It illustrates the problems required to overcome, suggests equipment and instrumentation
that might be used, and discusses environmental effects and flight test procedures. It provides options for
obtaining good results using different flight test techniques, from very simple to more complex.
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L estechniques de mesure en vol
des écoulements laminaires

(RTO AG-300 Vol. 23/ SCI-040)

Synthese

Les avantages des technologies de I'écoulement laminaire sont connus depuis des décennies.
Les expériences réalisées en Allemagne, au Royaume-Uni et aux Etats-Unis datent des années 1930.
L’une des applications de ces premiers travaux de recherche a été I’adoption d'un profil de voilure a
écoulement laminaire sur |’ avion de combat P-51.

En aéronautique, I’ écoulement laminaire peut étre obtenu en fagconnant le profil de telle maniere a créer un
gradient de pression qui produit un « écoulement laminaire naturel » (NLF). Une autre méthode, appelée
« contrdle de I’ écoulement laminaire » (LFC) consiste a créer une dépression active a travers une surface
poreuse, éliminant ainsi les perturbations locales occasionnées par les tourbillons. Une troisiéme méthode
représente une combinaison des deux premieres, et applique le LFC a une zone proche du bord d’ attaque
et le NLF a la partie arriére du profil de voilure. Cette méthode s appelle « contréle hybride de
I’ écoulement laminaire ».

La mise au point des technologies de I’ écoulement laminaire nécessite la réalisation d’essais en vol afin
d obtenir les conditions de milieu sonore, de nombre Reynolds, d’ échelle et d’ environnement appropriées.
L’ un des essais en vol de |’ écoulement laminaire le plus colteux a été réalisé sur le X-21A dans les années
soixante par Northrop et I'US Air Force. Ces essais ont fait appel au LFC. En I’ occurrence, des petits
morceaux de la couche limite proche de la surface ont été enlevés par la technique de dépression active
a travers des fentes étroites pratiquées dans le revétement. Cette technique n'était pas adoptée par les
constructeurs d’ avions de transport en raison du poids supplémentaire et de la complexité de la fabrication
et de I'exploitation des systémes, ainsi que du colt modéré du carburant et de sa grande disponibilité
al’époque, et du probléme de contamination par les insectes.

Cependant, aujourd’ hui, avec les tolérances serrées autorisées par les fraiseuses numeériques, les matériaux
tels que le titane perforé, et les techniques d atténuation de la contamination causée par les insectes,
I’ application du concept d’ écoulement laminaire aux avions de transport parait de plus en plus faisable.

Cette AGARDographie examine des techniques d' essais en vol éprouvées, qui ont été essayées et mises en
cauvre au cours des dernieres décennies. Elle fait ressortir les problémes qui sont a résoudre, propose
différents équipements et de I’ instrumentation susceptibles d’ étre mis en cauvre, et examine les effets sur
I"environnement, ainsi que les procédures d'essais en vol. Elle présente différentes options de techniques
d sen vol, permettant d' obtenir de bons résultats, allant du trés simple au plus complexe.
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Lift coefficient increment

Differential pressure

Temperature error

Directional radiation

Flap angle

Circumferential angle

Momentum thickness

Heat conductivity of the fluid

Density

Normalized mass flow fluctuations
Sealevel density ratio of the air, root-mean-square (RMS) gust velocity
Wall shear stress at the disturbance location

Wall shear stress

Mean shear stress

Fluctuating value of shear stress

Kinematic viscosity

Wing leading edge sweep angle, circumferential angle
Resistance, Ohms

Indicated airspeed
Free-stream conditions
Density
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AGARDograph Series 160 and 300

The Systems Concepts and Integration (SCI) Panel has a mission to distribute knowledge concerning
advanced systems, concepts, integration, engineering techniques, and technologies across the spectrum of
platforms and operating environments to assure cost-effective mission area capabilities. Integrated defence
systems, including air, land, sea, and space systems (manned and unmanned) and associated weapon and
countermeasure integration are covered. Panel activities focus on NATO and national mid- to long-term
system level operational needs. The scope of the Panel covers a multidisciplinary range of theoretical
concepts, design, development, and eval uation methods applied to integrated defence systems.

One of the technical teams formed under the SCI Panel is dedicated to Flight Test Technology. Its mission
is to disseminate information through publication of monographs on flight test technology derived from
best practices which support the development of concepts and systems critical to maintaining NATO's
technological and operational superiority. It also serves as the focal point for flight test subjects and issues
within the SCI Panel and ensures continued vitality of the network of flight test experts within NATO.

These tasks were recognized and addressed by the former AGARD organization of NATO in the form of
two AGARDograph series. The team continues this important activity by adding to the series described
below.

In 1968, as a result of developments in the field of flight test instrumentation, it was decided that
monographs should be published to document best practices in the NATO community. The monographsin
this series are being published as individually numbered volumes of the AGARDograph 160 Flight Test
Instrumentation Series.

In 1981, it was further decided that specialist monographs should be published covering aspects of
Volume 1 and 2 of the origina Flight Test Manual, including the flight testing of aircraft systems.
The monographs in this series (with the exception of AG 237, which was separately numbered) are being
published as individually numbered volumes of the AGARDograph 300 Flight Test Techniques Series.

At the end of each AGARDograph 160 Flight Test Instrumentation Series and AGARDograph 300 Flight
Test Techniques Series volume is an annex listing all of the monographs published in both series.
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1.0 Introduction

One of the technologies that has the potential for providing the greatest increase in aircraft efficiency is
the reduction of the viscous drag of the wing and empennage. Maintaining laminar flow on 50 percent of the
chord length results in one-half the amount of viscous drag compared to fully turbulent flow. For transport
aircraft carrying up to 100 passengers this probably can be obtained using natural laminar flow. For larger
aircraft active methods are necessary, such as local or full chord boundary layer suction.

Flight tests to explore the advantages of laminar flow date back to the 1930s with experiments in
Germany [1], the United Kingdom [2], and the United States [3]. Table 1 lists publications describing many of
the laminar flow flight tests to date [1-71].

The advantages of laminar flow technology are well-known and have been used extensively for more than
40 years in the design of high-performance sailplanes and much less frequently for light aircraft. The
corresponding large number of experiences with sailplanes cover Reynolds numbers between 0.5 and 3
million and those with light aircraft up to nearly 8 million, both for unswept wings.

During World War II, the U. S. National Advisory Committee for Aeronautics (NACA) designed and
tested low-drag laminar airfoils for the military. “In application, the laminar flow airfoil was used in the
design of the wings for the North American P-51 Mustang, as well as some other aircraft. Operationally, the
wing did not enhance performance as dramatically as tunnel tests suggested. For the best performance,
manufacturing tolerances had to be perfect and maintenance of wing surfaces needed to be thorough. The rush
of mass production during the war and the tasks of meticulous maintenance in combat zones never met the
standards of NACA laboratories. Still, the work on the laminar flow wing pointed the way to a new family of
successful high-speed airfoils,” Billstein. [72].

In the 1950s, Werner Pfenninger led successful flight tests using suction through thin slots in the wing to
control the boundary layer. This method, referred to as laminar flow control (LFC), was first used in flight on
the F-94 airplane and later on the swept-wing X-21A airplane. As a flight experiment, the X-21A aircraft was
very successful, obtaining laminar flow at Reynolds numbers of up to 46 million. However, the technology to
reliably manufacture wings to the close tolerances required was not available. In addition, the insect
contamination problem at the leading edge had not been solved. Laminar flow control was considered in the
design for the Lockheed C-5A airplane, Chuprun and Cahill, [73], but the lack of a requirement for a
long-range aircraft and the low cost of fuel at the time offset the added weight, maintenance, and complexity
of a laminar flow aircraft, Braslow [74].

After the energy crisis of the 1970s, the interest in laminar flow was revived and flight-testing resumed.
The manufacturing problems regarding steps and gaps at joints and surface waves that plagued the X-21 have
been solved with modern aircraft manufacturing techniques. The development and use of perforated titanium
skins has been a huge improvement over the X-21-type slotted surfaces. The use of hybrid laminar flow
control, where suction is used near the leading edge and natural laminar flow is used to midchord of the
airfoil, may be used and exploited in a future transport. A leading-edge Krueger flap device has been shown to
be effective in protecting the leading edge from insect contamination. Anti-ice devices have also been
developed for a laminar flow aircraft. Still, there is a large risk for an aircraft manufacturer to undertake a new
aircraft with LFC or hybrid LFC, trading off the additional costs of manufacturing complexity, LFC systems,
and aircraft maintenance, with the cost of savings in fuel.

The exploitation of laminar flow technology on transport aircraft will require a large investment. It will
require new designs, ground tests, and many flight tests to maximize the benefits of laminar flow. The content
of this AGARDograph may help to select the best equipment and techniques to measure the benefits of
laminar flow.



Table 1.0 Laminar Flow Control Flight Tests

Publication Country Experlment/ Experimenters/ Techniques Reference Comments
Dates aircraft Authors
Klemm L26 . Traversing probe through
1934 Germany Va Stiiper B.L., raised pitot 1 NLF
Farnborough/
Cambridge
1938 UK. flight tests, B. Melvill Jones B.L. rake, 2 NLF
. surface pitot
Aircraft not
identified.
NACA, Surface pitot, traversin,
1939 Us. Northrop 1. Bicknell Wfke o & 3 NLF
A-17A P
NACA, B-18 J.W. Wetmore,
1941 US. laminar flow J.A. Zalovcik, B.L. E‘;‘:egak.fortakes’ 4 NLF
airfoil R.C. Platt Pt
1945 U.S. P-47D J. A. Zalovcik B.L. and wake rake 5 NLF
ARG, DF..I Slflr?tﬁ;n
1950-52 U.K. Kingcobra, - iston, Wake rake 6,7 NLF
Hurri R. H. Plascott,
urricane A. R. Bramwell
W. Pfenninger, B.L. rake, surface total
E.E. Groth, pressure probe
1957 Us. F-94 B.H. Carmichael, microphones, china clay, 8 LFC
R. C. Whites fluorene
J.G. McTigue, . L
R.D. Banner, Chemical sublimation, Supersonic
1958-1959 U.S. F-104 heated temperature 9,10
J.D.Overton, resistance gages NLF
G. Petty, Jr. £35
W. Pfenninger,
R.W. Sudderth,
Northrop W.G. Wheldon, B.L. and wake rakes,
1964-1966 U:S. X-21A R.C. Whites, raised pitots, microphones H-14 LFC
R.E. Carmichael,
D.E. Pelke, E. Groth
Lancaster R.R. Landeryou, Hot films, B.L. rakes,
1966 UK . ’ P.G. Porter, surface probes, B.L. 15 LFC
Lincoln .
M. Gaster traversing probe
1978 Us. JetStar D.F. Fisher, Raised pitot 16 NLF
J.B. Peterson
L.J. Runyan,
L.L. Steers,
1979-1985 Us. F-111 L.C. Montoya, Oil flows 17-20 NLF
B. Tryjillo,
R.R. Meyer,

L.A. Jennett




Table 1.0 Laminar Flow Control Flight Tests (cont.)

Publication Country Experlment/ Experiments/ Techniques Reference Comments
Dates aircraft Authors
Rutan
VariEze,
Rutan
Long-EZ,
Rutan Laser,
Biplane
Racer, Gates
Learjet Model Chemical sublimation,
28/29 B.J. Holmes, surface total pressure
1984 U:S. Longhorn, C.J. Obara, L.P. Yip tubes connected to 21 NLE
Cessna P-210 observer earplug
Centurian,
Beech 24R
Sierra,
Bellanca
Skyrocet II,
Beech T-34C
gloves
Cessna R.A. Rozendaal, . .
1984-1986 |  US. Citation IIL, W-H. Wentz, Hot Films, Chemical 22-24 NLF
Model 650 A. Ahmed., sublimation
R. Nyenhuis
D.F. Fisher,
M.C. Fischer,
A.G. Powell,
R.E. Davis, Raised pitot, Knollenberg
1987 UsS. JetStar D.V. Maddalon, probe, charging patch 25-29 LFC
R.D. Wagner,
L.A. Jennett,
A.L. Braslow
SB13 Oil flow, surface static
sailplane wing pressure
Do 228 TNT . Surface static
propeller, H. Korner, pressure
1987 German K.H. Horstmann, 30, NLE
y BO105 H. Késter, A. Quast, Acenaphthene 31
helicopter G. Redeker
rotor blades,
LFU205 wing IR imaging, surface static
glove pressure
L.J. Runyan,
G.W. Bielak,
1980s U.S. B-757 R.A. Behbehani, Microphones, Hot films 32 NLF
A.W. Chen,
R. A. Rozendaal
R.R. Meyer,
B. Trujillo
D?’:Jld];rasr(t)lne’tt Hot films, boundary-layer
1987-1990 U.S. F-14 L rakes, surface pitot tubes, 33-38 NLF
HR. Chiles, liquid crystals
ES. Collier, Jr.,
V.V. Tat,
R.D. Wagner




Table 1.0 Laminar Flow Control Flight Tests (cont.)

Publication Country Experlment/ Experiments/ Techniques Reference Comments
Dates aircraft Authors
K. H. Horstmann,
G. Redeker,
A. Quast,
VFW614/ U. Dressler, IR imaging, surface static 40,
1987-1991 Germany ATTAS wing H. Bieler, H. Koster, pressure, hot films, 41, NLF
glove P. Thiede, roughness elements 43
J. Szodruch,
H. P. Kreplin,
G. Hoehler
K. H. Horstmann,
A. Quast,
G. Redeker,
U. Dressler,
. H. Bieler, H. Koster, IR imaging, surface static
1988-1992 Germany LFU205 wing P. Thiede, pressure, hot film, hot 39-46 NLF
glove .
J. Szodruch, wires
H. Korner,
H. P. Kreplin,
G. Hoehler,
S. Miley
K.H. Hortsmann,
R. Miiller,
C.H. Rohardt,
Do 228 wing A %;l.a\it/,oll_lll.raEtTlhﬂe’ IR imaging, wake rakes,
1992-1996 Germany . ’ surface static pressure, 47-49 NLF
glove P. Dick, D. Welte, hot film
H.W. Stock,
B. Moeken,
H. Korner,
B. Wagner
Dassault
Falcon 50, IR imaging, hot films,
NI.‘F stub C. Bulgubure, wake rake, surface static NLE
1992 France wing on pressure, 50
D. Arnal ) ] HLF
truncated fin, IR imaging, hot films,
HLF wing video cameras
glove
.. G. Sacco, Sublimating chemicals,
1996 Ttaly Piaggio P180 LLA.M.R. Piaggo boundary layer tripping 31 NLF
IR imaging, hot films,
1996 Cii?;ﬁfggy i,oiil;;](l)gg N. Voogt surface static pressure, 52 NLF
wake rakes
A. Bolsunowsky,
N. Buzoverya,
Tupolev A. Kotscheev,. .
1996 Russia Tu-22M wing G. Cheryenpkkm, Hot films, surface static 53 NLE
alove A. Shapiro, pressure
Yu. Zavershneyv,
M. Tabulov,

V. Turitschev




Table 1.0 Laminar Flow Control Flight Tests (cont.)

Publication
Dates

Country

Experiment/
aircraft

Experiments/
Authors

Techniques

Reference

Comments

1992-2000

European
Community

Airbus A320
fin

J.J. Thibert,
A. Quast,
J.P. Robert,
W. Kiihn,
T. Strahmann,
G. Hohler,
J.C. Ghnassia,
T. Kuon,
V. Rouquiere,
R. Henke,
C. Capbern,
A.T. Davies,
R. Hinsinger,
T.L. Santana,
G. H. Schrauf

IR imaging, hot films,
surface static pressure,
wake rakes, boundary
layer rakes, trailing cone,
pressure belts

54-58

HLF

1999

Germany

Grob 109B

S. Becker, E. Durst,
H. Lienhart,

B. Ewald,
E. Krause,
W. Nietsche

Laser Doppler
anemometer,

hot-film, piezo array,
computational Preston
tube

59

60

NLF

NLF

1990s

U.S.

F-16XL

B. Trujillo
Anderson,
M. Bohn-Mayer,
L.A. Marshall

Hot films

61,
62

Supersonic
LFC

1990s

U.s.

Pegasus®
Wing Glove

A. Bertelrud,
G. de la Tova,
P.J. Hamory,
R. Young,
G.K. Noffz,
M. Dodson,
S.S. Graves,
J.K. Diamond,
J.E. Bartlett,
R. Noack,
D. Knoblock

Hot films

63

Hypersonic
NLF

Nacelles

1986-87

U.S.

OV-1B
w/NLF
nacelle

C.J. Obara,
E.C. Hastings, Jr.,
J.A. Schoenster,
T.L. Parrot,
B.J. Holmes,
G.K. Faust,

P. Mungur,
S.S. Dodbele,
M.G. Jones

Sublimating chemicals,
liquid crystals, surface,
static pressure,
microphones

64,
65

NLF

1992
1996
1996

Germany
UK.

VFW614/
ATTAS
nacelle

P.P. Shipley,
N.T. Birch,
H. Riedel,
K.H. Horstmann,
P. Liicking,
M. Sitzmann

IR imaging, surface static
pressure, surface
temperature, hot films,
liquid crystals,
accelerometers, probe
microphones, Kulite
transducer, boundary layer
rakes, base pressure

66,
67

NLF




Table 1.0 Laminar Flow Control Flight Tests (concl.)

Publication Country Experlment/ Experiments/ Techniques Reference Comments
Dates aircraft Authors
DATUM
(conventional)
IR imaging, surface static
B.Bamy 3 Parke, | B O
1994 German VFW614/ N.W. Bown, S
1996 Y ATTAS H. Riedel, e erystars, 68-70
UK. . accelerometers, probe
1999 nacelle M. Sitzmann, . .
microphones, Kulite
A.J. Mullender
transducer, boundary layer
rakes, base pressure HLF
(gloves)
1996 U.s. Airbus A300 F.W. Tegarden IR imaging, surface static 71 HLF
pressure, hot films (gloves)




2.0 Boundary Layer Transition and Laminar Flow Concepts

2.1 Transition mechanisms and transition prediction

Modern transonic transport aircraft are characterized by a swept wing resulting in high cruise speed and
high efficiency. Because of the wing sweep angle, the boundary layer is highly three-dimensional and several
instability mechanisms of the laminar boundary layer can cause transition. Figure 2.1-1 gives an overview of
the flow in the boundary layer of a swept wing. The incoming flow can be split into spanwise and chordwise
components. The spanwise component induces a finite velocity at the attachment line along the leading edge.
The streamlines just outside of the boundary layer are highly curved in the planform plane at the leading edge
region as a result of pressure gradients transverse to the local flow direction. The boundary layer flow with
low velocities near the wing surface is much more affected by these pressure gradients, as indicated in
figure 2.1-1 by the full and the dotted lines. This behavior leads to skewed velocity profiles in the boundary
layer where the flow direction and the flow velocity are changing with the distance from the wall. Splitting up
these velocity profiles in the direction of the outer flow and perpendicular to it, a streamwise and a crossflow
velocity distribution can be obtained, as also shown in figure 2.1-1. The streamwise velocity profile is very
similar to that of a two-dimensional flow, whereas the crossflow profile shows a different shape. It is
characterized by a maximum near the surface, decreasing to zero at the surface and at the outer edge of the
boundary layer including a point of inflexion. These complicated flow patterns considerably influence the
transition of the laminar flow on swept wings. Essentially the following three transition mechanisms, or
combinations of them, can occur:

* Transition resulting from or caused by Tollmien-Schlichting instability (TSI)
* Transition resulting from or caused by crossflow instability (CFI)

¢ Attachment line transition (ALT)

In the case of Tollmien-Schlichting instability (TSI), unstable waves grow in the flow direction and lead
through a complicated process to transition and turbulent flow. The governing parameters are the pressure
gradient in flow direction and the Reynolds number, see Schlichting [75]. The stronger the pressure-drop in
the chord direction the higher the stability of the boundary layer and the farther the extension of the laminar
flow. With increasing Reynolds number the stability of the boundary layer is reduced, as is the extent of the
laminar flow.

For crossflow instability (CFI), the travelling waves across the main flow direction or stationary vortices
in the flow direction that occur are governed by the sweep angle, the pressure gradient in flow direction, and
the Reynolds number, see Cumpsty and Head [76]. Increasing the wing sweep angle induces larger crossflow
rates accompanied by stronger crossflow instability. The same mechanism appears with increasing
pressure-drop. High Reynolds numbers lead, like TSI, to increasing instability.

For attachment line transition (ALT) the spanwise flow along the attachment line can become unstable
and turbulent depending on leading-edge sweep angle, leading-edge radius (flow acceleration in the
attachment line region) and Reynolds number, see Poll [77]. Increasing leading-edge sweep angle, increasing
leading-edge radius, and increasing Reynolds number induce increasing instability. In the case of
leading-edge transition, the result will be a fully turbulent boundary layer covering the entire wing surface.

For transition prediction many different methods exist. For low Reynolds numbers and unswept wings
several empirical relations have been used successfully, e.g. Granville [78]. For high Reynolds numbers and
swept wings a more reliable procedure that can determine the transition location governed by TSI or CFI is
the application of laminar boundary layer linear local stability theory. Starting at the line of neutral stability,
the amplification rates of disturbances at given wavelengths and frequencies are calculated, integrated to
provide amplification ratios along the surface, and finally expressed by an amplification exponent N
(N-factor) of the envelope (consisting of all wavelength-frequency combinations along the surface). The



maximum limiting N-factor indicating transition must be determined empirically by stability analysis of a
measured pressure distribution and the subsequent evaluation of the N-factor at the measured transition
location. For validation it is necessary to compare theory and experiment for many different flow conditions.
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Figure 2.1-1. Flow pattern and boundary layer velocity distribution on an infinite swept wing.



In the last two decades stability methods have been developed that describe the transition phenomenon
more accurately than the local linear stability theory. The nonlocal linear stability theory takes into account
curvature, compressibility effects, and the flow equation perpendicular to the surface. The nonlocal nonlinear
stability theory (PSE) is able to compute the interference of different instability modes and their nonlinear
behavior until transition. In principle these methods allow the theoretical determination of the transition
location if a useful set of initial disturbances can be supplied as input data.

Several wind tunnel and flight tests have shown that the reliability and the dependency of the transition
criterion on other parameters (such as Reynolds number and Mach number) of these sophisticated methods
are not better than those of the simple local linear methods. Further, it could be shown that it is
recommendable to use a 2-N-factor criterion, one for TSI in flow-direction and one for CFI in cross-direction,
leading to a diagram as sketched in figure 2.1-2, [79].

As to attachment line transition, Cumpsty and Head [76], Pfenninger [13], and Poll [77] have shown that
the transition phenomenon depends on the momentum thickness Reynolds number, Reg, based on the
attachment line momentum thickness, ©. In early flight and wind tunnel experiments Pfenninger and Poll
showed that the attachment line boundary layer remains laminar and stable as long as

Reg < 100.

A Tolimien-Schlichting
versus
crossflow N-factor

/S Freeflight

S1 Ma
windtunnel

T-S N-factor

Crossflow N-factor
020358

Figure 2.1-2. Limiting N-factors for laminar flow due to unstable waves induced by Tollmien-Schlichting instability
(TSI) and crossflow instability (CFI) calculated by means of the linear stability theory and measured transition
locations in flight and in a wind tunnel, respectively.



2.2 Concepts for laminar flow

Sailplanes and small general aviation aircraft that have small sweep angles of the leading edge on wing
and tail planes and also have ultrasmooth surfaces tend to have a certain range of natural laminar boundary
layer (NLF, natural laminar flow) starting at the leading edge and extending downstream to a chord position
that depends on the shape of the local pressure distribution and on the local Reynolds number. At the small
Reynolds numbers of sailplanes, ranging typically from 0.5 to 3.0 million, the laminar flow can extend
downstream to chord locations between 50 percent and 90 percent. To achieve these values the section
geometry needs a special design and the surface has to be smoothed with 1000—grit sandpaper.

Figure 2.2-1 shows the lift coefficient versus drag coefficient of a typical sailplane airfoil. In a certain
range of lift coefficients the drag of a laminar airfoil amounts to one-half of the value of a fully turbulent one.
The width of the lift range of low drag of the laminar drag bucket amounts to about Ac; = 0.6 to 1.0, mainly
depending on airfoil thickness and Reynolds number. At the high Reynolds numbers the width of the laminar
drag bucket becomes smaller. The limits of the NLF concept has been shown with the NLF experiment on the
Fokker F100 aircraft. The F100 wing has a leading edge sweep angle of 21° and enables Reynolds numbers
up to more than 25 million. At these high Reynolds numbers the width of the laminar drag bucket is strongly
reduced to Ac; = 0.2.

At moderate to high Reynolds numbers, and sweep angles, or both, the boundary layer has to be
controlled actively to maintain laminar flow. This is called LFC (laminar flow control) and is achieved by
applying suction through the surface on the boundary layer. The flow can be sucked off through small slots in
the surface arranged in the spanwise direction. This was first tested in flight by W. Pfenninger [11].

14 —
12 |—

1.0 —

C 66—

Fully turbulent

[
. N R T N N B
.04 .06 .08 .010 .012 .014 .016 .018
Cq

020359

Figure 2.2-1. Typical lift coefficient versus drag coefficient behavior of a laminar flow airfoil at Reynolds numbers
between 1 and 3 million.



Another possibility is to suck off the flow through a porous surface of small narrowly spaced holes.
Typical values of the diameter of these holes amount to about 50 um combined with a spacing of about
0.5 mm. This technique was not possible until laser drilling technology was developed. The first flight tests
with applied hole suction were also performed by Werner Pfenninger [13].

By applying boundary layer suction, all three types of instabilities of the laminar boundary layer
(Tollmien-Schlichting, crossflow, and attachment line) can be stabilized and the point of transition shifted
downstream. If suction is applied along the whole wing chord, the boundary layer can be kept laminar up to
the trailing edge. In the region of the wing box a suction system would substantially reduce the height of the
wing box and thus markedly increase the weight of the wing.

This disadvantage can be avoided using hybrid laminar flow control (HLFC), by which suction is only
applied in the region of the leading edge box. Thus, with an appropriate airfoil contour, and depending on
Reynolds number and leading edge sweep angle, the flow can be kept laminar up to about 50 percent of chord
length. Only the suction system itself, located in the leading edge box, causes additional weight; whereas the
wing box remains unchanged. Such an HLFC system was proven in the laminar flow flight tests with the
Boeing 757 (wing) [32] and the Airbus A320 (fin) [58].
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3.0 Experimental Boundary Conditions

In order to obtain the full benefit of the application of laminar flow technology, and also generally when
employing this technology, several obstacles have to be overcome before a commercially viable laminar flow
aircraft can be developed and produced. Apart from weather and climatic conditions in which an aircraft
operates, these obstacles relate to environmental and manufacturing aspects and include the following:

* Aerodynamic surface contamination by insects
* Manufacturing quality, with special reference to manufacturing roughness
* Atmospheric particulates

* Atmospheric turbulence, noise, and vibration.

3.1 Surface contamination by insects

One of the critical items for laminar flow technology—for the NLFC as well as for the HLFC concept—is
contamination of leading edges by insects. The strength of contamination shows broad variations. A strong
gradient of insect density caused by altitude is generally observed. Croome and Holmes [80] reported a
curve-fit diagram of their measured data:

Insect density = 1.4158 +2402.95 *Altitude ™~

with insect density as the number of insects per 10° £t and the altitude in ft. This formula clearly shows that a
high risk of insect strike is strongly limited to the ground-near region up to some hundred feet. During strong
thermal convection the risk of insect contamination is increased. This fact is well-known to glider pilots, who
use the thermal updrafts to climb to higher altitudes. But even in this case the higher insect density is restricted
to the lower region of convection space, below 5000 ft.

Temperature and wind speed have a strong influence on the insect density. At temperatures below
10 to 15 °C the number of insects is drastically reduced. Wind speeds above 5 m/sec also cause a reduction of
insect density. Ground moisture is generally important. In desert regions an insect problem is relatively low
and in warm boggy areas the density is quite high.

Insect contamination reduces the benefits of laminar flow markedly, even at moderate Reynolds numbers.
Figure 3.1-1 shows lift versus drag coefficient curves measured with a laminar flow glove on the DLR
Dornier Do 228 test aircraft. The solid line indicates the clean glove and the dashed line the fully turbulent
glove simulated by tripped transition at 5 percent of chord on both surfaces. The measurements performed
with the contaminated glove for four different flights have a relatively small scatter. They clearly show that
the laminar flow benefits are nearly fully lost and that an anticontamination system is indispensable for
achieving the full benefits of laminar flow.
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Figure 3.1-1. Influence of insect contamination on wing section drag coefficient for a laminar flow glove on the DLR
Do0228.

3.2 Manufacturing roughness

Laminar flow is much more sensitive to any kind of disturbance than turbulent flow. This means that new
requirements for wing surface quality must be established. Wind tunnel and flight experiments show that,
because of the impact of disturbances on the laminar boundary layer, three different situations must be
identified. For very low disturbance heights, up to a so-called “critical height,” (1) the disturbances do not
influence the development of the boundary layer. For disturbance heights above this critical value, (2) the
extent of the laminar boundary layer is reduced more and more as disturbance height increases until (3)
transition (called “bypass transition”) finally occurs at the disturbance itself. Consequently the following three
questions arise:

1. What is the critical disturbance height up to which no impact on the laminar boundary layer occurs?
2. What is the disturbance height which induces transition at the location of the disturbance?

3.  How can the distance be described between the locations of disturbance and transition?

For manufacturing issues in particular, the first question is of interest. For the critical disturbance height
of circular wires crosswise to flow direction Goldstein [81] offers the relation

*
(uy X k)0 =17
. . 1/2 . .
with the shear stress velocity u k* = (T91/P) and T, as the wall shear stress at the disturbance location.

Assuming accelerated or constant speed flow, this relation can be converted to
Rek, crit = (Uk X kcrit)/l) = 30,

where Uy denotes the velocity within the boundary layer at the disturbance height. Following Goldstein, for
values of Re; below 50, circular wire disturbances will not affect the laminar boundary layer. Fage and
Preston [82] determined that for circular wires, values of Re; above 400 will always force bypass transition.
For the case of reduced extent of laminar flow at Re; above 50 and below 400, no publications are known.



Unfortunately, the critical values of Re; strongly depend on the type and shape of disturbance. The
boundary layer reacts more strongly to sharp-edged and three-dimensional disturbances.

Of special interest is the influence of typical technical roughness elements, such as two-dimensional
forward and backward steps, streamwise and transverse gaps, as well as three-dimensional circular
disturbances (like a head of a rivet or a screw).

Some flight investigations with these different types of disturbances have been performed on the VFW
614/ATTAS glove [40] and on the Dornier Do 228 glove [49]. All the different disturbance configurations
tested have a common behavior, shown in Figure 3.2-1 with reference to the influence of a forward and
backward step on transition location. In cases with a large extent of laminar flow, the laminar flow is most
sensitive to the disturbances when they are located in the region between 5 and 20 percent of chord length. In
this range the largest reduction in laminar flow extent is observed. A possible explanation is that for the first 5
percent of chord length, the boundary layer is stable and the created disturbances are damped, whereas
downstream of 20 percent, the boundary layer thickness is large compared with the disturbance height so the
disturbances have no effect.

The strong influence of the type of disturbance and the impact on the laminar boundary layer is shown in
Figures 3.2-2 to 3.2-4. All cases are associated with the same flight condition and with the same representative
disturbance height, unit h being about 0.06 mm. Forward-facing steps of 1h and 2h have no effect on the
extent of laminar flow, as shown in Figure 3.2-2. A step with the height of 3h has also no effect on the
boundary layer development if it is located downstream of 12 percent of chord length, but between 5 percent
and 12 percent a strong reduction of laminar flow extent with a maximum at 8 percent can be observed.

For the rearward-facing step in figure 3.2-3, only a disturbance height of 1h has no effect on the laminar
boundary layer. For the rivet-head type disturbance simulation in figure 3.2-4, all three disturbance heights
have a strong impact on the extent of the laminar boundary layer. These four examples of disturbance effect
measurements clearly show that the above relations for calculation of allowable disturbance heights can only
serve as a very rough guideline.
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3.3 Atmospheric particulates
R. E. Davis, NASA Langley Research Center, Hampton, VA

3.3.1 MECHANISM FOR LAMINAR FLOW LOSS IN PARTICULATE CONCENTRATIONS

Atmospheric particulates can cause loss of laminar flow on an aircraft laminar flow surface. G.R. Hall of
Northrop aircraft developed a theory [83] to explain the loss of LF during cloud encounters with the X-21A.
This theory predicted the size, shape, and concentrations of cloud particles that would trip laminar flow on the
X-21A airfoil. The mechanism of laminar flow loss is that the wakes from individual cloud or haze particles
that penetrate into an initially laminar boundary layer can initiate local turbulent spots in the layer. If the
cloud-haze particles are large enough, are of the right shape, and are present in sufficient concentration, they
can “trip” the flow in the boundary layer, causing it to transition; the effect is slight in thin haze, and grows
markedly as concentration increases. Airfoil shape has an effect, in that thicker airfoils deflect smaller-sized
particles more readily. Hall concluded that, for the X-21A, airfoil particles larger than 32 um would cause
problems at an altitude of 40,000 ft, and particles larger than 17 pum would cause problems at a 25,000 ft
altitude. Pfenninger [84] suggested that wing sweep may also be a key factor in LF loss, because wing sweep
leads to spanwise flow, increased turbulence production, and increased time of particle residence in the
boundary layer. Indeed, LF loss had not been mentioned in LF investigations preceding that with the X-21A.
Therefore, LF loss problems are expected to be more severe for swept-winged aircraft.

3.3.2 IMPACT OF CLOUD ENCOUNTERS ON LFC AIRCRAFT FEASIBILITY

In view of demonstrated impact from clouds on LF during the X-21A program, meteorological studies
were carried out by the USAF [85] to assess the likely impact of cloud encounters on the feasibility of flying
LFC-configured C-5-type transports on long-range transport routes. These studies indicated that clouds would
be encountered around 6 percent of the time at cruise altitudes on international military transport aircraft
routes, and that simple altitude changes could normally be used to restore LF. This result suggested that, while
LF is degraded during cloud encounters, the probability of cloud encounters is not so high as to make



LF-configured aircraft impractical for everyday use. Additional studies, supported by the NASA Aircraft
Energy Efficiency Program (ACEE), were carried out using data from atmospheric particle-sampling probes
flown in the NASA Lewis Research Center Global Atmospheric Sampling Program (GASP) [86, 87]. These
studies derived cloud-particle encounter data for several long-range commercial airline routes worldwide over
a range of altitudes; the results show that cloud-encounter probability varied with altitude, geographic
location, and season. However, the overall result indicated that clouds or haze should be encountered around 6
percent of the time, on average, and that LF could be restored through altitude changes. Thus, the results from
the GASP particle sampler study are consistent with the meteorologically-derived results in the earlier USAF
study.

3.4 Turbulence, noise, and vibration

In Sections 4.3, 4.4 and 4.5 discussion shows the influence of turbulence, noise, and vibration on the
development of the transition process of the laminar boundary layer to be quite weak or rarely observed in
flight.

With respect to the influence of noise for those flight tests with laminar flow gloves on LFU 205,
VFEWG614/ATTAS, Dornier Do 228 and Fokker F100, investigations with one engine shut down have been
performed. Except in one case with the VFW614/ATTAS, no influence of noise on the extent of laminar flow
has been observed, see Horstmann [40].

In case of the VFW614/ATTAS test, it was known from ground tests that at a power setting of 90 percent
the engine fan noise has a very high intensity peak at a frequency of 6 kHz, which is inside the
Tollmien-Schlichting frequency range expected. Figure 3.4-1 shows a downstream movement of the
transition line of about 10 percent when the fan speed is reduced from 92 percent to 50 percent.

During strong turbulence of medium scale, an influence on the extent of laminar flow is also visible but
the reason is the deformation of the pressure distribution by gusts. The effect of small-scale turbulence in
flight tests as a receptivity problem of the laminar boundary layer has not yet been reported. In the glider pilot
scene, small-scale turbulence effects on the glider performance are under discussion.

_1.0 . Transition at N4 =50 percentg
N4 = 92 percent + 69 o
(I)O
oo
0O
OO
000
©-5—o0
s o
(2]
£ O Re = 18.5 x 106
8 o M =0.32
[$]
S B =-6.5deg
?
e
a
9]
. | | |
0 2 4 .6

Normalized longitudinal coordinate, x/c
020365

Figure 3.4-1. Reduced extent of laminar flow on the VFW614/ATTAS laminar flow glove as a result of fan-speed
induced noise.
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4.0 Measurement techniques

This chapter describes many of the techniques used in laminar flow flight tests.  Special care and
attention is needed so as to not cause the boundary layer to transition from laminar to turbulent flow because
of the instrumentation. Requirements for good pressure measurements for laminar flow are given in Section
4.1 “Pressure Measurements.” Section 4.2 “Boundary Layer Measurements,” describes the many ways to
determine the location of boundary layer transition. No one method can be used in all circumstances. Each
method has its own application. Some, like the infrared image technique, can give global results, whereas
others, such as the traversing pitot technique, can identify the beginning and end of boundary layer transition.
Many techniques can only indicate if transition has occurred. Finally, measurement techniques are described
for acoustics, vibration, atmospheric turbulence, and atmospheric particulates, each of which can also effect
the boundary layer transition process.

4.1 Pressure measurements

An excellent source of information on nearly all aspects of in-flight pressure measurements is
ADARDograph No. 160 of the AGARD Flight Test Instrumentation Series, Volume 11, on Pressure and Flow
Measurement [88]. In this chapter only specific items will be discussed, namely those that are related to
surface and wake pressure measurements by means of multipressure transducers for the determination of local
characteristics of laminar flow sections of wing or tail planes.

Measurement of surface or wake pressures in flight tests are generally performed by means of differential
pressure transducers. These instruments allow a smaller scale-range than absolute transducers and are thus
more accurate. In flight tests, even at stationary conditions it cannot be assumed that the climb or sink rate is
zero. Consequently, the transfer functions of the pressure tubes on both sides of the transducer have to be
known in order to correct the measured pressures. For steady conditions with usual sink or climb rates the
transfer function measurements can be avoided by means of a simple test setup, shown in figure 4.1-1. The
reference port (static port of the aircraft) and the measurement port (e.g. a pressure orifice) are connected by
tubes of equal length and equal diameter (providing equal time-delay) to a pressure-test system that provides a
constant rate of pressure variation, here symbolized by a combination of altimeter, variometer, and a pressure
regulator. Applying different constant pressure rates to the aircraft system that correspond to typical climb or
sink rates, the pressure transducer should not show any reaction. In order to achieve this, all pressure tubes on
the measurement side of the pressure transducer must have the same diameter and length. The tube on the
reference side should have a smaller time delay than the tubes on the measurement side and needs to be
equipped with an adjustable flow resistance that must be adapted to minimize the transducer reaction.

Another concern is the disturbance of laminar flow induced by the pressure orifices. Experience from
different flight tests show that the hole-diameter of the orifices should not be larger than 0.3 mm. For unswept
wings with small pressure variations in a spanwise direction, the orifices can be staggered about 15 degrees to
the flow direction, as shown in figure 4.1-2. Thus any flow disturbances emanating from one hole do not pass
over those of another hole and the disturbances cannot combine and lead to transition. In any case, the
pressure lines must be sealed completely.

Wake measurements for a laminar flow wing using a wake rake in order to determine the drag of a wing
section are often strongly influenced by local disturbances of the laminar boundary layer e.g. dust particles,
insects, or unsealed pressure orifices. In order to avoid false measurements or additional test flights, it is very
useful to install a movable wake rake (e.g. as shown for an A320 aircraft in figure 4.1-3) at the rudder of the
fin. Combined with transition visualization by means of an infrared camera, wake measurements become
much more reliable and representative.
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4.2 Boundary layer measurements

4.2.1 INFRARED IMAGE TECHNIQUE
4.2.1.1 Introduction

Transition from laminar to turbulent flow is frequently detected by the well-known oil-flow method or by
sublimation techniques using acenaphthene. Both methods have the disadvantage that the flow may be
affected by the visualization material itself. Furthermore, both are difficult to apply and to control in flight
tests. Other methods like subsurface microphones, hot-wires, or hot-films can give only rough point-by-point
information on whether the boundary layer is laminar or turbulent. The transition line must finally be
estimated manually or automatically by means of the point information. Furthermore, all three techniques
produce additional surface roughness and need time-consuming and expensive preparation and installation.

Use of the infrared image technique avoids these disadvantages [89]. It is a fast and inexpensive (after the
purchase of the hardware) technique that gives the full, detailed information of the location of the transition
line. In the following chapters application of the infrared image technique for transition detection is described.
The basic physical principles as well as the system itself and examples of application are discussed.

4.2.1.2 SKkin friction and heat transfer

According to the Reynolds analogy the heat transfer coefficient o, depends in a simplified form on the
following parameters [75]:

where ¢,/ is the skin friction coefficient, U the local velocity, A the heat conductivity of the fluid and v the
kinematic viscosity. Note that A, as far as aircraft are concerned, does not change with pressure. The formula
explains the well-known fact that heat transfer in a laminar boundary layer is small because skin friction is
small and that heat transfer in a turbulent boundary layer is much increased as a result of increased skin
friction.

Figure 4.2.1-1 shows the skin friction coefficient of a flat plate as a function of the local Reynolds number
Re, for three different transition Reynolds numbers, Re,r,. On smooth surfaces the transition Reynolds
number depends on the flow quality; Re, 7, is of the order of 5 x 106 at free-flight conditions. Neglecting a
certain transitional range, we note that at the transition point skin friction jumps by more than a factor of 10.
According to the Reynolds analogy, the heat transfer also changes by the same factor.

If there is a temperature difference between the fluid and the aerodynamic surface, the surface will adopt
different temperatures, depending on whether the boundary layer is laminar or turbulent. Thus, in turbulent
flow, and especially just behind the transition, the heat transfer is high and the surface will adopt nearly the
temperature of the fluid. On the other hand, the surface temperature will remain nearly unchanged in the
laminar boundary layer just upstream of the transition location, where the wall shear stress is minimum.

It should be noted that the Reynolds analogy is only valid for fully established laminar or turbulent
boundary layers. It is not valid in transitional or separated flow.
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Figure 4.2.1-1. Skin friction coefficient of a flat plate as a function of the local Reynolds number Re . for
three different transition Reynolds numbers Re T

4.2.1.3 Infrared image system

Modern nitrogen-cooled infrared scanner systems are able to resolve radiation temperature differences
down to 0.1 °C. Good images are obtained with temperature differences of 1 °C and excellent images with
2 °C differences. As shown in fig. 4.2.1-1, the skin friction changes with transition by approximately a factor
of ten. Therefore, on an infrared image, the transition line is marked by a sharp step in the surface temperature
that becomes visible on the screen in a change from dark to white, or vice versa.

A representation of the infrared information by a color step image for the detection of the transition
location (instead of grey steps as in all figures of this paper) did not provide any advantage. For the purpose of
transition detection the color step image is somewhat confusing. However, for shear stress information, it may
be useful.

4.2.1.4 The origin of temperature differences

Observations showed that in many wind tunnels, the temperature differences necessary for the infrared
picture are present without any internal or external heating of the model surface. This is normally a result of
the radiation exchange between the model and the walls of the closed-test section or the walls of the
measuring hall, in case of an open-test section. In other cases the temperature differences for a good picture
were obtained by switching wind tunnel cooling on and off. This method is only effective if the model surface
and the test section surface do not have the same heat capacity (better temperature propagation coefficient).
This, for example, is the case if the model surface is of plastic material and the wind tunnel wall of metal.

For free-flight tests radiation into space or sun radiation is used. External heating by radiators is not
recommended because of possible reflections into the infrared system. Nevertheless, the most comfortable
arrangement is that of an internally heated surface. This can be realized by a graphite-covered glass fabric as
used for mould heating. The analogy between measurements with hot films and with an infrared system is
quite obvious.

With the exception of the sun radiation, the paint color of a test surface has no influence on the infrared
image. Normally test surfaces were covered with sanded and polished white paint, like sailplanes. Markings
of red or dark color are not visible on the infrared image. Thus markings were done with heat-conducting
silver paint, which naturally have the same temperature as the model surface at their location. But bright



metallic surfaces have a considerably lower radiation coefficient, resulting in less radiation, which the
infrared system interprets as a lower temperature.

Radiation properties of different materials with respect to the radiation incidence angle are provided in
figure 4.2.1-2 Non-metallic materials (fig. 4.2.1-2(a)) have a wide range of incidence angles where the
radiation is nearly constant. On the other hand, metals (fig. 4.2.1-2(b)) retain an astonishingly high level of
radiation with decreasing incidence angle. Problems may arise with incidence angles below 20 degrees.
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Figure 4.2.1-2. Directional radiation properties of nonmetallic and metallic surfaces.



4.2.1.5 Examples of transition detection by infrared technique

Figure 4.2.1-3 shows an infrared image of an airfoil upper surface, the model being colder than the air.
Airflow is from left to right, as in all other figures of this paper. The grey color is darkening from the leading
edge to about 70 percent of the chord length, corresponding to a decreasing skin friction of the laminar flow
with increasing airfoil chord. Since the model is colder than air, pure white color correlates with high
temperatures and high skin friction, whereas the dark color indicates low temperatures and low friction.
Downstream of the transition line the skin friction of the fresh turbulent boundary layer is very high, resulting
in a white color. Going further downstream of the transition, the friction of the turbulent boundary layer
diminishes, resulting in a certain darkening. At the bottom of figure 4.2.1-3 the well-known turbulent wedges
originating from aluminium strips are visible. These wedges are characteristic of a laminar boundary layer and
do not occur in a turbulent flow. Note that the color in the wedge downstream of the transition location is
grey, in contrast to the part of the model without wedges at the same chordwise position. This indicates lower
skin friction because of a thicker turbulent boundary layer downstream of the wedges compared to the skin
friction in undisturbed flow.

On the upper part of figure 4.2.1-3 a small forward shift of the transition location is visible. This is the
result of a line of pressure holes located one behind another. This is a revealing demonstration of subcritical
disturbances in a laminar boundary layer that do not result in a turbulent wedge. Nevertheless, the pressure
holes do influence the laminar boundary in such a way that the transition point moves upstream.

Figure 4.2.1-4 shows an oil-flow picture and an infrared image of the same wing at identical flow
conditions. The aluminium strip was removed for the oil-flow picture. Note that the lens system of the
infrared camera apparently distorts the picture in a barrel-like way. The oil-flow picture indicates a laminar
separation bubble beginning at x/c = 0.58 and a transition location at x/c = 0.65. For the transition
location, the same value can be derived from the infrared image. The separation line is only barely visible in
the infrared image. In this case, the oil has no detectable influence on the development of the laminar
boundary layer and on the transition location. A forward-shift of the transition location by the row of pressure
holes cannot be detected in the oil flow picture because of the contamination of the orifices by the oil.
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Figure 4.2.1-3. Characteristics of an infrared image.
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An infrared image of a wing taken in-flight from the cabin of the small LFU 205 4-seater airplane is
shown in figure 4.2.1-5. The wing of the airplane was equipped with a glove for laminar flow investigations
[39]. The glove was painted red in order to enhance the influence of sun radiation and to enable the
application of the acenaphthene technique. Transition is clearly visible, in this case in the inverted mode.

One of the earliest experiments with transition detection by infrared images showing all types of transition
was the ATTAS NLF experiment of DLR in Braunschweig [40]. The DLR VFW 614/ATTAS research
aircraft, shown in figure 4.2.1-6, is a 40-seat jet aircraft with a wing having a leading-edge sweep angle of
18 degrees. For these tests a maximum Mach number of M = 0.7 and a maximum Reynolds number based
on wing chord at the glove center section of Re = 30 x 106 could be flown. The landing flap can be operated
with reduced flap deflections up to high Mach numbers. Depending on the speed, the yaw angle can be
changed between B = £3° and B = £5°, thus leading to a sweep-angle variation of @ = 13° to 23°.
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Figure 4.2.1-6. DLR test aircraft VFW614/ATTAS with a glove for natural laminar flow (NLF).



The experimental sensor installation can be seen in figure 4.2.1-7. In three sections, 180 pressure taps are
distributed with a hole diameter of 0.3 mm and a minimum spacing of 0.3 percent of chord length at the
leading edge of the center section. The pressure measurement system is controlled by the ATTAS
experimental system which is specially developed for flight mechanics purposes. In order to allow
measurements at climb or descent conditions, the pressure measurement system is dynamically calibrated.

The hot-film system is also connected to the basic experimental system. Two hot-films at the stagnation
line allow one to distinguish between attachment line transition and crossflow-induced transition close to the
leading edge. The hot-films located downstream provide information about the extent of the transition range
and about the frequency range of Tollmien-Schlichting waves.

The infrared camera was installed behind a window specially equipped with quartz glass. A typical
infrared image showing TS-governed transition is presented in figure 4.2.1-8. A typical development of the
transition line on the glove for different pressure distributions generated by flap deflection is shown in
fig. 4.2.1-9. The sketch is composed from three different infrared images taken at the flap deflections of 10°,
5° and 1°. Apart from the four turbulent wedges, induced by upstream disturbances, the transition line is
nearly straight at constant chord. This behavior is typical for a transition process governed by
Tollmien-Schlichting instability.

At many data points, it was possible to obtain a TSI- and a CFI-governed transition at the same pressure
distribution but at different yaw angles. A typical example is shown in fig. 4.2.1-10. At 3° and 0° yaw angle
the transition lines coincide. At B = —3° the transition line moves rapidly upstream and becomes
saw-toothed. This characteristic behavior could be observed at all CF data points and it is well-known from
many wind tunnel investigations dealing with laminar-turbulent transition by crossflow vortices. This
transition behavior supports the assumption that for this type of airfoil, only a weak interaction of
Tollmien-Schlichting waves and crossflow vortices exists.
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At indicated airspeeds above 300 kts, it was possible to achieve attachment line transition. Initiated by a
2-mm-thick wire, the turbulent flow spread outboard towards the tip. This phenomenon could be observed by
the infrared image technique as well as by hot-film measurements. With increasing yaw angle, the transition
line sweeps further upstream and an increasing part of the glove outboard of the wire disturbance remains
completely turbulent, as shown in fig. 4.2.1-11.
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4.2.1.6 Problems with infrared systems

If the model represents only a small area of the whole infrared image, the remaining contrast for the
model areas is not sufficient for transition detection. This is a result of the automatic mean temperature
adjustment of the infrared system. This problem can be solved by using various lens systems for the infrared
camera with an adequate focal distance.

For flight tests the infrared cameras often can be installed within the fuselage. The cabin windows then
have to be replaced by special IR transmissive windows made from germanium, silicium, or zinc selenide.

As mentioned above, the heat conductivity of the model surface leads to a certain temperature flattening.
The order of magnitude of this effect depends on the surface material and the model size. Thus, in the case of
tiny flow structures like crossflow-vortices the infrared technique may not show all details.

Metal surfaces should be covered by a plastic film of at least 0.3 mm thickness. The low radiation value of
metal surfaces (see Section 3.2.1.4) is combined with a high reflection coefficient of the surface and a good
heat transfer of the material. As a result, the weak heat radiation is mostly covered by strong reflecting
radiation.

4.2.1.7 Conclusions

The infrared technique is a powerful tool for transition line detection. The whole test object area can be
under surveillance for turbulent wedges or even smaller subcritical disturbances in the laminar boundary
layer. This technique has been successfully applied in different wind tunnels and in free-flight experiments. In
most cases “natural” temperature differences between the model and the fluid gave reasonable or good
infrared images. In one case, switching the wind tunnel cooling system on and off gave good results.
Nevertheless, the most comfortable approach is to use an internally heated model.

4.2.2 SURFACE TEMPERATURE MEASUREMENTS

4.2.2.1 Introduction

Surface temperature measurements on aerodynamic surfaces can be helpful in detecting the location of
the transition front on such surfaces. These measurements are of particular value for those regions of interest
that lie outside the field of view of infrared imaging systems, if infrared imaging systems are to be employed
to obtain a global view of the location of the transition front. The detection of flow transition by surface
temperature measurements utilizes, like the infrared thermograph technique, the physical flow property that
different rates of heat transfer exist for the boundary layer flow over the target surface, depending on whether
the boundary layer flow is laminar or turbulent. Correspondingly, different surface temperature levels are
established in those two flow regions. In general a temperature difference exists between the surface and the
edge of the boundary layer (freestream), so that with the heat transfer rate being lower in the laminar boundary
layer than in the turbulent one, the surface temperature for the laminar layer surface adjusts itself to the
free-stream temperature only gradually, in contrast to the turbulent boundary layer surface temperature in
which the effect is rapid. If, for instance, the surface temperature is higher than that of the freestream, the
surface of the laminar boundary layer region remains for a certain length of time at a higher temperature level
than that of the region of turbulent layer flow over time. This feature is reflected in the observed temperature
distribution, and the location of the change in the temperature level marks the location of the transition front.

4.2.2.2 Surface temperature sensors

Basically two types of temperature sensors, thermocouples and platinum resistance thermometers (PRTs),
can be used to measure the temperature on aerodynamic surfaces of interest, such as wing, fin, and engine
nacelle.



Thermocouples have found a widespread use in aerospace, ranging from turbine monitoring to space
simulation testing for rockets and satellites. However, it appears that thermocouples have not yet been applied
for transition detection on aerodynamic surfaces. The measurement accuracy of thermocouples depends on
whether they are calibrated or not. For instance, for Type-T (copper/constantan) thermocouples of KAYE
Instruments, Inc. Bedford, Massachusetts, USA, the KAYE V2835 (calibrated) thermocouple provides a
NIST-traceable measured accuracy to 0.02 °C. In contrast, the K255 (not calibrated) thermocouple is
3/16 percent of the measured value. For a limited temperature range of —70 °C to +70 °C, this type of
thermocouple would have at 70 °C, an error of 0.1875 percent, which corresponds to approximately 0.13 °C.

Platinum resistance thermometers have found a wide range of application. The most common type of PRT
is the Pt 100 having a nominal resistance R of 100 Q at a temperature of 0 °C. The Pt 100 sensors are
available in different tolerance classes based on the required accuracy of the temperature measurement. For
class A the possible temperature error is A = +(0.15 + 0.002|¢|) °C, where ¢ is the temperature measured in
°C. The possible temperature error of class B is A¢ = +(0.30 + 0.005]7]) °C. Thus, for example, for
t =70 °C, class A yields a temperature error Ar = £0.29 °C and class B yields a temperature error
At = 10.65 °C.

4.2.2.3 Application of platinum resistance thermometers

Past experience regarding the application of platinum resistance thermometers for the detection of the
transition front location on aerodynamic surfaces has resulted in several lessons learned, which are of
significance in guaranteeing meaningful surface temperature measurements:

* The surface of the measurement section should consist of a material of low thermal conductivity and
low thermal capacity

* The sensors should be installed as close as possible to the surface to be tested

*  The structure below the surface should have a sufficient thickness of homogenous material with low
thermal conductivity.

* Surface temperature measurements on engine nacelles are in one respect more critical than on other
aerodynamic surfaces, like wings and fins, in that the nacelle skin is prone to be affected by heat
transfer from the engine.

Typical results were obtained during flight tests with the HLF nacelle on the DLR VFW614/ATTAS
flight test aircraft conducted within the framework of a European collaborative program [68—70]. Details of
the flight test vehicle are contained in reference [90]. Figure 4.2.2-1 depicts the VFW614/ATTAS in side and
plan view and figure 4.2.2-2 shows a partial view of the flight test vehicle in flight with a NLF nacelle
installed on the port engine, while the starboard engine has the standard production nacelle. Figure 4.2.2-3
illustrates a close-up view of the installed NLF nacelle.

Figure 4.2.2-4 shows the surface temperature distribution for the HLF nacelle fan cowl at radial ¢ = 84°
together with the infrared image of the outboard fan cowl for the condition of cruise with suction applied.
Taking into account that the nacelle surface is slightly heated by the engine, the temperature distribution
exhibits the expected trend, with a temperature level higher in the laminar flow region on the fan cowl than for
the turbulent flow region. Temperature resolution is of such quality that the onset of transition (x,,./¢ = 0.55)
and that of the fully turbulent flow (x,./c = 0.65) can be clearly identified. Noting that the carbon fiber
composite (CFC) material of the fan cowl is a poor heat conductor, the transition length of
(xp,/c—x,./c=0.10) can be expected to be a good approximation of the actual transition length. The
location of the transition front, defined by the midpoint T;ff between xlr/ ¢ and xTr/ c is at x/c = 0.60,
which agrees well with the transition front position at ¢ = 84° on the infrared image.
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Figure 4.2.2-1. DLR test aircraft VFW614/ATTAS with laminar flow nacelle installed on the port engine.
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Figure 4.2.2-2. VFW614/ATTAS in flight with NLF nacelle installed on the port engine.



Figure 4.2.2-3. Closeup view of the NLF nacelle on VFW614/ATTAS aircraft.
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Figure 4.2.2-4. External surface temperature distribution and infrared image on the HLF nacelle of the
VEW614/ATTAS aircraft.



4.2.3 HOT-WIRE/HOT-FILM ANEMOMETRY

Stan Miley, Old Dominion University, Norfolk, VA USA and Harry Chiles,
NASA Dryden Flight Research Center, Edwards, CA USA

Hot-wire and hot-film anemometry use minute metallic heated elements (heat-flux sensors) to measure
fluid flow (liquid or gas) velocity. The metal used for the sensing elements must have a high coefficient of
resistivity, that is, the electrical resistance of the metal should have a relatively large, preferably linear,
variation with temperature. Suitable metals for this are platinum and nickel. The metallic sensor is
incorporated into a four-leg electrical bridge with the opposing adjacent legs set at a particular resistance ratio
(commonly 5:1) as illustrated in figure 4.2.3-1. The resistance leg adjacent to the sensor is called the control
resistance and is used to set the operating resistance (and accordingly the operating temperature) of the sensor
to balance the bridge. As long as the sensor is below its set operating resistance, the bridge is unbalanced and
an electrical voltage is generated across the bridge through a feedback amplifier, which causes an electrical
current to pass through the sensor. The sensor is subsequently heated through the I’R (resistance heating)
effect and its temperature and electrical resistance increase accordingly. This process will continue until the
resistance of the sensor is such as to balance the bridge and consequently null the bridge voltage. Through this
feed-back process, any physical effect that removes heat from the sensor and lowers its temperature will result
in an increase in the bridge voltage, producing the electrical current necessary to bring the sensor back to its
set resistance (in practice, its set temperature). Consequently, the operating circuit is known as a constant
temperature (resistance) anemometer. If the metallic sensor is immersed in a fluid flow that has a temperature
below that of the sensor, then heat will be removed from the sensor in direct relation to the difference in
temperature between the sensor and the flow; to the density of the flowing fluid; and to the velocity of the
flowing fluid. A direct functional relationship then is created between the velocity of the flow and the bridge
voltage created to force the sensor back to its set temperature, i.e., to electrically balance the bridge.
Depending on the size of the metallic sensor and its physical mounting, the anemometer circuit can maintain
the bridge voltage relationship to the flow velocity with flow fluctuations occurring at frequencies in excess of
50,000 Hz. Such high-frequency response requires care in the use of the connecting leads to the sensor and the
balancing of the reactive elements in the circuit.
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\ 100 Q
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Figure 4.2.3-1. Four-leg hot-film and hot-wire anemometer electrical circuit.
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Typically, a very high-gain amplifier is used to generate the applied bridge voltage from the unbalance
signal created by the resistance change in the sensor. Amplifier gains in the order of 1,000 to 10,000 are
common. This makes the hot-wire and hot-film anemometer electronic system extremely vulnerable to
outside electronic noise. For in-flight applications, it is necessary to use good electronic shielding techniques
for the cabling between the anemometer circuitry and the metallic sensors. Also, the electrical power to the
anemometer circuit should be separate, if possible, from the aircraft system. Ideally, an isolated battery power
source should be used. If the anemometers being used are any of the commercially available models that
typically require alternating current 120 or 220 volt supply, then a clean sine-wave inverter should be installed
to convert the direct current power from the battery. If in-house—constructed anemometer circuits such as
those of Chiles [91, 92] are to be used, then care must be exercised in utilizing the direct current power supply
of the aircraft. The problem here is the use of solid-state inverters or de-dc converters, which use solid-state
switching circuitry. When these devices are operating under high current load, large overshoots (voltage
spikes) occur at the operating frequency of the device (commonly 400 Hz). Because of the high-frequency
content, these spikes find their way into the anemometer signal. It is not uncommon to encounter a signal in
the anemometer output composed of high harmonics of a 400-Hz frequency power system that is commonly
used on military or commercial aircraft. If the test aircraft has such a power system, then care should be used
to isolate the anemometer circuits from this source of anemometer output signal contamination.

4.2.3.1 Hot-film anemometry

The hot-film technique is an excellent method to determine the extent of laminar flow on an aircraft wing
or similar surface using constant temperature anemometry for subsonic, transonic, and supersonic flight. The
hot-films can be single, commercially available sensors laid out in a pattern on the surface to detect transition
or they can be laid out on a thin polyamide sheet [93] if the surface does not have compound curvature. The
sensitive element can be either platinum or nickel. Examples of the sensors are shown in
figure 4.2.3-2a and b. The constant temperature anemometer measures the fluid velocity by sensing changes
in heat transfer from the electrically heated film. The heated sensor is held at a constant temperature ratio to
the ambient temperature using an electronic control circuit. Increasing the heating current flow to the sensor
compensates for the cooling effect resulting from the fluid flowing past the sensor. The magnitude of the
current increase required to keep the temperature constant is directly related to heat transfer. For laminar flow,
there is little mixing in the boundary layer and the heat transfer is relatively low. For transitional flow, the
mixing is very high in the boundary layer, and consequently, the heat transfer is very high. The mixing in the
turbulent layer is less than in the transitional boundary layer but greater than in the laminar boundary layer.
Sometimes it is difficult to tell whether a single hot-film sensor is in a laminar or a fully turbulent boundary
layer, judging just by the signal magnitude. A reference hot-film sensor is needed for comparison in an area
that is known to have a laminar boundary layer.

Anemometers used for hot-films in flight must compensate for the varying local temperatures as altitude
and Mach number changes, to avoid overheating and burning out the hot-film. This can be done manually
when there are crew persons to monitor and adjust the overheat ratio as necessary. This is, however, best
accomplished using a temperature-compensated anemometer system similar to that described by Chiles [91,
92]. The system developed by Chiles requires no adjustment of the anemometer during or between flights of
greatly differing airspeed or altitude profiles. The steady-state output of the anemometer is of sufficient
quality to provide a real-time indication of boundary layer flow transition. This feature eliminates the need to
analyze the high-frequency data for the entire test point or flight to determine the boundary layer state
(laminar, transitional, or turbulent). This system exhibits very low noise, allowing the examination of the
high-frequency data at those times of interest. A hot-film sensor with its temperature compensation element is
shown in figure 4.2.3-3. If the sensors are being formed on a polyamide sheet, then the
temperature-compensating element can be included also on the sheet. This is done by increasing the length of
the temperature-compensating element film in relation to the length of the flow-sensor film, in proportion to
the bridge ratio, so that the resistance of the compensating element is that required by the bridge. The sensor
array shown in figure 4.2.3-2a, is in fact of this type with temperature-compensating elements adjacent to their
respective flow sensors. When the desired number of hot-film sensors exceeds the available anemometer
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circuits, hot-film sensor multiplexing using MOSFET solid-state switching [94] can be employed. The
trade-off is a small increase in the noise of the output signal, which often may be acceptable.
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(a) Hot-film sensor array.
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(b) High temperature dual hot-film sensor [62].

Figure 4.2.3.2. Sample hot-film installations.
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Figure 4.2.3-3. Hot-film with temperature compensation.

4.2.3.2 Interpretation of hot-film anemometer output signals

The primary use of hot-film sensors on an aircraft is to determine the local state of the boundary layer;
laminar, transitional, or turbulent. In the case of a transitional boundary layer, proper interpretation of the
anemometer output signal can provide a determination of the type of laminar instability leading to transition;
i.e., Tollmien-Schlichting waves, crossflow instability, or attachment line contamination. It will be assumed
here that there is a mechanism onboard the aircraft, or perhaps in the operation of the aircraft itself, which
affects the extent of laminar flow at any given flight condition. This may be aircraft angle of attack, control
surface deflection, or a controllable system for laminar flow control. The hot-film sensor array should be
organized such that the anticipated transition front movement, as a result of applying this controlling
mechanism, passes over one or more sensors. This procedure is often necessary because it may not be possible
to determine a priori the state of laminar flow versus turbulent flow by examining the anemometer output
signal. In theory, a hot-film anemometer signal for laminar flow would appear as a clean, noise-free quasi-dc
trace, whereas for turbulent flow there would be a noticeable noise level in the signal because of the turbulent
velocity fluctuations. All too often, however, electronic noise from sources on the test aircraft contaminates
the anemometer output signal so that laminar flow appears similar to turbulent flow, although generally of
lower amplitude. This situation can be made even more difficult if the signal recording, the signal display, or
both are ac-coupled. In this case, the dc-level shift in the signal caused by the change in wall shearing stress is
filtered from the output signal. The interpretation of the signal then depends on the time history of the
intermittency behavior as the transition front passes over the hot-film sensor. The pattern of the intermittency
behavior will be markedly different if the transition process is through TSI rather than if it is through CFI. For
TSI, if the transition is from laminar to turbulent flow, the signal will show upward spikes initially, increasing
in amplitude; this will be followed by a pattern of spikes, equally upward and downward; then finally by
downward spikes, diminishing in amplitude until a constant amplitude noise level appears. An example of this
is given in figure 4.2.3-4. An upward spike in the signal is produced by a “turbulent spot” in primarily laminar
flow, and a downward spike in the signal is produced by a “laminar spot” in a primarily turbulent flow. A
laminar spot, in reality, is a small region of laminar flow imbedded in the flow that has become time-wise
majority turbulent. On the other hand, if transition is in the reverse direction, from turbulent to laminar, then
the intermittency time history pattern just described will also be reversed. The most important aspect is to



remember that an upward spike in the signal means a turbulent spot in a laminar flow, and that a downward
spike in the signal means a laminar spot in a turbulent flow. The procession of these signal spikes indicates
which direction the Tollmien-Schlichting-based transition is proceeding; laminar to turbulent, or turbulent to
laminar.

The transition process through crossflow instability appears completely different in the ac-coupled
hot-film anemometer signal. Here the time history shows a pattern of groups or clumps of intermittency spikes
interspaced with a low-level laminar signal. This is indicative of crossflow vortices moving laterally back and
forth across the hot-film sensor. The vortices are in the process of transition and contain intermittency, while
the regions between the vortices are still laminar. Figure 4.2.3-5 shows an example of this for a crossflow
instability-driven transition front. When appropriate flow visualization is used, the crossflow transition front
shows the distinctive saw-tooth pattern of laminar and turbulent regions. When one imagines the appearance
of a hot-film signal as this laminar and turbulent pattern shifts laterally across a hot-film sensor, this shifting
18, in fact, what is realized.
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Figure 4.2.3-4. Boundary layer transition from laminar to turbulent for Tollmien-Schlichting instability as
given by ac coupled hot-film sensor anemometer signal.
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Figure 4.2.3-5. Boundary layer transition from laminar to turbulent for crossflow instability as given by
ac-coupled surface hot-film sensor anemometer signals.
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For the purpose of more detailed investigations on wave propagation in a wing boundary layer, it is often
desirable to measure the absolute value of instability amplitudes expressed in dimensions of the flow rather than
the pure output voltage from the anemometry system. As was explained above, the output signal of hot-film
elements is connected with the rate of heat transfer from sensor into the flow. Hence, via Reynolds analogy, the
output voltage £ = E +¢' may also be related to the instantaneous value of the wall shear stress
T,=1,+7T . Here, the line above (bar) denotes the mean value of the respective quantities, while the
quotatlon mark stands for their time-dependent fluctuations. Considering only very small amplitudes being at
least two orders of magnitude smaller than mean values, T’ may be identified from a Taylor series expansion
as

= dx /dE ¢ (4.2.3-1)

A generalized King’s law according to Bruun [95]

=2 _ 1/ n
E =4-1, +B (4.2.3-2)
can then be employed as the appropriate calibration relationship to obtain a characteristic curve T, = = f(E) and

its derivative dT, / dE . Of course, before applying equation (4.2.3-1), one has to find a sultable procedure to
determine the mean wall shear stress at the hot-film position. In a flight test, this can be done on the basis of a
wall pressure distribution measured simultaneously with the anemometer signal. Using a laminar boundary
layer computer code, for example [96], one may then calculate T, on any given location. Nevertheless, note
that all data points for the calibration relationship must be taken at constant ambient conditions with respect to
air temperature and density. Normally, this can be achieved by keeping the flight level constant throughout a
test flight.

The feasibility of the approach described above has recently been verified in a flight experiment on the
investigation of free-stream excited Tollmien-Schlichting waves [97]. Measurements were performed with a
64-element hot-film array attached to a laminar glove on a low-speed light aircraft, see figure 4.2.3-6. As a
representative, the characteristic curve obtained for one of the hot-films is shown in figure 4.2.3-7. Based on
such characteristic curves, time histories of signals from all hot-films were scaled. Figure 4.2.3-8, for example,
shows T~ of nine sensor elements distributed with a spacing of 4 mm in spanwise direction at 37 percent
chord. Disturbance amplitudes in this case are in the order of 0.6 mPa, while the mean wall shear stress in this
case was 1.18 Pa.
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Figure 4.2.3-6. Test aircraft LFU 205 with 69-element hot-film array for investigation of T-S wave structures.
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Figure 4.2.3-7. Calibration chart for a hot-film sensor.
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Figure 4.2.3-8. Scaled time histories of fluctuating part of hot-film signals.



4.2.3.3 Hot-wire anemometry

The initial development and first applications of the heat-flux sensor technique were for hot-wire sensors
in the late 1940s. Hot-wire anemometry provided the first experimental confirmation of laminar boundary
layer stability theory and was used extensively to investigate turbulent boundary layers. The diameters of the
wires used vary, but typically are in the order of a few micrometers, say 2 to 5 wm or so. The length can be as
small as 2 mm. Thus, the hot-wire sensor has an extremely small spatial resolution and is quite suitable for
probing laminar or turbulent boundary layers with a thickness as small as 1 to 2 mm.

For many practical reasons, hot-wire anemometry tends to be used primarily in the laboratory
environment, but has been used successfully in flight to measure laminar boundary layer velocity and
instability disturbance profiles on a wing [98]. From a practical point of view, the use of hot-wire anemometry
in flight, as compared to hot-film anemometry, is mainly limited to investigating questions regarding the
structure of boundary layers; i.e., situations where the sensor is required to be positioned within the boundary
layer at some distance away from the aircraft surface or perhaps traversing across the boundary layer from the
surface to the external flow. Two practical concerns here are the fragility of the wire sensor, and a proper
calibration that takes account of the varying physical properties of the air encountered in the flight regime of
the investigation. Breakage of hot-wire sensors is almost always a result of human handling or other human
activity near the sensor probe. When breakage occurs, then the sensor must be replaced and a new calibration
performed. Proper planning for this can reduce the breakage problem to within reasonable practical limits. If
the sensor probes are mounted externally on the test aircraft, then suitable protection covers should be utilized
whenever the aircraft is on the ground.

Most often a hot-wire sensor is used to measure the flow velocity at the position of the probe. A
calibration relationship between the flow velocity and the bridge voltage of the anemometer circuit must be
established. The physical parameters that effect the heat transfer from the hot-wire sensor to the flow are the
temperatures of the wire and of the flow, the density of the flowing fluid, and the velocity of the flow. In a
laboratory, the respective temperatures and flow density are most often controllable, and are held constant for
any particular test. The calibration function then has only the flow velocity as the independent variable. This
form of the calibration function, which is known as King’s Law [99] is

E* = (4+BU )1, 1) (4.2.3-3)

Where E is the anemometer output bridge voltage, U is the flow velocity, t,, and ¢, are the temperatures of
the hot-wire sensor and the flow (respectively), and A and B are calibration constants to be determined. In
flight applications, the flow density and temperature are also independent variables and a more
mathematically complex relationship is needed. One developed by Miley and Horstmann [98] which has
proved successful, follows:

A+BE* = k1, ~ ta)(Ref)a(G)b (4.2.3-4)

The variables E, t,, and 7, are the same as in the King’s Law relation (4.2.3-3); k and G are respectively the
thermal conductivity and the sea level density ratio of the air; Re is the Reynolds number of the flow based
upon the sensor wire diameter; A, B, a, and b are calibration constants to be determined. The subscript “f’
denotes film conditions, that is, fluid conditions based upon the average of the sensor temperature t,, and the
flow temperature f,. The calibration constants A, B, a and b, are determined by using a non-linear
least-squares solver on equation (4.2.3-4). It is necessary in this procedure to have a calibration data point for
the no-flow condition, that is, flow velocity U = 0 (Re,= 0). Otherwise, the nonlinear least-squares solver
will drive the solution to 4 = 0, which will give a smaller sum-of-the-squares of the deviations, than for
A #0. Figure 4.2.3-9 shows a nonlinear least-squares curve fit to hot-wire calibration data from both flight
and wind tunnel data for the same sensor. For demonstration purposes, in this particular case, the sea-level
density ratio term (6)° has been removed from equation (4.2.3-4). The effects of the density variation



between the flight data and the wind tunnel data are evident. Including the density ratio term o, gives the
result shown in figure 4.2.3-10. One sees here that data from a wide range of flow temperatures and flow
densities collapse nicely to a single calibration curve. Some representative in-flight hot-wire data from
reference [98] are shown in figure 4.2.3-11. Note the magnitude of the dimension for the boundary layer
thickness. This provides some insight to the spatial resolution capability of a hot-wire probe.
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Figure 4.2.3-9. Hot-wire calibration results with the density ratio term inactive (G = 1).
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Figure 4.2.3-10. Hot-wire calibration results with the density ratio term active.
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Figure 4.2.3-11. Measurement of laminar boundary layer velocity profile by hot-wire sensor, inflight, on wing of LFU
205 aircraft.

4.2.4 RAISED-PITOT TECHNIQUE

A simple technique to determine the state of a boundary layer on a surface is to use the raised-pitot
technique [29, 100]. This technique indicates whether the boundary layer is in a laminar state or turbulent
state, and was used in some of the earliest laminar flow flight tests [1, 4, 13, 14]. The technique can also
approximate the location of boundary layer transition, using a simple calibration.

The raised-pitot technique relies on a small pitot tube (in this case 1.57-mm (0.062-in.) diameter) that is
located at a height above the surface slightly greater than the thickness of the laminar boundary layer. This
pitot tube is compared to a reference pitot placed far outside the boundary layer as shown in figure 4.2.4-1.
For a laminar boundary layer, the thin boundary layer is beneath the raised pitot and the pressure measured is
nearly the same as for the reference pitot. For a turbulent boundary layer, the raised pitot is immersed in the
thicker boundary layer and a differential pressure is noted between the pitot and the reference probe.

The technique is calibrated by placing boundary layer transition strips spaced in front of the pitots. The
calibration results are shown in figure 4.2.4-2 for the JetStar Leading Edge Flight Test experiment [25]. The
calibrations are presented as a function of pressure ratio and cord location. The calibrations were unique for
the upper and lower surface and for each test article. For a ratio of the differential pressure divided by the
free-stream dynamic pressure less than 0.09, the flow was considered laminar. This curve, used for all flight
conditions for this program, should be considered approximate at best. Functions such as altitude, Mach
number, angle of attack, and span station should be considered when flight conditions are considerably
different than the flight conditions for the calibration.

An example of data from a spanwise row of raised pitots behind a laminar flow control panel is shown in
figure 4.2.4-3. The differential pressures between the reference probes and the raised pitots is plotted as a
function of span. In this example, as the altitude increased from 10.4 km (34,000 ft) to 11.6 km (38,000 ft),
more of the flow over the span of the wing became laminar. This figure from reference [25] shows the effect
of Reynolds number (altitude) on the attachment line boundary layer.
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Figure 4.2.4-1. Raised-pitot technique schematic for laminar and turbulent boundary
layers.
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Figure 4.2.4-2. Raised-pitot calibration for JetStar LFC Leading Edge Flight Test article trailing edge with transition
position, M = 0.75, H = 11, 582 m (38,000 ft).
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Figure 4.2.4-3. Results for the JetStar LFC showing effect of altitude on spanwise contamination using raised-pitot
technique, M = 0.75.



4.2.5 TRAVERSING SURFACE PITOT

Small traversing surface pitots have been used in flight to measure the location of boundary layer
transition. The first instance of this was by B. Melvill Jones at Cambridge University and was reported in
1937 at the 1st Wright Brothers Lecture [2]. Jones moved four pitots and one static probe along the wing of an
airplane. One pitot rested on the surface of the wing while the others were distributed through the boundary
layer. In figure 4.2.5-1, the laminar boundary layer velocity profile just before transition (1) is sketched with
the turbulent boundary layer velocity profile just after transition (2). The horizontal lines in the diagram of
fig. 4.2.5-1(a) represent the probe heights of the three probes in the boundary layer (lines A, B, and C), and the
one probe outside the boundary layer (line D). In the diagram of figure 4.2.5-1(b), the pitot pressure is shown
as a function of distance through the transition zone. While this method was very effective in locating
boundary layer transition, Jones seemed to prefer the raised pitot techniques (see previous section) for
estimating the location of transition to “within a couple of inches” (5 cm) for its simplicity.
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section.

Figure 4.2.5-1. Diagrams used for explaining the method used for location of the region of transition to
turbulent flow, from Jones reference [2].

For the F-15 10-deg cone experiment [101, 102], a single, small traversing surface pitot was used to locate
boundary layer transition on a highly polished cone that was tested in both wind tunnel and flight, fig. 4.2.5-2.
The pitot was a chamfered 0.051 cm O.D. (0.020 in.) hypodermic needle flattened to 0.030 cm O.D.
(0.012 in.), with a semiconductor strain-gage differential pressure transducer close-coupled in the probe,
fig. 4.2.5-3. The pitot tip was held against the cone with spring pressure. Data was used from the probe only
while it was slowly moving forward.

The probe was traversed along the cone surface using an electric motor and rack-and-pinion mechanism.
While this mechanism previously had been used successfully in many wind tunnels, a structural analysis, a
proof loads test, vibration tests, and environmental tests were required, since it would be mounted on an
aircraft forward of the cockpit, figure 4.2.5-4. The environmental tests included operating the system in a
chamber at the expected flight altitude and temperatures.



A typical example of the data is shown in figure 4.2.5-5. The absolute value of the pitot probe pressure
was normalized with the free-stream total pressure and shown as a function of cone length. The onset of
transition, x,,., was defined as the minimum value of the pressure ratio, while the end of transition, x7,, was
defined as the maximum value of the pressure ratio. The boundary layer, initially laminar, would grow in
height; the surface pitot would sense lower pressures, following the pressure trace from front to rear. As
boundary layer transition occurred, a mixing would occur in the boundary layer causing a sharp rise in the
surface pitot pressure. When the boundary became fully turbulent, the boundary layer would grow in height
and the total pressure on the surface would decrease while moving aft. Damania [103] showed similar results
using fixed Preston tubes placed along the chord of a laminar flow control wing on a powered glider.
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Figure 4.2.5-2. Ten-degree transition cone and instrumentation.
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Figure 4.2.5-4. Transition cone mounted in front of test bed aircraft.

A48 —

44—

40 —

Free-stream total pressure

Traversing probe pressure

3 4 5 .6 7 .8
Probe position, x/L

.36

020396

Figure 4.2.5-5. Typical pitot probe pressures as a function of probe position, M = 1.44

4.2.6 EMITTED FLUID TECHNIQUE

The emitted fluid technique was developed primarily for flow visualization of surface streamlines and
areas of separated flow and has been used successfully at Douglas Aircraft [104], and at NASA Dryden Flight
Research Center [105, 106]. However, it has been used to give indications of boundary layer transition in
flight. This method consists of emitting a small quantity of propylene glycol monomethyl ether (PGME)
containing toluene-based dye from small-diameter surface tubes or orifices on the aircraft skin while the
aircraft is at stabilized flight conditions. The flight conditions are held constant for 1 to 2 min. while the fluid
evaporates and the dye sets or dries.



A plumbing schematic of the system used on the F-18 High Alpha Research Vehicle (HARV) is shown in
figure 4.2.6-1. The PGME-dye reservoir shown is a hydraulic accumulator with an internal piston commonly
used in aircraft hydraulic systems. Block valves, figure 4.2.6.2, were used to turn the flow to each orifice on
and off. Each block valve permitted 32 fluid lines to be turned on or off at a time. Six block valves were
required for the 192 orifices used. Each outgoing line was connected to a single orifice with nylon tubing. At
each 1.17-mm (0.046-in.)-diameter surface orifice, an inline 0.51-mm (0.020-in.)-diameter restrictor was
used, both to help limit the fluid flow while the system was operating and to retain the fluid in the line after
the system was shut off.

The dye patterns of the surface streamlines and separated flow regions are documented by photographing
the surfaces on the ground after each flight. Only one such data point can be obtained per flight and
preferably, should be obtained at the end of a flight to prevent “contaminating” the dye pattern.

The emitted fluid technique was used to identify streamlines on the forebody and wing leading-edge
extensions on an F-18 during flight testing at high angles-of-attack [107]. In addition to identifying the
separation and attachment lines, the technique highlighted the laminar separation bubble as shown in
figure 4.2.6-3. At high angles of attack, the fluid puddles at the laminar separation bubble, causing a kink in
the streamlines. Note that where screw heads cause premature transition, the puddling and the kink in the
steamlines are not present, confirming that the puddling was caused by the laminar separation bubble.
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Figure 4.2.6-1. Schematic of F-18 surface flow visualization system.
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Figure 4.2.6-2. Modified block valves for surface flow visualization system.
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Figure 4.2.6-3. Laminar separation bubble identified on F-18 radome using emitted fluid
technique, o0 = 47°.

4.2.7 L1IQUID CRYSTAL TECHNIQUE

Liquid crystals have been used to visually identify the location of boundary layer transition. The first
application of this technique was on a model in the wind tunnel by Klein [108—110] while the first application
in-flight was by Holmes and his associates at NASA Langley Research Center [111-113]. Liquid crystals can
be formulated to be either temperature sensitive or predominantly shear sensitive. The shear sensitive
(temperature insensitive) are usually preferred for flight tests because of the large variation in temperature
with altitude.

Liquid crystals are in a state intermediate between that of a crystalline solid and an isotropic liquid. They
are one of a unique substance (generally organic in nature) which do not pass directly from a crystalline solid
to a liquid and vice versa. They possess the mechanical properties of liquids (fluidity and surface tension) and
the optical properties of crystalline solids (anisotropy to light, birefringence). They also have unique
properties not found in either solids or liquids. In particular, they can cause incident white light to be scattered
selectively. The helical structures within a film of liquid crystals tend to align themselves so that the coating
will scatter specific wavelengths of light in particular directions, similar to the scattering of a solid crystalline
material. The scattering direction of a given wavelength, or color, is determined by the pitch of the helix,
which is affected by temperature, shear stress, electromagnetic fields, and other environmental
factors.[113,114]

The application of liquid crystals requires that the surface be cleaned of all dirt, grease, fingerprints, etc.
[115]. The surface should also be colored flat black for best results, though adequate results have been
obtained with a dark red or blue background [113]. A uniform coating is applied either with a spray gun or
brush. Solvents such as acetone can be used to thin the liquid crystals. After the solvents have dried, the liquid
crystals are ready for use.

The shear sensitive liquid crystals are unsealed and deteriorate with time, so should be removed and
cleaned each day. They can be cleaned with acetone or a warm soapy water wash.



Figure 4.2.7-1 and 4.2.7-2 show examples of the use of liquid crystals to indicate boundary layer
transition in flight. Figure 4.2.7-1 shows the location of boundary layer transition on the winglet of a
Lear 28/29 [111] indicated by the change in color of the liquid crystals from blue to yellow. This was one of
the first uses of liquid crystal in flight and used temperature-sensitive liquid crystals. For best results,
temperature-sensitive liquid crystals should be used on an adiabatic surface, i.e., one that is insulated or has a
low coefficient of thermal conductivity.

In figure 4.2.7-2, boundary layer transition is shown on a fiberglass glove on an F-14 on a section that had
been painted black for good contrast [34]. For the F-14A tests, the shear sensitive liquid crystal (called
“pressure-sensitive” by the manufacturer) was applied to laminar flow wing gloves on an F-14A aircraft
approximately one hour prior to takeoff. Boundary layer transition is noted by the abrupt change in color in
the liquid crystal coating. The colors themselves are not important because they change with viewing angle as
well as ambient temperature.

Figure 4.2.7-2 (a) represents a case where transition occurred forward on the test section, probably
because of cross-flow disturbances generated by leading edge sweep and is indicated by the sawtooth pattern
at approximately 5- to 10-percent chord. Figure 4.2.7-2 (b) represents a case where transition occurred about
midchord, as a result of the laminar boundary layer encountering an adverse pressure gradient and is indicated
by a uniform line at about 30-percent chord. One other observation in figure 4.2.7-2(b) is the presence of a
“transition wedge” near the outboard edge of the test section, probably because of an insect impact or dust
stuck in the oily liquid crystal mixture.

A comparison of the boundary layer transition location was made with hot-film sensors on the same
glove, with and without liquid crystals applied for altitudes below and above 25,000 ft (7,620 m) as shown in
figure 4.2.7.3. The data without liquid crystals were obviously not flown on the same flight as the data with
liquid crystals. The location of transition is plotted as a function of angle of attack. At low altitudes, all of the
transition data obtained with liquid crystals on the glove surface fall below the transition obtained without the
liquid crystals on the glove. At high altitudes, the comparison is much better and there is only a 5 percent
variation in the transition location [38].

020401

NASA Langley Research Center Photo L-86-1401

Figure 4.2.7-1. Transition visualization using liquid crystals on the Lear 28/29 airplane winglet.
Pressure altitude 48,000 ft., M = 0.8, leading edge sweep = 31°
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Figure 4.2.7-2. Examples of shear sensitive liquid crystals on F-14A glove section.
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Figure 4.2.7-3. Comparison of boundary layer transition with and without liquid crystals.

The advantages of liquid crystals in-flight are that they give a global view of boundary layer transition,
they are easy to apply, and only require a camera for documentation. They are highly responsive [116] and
several data points can be obtained on a flight before the liquid crystals are scrubbed away. The disadvantages
are that, first, with liquid crystals applied insects and dust tend to adhere to the surface in greater amounts
causing localized turbulent regions seen as wedges in the liquid crystal coating as shown in figure 4.2.7.2.
Secondly, the uneven application of the liquid crystals can cause color changes in the liquid crystal pattern,
interfering with the interpretation of the pattern. Therefore, care must be taken to ensure a uniform coating
during application. Lastly, at low altitudes, i.e., below 25,000 ft (7,620 m), or increased unit Reynolds
number, the liquid crystals can affect the transition location [38]. This effect can be reduced if the coating is
applied on a flat paint surface in a uniformly thin manner such that the scrubbing or movement of the coating
is minimized.

4.2.8 SUBLIMATING CHEMICALS TECHNIQUE

Clifford J. Obara, NASA Langley Research Center, Hampton, VA USA

The chemical sublimation method for indicating boundary layer transition was developed in the mid
1940s at the Royal Aircraft Establishment [117, 118]. Originally devised for low-speed wind tunnel testing,
the method was extended to aircraft in flight with the introduction of more durable coating materials [119].
The sublimation method for indicating boundary layer transition has the advantages of simplicity, speed, low
cost in operation, and capacity to provide a very detailed graphic record of the transition from laminar to
turbulent over the test surface. In addition, the technique can indicate regions of laminar flow separation. The
method has been proven capable at speeds up to Mach 2, at temperatures down to —55 °C and at altitudes up to
55,000 ft [9, 10]. Several chemical solids have been found to be suitable diffusible coating films. These
chemicals have high melting points, no adverse effects on surface finishes, and low vapor pressures for
acceptable sublimation times of from five to sixty minutes. The method is a versatile technique in
investigating boundary layer phenomena in both flight and wind tunnel testing.

The procedure of the sublimation method involves coating the surface to be observed with a very thin film
of volatile chemical solid. During exposure to the freestream airflow, areas develop in which the chemical
film sublimates more rapidly because of greater local shear stress or skin friction within the boundary layer
such as that found in turbulent flow. The regions near stagnation on the surface will also see high shear



stresses and hence greater rates of sublimation. The stress-induced heating produces the different rates of
sublimation.

There are several criteria necessary for the coatings to remain solid, opaque, and durable at the
temperatures at which transition indications are obtained and examined. The chemicals must have a high
melting point, be resistant to moisture, have no adverse effects on surface finishes, have low vapor pressures
for aerodynamic use, and be solvent in a fast evaporating carrier. These considerations restrict the possible
compounds of solids with melting points above 50 °C, low or medium molecular weights, and containing
much hydrogen. The types of solid compounds suitable are hydrocarbons, esters, alcohols, ethers, ketones,
acylamines and azohydrocarbons [117]. Another consideration for selecting an appropriate chemical is safety
from health hazards associated with the use of such compounds. Four useful compounds which meet these
requirements and provide a practical range of operating characteristics (sublimation rates) are naphthalene,
biphenyl, acenaphthene, and fluorene.

The solvents used must be of low toxicity, low corrosiveness, and be highly volatile. Water and the
low-volatility alcohols have insufficient vaporizing characteristics to be used as solvents. Some of the esters,
which are low in toxicity are corrosive to metals in long-term use. The solvents found to be most suitable are
acetone and light petroleum fractions. Recent restrictions on the use of many candidate solvents because of
ozone contamination, have reduced the choices for a suitable solvent. The commercially available genesolv
has worked well, leaving a thin, non-crystalline, white film of diffusible chemical solid. Acetone is another
viable candidate solvent if used in a well-ventilated area (because of its flammability). The requirement for a
highly volatile solvent is a result of the process by which the sublimating chemicals are applied to the surface.
The chemical is applied to the test surface by compressed-air spraying with a technique called “dry-spraying.”
The solution is applied to the surface in such a manner that the solvent is almost completely evaporated before
the solution has time to wet the surface, leaving the sublimating chemical coating on the surface. Proper spray
technique will produce a powdery matt appearance of the chemical coating; when the spray goes on too wet,
the coating appears crystalline. After spraying, the chemical coating can be brushed with a soft bristle brush,
wiped with cheesecloth, or rubbed with a gloved hand to loosen large chemical particles which can adhere to
the coating and cause turbulent wedges.

In order to provide quality photographic reproduction of the developed chemical pattern, it is
recommended that the test surface be painted a dark, contrasting color such as flat black. For times when the
surface cannot be painted, food coloring added to the solution prior to spraying has worked well to enhance
the contrast. Keep in mind however that some dyes may leave a slight discoloring of the test surface. An
intentional boundary layer trip placed near the leading edge is useful for indicating the rate of transition
pattern development in the chemical coating. Applied in the manner described, the thin layer has had no
first-order effects on the measured transition location.[21]

Sublimating chemicals have been used extensively in flight and wind tunnel applications to document the
location of boundary layer transition on wings, fuselages, propellers, and empennages.[21] From this
experience, it has been possible to determine the boundary layer transition mechanism or mode by analysis of
the chemical patterns which develop.[120] Typical patterns for the four most common modes of transition are
shown in figure 4.2.8-1. The developed pattern is shown as white in the laminar region. Tollmien-Schlichting
instability transition is characterized by a ragged transition line as shown in the top pattern. A crisp, straight
transition front indicates the presence of laminar separation. When there are streamwise striations in the
chemical coating followed by a very jagged or sawtooth transition line, crossflow or Gortler instability can be
the transition mechanism. The fourth common transition pattern is formed by three-dimensional roughness
elements. A typical shape would consist of a thin trail behind the element followed quickly by a turbulent
wedge.
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Figure 4.2.8-1. Transition mode characteristics in sublimating chemical patterns.

Figure 4.2.8-2 shows the transition pattern on the winglet of a business jet aircraft. This test was
conducted at a Mach number of 0.5 and a unit Reynolds number of 2.1x10° ft™!, using acenaphthene. On the
upper span of the winglet, the transition front at around 65 percent chord is very smooth and straight,
characteristic of laminar separation. Around midspan a roughness particle prematurely tripped the boundary
layer. A third mode of transition appears in the lower-span region. Between 5 and 10 percent chord, there is a
manufacturing joint with an aft-facing step and several screw slots. The screw slots were not smoothed over
and, consequently, in the one region, they caused premature transition. In the lowest region of visible
chemicals, the aft-facing step was the cause of premature transition. This particular test was somewhat unique
in that the flightpath included a rapid ascent to the test condition, around 20 minutes of on-condition time to
establish the chemical pattern, and a rapid descent to landing. The off-condition portions of the flight did not
alter the transition location and final photographs were actually taken on the ground.

An example of crossflow vorticity transition is shown in figure 4.2.8-3. This test was conducted on
another business jet with a wing sweep of 27 deg at a unit Reynolds number of 2.4x10° ft"!. The photo shows
the lower surface of the wing near the root. Prior to causing boundary layer transition, the vortices were
spaced at 8 to 10 per inch.

A comparison of the sublimating chemical and liquid crystal flow visualization techniques is shown in
figure 4.2.8-4. The test was conducted in the NASA Langley Research Center 14x22 Foot Wind Tunnel on a
business jet fuselage forebody [112]. The results show good agreement between the two techniques. The
small region of jaggedness in the transition front on the side of the forebody was caused by disturbances from
a three-dimensional roughness near the nose. The two methods produced the same surface patterns in
response to the roughness, illustrating similar sensitivity to transition phenomena.

Application of the sublimating chemical technique for measuring boundary layer transition can be useful
in the design or computational fluid dynamic validation of a wind tunnel model or flight vehicle. The
technique can identify the transition location as well as the transition mode such as boundary layer
instabilities, laminar separation, or transition because of roughness over a range of test conditions from
low-speed to supersonic. The largest limitation to the method is that only one test point can be obtained per
application.
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Figure 4.2.8-2. Boundary layer transition on a winglet surface indicated by sublimating chemicals,
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Figure 4.2.8-3. Crossflow vortices indicated by sublimating chemicals, wing sweep = 27°, Re = 2.4 X 106ft_1.
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Figure 4.2.8-4. Comparison of boundary layer transition visualization methods.

4.2.9 OIL FLOW PAINTING TECHNIQUE

The oil-flow painting technique is used to get qualitative information about the local surface shear stress
of the boundary layer. On horizontal surfaces, such as wings and elevators, the technique can reveal regions of
strong gradients of shear stress and regions of no shear stress as indicated by an unchanged initial painting
pattern. On vertical surfaces, such as fins, gravity forces and shear stress forces result in an inclination of the
oil-flow lines which is sensitive to the local shear stress. The oil painting technique can identify laminar and
turbulent separation lines, determine the location of laminar-to-turbulent boundary layer transition, show
turbulent reattachment lines, and the location of termination shocks from local regions of supersonic flow.
Thus, boundary layer flow separation and the laminar-to-turbulent transition process can be investigated in
detail using the oil painting technique.

The paint mixture generally is a combination of oil and pigments. The pigment color should be in a sharp
contrast to the color of the surface to be investigated. Powdered black graphite or red or yellow paint pigments
are frequently used. The paint mixture should consist of one-quarter to one-third pigment to three-quarters to
two-thirds oil by volume. The portions have to be mixed very carefully to avoid lumps that could induce
transition.

The type of oil and its viscosity must be determined in flight. The selection depends on the flight speed
and on the temperature at the test flight altitude. The higher the flight speed, the higher viscosity requirement
for the oil. At high test altitudes, the decreasing temperature needs to be considered. At low speeds and low
altitudes it might be necessary to reduce the viscosity of the oil by means of kerosene. For investigations on
sailplanes, DLR has good experience with a mixture of paraffin oil, kerosene, and red paint pigments in equal
portions by volume.

The aircraft test surfaces must be cleaned of dirt and other substances that could affect the oil patterns, see
[121]. The whole surface structure should be as uniform as possible in order to avoid oil-flow behavior
governed by surface discontinuities instead of boundary layer flow. Correlation of the oil-flow characteristics
with geometric measures, and tick marks of constant chord ratios should be applied on the surface.

The paint mixture can simply be applied on the test surface with a paint brush. Usually the whole test
surface will be painted. It must be taken into account that the paint mixture itself could have an influence on
the boundary layer development. A simple technique to determine if there is any interference from the paint
mixture is shown in figure 4.2.9-1. The oblique upstream pattern of the paint mixture area results in boundary
layer flows with distinct upstream extents of paint mixture surface. If in this case e.g. the transition location or
the extent of the laminar separation bubble is similar in span direction, it can be stated that the paint mixture
has no effect on the flow.



The oil-flow patterns developed on the test surfaces are usually documented by photographs taken, either
from a chase aircraft, from an on-board camera, or after flight on the ground. In the latter case, only one flight
condition can be investigated in a flight. The flight test condition must be trimmed immediately after take off
and kept nearly constant until touchdown. In case of in-flight photographs, different conditions can be flown
and documented. The test time is limited by the loss of oil, to between 10 to 30 minutes. To ensure a correct
interpretation of the photographs, it is very helpful to record the whole development of the flow patterns with
a video camera.

NASA has used this technology over a broad band of speeds, flight levels, and types of aircraft. Curry,
Meyer and O’Connor reported in [122] oil-flow painting tests on fighter aircraft, a drone, and a glider. A
survey of each aircraft used and of the oils and pigments employed are listed in table 4.2.9. The test flight
envelope for a particular aircraft at which photographs were taken is shown in figure 4.2.9-2.

Table 4.2.9. Summary of Flight Experiments.

Flight-test Number

Aircraft period of flights Oil solutions tested Pigment
F-111 TACT/NLF August 1980 4 Chevron 80W-90 Graphite
AD-1 May-June AMS/Oil Synthetic Gear Lube (EP)
AMS/Oil Para-Synthetic Engine Oil
5 Chevron 80W-90 FeO,
Mobil 1
Mixture”
F-14 January 1983 3 AMS/Oil Synthetic Gear Lube (EP) FeO,
DAST February 1983 3 AMS/Oil Synthetic Gear Lube (EP) TiO,
F-104/FTF March 1983 1 AMS/Oil Synthetic Gear Lube (EP) Mixture” FeO,
PIK-20E April 1983 AMS/Oil Synthetic Gear Lube (EP) Mobil 1
4 Mixture” FeO,
Pennzoil (10-40W)
T-38 May 1983 Exxon S*ynesstic 32
2 lz\x/llsl(g;rgﬂ Synthetic Gear Lube (EP) FeO,
Mobil 1

“Mixture of AMS/Qil Para-Synthetic Engine Oil and Mobil (1:1)

The first oil-flow flights in the investigation [122] were conducted with the F-111 TACT/NLF aircraft.
For this study Chevron 80W-90 gear oil was mixed with powdered black graphite in a ratio of four parts oil to
one part graphite by volume. Flight observations of the oil mixture indicated that at altitudes above 7.6 km
(25,000 ft) the mixture no longer responded to the flow field of the wing glove. In reference [122] it is stated
that this observation was likely the result of the low temperatures at high altitude causing an increase in the
viscosity of the oil mixture. As a consequence, the oil-flow study was conducted at an altitude of 7.6 km
(25,000 ft). It was found that between take-off and the time at which the first test condition was established,
most of the oil near the wing glove leading edge was moved aft by the airflow. Sufficient oil remained on the
wing glove leading edge, however, for boundary layer transition identification during the first 30 min of
flight, while the shock wave location was observable during one hour of flight.
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Figure 4.2.9-1. Oblique upstream border of painted area to investigate a possible influence
of the paint on the transition process.

Dynamic pressure, Ib/ft2

7 10 20 40 70 100 200 400 700 1000
T T T T T T T T e
— 40
10 |—
F-111/NLF~ —] 30
Altitude, F-14 Altitude,
km ft
DAST — 20
a
5 S
———
AD-1 — 10
[__PIK20E | F-104/FTF
| [ 1 | | [ | | | 1o
0o 4 7 10 20 40 70 100 200 400 700

. 2
Dynamic pressure, hN/m 020516

Figure 4.2.9-2. Flight conditions at which oil-flow patterns were photographed. [121]

In the next set of flight tests, which were conducted on the AD-1 aircraft, a different darkening agent,
putty black (FeO2), was used in an attempt to provide more contrast between the oil and the wing surface. As
part of these flight tests, a mixture of equal parts of Mobil 1 and AMS/Oil Para-Synthetic was compared with
Mobil 1. The mixture of Mobil 1 and AMS/Oil responded well to the flow conditions and remained on the
wing. This mixture was therefore employed on subsequent flights. In order to investigate the repeatability of
the oil-flow patterns, on two flights the order of the flight test points was reversed. It was found that the test
point order had no observable effect on the oil flow patterns. A variation of the mixture ratio of oil and putty
black in the range from 10 parts oil to 1 part putty black to 20 parts oil to 1 part putty black showed little
sensitivity of the oil flow patterns to the mixture ratio. However, a ratio of 15 part oil to 1 part putty black was
necessary for good visualization. A photograph from the AD-1 oil flow experiments is shown in
figure 4.2.9-3. Highlighted in the figure is the front of natural transition on the port wing and flow separation
on the port aileron.



Figure 4.2.9-3. AD-1 oil-flow experiment: Indicated airspeed 45.3 m/sec
(87.9 knots), 30° wing sweep. [122]

Low-speed oil-flow visualization flights were undertaken with the PIK-20E motor-glider. Four oil
solutions were tested, comprising Mobil 1, Pennzoil 10-40W, AMS/Qil gear lube and a mixture of AMS/Oil
Para-Synthetic Engine Oil and Mobil 1 (figure 4.2.9-4). The mixture (mixture ratio 1:1) was found to be the
most responsive to the aerodynamic flow field and was successfully used to determine the location of the
boundary layer transition front as a function of airspeed. In figure 4.2.9-5(a) the location of the natural
boundary layer transition is indicated. Reference marks at intervals of 10 percent and 20 percent of chord
length were painted on the wing. On the outboard section of the oil flow test area, a boundary layer trip strip
was applied at the 40 percent chord location. The contrast in oil color across the trip strip is seen to be the
same as the contrast that occurs at natural transition. At about the midspan of the oil-flow test area, a transition
wedge is noted, originating presumably from a surface blemish. Aft of the natural flow transition front, a
sharply defined spanwise line can be distinguished. The authors of reference 122 assumed load-depending
local waviness or discontinuity as the source of this line. Another interpretation of the image is more likely. It
is well known that the PIK-20E airfoil has transition on the upper surface through a laminar separation bubble.
Consequently the first line (marked as “Natural transition”) is the laminar separation line and the second line
(marked as “Location of interior structure”) indicates the turbulent reattachment. In contrast to this
assumption the turbulent reattachment line also exists behind the transition wedge. But this second line also
could be a remaining pattern from another test point. The image is a good example to show that a video
sequence of the pattern development would help to find a correct interpretation. Figure 4.2.9-5(a) depicts the
oil-flow pattern at 60 knots indicated airspeed. At the higher airspeed of 95 knots (figure 4.2.9-5(b)) the
laminar separation is shifted slightly downstream and nearly coincides with the turbulent reattachment.



Figure 4.2.9-4. PIK-20E motorized sailplane with oil-flow test samples.
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(a) Indicated airspeed 31 m/s (60 knots).

Figure 4.2.9-5. PIK-20E oil-flows.




(b) Indicated airspeed 49 m/s (95 knots).

Figure 4.2.9-5. Concluded.

Summarizing, Curry, Meyer, and O’Connor recommend onboard photography as the preferred solution
compared with employing a chase aircraft. Concerning the variety of oils tested, a mixture of AMS/Oil
Para-Synthetic and Mobil 1 was the most successful solution found. The two oils were mixed in a 1:1 ratio
and a pigment was added to provide a contrast with the aircraft surface. When applied to white or aluminium
surfaces, ferric oxide (FeO,), which is commercially available as putty black, was used as a black pigment.
One part FeO, was mixed with 10 to 15 parts of the oil mixture. A white pigment, titanium dioxide (TiO,),
was employed to improve the contrast with dark surfaces. The titanium dioxide was mixed with oil in about
1:1 ratio. It is important to avoid clumps of undissolved pigment in the oil solution since this can cause
premature boundary layer transition. This problem can be overcome by first mixing a small amount of oil
solution with the pigment to form a smooth thick paste and then adding the remaining oil solution.

The synthetic oils used in reference 122 were preferred because their viscosity tends to be more constant
with respect to temperature variation. For high performance airplanes and conventional oils, in particular, an
oil that was responsive at the cold temperatures of high altitude, would be too easily blown off the surface at
low altitudes in warm temperatures during take-off and climb. Therefore the goal is to have a somewhat
constant viscosity through a wide temperature range.

4.3 Acoustics measurements

4.3.1 INTRODUCTION

The stability of laminar boundary layers can be influenced by acoustic noise. In particular, when the
frequency of acoustic noise coincides with the frequency range of critical Tollmien-Schlichting (T-S) waves.
The wave amplitude growth process may be accelerated, shifting the transition point upstream. The physics of
this receptivity problem is not yet fully understood. For flight tests the noise of a propeller or of the fan of a
turbofan engine could be strong enough to force the transition process. Thus, the measurement of the noise



and therewith the knowledge of the frequency spectrum of an engine could be helpful in interpreting flow
observations.

On the other hand, noise measurements could be used to determine the pressure fluctuations of the
Tollmien-Schlichting waves and thus the frequency spectrum of the amplified waves. The noise
measurements further allow one to distinguish between T-S waves and those intermittently appearing T-S
waves and turbulent spots indicating the transition area. For both cases the measurement techniques are
described, and measured examples shown.

The measurements of engine noise reported here were performed during flight tests with the DLR
VEFWG614/ATTAS flight test aircraft (figures 4.2.2-1 to 4.2.2-3) investigating an NLF nacelle [66]. The flight
test vehicle and the nacelle are described in reference 69.

4.3.2 ACOUSTIC NOISE MEASUREMENTS ON A NACELLE

In the following, the results obtained with a Kulite transducer microphone installed on the
VFWG614/ATTAS NLF nacelle are presented. The location of the microphone employed is shown in
figure 4.3-1. It was a miniature piezoresistive pressure transducer microphone MIC-062 produced by Kulite.
The specified operating temperature range of =55 °C to 120 °C avoided the need for a microphone heater. The
microphone was mounted with its protective screen flush with the external surface of the fan cowl. Kulite
microphones can tolerate more than one atmosphere pressure differential across their diaphragms, so that the
pressure reference tube can be left open inside the nacelle fan cowl. As signal conditioning circuitry for the
Kulite transducer microphone, a compact unit, consisting mainly of a voltage regulator and two AD524A
instrumentation amplifier chips, was used. This Oxford University development was mounted on the intake
barrel of the engine. The Kulite transducer was excited with 15V dc and the output was amplified by the two
AD524 amplifiers. Each amplifier had a gain of 10. The first amplifier was ac-coupled to the second. The
bandwidth of the Kulite transducer microphone reached up to 100kHz, which exceeded the capabilities of the
Oxford University data acquisition system.

NLF nacelle X A - Accelerometer (¢ = 90°)
TDC
Fan cowl )
| O ™M - Probe microphone
(¢ = 90°, ¢ = 280°)

B LC - Liquid crystal heater pad
(¢ = 120°, @ = 240°)

TF - Thin film gauge array
(¢ =55°, ¢ =305°)

@ K - Kulite transducer
microphone (¢ = 270°)
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Figure 4.3-1. Survey of the location of measurement equipment on the NLF nacelle fan cowl on the
VFW614/ATTAS.



In figure 4.3-2 the power-spectra from the Kulite transducer microphone are shown for comparison for
three different operating conditions of the VFW614/ATTAS. Depicted are the results for the cruise condition,
descent with the port engine shut down, and windmilling, as well as a condition with the aircraft stationary on
the ground with the port engine running at a speed corresponding to that at cruise condition. The figure
illustrates the effect of the engine on the noise environment. There is no evidence of discrete frequency
components in the trace when the engine was shut down in flight and windmilling. Comparison between the
two conditions with the engine running show that the random flow noise found in flight, masks the higher
harmonics of the fan blade passing frequency which are observed when the aircraft is stationary on the
ground. Thus, the trace for the engine ground run not only shows the spikes for frequencies lower than
10 kHz, but also shows, in ascending order of frequency, spikes of the rotor blade passing frequency of the
intermediate pressure compressor at about 10.4 kHz, and the 2nd harmonic (12.9 kHz) as well as the 3rd
harmonic (17.2 kHz) of the fan blade passing frequency. Note that the rotor blade passing frequency of the
first stage of the high-pressure compressor coincides with the 2nd harmonic of the fan blade passing
frequency. The sources for the spike at 14.8 kHz, between those of the 2nd and 3rd harmonic of the fan blade
passing frequency, and at 27.1 kHz, could not be identified.
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Figure 4.3-2. Sound pressure levels measured by the Kulite transducer microphone on the ATTAS NLF nacelle fan
cowl at cruise, port engine shut down, descent, and ground running.



The higher noise level observed during the engine ground run appears to be a result of the effect of the
ground as a reflective surface. In addition the absence of an external flow for the convection of acoustic
disturbances away from the aircraft may be responsible. The higher level of random noise seen in flight with
the engine shut down and windmilling appears to be caused by flow noise resulting from spillage from the
engine intake whilst the engine is windmilling. For this flight condition the boundary layer on the external
surface of the NLF nacelle fan cowl is fully turbulent a short distance downstream of the highlight. In
contrast, for the cruise condition at the location of the pickup point of the Kulite transducer microphone the
boundary layer is still laminar, with flow transition occurring in close proximity but downstream of the pickup
point. The different transition locations associated with both of the above flight conditions are induced by the
different engine mass flows which govern the nacelle pressure distribution and dominate any influence of
noise which may possibly exist. Flight tests with a laminar flow glove on the VFW614/ATTAS in the
neighborhood of the engine inlet [40] (mentioned in Section 4.2.1) showed no influence at the above
discussed conditions on the transition location.

4.3.3 TRANSITION DETECTION BY ACOUSTIC NOISE MEASUREMENTS

Boundary layer transition can be detected using flush-mounted microphones or high-response pressure
transducers on a wing or similar surface in flight. On the F-15 10-deg Cone flight experiment [101, 102],
Tollmien-Schlichting instabilities were observed in the laminar and transitional boundary layer
power-spectral densities at both subsonic and supersonic Mach numbers. Shown in figure 4.3-3 are smoothed
PSDs at the same nominal Mach number from several flights. The dominant feature in these cone boundary
layer spectra is the peak, which decreases in frequency and increases in power as Re, increases. Finally, at the
location near the end of transition, the peak disappears into the smooth, broadband spectrum characteristic of
a turbulent boundary layer.

On sailplanes or general aviation aircraft, boundary layer transition can be detected with a very simple
technique using surface-mounted pitot probes connected with small diameter tubing to either a stethoscope or
acoustic ear plug for listening.[123, 21] For powered aircraft, ear noise protection is needed over the acoustic
ear piece to attenuate the background noise of the engine, propeller, and airstream. If the flow is laminar, at
most a gentle rustle or usually nothing can be heard. If the flow is transitioning to turbulent, a lot of little
whistles, consisting either of some odd tones or one predominant tone, are typical. The boundary disturbances
are beginning to get irregular or they are beginning to build up, and as they pass the end of the tube they make
these little noises. In the case of a full transition to turbulent, a very loud roar can be heard.
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Figure 4.3-3. F-15 10° cone power spectral density distribution, M~0.8 (spectra are smoothed).



4.4 Vibration measurements

4.4.1 INTRODUCTION

Vibration of aerodynamic surfaces can affect the laminar flow over such surfaces. It is thus of importance
to possess a knowledge of the vibrational environment when performing in-flight investigations concerned
with the application of laminar flow technology. One especially significant source of vibration can be that
stemming from the power plant in operation.

The instrumentation used and typical results obtained, with reference to the vibrational environment to
which engine nacelles are subjected, will be addressed regarding flight tests conducted within the framework
of a European collaborative program using the DLR VFW614/ATTAS flight test aircraft. The flight test
vehicle and the nacelles flight tested within that program have already been addressed in Section 4.2.2. and
Section 4.3.1, respectively.

4.4.2 NACELLE INSTRUMENTATION FOR VIBRATION MEASUREMENTS

For assessment of the vibration environment experienced by the boundary layer flow over the fan cowls
of the investigated flight test nacelles, single- and three-axis Vibro-Meter CE 506M401 accelerometers were
mounted on the inner surface of the fan cowls in a row at radial ¢ = 90°, as illustrated in figure 4.3-1. The
sensitivity of the accelerometers is 10 mV/g. The specified frequency response of these accelerometers is 7 Hz
to 20 Hz +5 percent with a mounted resonant frequency of 65 kHz nominal and an operating dynamic range of
+ 212 g. This covers the range of 10 Hz to 20 kHz at a maximum of 100 g, which was specified to be the range
of interest as regards a possible excitation of Tollmien-Schlichting waves by the vibration of the fan cowl
structure.

The output of the accelerometer channels was low-pass filtered using an EXAR XR-1004 general purpose
low-pass filter with Bessel characteristic. The roll-off outside the passband provided by this
fourth-order-switched capacitor filter type is 24 dB/octave. The corner frequency of the filter response was
tuned using an external frequency generator. This tuning provided the adjustment of the corner frequency of
the accelerometer filter channels from dc to 20 kHz in parallel by a range switch and a 10-turn precision
potentiometer. The corner frequency for the accelerometer measurements could be shown on a digital display.

4.4.3 RESULTS AND ANALYSIS OF VIBRATION MEASUREMENTS

A typical example of data from acceleration measurements evaluated by the University of Oxford [124] is
shown in figure 4.4-1 for the NLF nacelle with the aircraft flying at maximum cruise. With the port engine
corrected low-pressure rotating assembly speed N being N| -~ = 95.0 percent of maximum, the fan blade
passing frequency is 5.70 kHz. With reference to figure 4.4-1, two observations can be made. Firstly, the
overall level of vibration as recorded appears to be very low and, secondly, there seems to be no evidence of a
pronounced vibration spike at the fan blade passing frequency (i.e. at 5.70 kHz). The sources for the spikes
other than that at the fan blade passing frequency could not be identified. These observations are in contrast to
the results recorded with the engine running on a rigid test bed on the ground. Following [125], single-axle
accelerometers on the internal surface of the fan cowl skin at the circumferential positions ¢ = 0°, 90°, and
270° respectively, show peak accelerations reaching a maximum value of 38.0 g at 6000 Hz. This frequency is
very close to the fan blade passing frequency of 6004.2 Hz when the engine is operated at
N;c = 100 percent. Furthermore, also for the low-frequency band of 0-500 Hz the peak accelerations
observed exceeded those recorded for the maximum cruise flight condition by an order of magnitude. For
comparison, figure 4.4-2 shows the power spectrum of a hot-film signal during an engine ground run. The fan
blade passing frequency, as well as the first and second harmonic, can clearly be identified; whilst the third to
fifth harmonic of the fan blade passing frequency can only be detected from the knowledge of the associated
frequencies.
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Figure 4.4-1. Vibration amplitudes as function of frequency measured by the
accelerometers on the ATTAS NLF nacelle fan cowl at maximum cruise
condition.
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Figure 4.4-2. Power spectrum of a hot-film signal for the NLF nacelle fan cowl
during ground run with 69.9 percent of maximum fan speed.



4.4.4 CONCLUSIONS

An investigation of the vibration to which conventional and laminar flow engine nacelle fan cowls are
subjected has been conducted within the framework of a European collaborative program employing the DLR
VFWG614/ATTAS flight test vehicle. Accelerometers mounted on the inner surface of the fan cowl skin show
that the overall level of vibration to which the fan cowls were subjected in flight was found to be very low and
there was no evidence of a pronounced vibration spike at the fan blade passing frequency. This stands in
contrast to observations made for the engine running on a rigid test bed on the ground.

4.5 Atmospheric turbulence measurements
4.5.1 INTRODUCTION

In the application of laminar flow technology to aircraft design, the objective is to maintain laminar
boundary layer flow over large areas of the air-washed external surfaces of the airframe such as wing,
empennage and engine nacelles. Owing to the sensitivity of laminar boundary layer flow over
aerodynamically smooth surfaces to the effects of disturbance like noise, vibration, and insect contamination,
as well as the atmospheric conditions; all these aspects of receptivity problems must be taken into account in
the aerodynamic design.

As regards atmospheric conditions, one important element of weather phenomena is atmospheric
turbulence. A knowledge of this is not only of significance because it is a property of the natural environment
in which aircraft operate, but it is also important for progress in numerical simulation when developing CFD
codes, as well as for experimental simulation in wind tunnels. Wind tunnel designers strive to achieve in
particular, in the development of advanced wind tunnels specifically designed for aerodynamic investigations
related to laminar flow technology, a flow quality in wind tunnels for which the turbulence level approaches
that which is found in the undisturbed atmosphere.

4.5.2 REQUIREMENTS FOR IN-FLIGHT MEASUREMENTS

Like the flight test measurement techniques for laminar flow in general, the determination of atmospheric
turbulence cannot be divorced from the measurement technique used for quantifying this meteorological
phenomenon. Thus for the interpretation of results of the in-flight investigations of atmospheric turbulence, it
is important to note that atmospheric turbulence is a weather phenomenon, depending entirely on weather
conditions prevailing at a certain geographic location at a particular altitude and a certain time of the day. As
such, the atmospheric turbulence intensity, assuming it is determined employing an aircraft equipped with an
appropriate calibrated sensor mounted on a probe, must be independent of the aircraft used. The aircraft is
merely a vehicle for carrying the sensor probe, the sensors usually employed being of the hot-wire or hot-film
type. This implies that the probe sensor is installed on the particular aircraft at such a location where the
airframe does not cause any significant disturbance of the flow field surrounding the sensor probe compared
with the free-stream conditions. A further requirement is that the sensor should not be subjected to vibrations
transmitted from the airframe to the sensor probe, as the sensor is not able to differentiate between signals
associated with velocity fluctuations of the free-stream and those stemming from mechanical vibrations. In
practice this is a requirement that is difficult to fulfill when the aircraft engine or engines are operating.

4.5.3 SURVEY OF IN-FLIGHT INVESTIGATIONS

This overview of the in-flight investigations of atmospheric turbulence covers the spectrum of low to high
altitudes and is based essentially on reference [126] which contains further details. The sources are in most
cases investigations related to studies of laminar flow technology.

In-flight measurements of the atmospheric turbulence intensity were performed within the framework of a
European collaborative program to flight test a natural laminar flow (NLF) nacelle [66, 68]. The flight trials
with the NLF nacelle were conducted using the DLR flight test aircraft VFW614/ATTAS. The free-stream
turbulence intensity measurements were performed by Oxford University at an altitude range of



H= 17600 ft to 21400 ft (5364 m to 6523 m) for flight Mach numbers Ma_ = 0.45 to Ma_ = 0.57
(U, = 140 m/sec to 177 m/sec).

Previous to the VFW614/ATTAS flight trials the DLR had undertaken some laminar flow investigations
using an NLF wing glove on a LFU 205. This flight test aircraft was subsequently employed for the
measurement of the free-stream turbulence intensity in the lower atmosphere covering a speed range of
U, = T70kts to 130 kts (U_ =36.0 m/s—66.9 m/sec). Three categories of turbulence intensity were
investigated: (1) still air, (2) weak, uniform turbulence and (3) strong, abrupt turbulence [127].

A collaborative research program of several German universities has concentrated on the investigation of
the laminar-turbulent flow transition on an unswept aircraft wing [128]. The program included measurements
of the atmospheric turbulence intensity which were performed by the Technical University of Berlin employing
the research aircraft G 109B operated by the Technical University of Darmstadt. The aircraft operating speed
was U_ = 40 m/s (77.8 kts). As part of the joint research program the turbulence intensity on the centerline of
the low-speed wind tunnel at the LSTM Erlangen was also investigated. The wind tunnel measurements were
performed during flat plate experiments upstream of the plate leading edge at U_ = 20 m/sec.

In a collaborative program of DLR and NLR two different laser anemometers, a differential laser Doppler
anemometer (LDA) of NLR and a laser-two-focus (L2F) anemometer of DLR, were installed in the Cessna
Citation II research aircraft from NLR to demonstrate their capabilities for in-flight flow investigations [129].
The aircraft was operated under various atmospheric conditions, e.g. close to temperature inversion layers, in
clouds, and in polluted air of industrial regions, to investigate whether it is possible to make measurements in
the atmosphere without artificially seeding the air. In the course of the investigations altitudes up to
H = 10000 m (32808 ft) were covered with the speed range extending from U_ = 100 kts to 240 kts
(U, =51.4 m/sec — 123.6 m/sec).

In a comprehensive national research program on laminar flow, involving industry and research
organizations, a close co-operation of Dassault Aviation with ONERA/CERT planned to demonstrate the
feasibility of the laminar flow concept by flight trials and to validate and improve aerodynamic design tools
[130]. For the research program a Dassault Falcon 50 was used as a laminar flow flight demonstrator.
Turbulence and pressure fluctuation measurements were undertaken covering altitudes from H = 36000 ft
(10973 m) to 45000 ft (13716 m) for flight Mach numbers ranging from Ma_ = 0.75 to 0.85.

In a NASA research program extending over a number of years, measurements of atmospheric turbulence
have been obtained from airplane flights through cumulus clouds and thunderstorms. The key objective was
the study of flight conditions and solutions to air traffic control problems caused by these meteorological
conditions [131]. Within this program, an F-86 jet airplane was used to measure turbulence in cumulus clouds
at altitudes of approximately 15000 ft. Other measurements with jet airplanes were performed in severe
turbulence in thunderstorms up to altitudes of 40000 ft. The latter measurements were undertaken during
flight operations of the Weather Bureau National Severe Storms Project with aircraft instrumented by NASA
and operated by the Air Force. A T-33 airplane was used and an F-106 airplane was flown at high subsonic
and low supersonic speeds through storms.

4.5.4 RESULTS OF IN-FLIGHT MEASUREMENTS

In presenting results of atmospheric turbulence measurements, the root-mean-square (RMS) values of the
turbulent velocity fluctuations are normalized with the flight velocity, defining the turbulent intensity.

For the hot-wire measurements performed with the VFW614/ATTAS it was found that for the majority of
the test points the RMS values of the velocity fluctuations »' were constant. This implies that the turbulent
intensity Tu(u') must decrease as the true airspeed U., is increased. This trend must also be true for the flight
Mach number Ma,, at a particular altitude H, provided the free-stream static temperature T, remains constant.
Figure 4.5-1 depicts the turbulence intensity 7u(u') as function of Ma,, for a number of test points. For the
altitude H = 21000 ft it is found that Tu(u') does indeed decrease as Ma,, is raised. The test points TP409



and TP424 marked in the figure correspond to a lower altitude H = 17700 ft where the RMS values of the
velocity fluctuations #' were probably slightly larger than at H = 21000 ft.

Measurements undertaken with the Falcon 50 using a conical hot-film probe are shown in figure 4.5-2 in
the form as plotted in reference [130]. There, as a measure of the turbulence fluctuations, the ratio
(pu)' /(pU,,) percent is presented as a function of the flight Mach number Ma,, with the altitude H as a
parameter. In fact the dependent variable defines the normalized mass flow fluctuations in the streamwise
direction. These results were obtained from two flights and indicate that there is no significant effect from
flight Mach number and altitude for the flight conditions investigated.
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Figure 4.5-1. Atmospheric turbulence intensity Tu(u') as a function of the flight Mach number Ma,, measured by a
hot-wire probe on the VFW614/ATTAS aircraft.
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Figure 4.5-2. Atmospheric turbulence expressed in terms of specific mass flow fluctuations (pu)' as a function of the
flight Mach number Ma,, measured by a conical hot film probe on the Falcon 50.



4.5.5 COMPARISON OF TURBULENCE INTENSITY MEASURED IN FLIGHT AND IN WIND TUNNELS

A survey of some results of turbulence intensity measurements in flight and in the test section of wind
tunnels is shown in figure 4.5-3. In this figure the turbulence intensity 7u(u') is plotted as a function of the
free-stream velocity U,,. The in-flight results correspond to the turbulence category of still air and were
obtained from investigations with the LFU 205, the G109B and the VFW614/ATTAS. It is found that the
atmosphere turbulence intensity 7u(u') is below 0.05 percent.

Note that the results for both the LFU 205 and G109B relate to the case where the engine is switched off,
while for the VFW614/ATTAS both engines are operating. Also for the VFW614/ATTAS, in the presentation
of the turbulence intensity no allowance is made for turbulence intensities encountered at different altitudes,
as was done in figure 4.5-1.

For turbulence intensity tested in low-speed wind tunnels, figure 4.5-3 shows, in addition to the results of
the LSTM [128] and KKK [132], measurements performed in the test section of the DNW Emmeloord [133].
For the latter, the trend in the variation of Tu(u') with the free-stream velocity is very similar to that of the
KKK at the same free-stream static temperature of 7. = 295 K. In the free-stream velocity domain of
U_ = 50 m/sec both the KKK and DNW exhibit turbulence intensities which are not only comparable with
those of the LWK (a laminar flow wind tunnel of the University of Stuttgart) [134], but also with those of
flight.
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Figure 4.5-3. Comparison of the turbulence intensity Tu(u') from flight test data with wind tunnel measurements.



4.5.6 CONCLUSIONS

Hot-wire in-flight measurements of atmospheric turbulence intensity, which have been performed within
the framework of a European collaborative program to flight test a natural laminar flow nacelle using the DLR
flight test vehicle VFW614/ATTAS, have yielded the following results:

Under atmospheric conditions defined by the category of still air in an altitude range of
17600 ft < H < 21400 ft and for flight Mach numbers 0.45 <Ma_, < 0.57, which included aircraft
operation at maximum cruise, the turbulence intensity was found to lie within the limits
0.034 percent < Tu(u') < 0.048 percent.

At a very high-power setting (N~ = 103 percent), which is close to the maximum allowable,
there was evidence of the effect of engine speed resulting in possible airframe vibration being
transmitted to the hot-wire probe and causing the measured turbulence intensity to rise to
Tu(u') = 0.0725 percent.

Results of in-flight investigations of the turbulence intensity from other sources in Europe drawn
upon for the purpose of comparison and which are likewise associated with the atmospheric condition
of still air have also shown Tu(u') to be less than 0.05 percent.

A comparison of the results of the in-flight turbulence intensity measurements with
corresponding measurements performed in the test section of some wind tunnels leads to the
conclusion that in these wind tunnels the values of freestream turbulence intensity as low as
Tu(u'") = 0.05 percent are only attainable in the low-speed regime (U_ = 50 m/sec).

In general the measurements with hot-wire and hot-film probes for atmospheric conditions of still
air reveal the limitations of the instrumentation resulting from the low signal-to-noise ratio
experienced under these atmospheric conditions. In particular, the VFW614/ATTAS measurements
indicate that the actual level of the turbulence intensity may be lower than the present range of
0.034 percent < Tu(u') < 0.048 percent, if interference effects from unknown sources influencing the
measurements can be eliminated.

In-flight investigations of the still air turbulence using an X-wire mounted on a G109B motor glider have
yielded the following result for this category of atmospheric turbulence at a true airspeed of U_ = 40 m/sec
the components of turbulence intensity were found to be Tu(u') = 0.045 percent and
Tu(v') = 0.038 percent, indicating the approximately isotropic character of the atmospheric turbulence. For
these measurements, the engine was switched off and the propeller stationary.

Hot-wire measurements performed using an LFU 205 light aircraft have shown that underneath cumulus
clouds with the engine switched off and the propeller stationary at a true airspeed of U_ = 40 m/sec
turbulence intensities of up to 7u(u') = 1.0 percent were encountered.

Laser anemometer measurements of the atmospheric turbulence intensity have been undertaken as part of
an investigation to assess the capabilities of two different laser anemometers in flight employing a Cessna
Citation II twin turbofan executive transport. One laser anemometer system was a laser-two-focus (L2F),
while the other was a laser Doppler anemometer (LDA). For a representative indicated airspeed of
Ujas = 92.7 m/sec it was observed that underneath an inversion layer the turbulence intensity had a value
of Tu(u') = 1.0 percent using the L2F anemometer and in cumulus clouds the LDA anemometer yielded
Tu(u') = 3.5 percent.



Conical hot-film probe measurements of Dassault Aviation and ONERA/CERT undertaken using the
Falcon 50 have shown that for flight Mach numbers ranging from Ma = 0.75 to 0.85 and covering altitudes
from H = 36000 ft (10973 m) to 45000 ft (13716 m) the normalized mass flow fluctuations (p_u)'/ (pU,)
lie between 0.01 percent and 0.02 percent.

In a NASA research program and the Weather Bureau National Severe Storms Project of the United
States, measurements of atmospheric turbulence have been obtained from airplane flights through cumulus
clouds and thunderstorms. Aircraft employed ranged from T-33 and F-86 to the F-106. It was observed that
the internal structure of thunderstorms may be irregular and strongly cellular, but this structure can also
exhibit relatively weak components of true gust velocity with no cellular development. Power-spectra were
found to have the same shape for different weather conditions ranging from clear air and cumulus cloud to
thunderstorms. Associated typical root-mean-square gust velocities 6, a measure of turbulence intensity, are
3.48 ft/s (1.05 m/s) for clear air, 6.14 ft/s (1.87 m/s) for cumulus clouds and 13.77 ft/s (4.20 m/s) for
thunderstorms.

4.6 Atmospheric particulate instrumentation
R.E. Davis, NASA Langley Research Center, Hampton, VA USA
4.6.1 BACKGROUND

Experience with the U.S. Air Force (USAF) Laminar Flow Control (LFC)-configured X-21A aircraft in
the early 1960s [14, 135] showed that the extent of laminar flow (LF) was severely degraded while
penetrating clouds, and was partially degraded while penetrating light cirrus “haze” conditions, even in
conditions where the horizontal visibility was as much as 50 miles. Therefore, all subsequent LF airborne
research programs have been conducted with the realization that LF loss in cloud and other particulate
concentrations could occur. The aim in this section is to describe the particle-related instrumentation that has
been used in several of these airborne research programs. Broadly, this instrumentation consists of two
types—that which merely indicates the presence of particles, and that which measures the particle spectrum
(number concentration and size). The principle of operation of these instruments, details on their construction,
and their application to eight LF aircraft research programs from 1960 through 1996 conducted by the U. S.
Air Force, the NASA Langley Research Center (LaRC), the NASA Dryden Flight Research Center (DFRC),
and industry are described in this section.

4.6.2 PARTICULATE INSTRUMENTATION

Three types of cloud particle environment instrumentation have been flown in support of airborne LF
investigations to date, as follows:

* particle replicator
* charge-patch
* laser particle spectrometer (Knollenberg probe)

Experience in flying this instrumentation on LF-related and other aircraft programs spans the years
1960-1996. Eight different research aircraft are summarized in Table 4.6 below.



Table 4.6. History of Cloud Particle Instrumentation of LF Research Aircraft

Aircraft Years Program Replicator Charge Patch Kn(;lrlggzerg References
X-21A 1960-1965 LFC X X 14,135
F-106B 1982 Storm Hazards X 140
JetStar 1983-1987 LEFT X X 143
F-14 1986-1987 VSTFE X 36
B-757 1990-1991 HLFC X X 147
A300B2 1992 HLFC Nacelle X 148
F-16XL 1996 Supersonic LFC X N/A
Learjet 1982-92 NLF/Field Mill X 149, 150

*Detail on the representative particle instrumentation and results is given later in the “Operational
Experience” section. Other examples can be found in the table references.

4.6.2.1 X-21A particle instrument suite

The X-21A program was the first to fly cloud particle instrumentation for LF research diagnostics. This
instrumentation consisted of a replicator [135] for capturing samples of the cloud particles in a gel on a
moving piece of film, and a system for monitoring the electric charge on the aircraft. The X-21A particle
instrumentation suite was pioneering, in that all particle instrumentation used on every subsequent LF
program to date has made use of the same measurement principles used on the X-21A- i.e. either a
measurement of the ambient particle spectrum (particle size and concentration), or a measurement of the
charge state of the aircraft. The charge state was shown to be related to the ambient particle environment. The
improvements in particle-measurement capability in the years since the X-21A program include the
development of particle spectrometers for making real-time particle spectra measurements, and the ability to
increase the sensitivity of measurements that gauge the charge state of the aircraft.

4.6.2.2 Particle replicator

The replicator works [135] by exposing a 16mm continuous Mylar film loop to impingement by cloud
particles contained in the ambient airflow. The film loop is continually re-coated with a quick-drying Formvar
thermoplastic resin. The cloud particles (cloud droplets and ice crystals) impact the coated film. The film loop
is then heated to evaporate the solvents in the resin, and the result is a mold (replica) of the impacted particles.
The Mylar film is then fed into an optical magnification system, so that the particle replicas can be viewed
during flight. Data reduction on the ground consists of counting, sizing, and photographing the particle
collections of interest to derive the ambient particle spectrum. Thus, the replicator was not a real-time
instrument, and could only provide snapshots of the particle environment (particle size and concentration).
However, the replicator readings were very useful in validating Hall’s theory for the X-21A. The only LF
application of the replicator to date occurred on the X-21A program. It has been supplanted in the subsequent
LF investigations by the laser particle spectrometer, discussed later.

4.6.2.3 Charge-patch

As an aircraft encounters atmospheric particles—whether aerosols, volcanic dust, raindrops, or ice
crystals—its airframe becomes charged instantaneously by a triboelectric (frictional charge transfer) effect
generated by the impact of particles on the aircraft. A detailed description of the charging and discharging
phenomena associated with aircraft is given in reference [136]. The particle impact-charge dependence is a
very complex phenomenon, and has not yet been completely described analytically. Nevertheless, by
electrically isolating part of the airframe as a “charge-patch,” the level of charging current on the patch may
be monitored. The current level is related to the ambient particle concentration which may, in turn, be related
empirically to the amount of LF loss. Thus, the patch reading may be used as a simple empirical indicator of



the LF suitability/non-suitability of the dynamic ambient particle environment for an LF-configured aircraft.
The LF application is an extension of the original purpose of charge patches, which were originally flown to
conduct research on aircraft electrification. Such research has been carried out in the U.S. [137], the former
Soviet Union [136], and France [138]. The research in reference [138] showed that the aircraft charge could
be directly related to the ambient particle environment, if external electric fields from cloud charge centers
were not present. Where such cloud charge centers are present, the aircraft charge state depends on both the
externally applied field and the triboelectric charging. Interest in aircraft charging continues, mainly because
the charging characteristics of aircraft with composite structures need to be understood [139]. LaRC refined
the charge-patch concept for LFC aircraft application, mainly by increasing its sensitivity to tenuous cloud
particle concentrations, and using improved fabrication methods [140].

The main advantage of the charge-patch for LF research is that it is a simple, inexpensive, easy-to-read
instrument which provides an instantaneous indication that particles are present. However, it is an empirical
device, and charge readings have to be related to degree of LF loss through calibrated measurements for each
LF aircraft platform application, in order for the readings to be useful as an LF-loss diagnostic. Nevertheless,
charge-patches have come to be regarded as a useful diagnostic tool, and have been used on all eight aircraft
programs listed in Table 4.6. However, a patch provides no details on particle concentration spectra, and is
thus not of use, e.g., for validating Hall’s theory.

No details were available regarding the charge-measurement system flown on the X-21A, so a system
patterned after the charge-patch technique [137] used by the Stanford Research Institute to investigate
precipitation charging of aircraft was developed at LaRC, refined in laboratory bench testing, and fitted to the
leading edge of the vertical stabilizer of the NASA F-106B Storm Hazards research airplane in a piggyback
test of the charge-patch concept.

The LaRC charge-patch system consists of three major components: (1) an aluminum charge-patch
electrically isolated from the rest of the airplane by fiberglass cloth and silicon rubber sealant, (2) a
two-channel charge-rate amplifier, and (3) a surge arrestor. Figure 4.6-1 shows the charge patch mounted on
the JetStar aircraft.

Knollenberg probe

Charging patch
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Figure 4.6-1. Cloud particle detection on JetStar pylon.



4.6.2.4 Charge-patch fabrication

The charge-patch developed for the F-106B was fabricated and affixed to the aircraft using a detailed
empirically developed fabrication technique. This approach was found to be highly successful, so the patches
used in the subsequent LF investigations were constructed in the same manner. Therefore, the fabrication
techniques are described here in some detail.

The F-106B patch was constructed from a 15 cm (6 in,) x 92 cm (36 in) piece of 0.02 cm (0.016 in.) -
thick #2024 aluminum, and bent to conform to the leading edge of the vertical stabilizer. The patch was
electrically isolated from the fin by a 5-7 mil fiberglass cloth insulator impregnated with RTV # 560 silicon

rubber insulating material.

The patch-insulator combination was bonded to the fin using a detailed vacuum-bonding technique lasting
over 16 hours. (For details, please contact the author). Because of the shape of the vertical stabilizer, the net
frontal area of the patch was approximately 456 cm? (0.5 ft2). To eliminate a problem of leading edge erosion
and the possibility of the patch tearing away from the aircraft in the intense rainfall environment within
thunderstorms, a 6-in patch of #2024 aluminum was riveted to the lower edge of the fin to overlap the lowest
2 inches of the patch. This patch was insulated from the charge patch by fiberglass cloth and RTV #560.

The choice of the #2024 aluminum and RTV #560 materials combination was arrived at through early
flight trials and empirical bench testing. Several material combinations were tried, then rejected, either
because of some tendency to maintain a residual charge, or to having too long a current-discharge time
constant. Among the materials rejected was stainless steel, originally chosen for its durability, but then
rejected as a result of its interaction with another insulating agent which caused a residual charge to be
maintained. It must be emphasized that the #2024 aluminum and RTV #560 combination was arrived at
empirically, making use of materials that were readily available. A thorough theoretical materials
science-based investigation to identify the best materials for the task was never performed, and is
recommended before charge patches are developed for production LF aircraft. However, because of its
success in the F-106B and JetStar programs, the #2024 aluminum and RTV #560 combination was adopted as
the best interim combination for subsequent charge patch applications on the other LF aircraft investigations

discussed in this report.

4.6.2.5 Charge-rate amplifier and surge arrestor

Figure 4.6-2 is a schematic of the charge-rate amplifier. In order to provide a wide input dynamic range
and to allow for ranging to suit the flight environment, the amplifier was designed so that the input
transimpedance (current-to-voltage) amplifier had two separate, gain-adjustable output channels. The input to
the amplifier is protected by a surge arrestor and a bipolar zener diode network to prevent damage, either by
direct lightning strikes or from other electrical discharges that could result from high potential differences
between the patch and the aircraft. A similar zener diode network in the output circuitry limits the magnitude
of the signals going to the aircraft pulse code modulation (PCM) data recording system. To prevent aliasing
errors in the PCM system, active filters having a passband of 0 to 5 Hz were also included. In addition, to
preclude radio frequency interference (RFI), all power input and signal connections were made through radio

frequency interference filter connectors.
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Figure 4.6-2. Charge-rate amplifier electronic schematic.

4.6.2.6 Signal magnitudes

The charge-patch was installed piggyback on the F-106B as a developmental experiment to verify patch
function and gain data on optimal amplifier settings for the subsequent LEFT experiment on a Lockheed
JetStar. For the first twelve F-106B missions flown at LaRC with the patch onboard, the amplifier gain was
set to provide full-scale sensitivities of 25 WA (coarse-sensitivity channel) and +1 QA (fine-sensitivity
channel). The thunderstorm-penetration missions successfully demonstrated the feasibility of the device;
charge currents exceeding 25 LA were obtained during flight in heavy rain and thunderclouds, but detection
of thin cirrus clouds was less obvious. Therefore, to detect light cirrus, the sensitivity of both channels was
increased to +2 and +0.25 ULA, respectively. A dedicated cirrus-penetration mission was flown as mission 13.
Results for this dedicated mission are shown in figure 4.6-3. Encounters with both regular and very thin cirrus
are shown to be reliably detected. This mission demonstrated that the patch instrumentation and settings were
ready for application to the JetStar in the LEFT experiment. The charge-patch remained on the F-106B
aircraft for the rest of its operational career, and recorded data from a wide range of cloud and precipitation
encounters in the vicinity of thunderstorms.

The patch fabrication procedures and amplifier gain settings developed for the F-106B were used as the
pattern for all subsequent patch fabrications and LF flight experiments with other aircraft. The charge-rate
amplifier and surge arrestor electronics box was identical in all the applications. In fact, the same amplifier
boxes were used on a succession of the LF research aircraft, being transferred from one aircraft to another
over several years time.

One caution must be noted. The charging patch did not return useful data during afterburning operations,
presumably because of the large number of ions generated. (This problem was also observed with patch data
on the F-16XL operations, discussed later).
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Figure 4.6.3. Reading from a “charge-patch” in thick and thin
cirrus penetrations.

4.6.2.7 Laser particle spectrometer

Laser particle spectrometers (Knollenberg probes) were developed in the mid 1970s by Dr. R.
Knollenberg of Particle Measuring Systems, Inc. (PMS) for airborne cloud investigations. These are regarded
as a modern, real-time cloud-particle-measurement counterpart of the particle replicator discussed earlier.
Motivation for applying these probes to LF studies was given by their successful application by the USAF in
its Cirrus Particle Distribution Study during the late 1970s e.g., [141, 142]. This study used three types of
Knollenberg probes to study a wide range of particle sizes. (The USAF need was to determine the cirrus cloud
ice particle environment as an aid in predicting ICBM nose cone erosion in cirrus cloud penetrations.)
Knollenberg probes have been used in two LF research programs to date—on a Lockheed JetStar in the LEFT
program, and on a Boeing 757 in The Boeing/NASA/USAF/ HLFC program.

The principle of operation of the Knollenberg probe is shown in figure 4.6-4. In part a of the figure, a
He-Ne laser provides an illumination source. A cloud particle in the ambient free-stream is shown traversing
the laser beam in the object space of the probe. The shadow of the particle is imaged by the probe optical
system on a linear photodiode array lying in the probe image plane. The particle shadow momentarily occults
a number of the array elements, depending on the particle size. The probe electronics “follow” the particle
shadow as it travels along the image plane. For the probe used on the JetStar (PMS, Inc. Model OAP [Optical
Array Probe]-230X), the effective size resolution of the optical system was 20 mm, and the particles were
sized into thirty 20-mm size bins between 20 and 600 mm. Because the array is one-dimensional, only the
effective cross-sectional width of the particle is sampled. (Note that two-dimensional probe models do exist,
but their expense was deemed prohibitive for the JetStar LEFT application). Part (b) of the figure shows the
arrangement of the laser, optics, and photodiode array within the probe envelope. Part (c) of the figure shows
the OAP-230X probe in its housing. The probe is 30 in. in length, and weighs about 45 1b. It requires 60 W of
115-V, 400 Hz power for its operation, and 70 W of 28-V dc power for its de-icing system.
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Figure 4.6-4. Optical array spectrometer (Knollenberg probe).

The output of the probe is fed to an onboard data system. An accumulating memory is provided so that the
number of particles encountered in each size channel during a specified time interval is recorded, along with
various other system outputs such as time code, on magnetic tape. For correlation with the dynamic real-time
LF readings and charge-patch measurements (if available), the difference in the accumulating count is
calculated at 1-second intervals. These difference counts are then scaled to the ambient particle spectra, as
shown in figure 4.6-5. The inferred spectra may then be correlated with the concurrent amount of LF present
and used in trying to validate theories of LF loss, such as Hall’s LF loss criterion. Equations used in the
JetStar program for scaling the particle counts in each size channel are presented in Reference [143].
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Figure 4.6-5. Example of conversion of particle counts to concentration.

4.6.3 OPERATIONAL EXPERIENCE (REPRESENTATIVE)

Experience with the cloud-particle instrumentation on each of eight LF applications is described below
briefly in chronological order.

4.6.3.1 X-21A LFC research aircraft (1960s)

Experience with the X-21A with its charging system and particle replicator has already been related
above. Details of the replicator operation may be found in reference [135].

Laminar flow experiments languished for several years until the OPEC oil embargo of 1973, when fuel
prices increased markedly. In response to the fuel crisis, NASA initiated efforts in 1976 to take a fresh look at
LFC for drag reduction as one element in its Aircraft Energy Efficiency (ACEE) Program to develop new
technology for fuel-efficient commercial transports [144]. It was realized that the most difficult problems in
achieving LF on commercial transports were associated with the leading edge region. Therefore, NASA
conceived the Leading-Edge Flight Test (LEFT) Program [145, 146]—a flight program to test the
effectiveness of LFC systems developed with modern technology and evaluate their reliability and
maintainability in simulated airline service use. The LFC technology was implemented in two leading-edge
test articles mounted on a DFRF Lockheed JetStar aircraft [25].

LaRC became involved in the early 1980s in devising instrumentation to measure the cloud and haze
particle environment for LF aircraft during the planning for the JetStar LEFT experiment. It was decided to
build on the pioneering X-21A cloud instrumentation experience by flying a “charge-patch” to measure the
state of charging of the aircraft, but also to take advantage of the availability of the recently developed
Knollenberg probes described above. The Knollenberg probes would be flown in place of the particle
replicator flown on the X-21A. This approach led to the promise of being able to correlate (for the first time)
the degree of LF present with simultaneous real-time spectrometer measurements of the dynamic particle
spectra, as well as with the real-time dynamic nature of the charging of the aircraft.



4.6.3.2 JetStar LEFT program (1982-1986)

To our knowledge, the joint LaRC/DFRC Leading-Edge Flight Test (LEFT) program has provided the
most comprehensive evaluation of cloud-particle instrumentation in LF application to date. The basic goal of
the LEFT program was to gain operational experience on the performance of laminar flow leading-edge test
articles in simulated airline service. Cloud instrumentation on these flights comprised a charge patch and a
Particle Measuring Systems Inc. Model OAP- 230X Laser Particle Spectrometer. Both instruments were
mounted on a dorsal pylon on the DFRC JetStar (Fig. 4.6-1). (This pylon was originally mounted to conduct
propfan tests. The charge patch was riveted to a spare leading edge panel of the pylon, rather than bonded to it
as in all the other applications, so that the pylon could be restored quickly to its baseline configuration at the
end of the LEFT program.) The LEFT flights simulated actual airline route experience. Most importantly, no
efforts were made to avoid clouds on the simulated airline flights, so an appreciable amount time was spent
within cloud particle concentrations. Significant cloud encounters were obtained on 41 of the 62 flights in the
program. The extent of LF was determined by pitot probes. These cloud encounters provided much data for
evaluating both cloud instruments. Reference [143] gives a full account of this evaluation. In summary, it was
found that both instruments gave reliable indication of cloud encounter, and—most importantly—it was
concluded that the charge-patch could probably be used as a reliable stand-alone instrument. The Laser
Particle Spectrometer data was sufficient to perform a partial validation of the Hall Criteria for LF loss. (A full
chord Hall Criteria validation was not possible because the laminar flow test articles in this program were
designed to provide laminar flow back to only 13 percent chord). Figure 4.6-6 shows simultaneous patch,
probe, and LF traces.
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Figure 4.6-6. Example of concurrent traces of laminar flow percentage, charging patch current, and particle count,
JetStar aircraft, M = 0.75, hp = 30000 ft.



The high correlation among non-zero patch current, particle count, and LF traces is demonstrated. The LF
P-trace is that for the perforated surface test article flown on the starboard wing glove, and the SU and SL
traces are for the upper and lower surfaces of the slotted test article flown on the port wing glove. The
concurrent traces show that LF loss on cloud entry is immediate, as is LF resumption on cloud exit. The
charge patch current is also correlated with the number of particles encountered per second.

4.6.4 CONCLUSIONS

Flight experience indicates that cloud encounters indeed degrade the extent of LF. Experience shows that
both laser spectrometers and charge patches are effective in detecting particle concentrations. The
charge-patch shows considerable promise as an inexpensive, easy-to-read, rugged, stand-alone device for
particle detection on non-afterburning platforms, but considerable attention to detail is required to calibrate
the device for each application. In every LF flight program where clouds were penetrated, the charge-patch
was found to function reliably. Especially useful results for correlation of patch reading with LF were
obtained with the patches data in the JetStar LEFT, the F14-A VSTFE, and the LearJet NLF research
programs. The charge-patch also detected thin cirrus in the Boeing 757 HLFC program, but minor
unexplained anomalies were observed in the signal level. Additional theoretical and applied research is
recommended, to fully characterize the charging phenomenon analytically and optimize the charge-patch
concept for general diagnostic use on production LF-configured aircraft. Also, the patch has not yet worked
on afterburning platforms.

For continued investigation into the mechanics of LF loss in particle concentrations, laser particle
spectrometers for measuring the spectra (size and concentration) of the ambient particles will continue to be
very useful.



5.0 Conducting Flight Tests

5.1 Flight test procedures (flight safety aspects)

5.1.1 INFRARED THERMOGRAPHIC REQUIREMENTS (TRANSPORT TYPE AIRCRAFT)

For the flight trials of the laminar flow nacelles flight tested on the DLR flight test vehicle
VFW614/ATTAS this aircraft was operated subject to slight restrictions regarding the flight envelope
compared with the basic VFW614. For the NLF and HLF nacelle flight-demonstrations, the maximum
permissible flight Mach number was restricted to Ma_ = MMO = 0.62 because of the increased nacelle
diameter compared with the standard production nacelle. For the latter the maximum operating Mach number
is Ma_ = MMO = 0.65 [90].

Environmental phenomena associated with space and solar effects play an important role in the
application of the infrared thermographic technique in flight testing, especially with reference to laminar flow
nacelles [70]. First, there is the effect of space. Space as background is at a low temperature, which is
definitely lower than the temperature on any aircraft surface and this leads to heat radiation from the aircraft
surfaces exposed to space, resulting in a reduction of the temperature on those surfaces. Second, there exists
the effect of the ground (surface of the earth). The surface temperature of the earth is, in general, higher than
the temperature of most aircraft surfaces for typical cruise altitudes H > 20,000 ft and for subsonic flight
Mach numbers, excluding the visible core nozzle exit and the plug of the engine. Thus, components of the
aircraft exposed to heat radiation from the ground will experience a temperature rise. With reference to a fan
cowl of an engine nacelle, both of the above environmental influences result in a division of the fan cowl into
an upper half, which is subjected to heat radiation into space with an associated temperature reduction; and a
lower half, which is receiving heat radiation from the ground, leading to a temperature rise. Third,
superimposed on the influences of the space and the ground is the effect of heat radiation from the sun. This
causes heating of the aircraft surfaces exposed to the rays of the sun. The intensity and the incidence of the
heat radiation from the sun essentially depends on the aircraft heading, i.e. the orientation of the aircraft with
regard to the sun, the time of day, and the presence of high clouds above the aircraft. Under these complex
conditions it is mandatory to install surface heating on the areas to be observed. About 400 W/m? is sufficient
to achieve a temperature of 5 °C above the flow temperature, which in general results in infrared images of
good quality and in short observation times.

In order to get good-quality images without surface heating, it is useful to keep a moderate descent rate
for observation of the wing upper surface and a moderate climb rate for observations of the wing lower
surface.

A problem, which is not excluded by surface heating, is the reflection (of low clouds or the surface of the
earth) from the wing lower side observation area into the camera. These reflections can be excluded by
multiple sampling of the infrared image with averaging and simultaneous change of bank angle of the aircraft.
Thus, the radiation from the wing surface remains constant whereas the reflections are changing and excluded
by averaging. The same procedure would help in the case of high-altitude clouds and observations on the wing
upper surface.

5.1.2 INSECT CONTAMINATION AVOIDANCE

As already mentioned in chapter 3.1 for flight test purposes it might be useful to avoid insect
contamination “naturally”. This can be achieved by a very early takeoff using the low temperatures and the
dew in the morning. Helpful also is a wind speed above 10 to 20 kt. One of the best actions is to transfer the
test flights to a dry desert-like region, if possible.

However, a commercial aircraft with a laminar flow system, whether it is natural laminar flow, laminar
flow control or hybrid laminar flow control, will probably need a contamination-avoidance system that is



reliable and robust to protect the wing leading edge from insect impacts, [151]. This is especially true for
aircraft with moderately or highly swept wings, where a few insect remains in the wrong spot could seriously
reduce the amount of laminar flow on the wing and noticeably increase the aircraft drag. Elsenaar and
Hassnoot [152] report that during the summer months laminar flow would be completely lost as a result of
leading edge contamination without some sort of protection. To flight test a contamination avoidance system,
the aircraft must be exposed to a level of insect concentration during the tests that it might be exposed to
during a commercial flight under severe conditions. It must also be tested under other environmental flight
conditions required by the FAA or other regulating agencies for airworthiness certification to which
commercial aircraft are exposed such as rain, snow, freezing rain, temperature extremes, high humidity, etc.

Initial tests of a contamination avoidance system

Before each flight, the test article should be thoroughly cleaned of any dirt or insect remains. The
anti-contamination system should be operational during takeoff to an altitude of approximately 500 ft above
ground level (AGL). The aircraft then can be flown to nearby agricultural fields, forest, or other vegetation
where the insect population is high. Low passes at takeoff and landing speeds are flown over the vegetation
with the contamination systems operational. The anti-contamination systems are used from 500 ft AGL on
both approach to, and climb from, the vegetation. The pilot’s windscreen can be used as a real-time indication
of the number of insects being encountered during these low passes. The low passes at commercial aircraft
takeoff and landing approach speeds provide a realistic simulation.

After completing the low passes, the test aircraft climbs to the laminar flow test altitude. At that altitude,
the aircraft levels off and obtains boundary layer transition data. The aircraft then returns to its home base,
and any insect remains are mapped and heights measured.

Environmental conditions have a large influence on the population density of insects on any given day
and should be considered for flight testing. Coleman compiled data on insect population density collected in
Louisiana, USA and in England during the 1930s and 1940s, with regard to air temperature, wind velocity,
and altitude [153]. The importance of ambient temperature, surface winds, and altitude on the occurrence of
insect contamination was also noted by flight tests on a Bellanca Skyrocket at Langley Research Center,
Virginia [80]. In figure 5.1.2-1, relative insect population density is plotted as a function of ground
temperature; it shows a sharp rise in insect population with temperature, peaking near 25 °C (77 °F) for both
the data from Coleman as well as the data from reference [80]. The data from reference [80] do show lower
relative population densities at other temperatures, however.

In figure 5.1.2-2, the relative population density is shown as a function of surface-wind velocity from
references [153, 80]. The peak population density is at 4 to 8§ mph (6-13 km/hr); above 20 mph (32 km/hr), the
population density is significantly reduced. In figure 5.1.2-3, the insect population densities from references
[153, 80] are shown as a function of altitude; these show a sharp decline as altitude increases, as would be
expected.

The data suggests that for best results, flight testing of a contamination avoidance system for insect
protection should be done for air temperature between 70 and 90 °F (21 and 32 °C), altitudes at 50 ft (15 m) or
less and wind velocities less than 15 mph (24 km/hr). It also suggests that at low temperatures, =7 °C (45 °F)
and below, wind velocities above = 20 mph (32 km/hr) and altitude above = 300 ft (100 m), a contamination
avoidance system might not be necessary.

The anti-contamination system must also be shown to be rugged and reliable when exposed to more
severe environmental conditions typical of a commercial airline. An example of this type of testing was
performed by the NASA JetStar Leading Edge Flight Test (LEFT) aircraft.

After the initial functional and checkout flight tests, the aircraft made a series of 62 simulated airline
service flights based from Atlanta, Georgia in July 1985, Pittsburgh, Pennsylvania in September 1985, and
Cleveland, Ohio in January and February 1986, [28, 29]. The objectives of these flights were to obtain



operational data on LFC leading edge systems in the commercial airline environment. The ground rules were
that the aircraft would be operated like a scheduled airline in that it would use the scheduled dispatch, queue
up with other airlines, use the ATC system, and fly during peak traffic hours. The aircraft would also be left
outdoors overnight, exposed to the elements, and operate with on/off LFC systems. During these flights, the
aircraft was exposed to heat, cold, humidity, insects, rain, freezing rain, snow, ice, and light icing conditions.
Conventional ground equipment was used for de-icing the aircraft of snow and ice, fig. 5.1.2-4.
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5.2 Anti-contamination systems

5.2.1 FLUID FILM PROTECTION

To achieve the full low-drag potential of a laminar wing, it is essential that the wing surface — especially
the leading edge — be kept clean of insects. One method of avoiding insect contamination is to apply a fluid
film on the leading edge surface by fluid transpiration. The fluid film reduces the adhesive forces by orders of
magnitude. The insects stick much less to the surface and are moved downstream by means of the fluid layer
and the shear stress of the flow. A special advantage of such a fluid transpiration anti-contamination system is
the possibility of combining this system with a fluid transpiration anti-icing system which has already been
certified for several commuter and general aviation aircraft [154]. Figure 5.2.1-1 shows a schematic
cross-section of such a system. Two titanium skins form a closed chamber which is divided into two parts by
a flexible membrane. The front skin, with the shape of the wing leading edge, has been made porous by laser
drilled holes with a typical diameter of 60 microns and a spacing of 0.5-1.0 mm.
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Figure 5.2.1-1. Schematic cross-section of an anti-contamination-de-icing system.



During the active phase of system operation, a mixture of glycol alcohol and water is forced into the front
chamber and excreted through the porous surface, forming a closed film, which is then moved downstream by
the flow shear stresses. During the passive phase of the system, the fluid flow is stopped and the rear chamber
is pressurized with compressed air, moving the membrane to the front and thus forcing out the rest of the fluid
and sealing the porous titanium skin.

For flight testing of such a system on the Dornier Do 228 DLR test aircraft, an anti-contamination panel
with a spanwise extent of one meter was installed in the outboard part of a NLF glove. The central part of the
glove was taken as reference, see [49].

Figure 5.2.1-2 shows a typical upper-side infrared image of an anti-contamination flight test. On the
outboard part of the glove, protected by the anti-contamination system, the boundary layer remains laminar
except for a single turbulent wedge. The reference zone in the central part of the image is, on the other hand,
characterized by many turbulent wedges. Downstream of 10 percent of chord only some small laminar regions
are left. This amount of contamination was achieved during six take offs and landings. The effectiveness of
the contamination system can be defined by comparing the number of wedges in the anti-contamination zone
with those in the reference zone. Typically, in the anti-contamination zone only 10 percent of the insects are
observed as compared with the reference zone of comparable size. Summarizing, the tests show that a fluid
transpiration anti-contamination system can successfully be used to reduce the insect contamination
considerably.
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Figure 5.2.1-2. Infrared image of the efficiency of a fluid transpiration anti-contamination system installed on the DLR
Do228.



5.2.2 SHIELD PROTECTION

Another method of protecting a laminar flow leading edge from insects and other forms of contamination
is to use a Krueger flap-type retractable shield, fig. 5.2.2-1. The shield could also be used as a high-lift device
and for anti-icing during takeoff and landing and then retracted after it was no longer needed. One such shield
was used successfully on a modified JetStar aircraft during simulated LFC airline service for 26 flights based
out of Pittsburgh, PA in September and 23 flights based out of Cleveland, Ohio during February [28, 29].
During these flights, cleaning of the test article between flights was not performed. The shield proved to be
very effective. Only five insect hits were observed on the LFC surface; those occurred on an inboard region
that was not protected by the flap because of the geometry of the flap and the swept wing.

A disadvantage of using a Krueger flap device, such as the one used on the JetStar, is the loss of laminar
flow on the lower surface of the wing. However, maintenance on the aircraft would be much easier. Access to
fuel tanks, fuel pumps, and other hardware in the wing should be improved as compared to an aircraft with a
fully-laminar-flow lower wing surface.
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5.2.3 MECHANICAL DEVICES

Well-known in the glider pilots’ community and often used at competitions are mechanical cleaning
devices. A small mechanical shop in Austria manufacturing these devices has constructed a special
mechanical cleaner for the Dornier Do 228 laminar flow glove.

After activating, the cleaning process runs up automatically. The “insect cleaner” is driven to the wing tip
by aerodynamic forces and retracted by a thin wire, electrically driven, see figure 5.2.3-1. In combination with
the fluidic system a 100-percent protection against insects is available. But then the aircraft has to be equipped
with an additional system, which is far from a fully developed system in the present state of development.

Figure 5.2.3-1. Mechanical cleaning system active during test flight.



6.0 Conclusions

This AGARDograph has been written to provide the future researcher in laminar flow with information
on flight test techniques, related instrumentation, environmental effects, and flight procedures. Many
techniques have been described to measure the location of boundary layer transition, from the very simple to
the more complex. References are included to previous works for the reader to explore. Instrumentation has
been described. Environmental effects have been noted. Procedures for flight test maneuvers have been
included.

Flight test measurement techniques for the investigation of laminar boundary layer flow over
aerodynamic surfaces cover a wide range of measurement techniques with focus on local as well as global
measurements.

With the infrared thermographic technique firmly established as an indispensable tool for the global
observation of laminar boundary layer flow on aerodynamic surfaces, no such in-flight measurement
technique is available at present regarding surface static pressure measurements and surface shear stress
measurements. Under development for future application is, however, the pressure-sensitive paint (PSP)
technique which, if matured to a reliable airborne tool, could provide global information concerning the static
pressure and shear stress on aerodynamic surfaces.

While a commercial laminar flow airplane is not a reality yet, much of the technology for one is in place.
Laminar flow is a technology that has the potential for providing the greatest increase in aerodynamic
efficiency. Up to this point in time, the risk of producing a commercially viable laminar flow aircraft appears
greater than the benefit to manufacturers. Efforts are underway to remedy this situation.
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